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ABSTRACT 

Inspired by the world land speed record vehicles the Thrust and Bloodhound supersonic cars 

(SSC), the focus of this dissertation is to investigate how rapid acceleration affects the 

formation of shock waves coming off an object travelling in ground effect. Due to the 

proximity of the ground, these shock waves are not able to freely propagate under the object 

and must interact with, and reflect off, the ground. Steady state and transient models of 

aerofoils, accelerating from Mach 0.05 to Mach 2.00 at a test run acceleration of 3 g and an 

extreme acceleration of 176 g are developed and compared to reveal that the transient shock 

wave development trails that of the constant velocity aerofoil. The main reason for this 

difference is that the transient flow is unable to fully develop and reach a state of equilibrium. 

The extreme acceleration allowed even less time for the flow to develop, and the difference in 

the shock location continuously increased throughout the acceleration. The same difference in 

shock location was evident when these models were decelerated back down to Mach 0.05. 

However, the extreme deceleration and increasing difference in shock location drastically 

changed the transonic and subsonic flow field, especially as flow features and shock waves 

from the higher velocity flow overtook the model. In each acceleration and deceleration case, 

the transient flow history effects subsided and the aerodynamic performance from the 

transient analysis converged with the aerodynamic performance from the steady state 

analysis. Under acceleration the transient performance converged at a higher steady state 

Mach number, while under deceleration the transient performance converged at a lower 

steady state Mach number. As the magnitude of the acceleration and deceleration increased 

the Mach number at which the results converged shifted to higher and lower Mach numbers 

respectively. Models with different orientations and ground clearances were also compared 

against each other and a case at free flight to determine the impact ground effect has on the 

formations and locations of the shock waves. Increasing ground effect was shown to promote 

the formation of shock waves under the inverted aerofoil and in general delay the propagation 

of the bow shock between the model and the ground. Once the bow shock propagations 

passed underneath the models, the resulting flow field converged with free flight conditions 

and ground effect no longer had an impact on the supersonic aerodynamic performance of 

these models. Under some conditions, the combination of ground effect and the transient 

effects of acceleration or deceleration can cause dangerous lift  and pitch conditions. 
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NOMENCLATURE  

m  Mass in kg 

Vol  Volume in m3 

ɟ  Density in kg/m3 

t  Time in seconds 

v  Velocity in m/s 
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Coefficient of drag 
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Chord length in m 

Incident shock wave  

Reflected shock wave 

Mach stem 

Angle of incident shock wave 

Maximum deflection angle 

Critical Mach number 

Critical Mach number for the bow shock 

Bow shock wave stand-off distance 
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1 INTRODUCTION  

1.1 Purpose of the Study 

Develop a transient numerical model of an accelerating and decelerating flow field in order to 

investigate shock behaviour in ground effect, with relevance to the Thrust Supersonic Sonic 

Car (SSC). 

1.2 Research Background 

In September 1997, the Thrust SSC (Figure 1) set a new world land speed record of 714 mph 

(1149 km/h), exceeding the previous land speed record of 634 mph (1020 km/h) set by the 

Thrust 2. At a top speed of 763 mph (1228 km/h) the Thrust Supersonic Car (TSSC) became 

the first car to break the sound barrier (Figure 2) [3]. 

 

Before attempting the world land speed record, extensive Computational Fluid Dynamics 

(CFD) simulations were carried out to prove the feasibility of building a supersonic car. To 

validate these results, a one twenty fifth scale model of the TSSC was tested using a rocket-

powered sled on a railway in Pendine, Wales. The model was accelerated at 50 g from 0 ï 

800 mph in 0.8 s in order to replicate the pressures that would be present on the full scale 

TSSC [4]. Pressure taps were placed at multiple points along the length of the model and the 

pressure data was compared to the CFD pressure data. The pressure correlation between the 

CFD and Pendine test data is illustrated in Figure 3. The graph shows a high correlation 

between the two sets of data except for four outlying data points. The outliers all occurred at 

speeds close to the speed of sound M0.96, M1.05 and M1.08. This discrepancy could be as a 

result of transonic or supersonic flow features [5]. 

  

Figure 1: Thrust SSC in Black Rock Desert [3] 

  

Figure 2: Aerial photo of the bow shockwave coming 

off the Thrust SSC [3] 
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Figure 3: Correlation between CFD pressure results and Pendine test pressure readings at different Mach 

numbers [5]. 

Upon further inspection these outlying data points relate to pressure taps located near a large 

shock that developed across the center of the underbody as shown by Figure 4. The reason for 

this discrepancy is that the experimental results and simulation results predict slightly 

different positions of the underbody shock. The CFD predicts the shock to be behind the 

pressure tap while the experimental results indicate it to be in front [5]. These results were 

collected prior 1997 and unfortunately, most of the numerical and experimental results have 

been lost. Figure 3 as well as a couple of pressure measurements taken from the Pendine 

model were the only results recovered. The below CFD images were reproduced from the 

geometry of the TSSC model that was used in the Pendine tests.1 

 

Figure 4: CFD pressure distribution across the lower surface of the Thrust SSC [5]. 

 
1 The contour values were not provided by our collaborator at U. Swansea, Prof. B. Evans. 
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The CFD simulations were conducted by Prof. O. Hassan at the University of Swansea using 

a FLITE CFD modelling system, where an inviscid steady state solver was used [5]. The 

development of transonic flow features may not be accurately predicted by the steady state 

inviscid CFD models used.  

The Bloodhound SSC (BSSC) is attempting to break the current world land speed record by 

exceeding 1000 mph (1609 km/h) approximately Mach 1.4. The CFD conducted on the 

Thrust SSC above, was vital in the development of the BSSC [4]. The TSSC and BSSC are 

unique examples of accelerating and decelerating transonic and supersonic flow near a 

stationary boundary and offer an ideal opportunity in future to obtain the validation data 

required to verify a numerical model of accelerating and decelerating supersonic flow near a 

stationary boundary. The BSSC was initially designed with programmable winglets to 

counter the variations in wheel loading as the aerodynamic forces and pitching moment vary 

with the velocity of the vehicle [4]. 

1.3 Research Motivation 

Produce a transient CFD model of an accelerating and decelerating ground level supersonic 

flow field and analyse the shock wave formation and boundary layer interaction. Such a 

model could be used to study the flow field of other objects travelling at transonic and 

supersonic speeds in ground effect. For example ballistic projectiles, high speed trains [6], 

low flying aircraft, wing-in-ground (WIG) vehicles [7], maglev launched space vehicles [8] 

and tube transport systems. 

Validation data in accelerating aerodynamics is extremely rare, as explained below. The 

present project will therefore work from validation in free flight and acceleration towards an 

understanding of ground effect in the transonic range. Based on the present work, a 

comparison with the Pendine rocket sled data would be possible in future work, providing a 

unique addition to the validation literature. 

1.4 Problem Statement 

The investigation of how acceleration and deceleration affect the development of flow around 

an object travelling at subsonic, transonic, and supersonic speeds, with close proximity to the 

ground. 

  



4 
 

1.5 Research Objectives 

The following objectives have been set for this research: 

¶ Determine the influence of ground effect on the flow field around an object and the 

resulting shock system as it approaches the ground in subsonic, transonic, and 

supersonic flow conditions. 

¶ Investigate the effects of acceleration and deceleration on shock wave formation and 

development on an aerofoil travelling near a stationary boundary. 
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2 LITERATURE REVIEW  

In order to break the world land speed record, the Bloodhound SSC accelerates and 

decelerates at up to 3 g and -3 g, to reach its top speed and then stops safely. In this case the 

flow field is constantly changing and there is no time for the flow to reach a steady state of 

motion. As the vehicle would be accelerating to and decelerating from supersonic speeds, it 

will experience subsonic, transonic, and supersonic flow conditions. Throughout this 

acceleration, the vehicle will be traveling in ground effect and it is possible that acceleration 

effects may contribute to unexpected loads on the vehicle.. As such, any disruption to the 

downforce or pitching moment would be extremely dangerous and potentially catastrophic.  

The research question is to determine how rapid acceleration and deceleration affects the 

shock formation on lifting bodies in transonic and supersonic ground effect. In turn, how 

would these effects impact on the aerodynamic performance and stability of the lifting body? 

2.1 Unsteady flow effects due to acceleration and deceleration 

Early work considered the flow field around a particle moving at constant velocity or steady 

state velocity can be described by Figure 5. The particle on the left is travelling to the right at 

a constant subsonic velocity while the particle on the right is traveling at a constant 

supersonic velocity.  

 
(a) 

 
(b) 

Figure 5: A particle moving at a) constant subsonic velocity and b) constant supersonic velocity [9]. 

Now consider a particle accelerating from subsonic to supersonic velocities as per Figure 6; 

the resulting flow field would consist of subsonic effects propagating forward at the speed of 

sound and supersonic effects caused by the shock waves catching up and over taking the 

subsonic effects. As the particle then decelerates from the supersonic to subsonic conditions, 
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the shock waves continue to propagate slowly dissipating as they progress; with the particle 

now falling behind as it continues to decelerate [9].  

 

Figure 6: A particle accelerating from subsonic to 

supersonic velocity [9]. 

 

Figure 7: An accelerated particle decelerating from 

supersonic velocity to subsonic velocity [9]. 

By comparing the two cases, it is evident that the flow field at a chosen constant velocity will 

yield different results to the flow that has been accelerated or decelerated to attain that same 

chosen velocity. The extent to how the differences in the constant velocity case and 

acceleration and deceleration cases impact on the formation and dissipation of the resulting 

shock system were investigated. 

Research over the last 15 years has identified that the above differences in the steady and 

unsteady case are primarily due to either transient flow history or inertial effects [10], [11]. 

Transient flow effects arise from the fact that when a body is accelerating from one state to 

another the flow field does not have sufficient time to develop to a flow field that would be 

present at the higher steady state or constant velocity conditions. Instead, the developing flow 

field at a given velocity resembles that of a lower constant velocity. As the flow continues to 

accelerate the developing flow is unable to reach the new flow conditions and the difference 

between the developing flow and constant velocity flow increases.  

Transient studies conducted on a RAE 2822 aerofoil at free flight conditions revealed that the 

accelerating aerofoil featured a reduction in lift and an increase in drag in the subsonic 

region, while for the decelerating aerofoil the inverse was true. The effects in the transonic 

and supersonic regions fluctuated, with the biggest differences featuring in the transonic 

region [10].  
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The inertial effects of acceleration are the changes in the apparent mass and inertia of a body 

due to its motion. These effects can have a significant impact on the aerodynamics of a wing, 

especially at high speeds and angles of attack. One of the main inertial effects of linear 

forward acceleration is the increase in and movement of the stagnation pressure on the 

leading edge of a wing or aerofoil [12]. Another inertial effect is the change in the pressure 

distribution over the wing due to the acceleration-induced flow. This can affect the stability 

and control of the wing, as well as the generation of shock waves and wave drag [10]. A third 

inertial effect is the variation in the Reynolds number due to the acceleration of the wing. 

This can alter the boundary layer behavior and the transition from laminar to turbulent flow, 

which can affect the skin friction drag and the heat transfer on the wing [13]. 

During the uniform acceleration of an RAE 2822 aerofoil, inertial effects were shown to 

dominate the subsonic and transonic flow field right up until the bow shock forms ahead of 

the aerofoil. Thereafter, the flow history effects dominate. The same was true for uniform 

deceleration, but with the inertial effects dominating further into the subsonic region as the 

surface shocks over take the aerofoil and propagate ahead of the aerofoil [12]. 

2.2 Transonic Flow 

The transonic flow regime is considered to exist between Mach 0.7 and 1.2 and is dominated 

by both subsonic and supersonic flow physics. This means that transient flow fields are 

highly non-linear and difficult to model mathematically. However, with the recent use of 

acceleration models in CFD, more light has been shed on this area of flow research. All CFD 

models require experimental results in order to validate the obtained numerical results.  

Validation data is the next major obstruction to analysing accelerating transonic flow. The 

best data currently available is from a Japanese ballistic range [14] for a decelerating sphere. 

Available rocket sled data appears to be limited to the test results conducted at the Pendine 

facility on a 1/25th scale model of the Thrust SSC. 

In some applications, supersonic and subsonic flow regimes may be modeled as inviscid, as 

the inertia and pressure effects dominate the viscous effects. This is true for most of the bulk 

flow field. However, in this research the viscous effects on the transonic flow are an 

important consideration, as the flow of interest is in the gap between the object and the 

ground, and separation and boundary layer effects may influence the position of shock wave 

and the type of shock system. 
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2.3 Shock Wave Theory 

2.3.1 Normal Shock Waves 

A normal shock is an irreversible discontinuity in an otherwise ideal gas flow, where the 

upstream and downstream velocity vectors of the flow remain perpendicular to the shock. 

Al though the flow does not change direction, there is an almost discontinuous change in the 

magnitude of the flow velocity, pressure, temperature and density across the shock as 

illustrated by Figure 8 [15]. 

 

Figure 8: Qualitative illustration of the variation of flow field properties across a normal shock wave [15] 

2.3.2 Oblique Shock Waves 

An oblique shock wave occurs when the downstream flow makes an oblique angle with the 

upstream flow; this can occur when supersonic flow is forced to turn into or away from itself. 

When a corner in the wall turns towards the flow direction in a concave corner, a single 

discontinuous shock wave is formed, while a series of oblique expansion waves occur as the 

wall turns away from the flow direction or expands over a convex corner forming an 

expansion fan ï as illustrated in Figure 9. Unlike the single discontinuous oblique shock, the 

flow properties change continuously throughout the expansion fan. For the flow to remain 

parallel to the wall, the flow is rotated by the deflection angle ɗ as it crosses the oblique 

shock wave or expansion fan [15]. 

 
(a) 

 
(b) 

Figure 9: Supersonic flow over a (a) concave corner and a convex corner (b) causing a single oblique 

shock wave and expansion fan respectively [15]. 
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2.3.3 Detached Shock Waves 

In the previous section, the oblique shock and expansion fan are considered attached shocks 

as in both cases the shock originates from the corner. A detached shock wave forms when the 

deflection angle ɗ is too large for the flow to rotate parallel to the wall via a straight oblique 

shock wave. As a result, a curved and detached shock wave forms ahead of the corner to 

rotate the flow ï as illustrated on the right of Figure 10 (a). The maximum deflection angle 

for the flow to remain attached is defined as ɗmax for a given Mach number. The maximum 

allowable deflection angle increases as the Mach number of the flow increases. The same 

physics apply for supersonic flow over a wedge, Figure 10 (b), where the shock waves are 

attached to the nose of the wedge and detach further upstream when the deflection angle of 

the wedge is greater than maximum deflection angle: ɗ > ɗmax. 

(a) 

 

(b) 

 

Figure 10: Attached and detached shock waves for corner flow and around a wedge [15]. 

In the case of a blunt body, where the leading edge is curved and does not have a defined 

corner at the leading edge, a curved detached bow shock wave is formed upstream. The bow 

shock is displaced from the nose of the body by distance, ŭ, which is defined as the shock 

detachment distance, or stand-off distance, as shown in Figure 11. 
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Figure 11: Supersonic flow over a blunt body [15]. 

At point óaô in Figure 11, the downstream and upstream flow is perpendicular to the shock 

wave and thus a normal shock wave occurs. The shock wave starts to curve and weaken as it 

moves away from this point. The upstream flow coming from point óaô decelerates as it 

approaches the wall and impacts perpendicularly to the leading edge, thus stagnating at this 

point. Flow is deflected along the wall from this point. As the flow diverts around the blunt 

body, the flow accelerates as it moves downstream of the nose and eventually becomes 

supersonic again, hence forming a small region of subsonic flow at the nose of the body [15]. 

2.3.4 Shock Formation on an Aerofoil 

Consider an aerofoil in subsonic flow, illustrated in Figure 12, as the flow passes over the 

upper surface of an aerofoil it expands and starts to accelerate. If the subsonic free stream 

velocity is high enough, this acceleration can cause the flow to become locally supersonic, 

forming a region of supersonic flow. The velocity at which the flow over the aerofoil first 

becomes sonic is considered the critical Mach number and varies depending on the 

aerodynamic profile of the aerofoil. Downstream of this supersonic region of flow, a normal 

shock wave forms as the flow returns to subsonic conditions. As the free stream velocity 

increases, a shock wave on the lower surface of the aerofoil starts to form. Increasing the 

velocity even further causes both supersonic regions to grow and the normal shocks move 

towards the trailing edge of the aerofoil. As the free stream flow becomes supersonic, a bow 

shock forms at the leading edge. Figure 13 illustrates the regions of separated flow that form 

behind the normal shock wave when the adverse pressure gradient near the surface is large 

enough to cause reversed flow [15]. 
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Figure 12: Shock wave formation on an aerofoil [15]. 

 

Figure 13: Shock wave formation on an 

aerofoil with flow separation [16]. 

2.3.5 Shock Wave Reflections 

An important consideration when investigating objects traveling supersonic near the ground 

is the way in which the shock waves that develop from the body interact with the ground. In 

the case of an oblique shock wave developing on a wedge, as shown in Figure 14, two shock 

patterns are possible. The first case, on the left, is a regular reflection where the incident 

wave labeled, I  rotates the flow down towards the ground. For the flow to remain parallel to 

the wall, the reflected shock R forms to rotate the flow upwards and parallel with the wall 

again ï as illustrated by the dashed streamline.  

The second case is a Mach reflection, where the wedge angle is larger, and the incident shock 

is too strong for a regular reflection to rotate the flow parallel to the surface. As a result, a 

Mach stem M  is created normal to the surface, ensuring the flow remains parallel to the wall, 

with the incident and reflected shock forming above the Mach stem. This three-shock system 

is called a lambda shock. The reflected shock and Mach stem have different strengths and as 

a result, the velocities of the flow behind these shock waves are different. The viscous 

interaction between these two flow regions of differing velocities results in the formation of a 

slipstream, separating the different regions. The streamline initiates from where these three 

shocks meet, known as the triple point [17].  
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Regular reflection (RR) Mach reflection (MR) 

 Figure 14: Regular and Mach oblique shock reflections [17].  

Transitions are summarised by Matheis and Hickel [18]. 

2.3.6 Boundary Layer Interaction 

An important consideration is what happens as a shock wave interacts with a boundary layer. 

Two types of interaction are possible and depend on whether separation occurs at the wall. 

Separation occurs when the adverse pressure gradient is large enough to cause the flow near 

the wall to reverse in direction, thus creating a separation bubble of rotational flow. Figure 15 

illustrates a boundary shock wave interaction without separation and how the boundary layer 

starts to decelerate the normal shock wave as it approaches the wall [17].  

As Figure 16 illustrates, the flow near the wall has reversed in direction as it flows over the 

curved surface, forming a small region of separated flow. This region of separated flow 

forces the flow to turn in on itself and an oblique shock wave (C1) is formed as a result. The 

oblique shock propagates to the normal shock wave (C3) and by compatibility conditions a 

third trailing shock (C2) is formed as the flow transitions back to subsonic conditions. These 

three shocks form a lambda shock system and the separated flow causes a significant increase 

in drag [17]. 
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Figure 15: A normal shock wave without boundary layer separation. Ben-Dor et al. (2001) [17] 

 

Figure 16: A normal shock wave with boundary layer separation, forming a lambda shock. Ben-Dor et al. 

(2001) [17] 

The detailed modelling of such a system has not been a focus of this broader research but 

could be included in further work [17].  

2.4 Numerical modelling techniques 

The CFD software chosen to simulate the flow is Ansys Fluent and the following techniques 

were recommended, by Fluent, to investigate the constant velocity and accelerating flow 

fields. Roohani 2011, investigated the unsteady aerodynamics of accelerating bodies at free 

stream conditions by using and expanding upon these techniques. The research focused 

primarily on the aerodynamics and shock wave dynamics of bi-convex and RAE 2822 

aerofoils accelerating and decelerating at an extreme and moderate magnitude of 106 g and 

8.845 g respectively [19].  
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The current research builds on this research by using the same techniques and user-defined 

function (UDF) to investigate the transient effects of acceleration and deceleration in 

combination with ground effect and the orientation of the RAE 2822 aerofoil. 

2.4.1 Techniques for constant velocity cases 

The flow around an object can be modeled numerically by either moving the body through a 

stationary fluid in an inertial frame or by moving the fluid in the opposite direction over the 

stationary body to produce the equivalent result. The former case is known as the moving 

reference frame technique and can be set up by moving the object and the numerical grid 

simultaneously at the chosen velocity, while keeping the fluid stationary at the upstream and 

ground boundaries. Alternatively, the model and the grid must be set up such that the object 

is kept stationary and the fluid is moved around the object in the non-inertial relative frame. 

When modelling an object moving at constant velocity in compressible flow in the relative 

frame, pressure-far-field boundary conditions are appropriate. With this method, the free 

stream velocity, which may be a function of time, is set at the boundaries of the domain. 

Thus, the flow field generated by the relative frame technique matches that of the moving 

reference frame technique: as shown by comparing the following pressure plots generated by 

each technique, in Figure 17.  

 

(a) 

 

(b) 

Figure 17: Pressure flood plot comparison of an aerofoil moving at M0.85; modelled using (a) the moving 

reference technique and (b) the pressure-far -field technique [19]. 

The above results were obtained using the CFD solver Fluent for both techniques. These 

results were for an aerofoil moving at constant velocity.  
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2.4.2 Technique for accelerating objects in compressible fluids. 

To model acceleration in a non-inertial reference frame, the pressure-far-field boundary 

condition technique can no longer be used without source terms. The reason for this is that 

the velocity changes at the boundary propagate through the fluid at the speed of sound. 

Therefore, as the flow develops, a pressure gradient is set up through the flow field that is not 

representative of the flow. An example of this pressure gradient is given by Figure 18.  

The flow is now transient and the boundary velocity increases and decreases instantaneously 

as the flow accelerates and decelerates. In order for the pressure-far-field technique to be 

used and simulate the physical case in reality; the velocity of the entire flow field must be 

increased uniformly and not just at the boundary. This uniform acceleration can be achieved 

by applying a UDF that incrementally accelerates each particle in the flow field at every time 

step. This model can be constructed by including source terms into the UDF.  

 

Figure 18: Pressure flood plot produced by the constant acceleration of the fluid at the upstream 

pressure-far -field boundary [19]. 

These source terms are based on the mass, momentum and energy equations and were 

derived by considering the rate of change of these properties at each point in the flow [19]: 
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In reality, the object is being accelerated and not the fluid around it. Therefore, in order to 

correctly model the flow physics, the acceleration terms in each of the above equations were 

imposed on the fluid. It is also important to note that the velocity term in the above equations 

refer to the velocity of object relative to the ground or in this case, the ground relative to the 

stationary object. All other property changes develop in the flow naturally; as they would in 

reality. Hence, by retaining only the terms with acceleration, the above source term equations 

simplify down to: 

Momentum source [N/m3] ὓ ”
Ὠὺ

Ὠὸ
 

Energy source [W/m3] Ὁ ”ὺ
Ὠὺ

Ὠὸ
 

By including the above source terms to the relative frame technique above, the flow field 

throughout the domain is now simultaneously accelerated, as can be seen in Figure 19. The 

same domain was used as the case in Figure 18, but the pressure distribution is now uniform 

throughout the domain, except for the localized effects of the aerofoil. The acceleration and 

deceleration effects can now be more accurately simulated using this technique. This method 

of acceleration is known as the source term technique [20] and has been validated and 

verified by experimental data and a moving reference frame technique developed to study 

decelerating supersonic flow fields [21]. 



17 
 

 

Figure 19: Pressure flood plot of a uniformly accelerated fluid using the pressure-far -field technique with 

source terms [19]. 

2.5 Ground Effect 

In free flight the flow field around the aerofoil is unrestricted. With increasing proximity to 

the ground, the flow field below the aerofoil is altered as the phenomenon of ground effect 

comes into consideration. Various studies have been conducted on the aerodynamic 

performance of lifting bodies near a stationary boundary, both for upright wings or aerofoils 

producing positive lift and inverted wings or aerofoils producing negative lift or downforce 

[22], [23], [24], [25], [26], [27]. In both cases it was shown that the increased proximity to 

the ground enhanced the lift and downforce produced by the aerofoil. However, for the 

upright aerofoil the increase lift was due to the rise in pressure of the constricted flow under 

the aerofoil, while for the inverted aerofoil the flow under the aerofoil is accelerated 

increasing the suction pressure on the lower surface of the aerofoil [28]. 

Prior research has been conducted on aerofoils in ground effect travelling at subsonic [22], 

[29], [30], [31], [32], [33], transonic [34], [35] and supersonic [36], [37], [38] speeds. The 

shock formation on the lower surface of a RAE 2822 aerofoil was shown by Doig et al. to 

have a destabilizing effect on the pitching moment and a significant loss in aerodynamic 

efficiency once the shock was formed. Aerodynamic efficiency is defined as the ratio of the 

lift produced by an aerodynamic body or aerofoil to the aerodynamic drag caused by that 

body or aerofoil moving through the air [15]. Proximity with the ground also lowers the 

critical Mach number, causing the shock on the lower surface to form earlier and further 
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decrease the aerodynamic efficiency and lift-producing range of the aerofoil [34]. The above 

studies were all conducted at steady state conditions and the transient effects from 

acceleration and deceleration were not considered.  

Previously published investigations, by the present author, on a NACA 0012 [1] and RAE 

2822 aerofoil [2] accelerating at 176 g in ground effect confirmed that the accelerating flow 

field resembled the flow field of a lower constant velocity case. Two ground clearances were 

considered in the RAE 2822 aerofoil investigation to show that the reduced ground clearance 

increased the pressure under the aerofoil and delayed the movement of the bow shock and its 

reflection under the aerofoil. The NACA 0012 study also identified that viscous effects 

slightly delayed the bow shock wave as it interacted with the ground ahead of the aerofoil. 

This investigation combines both studies by further analysing the influence of acceleration, 

deceleration and ground effect on shock location and the resulting aerodynamics. 
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3 NUMERICAL MODELLING  

The CFD software chosen to simulate the flow is Ansys Fluent. The pressure far field 

technique was used to set the free stream velocity for both the steady state and transient 

numerical simulations. In order to accurately capture the shock formation and location, a 

viscous, density-based solver was used to account for the compressibility and viscosity of the 

fluid. The fluid was modelled as an ideal gas and the Sutherland law was used to calculate the 

viscosity changes with temperature.  

The main velocity range of interest is that of the TSSC and BSSC, from Mach 0.05 up to 

Mach 1.40; however, to further understand the influence of ground effect this was extended 

up to velocities of Mach 3. Due to the complexity and computational resources required to 

study the full TSSC geometry, the study focuses mainly on the shock development on and 

aerodynamics of a supercritical RAE 2822 aerofoil. The RAE 2822 aerofoil was chosen due 

to the large extent of literature and validation cases run on this aerofoil.   

The following model of a 2-D RAE 2822 aerofoil was set up and an example of the domain 

used is shown in Figure 20. To allow for any local flow field effects to dissipate and reach far 

field conditions, the domain was set with 15 chord lengths above the aerofoil and 20 chord 

lengths before and after the aerofoil. 

 

Figure 20: Domain, boundary settings and meshing technique used for all the aerofoil models. 

The domain was set up with a moving ground wall below the object. Different ground 

clearances were used and compared against a free flight (no ground effect) case to investigate 

the influence ground effect had on the flow field and shock wave development. The ground 

clearance (h) was reduced from one characteristic chord length (c) down to 5 % of the chord. 

The chord was scaled up from the AGARD case 9 geometry by a factor of 5 and set at 3.05 m 

to increase the Reynolds numbers to a more practical value that is reflective of real-world 

flight conditions. From this point forward the ground clearance is referred to by the ratio, h/c, 

for example for a ground clearance of 5 % of the chord length, h/c = 0.05. Inflation layers 
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were applied to the walls of the aerofoil to ensure y-plus values were either below 1 or above 

30. The sizing for the elements closest to the surface of each model is based on the distance 

covered by the flow field in a single time step at the highest velocity considered at Mach 2.4. 

For consistency the same mesh is used for the steady state and transient analysis. With the 

final time step used being 5x10-6 s, the aerofoil has an edge sizing of 4.9 mm (0.16 % c) 

along the profile of the aerofoil and the immediate ground plane under the aerofoil. The 

sizing was also bias slightly with smaller elements being used near the nose of the aerofoil 

and larger elements towards the tail. 

The following sign conventions were used in this investigation: right as the positive direction 

of the horizontal flow over the aerofoil, lift as the positive normal force upwards, downforce 

as the negative normal force downwards, drag as the positive tangential force to the right, and 

angle of attack and pitching moment as positive in a nose-down or anti-clockwise direction.  

3.1 Steady state flow analysis 

For the steady state cases, the velocity was incremented by Mach 0.1 through the subsonic 

region, Mach 0.05 through the transonic and then Mach 0.1 again in the supersonic. Where 

further detail of the development of the flow and shock waves was required, these intervals 

were reduced, and the mesh refined to better understand and capture the flow physics. The 

flow Mach number was set at the pressure far field and the corresponding velocity was set at 

the ground wall, with the velocity of the aerofoil set to zero.  

3.2 Transient flow analysis 

In order to investigate the acceleration and deceleration effects, non-inertial reference frame, 

transient simulations are necessary to model the flow. Fluent is unable to model non-inertial 

reference frames and user-defined functions (UDFôs) were required to model the acceleration. 

The pressure-far-field technique and the added momentum and energy source terms (derived 

in section 2.4.2) were used to model the flow. This UDF is interpreted by Fluent and works in 

conjunction with the solver to uniformly increment or decrease the velocity of the fluid 

throughout the domain and apply the momentum and energy source terms at every time step. 

Multiple iterations at each time step were considered, in order to correctly simulate the flow 

physics and allow for adequate convergence of the fluid properties for each time step. The 

flow is accelerated from Mach 0.20 up to Mach 2.40 and snapshots of the flow were taken at 
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various speeds and compared against the constant velocity results to determine the 

acceleration effects. The same procedure was adopted to analyse the deceleration effects.  

Three different accelerations were used in the transient study. An extreme acceleration of 

approximately 176 g based on surface-to-air and air-to-air missiles, a moderate acceleration 

of 40 g taken as the average acceleration and deceleration of the Pendine rocket sled and a 

relatively low acceleration of 3 g applicable to fighter jets and the Bloodhound and Thrust 

SSC vehicles.  

3.3 Applying the Source Terms 

The source terms were applied to the flow by a UDF that features a series of programming 

loops that continuously update the Mach number, momentum, and energy of the flow, as it 

accelerates and decelerates. A function was defined to increase or decrease the Mach number 

of the flow at every time step. Next, functions for updating the momentum and energy in each 

element of the fluid were defined using the simplified momentum and energy source term 

equations derived in section 2.4.2. 

As only constant acceleration and deceleration cases were considered, the momentum source 

term remained constant and only the energy source term was updated with each time step. An 

example of the code used to update this energy source term for constant acceleration is given 

in Appendix A.  

3.4 Validation 

Due to the scarcity of validation models for acceleration and deceleration models for an 

aerofoil in ground effect, the validation has been broken into three phases. The first phase 

was to validate the RAE 2822 aerofoil model against experimental and numerical studies at 

free flight and steady state conditions. In the second phase, ground effect was introduced, and 

these results were compared against ground effect studies of the aerofoil at steady state 

conditions. The last phase was the use of individually validated source term and moving 

ground plane models to produce the transient acceleration and deceleration results. 
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3.4.1 Mesh Independence 

The RAE 2822 validation model was set to match the geometry and parameters of case 9 of 

the AGARD experimental study [39]: Mach 0.73, a wind tunnel corrected angle of attack of 

2.79° [34] and Reynolds number of 6.5 x 106 (based on a chord length of 0.61 m). Four 

meshes were considered for the RAE 2822 aerofoil and the results have been summarized in 

Table 1.  

Table 1: Mesh independence study for the RAE 2822 Aerofoil 

Mesh Coarse Intermediate Fine 
Intermediate mesh 

with adaption 

Elements ~ 600 000 ~ 1 800 000 ~ 3 200 000 ~ 2 400 000 

CL 0.820 0.816 0.815 0.815 

CD 0.0186 0.0182 0.0176 0.0178 

 

The intermediate mesh with adaption was chosen as the results were comparable to the finer 

meshes and overall, more efficient, especially when used for the transient runs. Grid 

adaptions were then applied to improve the resolution of the shock waves. 

3.4.2 Steady state free flight conditions 

The results from the adapted intermediate mesh were validated against the experimental data 

from case 9 of the AGARD experimental study [39] and the Validation 11 case provided by 

Fluent for a transonic flow over an RAE 2822 aerofoil. The meshes of the Validation 11 case 

are discussed in further detail by Coakley [40]. The results are summarized in Table 2 and 

showed good correlation with the experimental and numerical data.  

Table 2: Validation results of an RAE 2822 aerofoil at AGARD "case 9" conditions. 

 Mesh Model Lift (CL) Drag (CD) Shock (x/c) 

 Adapted mesh Spalart-Allmaras 0.815 0.0178 0.53 

 Experiment 0.803 0.0168 0.52 

V
a
lid

a
ti
o

n
 1

1 

Hybrid 

Realizable k-Ů 0.825 0.0181 0.52 

SST k-ɤ 0.781 0.0164 0.50 

Spalart-Allmaras 0.815 0.0171 0.52 

Quadrilateral 

Realizable k-Ů 0.828 0.0181 0.52 

SST k-ɤ 0.782 0.0163 0.50 

Spalart-Allmaras 0.817 0.0170 0.52 
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3.4.3 Turbulence models 

The Spalart-Allmaras turbulence model was shown to be the most applicable model for the 

free-stream transient study [41] and with reference to Table 2 this proved to be the case in 

this investigation as well. Out of the three turbulence models considered the Spalart-Allmaras 

results on average had the lowest deviation from the experimental results.

3.4.4 Transonic flow features in ground effect 

The numerical results obtained on an aerofoil in increasing ground effect are validated 

against various sources for subsonic, transonic, and supersonic flow by comparing the results 

and shock structures. Subsonic results were validated against research conducted by Vogt et 

al. on subsonic upright and inverted aerofoils at various ground clearances [28]. Higher 

transonic and supersonic velocities were validated against the research on transonic and 

supersonic ground effect and shock reflections investigated by Doig [42]. For example, the 

correlation in shock structures found in the transonic study conducted by Doig et al. are 

illustrated by Figure 21 to Figure 23 at two different Mach numbers and clearances. 

The moving ground wall model used in this investigation and by Doig et al., shows strong 

correlation with the mirror-image method that features a symmetrical ground plane under the 

aerofoil and experimental data, where a moving conveyor belt was set-up underneath the 

stationary aerofoil to represent the moving ground [43]. 
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Figure 21: AGARD case 9 validation with ground effect, validation model (bottom) against validated 

results from literature (top). Ground clearances of h/c = 1.00 (left) and 0.50 (right) [34]. 

 

Figure 22: Comparison of the Mach number contours produced by the validation model (right) against 

existing validated research (left, [34]) 

 

Figure 23: Comparison of the Mach number contours produced by Doig et al. (2012) left and the 

validation model (right). 
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3.4.5 Time step independence 

For each transient simulation the time step size was estimated by calculating the approximate 

time for the flow to pass through an element on the surface of the geometry at the maximum 

flow velocity for the case being considered. For the RAE 2822 aerofoils the maximum speed 

considered for the transient runs was Mach 2.40. With such a large speed range the overall 

simulation run time became a factor in the sizing of the time step. The time step size chosen 

for the maximum acceleration case of 176g was 5x10-6 s, as this led to a stable solution and 

allowed 4000 time steps per Mach 0.05 increase in the velocity of the flow. For the 3g 

acceleration cases, the time step was increased to 3.69 x10-5 s. The much lower acceleration 

allowed for a more stable solution and the larger time step significantly decrease simulation 

run time. For the 40 g acceleration, the considered speed range was from Mach 0.05 up to 

Mach 1.60 and the most efficient time step size was 4.9 x 10-5 s (8000 timesteps per Mach 

0.05 interval). For each time step a maximum of 100 iterations was required for the solutions 

to converge.  

To improve computational efficiency and evaluate time step independence, the sensitivity of 

the aerodynamic coefficients to time step size was evaluated using the 3 g acceleration case 

of the inverted 2-D RAE 2822 aerofoil and the results are summarized in Table 4. In each 

case the aerofoil was accelerated from Mach 0.20 to 0.25. The coefficient of drag featured the 

greatest sensitivity, -1.72%, to the increase in time step size followed by pitching moment, -

0.65%, and then lift, -0.35%. A strong correlation was shown across the cases; however, the 

larger time steps lead to minor fluctuations in the aerodynamic performance and in some of 

the cases the transient solution diverged. The smallest time step was chosen in order to 

minimize these fluctuations and increase the stability of the transient solution. As such, the 

simulations were computationally expensive and had to the run over larger periods of time.  

Table 3: Variation in aerodynamic coefficients with increasing size of time step 

Case 
Time steps per 

Mach 0.05 

Time step size 

(s) 
Cl Cd Cm ȹCl ȹCd ȹCm 

1 16000 3.69E-05 -0.9321 0.0144 -0.1222 0.00% 0.00% 0.00% 

2 8000 7.37E-05 -0.9301 0.0144 -0.1218 -0.21% -0.58% -0.36% 

3 4000 1.47E-04 -0.9289 0.0143 -0.1215 -0.35% -1.15% -0.59% 

4 2000 2.95E-04 -0.9287 0.0142 -0.1214 -0.37% -1.46% -0.64% 

5 1000 5.90E-04 -0.9289 0.0142 -0.1214 -0.35% -1.72% -0.65% 
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3.4.6 Source term technique 

Saito et al. validated a body-fixed, source term based, numerical model of a decelerating 

sphere against experimental results of a projectile decelerating in a ballistics range [14]. The 

same experimental results were then used to validate the numerical study done by Roohani et 

al. [44] on a decelerating sphere using the source term model described in section 3.3. Both 

models showed good correlation with the experimental results. The latter source term 

technique has also been validated against a numerical moving reference technique in a study 

on supersonic accelerating bodies [20] and experimental results from a ballistic range, where 

the flow field of a decelerating bluff body were studied at varying decelerations [21].  
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4 RESULTS 

This chapter has been broken into two sections; the first  focuses on the upright RAE 2822 

aerofoil  and the second on the inverted RAE 2822. These cases are then further broken down 

into the results that focus on ground effect, transient effects and then influence of angle of 

attack for an upright and inverted aerofoil. Both orientations have been investigated in order 

to obtain a comprehensive understanding of the impact of ground effect on the aerodynamics 

of an accelerating or decelerating aerofoil, as in the cases of: a wing in ground effect vehicle, 

low-flying aircraft, sea-skimming cruise missiles, high performance race cars or the BSSC, 

where programmable winglets vary their angle of attack in accordance with the stabilization 

of the wheel loading. Each case was subjected to a free-stream temperature of 300 K and an 

atmospheric pressure of 101 325 Pa. The pitching moment is calculated around the quarter 

chord of the aerofoil or moment reference center, which is assumed to be at 25 % of the 

chord length and along the chord line. The aerodynamic performance has been given in terms 

of the aerodynamic forces and pitching moments acting on the body. These values have not 

been given as non-dimensional coefficients as the numerator in the non-dimensional force 

varies with the velocity of the aerofoil as it accelerates and decelerates. 

4.1 Upright RAE 2822 aerofoil 

Here the RAE 2822 aerofoil was orientated in the upright position and at an angle of attack of 

2.79° to produce positive lift.  

4.1.1 Ground Effect 

The following steady state ground clearance cases were considered: h/c = 1.00, 0.50, 0.25, 

0.10, and 0.05, and then compared against free flight conditions. Throughout the subsonic 

region (up to Mach 0.70) there was only a slight gain in lift and aerodynamic efficiency due 

to ground effect, with the largest increase in lift occurring in the supersonic region. However, 

this was negated by a significant drop in aerodynamic efficiency with the increase in wave 

drag. 

Figure 24 to Figure 30 show how the reduced ground clearance affects the aerodynamic 

performance of the aerofoil. In each case, the aerodynamic performance for each ground 

clearance has been plotted on the same set of axes in order to directly compare the results. In 

the transonic and supersonic regions, each change in performance is connected to a new 

shock formation or reflection on the aerofoil. Figure 26 shows the formation and propagation 
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of the shock waves on the aerofoil at a ground clearance of h/c = 0.50 as the free stream 

velocity is increased from rest up to Mach 2.80.  

  

Figure 24: Overall (left) and subsonic and transonic (right) lift performance for the upright RAE 2822 

aerofoil at different ground clearances. 

 

Figure 25: Overall (left) and subsonic and transonic (right) drag performance for the upright RAE 2822 

aerofoil at different ground clearances. 

At Mach 0.65 the flow accelerating over the top of the aerofoil becomes supersonic and a 

normal shock forms on the upper surface. As the supersonic region of the shock wave grows 

in size over the top of the aerofoil, the pressure differential across the aerofoil decreases and 

there is rapid drop in lift. Due to the asymmetry introduced by the ground plane, the ground 

effect cases diverge from the free-stream case at this point. At approximately Mach 0.85 a 

normal shock forms on the lower surface of the aerofoil and as the supersonic region is 

smaller on the lower surface the lift starts to increase again.  

From Mach 0.90 the shock locations stabilise, and the lift starts to increase exponentially as 

the velocity increases. Rapid drops in lift occur just after Mach 1.40, 1.70, and 2.30 

respectively for each ground clearance. This is due to delayed reflection of the bow shock 

under the aerofoil and is discussed in more detail in the next chapter. The lift then drops more 

gradually as the reflected shock wave moves along the lower surface of the aerofoil, 

disrupting the pressure distribution as it goes. The h/c = 1.00 and h/c = 0.50 lift results then 

tend towards the lift performance results obtained at free flight conditions. 
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Figure 26: Mach flood plots of the development of flow field and shock formations for the upright aerofoil 

at different Mach numbers and constant ground clearance of h/c = 0.50. 
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The lowest ground clearance cases h/c = 0.10 and h/c = 0.05, the aerodynamic performance 

start diverging from the other cases as of Mach 0.40 and Mach 0.25 respectively. The lower 

clearance results in a steady drop in lift and promotes the formation of the normal shock 

underneath the aerofoil. As such the critical Mach number of the lower normal shock drops 

from Mach 0.75 to approximately 0.65 and 0.50 respectively.  

With reference to Figure 25, the impact of ground effect on the drag performance is more 

straight forward with the ground effect cases only differing from the free-stream case after 

Mach 1.20. As discussed in the previous conference paper that focused on tri-sonic ground 

effect on the ground clearance cases: h/c = 1.00 and h/c = 0.50, the only changes in drag 

come from the induced drag component [2]. This is further confirmed by the convergence of 

these two ground clearances with free flight drag results. As with the lift case, the drag 

performance for the lower three ground clearances: h/c = 0.25, 0.10 and 0.05 is predicted to 

converge to the free flight conditions. 

Figure 27 shows that increasing ground effect results in an average reduction in drag of 16 % 

of the subsonic results. Up to Mach 0.30 the drag reduction is 10%, but this steadily increases 

to 27 % at Mach 0.65 where the shock wave on the upper surface starts to form. The drag 

increases rapidly for the h/c = 0.10 and 0.05 cases as the wave drag increases with the earlier 

formation of the shock wave. At Mach 0.50, the drag of the h/c = 0.05 aerofoil increases as a 

normal shock forms between the ground and lower surface of the aerofoil. The strength of 

this shock wave intensifies, and the wave drag steadily increases until approximately Mach 

0.725 when the shock on the upper surface develops. From this point the drag performance 

increases rapidly with the wave drag as with the other ground clearances and temporarily 

plateaus with the highest drag value at Mach 0.80, Figure 25. This case features the highest 

drag throughout the supersonic range. 

 

Figure 27: Subsonic drag performance for the upright RAE 2822 aerofoil at different ground clearances. 
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Figure 28: Overall (left) and supersonic (right) aerodynamic efficiency for the upright RAE 2822 aerofoil 

at different ground clearances. 

The benefit of ground effect can clearly be seen in the subsonic region of Figure 28, with the 

aerodynamic efficiency increasing by an average of 45 % at Mach 0.70 when compared to 

free flight. In the supersonic region there is also a noticeable increase in aerodynamic 

efficiency, reaching a maximum increase of 170 % at Mach 1.40, 288% at Mach 1.70 and 

464 % at Mach 2.30 for each respective ground clearance. However, the drag penalty for this 

increase in lift is severe, making it a less viable option. For h/c = 0.10 there is only a minor 

gain in aerodynamic efficiency. At h/c = 0.05 there is no benefit of ground effect, with the 

aerodynamic efficiency dropping to almost half the aerodynamic efficiency at free flight 

conditions. 

 

Figure 29: Pitching moment performance for the upright RAE 2822 aerofoil at different ground 

clearances. 

In contrast to the lift and drag performance, Figure 29, illustrates a steady drop in the 

supersonic pitching moment with each reduction in ground clearance. The pitching moment 

also decreases significantly at Mach 0.85 as the upper and lower shocks form on the aerofoil. 

This loss increases as the ground clearance is reduced, with the moment in the lower cases 
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h/c = 0.50 to h/c = 0.10 temporarily reversing direction. The lowest clearance of h/c = 0.05 

recovered the least from this drop and only becomes positive again at approximately 

Mach 1.65. This is shown in more detail in Figure 30. In the supersonic region the pitching 

moment initially increases and then drops off respectively at Mach 1.45, 1.75 and 2.30 as the 

ground clearance is reduced from free flight conditions. The supersonic pitching moment 

produced at the two lowest clearances is significantly lower than at the higher clearances and 

does not drop off within the range of Mach numbers considered for this study.  

After the formation of the shock waves the lift and drag results for each ground clearance 

recovered to be within similar values, however, the pitching moment performance recovered 

to different values. With the lowest clearance only being 1.20 % less than the pitching 

moment at free flight conditions from Mach 1.00 to 1.10, as compared to an average increase 

of 49 % and 82 % for the two higher ground clearances. The lower recovery of the pitching 

moment continues into the supersonic region and the h/c = 0.25 results only surpass the 

higher ground clearances when the bow shock moves and reflects underneath each aerofoil, 

Mach 1.90, and Mach 1.50 respectively. 

 

Figure 30: Subsonic and transonic pitching moment performance for the upright RAE 2822 aerofoil at 

different ground clearances. 

As expected, the pitching moment reflects the rapid changes in lift as the bow shock passes 

under the aerofoil. However, as discussed later, the movement of the reflected shock wave R 

(as defined in Figure 14) on the lower surface of aerofoil at h/c = 0.50 reduces the severity of 

the drop in pitching moment. Figure 31 shows the progression of the shock as it strikes the 

aerofoil and then propagates past the trailing edge. 
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Figure 31: Mach number plot comparison of the propagation of the reflected bow shock under the 

upright RAE 2822 aerofoil at two different ground clearances. 

 

4.1.2 Transient Effects 

The transient acceleration results of the upright RAE 2822 aerofoil accelerating at a ground 

clearance of h/c = 1.00 are detailed here. The transient simulations were initiated using the 

steady state results at Mach 0.20 and the extreme acceleration case of 176 g was used to 

further highlight the transient effects on the aerodynamic performance. As discussed in 

section 3.2, the aerodynamic performance of the steady state and transient results are 

compared to identify the differences in two cases. In Figure 32 and Figure 33, the 

performance peaks and subsequent decreases in performance identified in the previous 

section occur at higher Mach numbers in the transient case. For example, the peak lift 

performance in the transonic and supersonic regimes occurred respectively at Mach 0.90 and 

1.55 for the transient results, instead of Mach 0.75 and 1.35 as in the steady state results. In a 

previous publication by the current author [2], this shift in the lift and drag performance is 

shown to be caused by the differences in the shock location and strength of the shock waves 

on and ahead of the aerofoil and is discussed in detail in the next chapter. 
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Figure 32: Upright RAE 2822 aerofoil, h/c = 1.0 - steady state and transient 176 g lift  (left) and drag 

(right)  performance curves 

 

Figure 33: Upright RAE 2822 aerofoil, h/c = 1.0 - steady state and transient 176 g pitching moment (left) 

and aerodynamic efficiency (right) performance curves 

Figure 33 shows that in the subsonic region, the transient pitching moment follows the steady 

state results quite closely, with the first deviation coming in at about Mach 0.60. At this point, 

the flow starts becoming supersonic on the upper surface of the steady state aerofoil and the 

supersonic bubble starts to grow over the leading edge of the aerofoil as per Figure 34 (a). 

This region of supersonic flow continues to grow along the upper surface of the aerofoil and 

the pressure differential across the aerofoil increases. Consequently, the pitching moment 

increases again up until Mach 0.80 where the lower shock starts to form on the lower surface 

of the aerofoil. From the pressure distribution on the aerofoil at Mach 0.85, Figure 34 (b), it 

can be seen that the supersonic regions of flow on either side of the aerofoil reduce the 

positive pitching moment. With the shock waves still developing in the transient case, the 

pitching moment continues to rise, as per the lift performance, without this drastic drop. 

Consequently, the transient pitching moment is higher than that of the steady state case from 

Mach 0.80 to approximately Mach 1.125, where the shock locations and pressure 

distributions of the two cases almost overlap.  

Between Mach 1.00 and Mach 1.15 there is an additional increase in pitching moment. As the 

bow shock starts to form the higher pressures from the subsonic region under the nose of the 
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aerofoil further increase the pitching moment. From this point until Mach 1.60 the pitching 

moment continues to increase with the lift performance. Between Mach 1.60 and 1.65, the lift 

starts to drop while the pitching moment continues to increase, momentarily surpassing the 

steady state pitching moment.  By Mach 1.65 the bow shock reflects under the aerofoil and 

the pitching moment drops significantly. Unlike the aerodynamic forces the pitching moment 

does not converge with the steady state results once the trailing shock has moved passed the 

trailing edge. 

Figure 35 highlights the reduction of the propagation of the transient shockwaves into the 

surrounding flow field. The bow shock on the accelerating aerofoil forms with a smaller 

stand-off than that seen on the steady state case. Previous research discussed in section 2.1, 

has shown that the bow shock stand-off distance for an accelerating object is larger than that 

formed at steady state [12].  
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(a) 

 

(b) 

 

(c) 

 

Figure 34: Upright RAE 2822 aerofoil, h/c = 1.00 ï difference in steady state (left) and transient 176 g 

(right)  results at (a) Mach 0.70, (b) Mach 0.85 and (c) Mach 1.10. 

 

At Mach 1.30, the stand-off distances are more comparable; however, the steady state shock 

has a greater curvature. The inverse is true for the lower normal shock wave, which also 

forms on the aerofoil later and reflects off the ground with a lower incident angle, reflected 

angle and an additional trailing shock, as shown by the density plots in Figure 36. The upper 

normal shock is stronger and has a lower Mach angle, as the velocity of the flow approaching 

the trailing edge of the aerofoil is higher. 
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Figure 35: Upright RAE 2822 aerofoil, h/c = 1.00 - comparison of steady state (left) and transient 176 g 

acceleration (right) shock wave development and propagation. 

(a) 

 

(b) 

 

Figure 36: Upright RAE 2822 aerofoil, h/c = 1.00 ï (a) density contours and (b) Mach flood plots for the 

steady state (left) and transient 176 g (right)  shock structures at Mach 1.30 

 

From Mach 1.30 onwards the stand-off distance of the accelerating bow shock is less than the 

steady state case. This is as expected with reference to the current literature [12]. Therefore, 

the extreme acceleration has introduced additional inertial effects causing the bow shock 

wave to form later and closer to the leading edge of the aerofoil. 
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4.1.3 Angle of Attack 

Two additional angles of attack steady state cases were considered, Ŭ = 0.0Á and Ŭ = 6.0°, in 

order to evaluate the effects of angle of attack on the overall aerodynamics and shock 

locations for a specific ground clearance. The ground clearance was kept constant at 

h/c = 0.50 to increase the effects of ground effect without shock waves forming prematurely 

between the aerofoil and the ground, especially at the largest angle of attack. The chosen 

angles of attack were based on the range of the programmable winglets of the BSSC [4]. 

The lift and pitching moment performance is given in Figure 37 and the drag and 

aerodynamic efficiency performance in Figure 38. As to be expected the overall lift, pitching 

moment and drag increased with angle of attack. The increasing angle of attack also 

accelerated the flow over the top of the aerofoil and reduced the critical Mach number for the 

upper shock. Consequently, the upper shock forms further forward on the aerofoil, a larger 

supersonic bubble forms above the aerofoil and a stronger shock also develops with a greater 

region of separated flow. However, as per the shock structures shown in Figure 39 at Mach 

0.85, the reduced flow under the aerofoil delays the formation of the lower trailing edge 

shock ï approximately a normal shock at this point, which is almost absent from the Ŭ = 6.0° 

case, as seen in Figure 39 (c). As seen with the pitching moment performance in Figure 37, 

the later development of the lower means that there is no sudden drop in pitching moment at 

Mach 0.85. In this case though, the lower shock develops at the trailing edge of the aerofoil 

and thus does not disrupt the pressure distribution as seen at the lower angles of attack. 

  

Figure 37: Upright RAE 2822 aerofoil, h/c = 0.50 ï lift  (left) and pitching moment (right)  performance 

curves at different angles of attack. 
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Figure 38: Upright RAE 2822 aerofoil, h/c = 0.50 ï drag (left) and aerodynamic efficiency (right) 

performance curves at different angles of attack. 

In the subsonic region, there is a large gain aerodynamic efficiency when the angle of attack 

is increased. This gain is limited by the formation of the lower normal shock and since this 

shock forms earlier at the higher angle of attack, the increased angle of attack is no longer 

beneficial from approximately Mach 0.50 and onwards. 

 
(a) Ŭ = 0.00Á (b) Ŭ = 2.79Á (c) Ŭ = 6.00Á 

Figure 39: Density contour plots for angle of attack analysis of the RAE 2822 aerofoil at Mach 0.85 

In the supersonic region, the reflection of the bow shock under the aerofoil occurs earlier for 

the lower angle of attack and later for the higher angle of attack, as seen in Figure 40.  The 

stand-off distance is also seen to increase with the angle of attack. When this shock does 

reflect, the higher angle of attack leads to a much stronger reflection forming under the 

aerofoil, as indicated by the rapid drop in pitching moment performance. Once the reflection 

passes the aerodynamic center of the aerofoil the pitching moment decreases as per the other 

two lower angles of attack, as discussed in section 4.1.1. 

Figure 40 shows that the bow shock stand-off distance also increases with increasing angle of 

attack. 
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Figure 40: Density contour plots for angle of attack analysis of the RAE 2822 aerofoil at Mach 1.70. Angle 

of attack increases from left to right, ♪ Ȣ Ј (left), ♪ Ȣ Ј (middle), and ♪ Ȣ Ј (right ). 

 

4.2 Inverted RAE 2822 aerofoil 

In this case the aerofoil has an inverted orientation and has a negative (nose down) angle of 

attack of -2.79° to produce negative lift or downforce. 

4.2.1 Ground Effect 

As with the upright aerofoil the following ground clearance cases were covered h/c = 1.00, 

h/c = 0.50 and h/c = 0.25 and compared against free flight. An additional two ground 

clearances were studied h/c = 0.10 and h/c = 0.05. Figure 49 - Figure 50 show the key points 

in the shock wave formation and propagation on the inverted aerofoil. The aerodynamic 

performance of the inverted aerofoil is given in Figure 41 - Figure 43. The ground effect 

cases were split into two sets with the free flight and higher ground clearances h/c = 1.00 and 

h/c = 0.50 in one and the lower ground clearances h/c = 0.25, 0.10 and 0.05 in the other. 

Density contour plots at key points in the development of the flow field for each set of 

ground clearance have been given respectively in Figure 49 and Figure 50.  

On the right of Figure 41 the downforce is shown to increase with the reduced ground 

clearance. This increase in downforce reaches a maximum and then steadily declines after the 

normal shock forms on the lower surface of the aerofoil. The rate of this decline decreases 

with the reduction in ground clearance. After Mach 0.70 the decline in downforce becomes 

more severe and for the lower ground clearances the normal force component reverses and 

the aerofoil starts producing lift. The decline in downforce reaches a minimum and then 

temporarily increases before plateauing, between Mach 0.90 and 1.20, and declining again as 
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the free stream flow becomes supersonic. After Mach 0.90 the ground effect results diverge 

from the free flight results. However, the higher ground clearance cases, h/c = 1.00, 

h/c = 0.50 tend towards and then overlap the free flight results. The same trend is initially 

seen with the h/c = 0.25 normal force results, but the convergence is predicted to occur at 

much higher free stream velocities. For the lowest two ground clearances the normal force, 

now acting as lift, continues to increase with Mach numbers as high as Mach 3.00. 

  

Figure 41: Inverted RAE 2822 aerofoil - ground effect lift performance overall (left) and subsonic to 

transonic (right) comparison. 

Key free stream Mach numbers; such as the critical Mach numbers for the lower, Mcr-l and 

upper surfaces of the aerofoil Mcr-u, Mach numbers for each inversion of the normal force and 

the reflection of the bow shock under the aerofoil MR are defined here and summarized in 

Table 4 for further discussion in the next chapter. 

The drag performance results for the different ground clearances are shown in Figure 42, with 

a closer view of the subsonic and transonic drag results given on the right of this image. The 

drag is seen to rise at progressively lower Mach numbers with each decrease in ground 

clearance. Between Mach 0.75 and 0.90 the drag divergence occurs almost simultaneously 

across all the cases, with the ground effect cases rising consistently ahead of the free flight 

case. After the drag divergence, a consistent increase in drag is seen with each reduction in 

ground clearance. For the two lowest ground clearance cases this trend continues for the rest 

of the speed range. As with the upright aerofoil the rest of the drag results fluctuate with the 

induced drag component and eventually tend toward the free flight results.  
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Table 4: Summary of shock wave formation, shock wave propagation and lift inversions for an inverted 

RAE 2822 at different steady state ground clearances.  

Ground 

Clearance, 

h/c 

Critical Mach 

Number Lower, 

M cr-l 

Critical Mach 

Number Upper, 

M cr-u 

Mach number for 

each lift inversion 

Bow shock passing 

under aerofoil, MR 

Free flight 0.70 0.83 N/A 1.00 

1.00 0.60 0.80 1.225, 1.325 1.30 

0.50 0.55 0.78 0.85, 1.00, 1.58 1.50 

0.25 0.45 0.75 0.80, 0.90, 0.92 1.75 

0.10 0.40 0.74 0.78, 0.90, 1.00 > 2.80 

0.05 0.40 0.73 0.76, 0.92, 1.20 > 2.80 

 

  

Figure 42: Inverted RAE 2822 aerofoil - ground effect drag performance overall (left) and subsonic to 

transonic (right) comparison. 

The pitching moment performance is shown in Figure 43 and is negative, acting to rotate the 

aerofoil nose down. Unlike the upright aerofoil, the subsonic pitching moment increases with 

reducing ground clearance. However, there appears to be a limit to this increase with the 

pitching moment at the two lowest ground clearances converging between Mach 0.20 and 

Mach 0.40. The next highest ground clearance also follows a similar trend. The pitching 

moment increases as each formation of the lower shock occurs at a different location on the 

aerofoil. Between Mach 0.75 and 0.90 the upper shock forms and the supersonic regions 

above and below the aerofoil greatly reduce the pressure distribution across the aerofoil and 

the pitching moment drops drastically. 

As with the drag two different trends appear for the higher and lower sets of ground 

clearances. The higher clearances have a decreased pitching moment than at free flight, while 

the lower clearances have an increased pitching moment. Overall, as the ground clearance is 

reduced the pitching moment increases. However, for each ground clearance, the pitching 

moment increases to a point before it starts decreasing and in the cases below h/c = 1.00 

changing direction. This decrease comes in as the pressure build underneath the nose of the 
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aerofoil and once this pressure build up is disrupted the higher ground clearances, h/c = 1.00 

and h/c = 0.50, tend to back to the free flight case, at Mach 1.50 and Mach 2.00, and ground 

effect no longer effects the pitching moment. For the lower ground clearances, the pitching 

moment remains negative up to higher supersonic Mach numbers: 1.65, 2.10 and above 

Mach 3.00 respectively as the ground clearance decreases. For the h/c = 0.25 there is a large 

increase in pitching moment due to reflected shock striking the aerofoil ahead of the 

aerodynamic center and drastically changing the pressure distribution in favour of a nose up 

pitching moment.  

  

Figure 43: Inverted RAE 2822 aerofoil - ground effect pitching moment performance comparison 

overview (left) and subsonic to transonic results (right) 

Ground effect has a greater impact on the aerodynamic efficiency of the inverted aerofoil, see 

Figure 44, and not only does the earlier shock wave increase the drag, but it also decreases 

the downforce produced by the aerofoil. As such, there is no gain in aerodynamic efficiency 

for the lowest ground clearance ï in fact there is a 36 % loss in aerodynamic efficiency.  The 

greatest gain in subsonic aerodynamic efficiency was 37 % and occurs at Mach 0.55 and 

h/c = 0.50.  

The pressure distribution and shock locations on the upper and lower surface of the aerofoil 

are given in Figure 45 and Table 5. For the higher ground clearances, the shock waves form 

further downstream with decreasing ground clearance, while for the lower ground clearances 

the shock waves form further forward. 
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Figure 44: Inverted RAE 2822 aerofoil ï ground effect aerodynamic efficiency comparison overview (left) 

and supersonic results (right) 

 

Table 5: Shock locations on inverted RAE 2822 aerofoil at Mach 0.85 and different ground clearances. 

Surface 

Ground Clearance 

Free h/c = 1.00 h/c = 0.50 h/c = 0.25 h/c = 0.10 h/c = 0.05 

Upper 0.660 0.840 0.843 0.694 0.646 0.574 

Lower 0.615 0.804 0.855 0.934 0.904 0.904 

 

  

(a)       (b) 

Figure 45: Pressure distributions at Mach 0.85 for two sets of ground clearances (a) free flight, h/c = 1.00 

and h/c = 0.50 and (b) h/c = 0.25, 0.10 and 0.05. 

 

In the supersonic region and for the h/c = 1.00 and h/c = 0.50 cases, the pitching moment 

drops when the bow shock passes under the aerofoil and then after Mach 2.20 the results 

match up with the free stream case. Figure 47 shows that as the reflected shock leaves the 

trailing edge of the aerofoil, the pressure distributions of the h/c = 1.00 and h/c = 0.50 cases 

match up with the free stream. 

The increase in pitching moment between Mach 1.75 and 2.10 is caused by the initial build 

up in pressure before the bow shock reflects underneath the aerofoil. Once the bow shock 
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propagates under the aerofoil it reflects twice, striking the aerofoil at x/c = 0.296 and 

x/c = 0.837. Above Mach 2.10, the second reflection passes the trailing edge of the aerofoil 

and the pitching moment continues to increase. 

 

Figure 46: Density contour plots for an inverted RAE 2822 aerofoil traveling Mach 2.00 at free stream 

(left), h/c = 1.00 (middle) and h/c = 0.50 (right).  

 

(a)       (b) 

Figure 47: Inverted RAE 2822 pressure distributions at Mach 2.00 for two sets of ground clearances (a) 

free stream, h/c = 1.00 and h/c = 0.50 and (b) h/c = 0.25, 0.10 and 0.05. 

 

Figure 48: Density contour plots for an inverted RAE 2822 aerofoil traveling Mach 2.00 at h/c = 0.25 

(left), h/c = 0.10 (middle) and h/c = 0.05 (right). 
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Figure 49: Density plots of the RAE 2822 shock wave development from Mach 0.40 (left) to Mach 2.40 (right) at free flight, h/c = 1.00 and h/c = 0.50. 
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Figure 50: Density plots of the RAE 2822 shock wave development from Mach 0.40 (left) to Mach 2.40 (right) at h/c = 0.25, h/c = 0.10 and h/c = 0.05.
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4.2.2 Transient Effects 

Three different acceleration cases were considered: 176 g, 40 g, and 3 g, with the latter two 

cases being chosen based on the accelerations of the TSSC vehicle and the TSSC model used 

in the Pendine tests. The former is based on typical acceleration rates for ballistic missiles. 

The RAE 2822 aerofoil was kept at a constant angle of attack of -2.79° and ground clearance 

of h/c = 1.00. In each case, the aerofoil is decelerated back down to initial conditions to 

evaluate the transient effects of the deceleration of an accelerated particle, as illustrated in 

Figure 7. Key features from these results have been presented below: 

176 g Results 

Figure 51 shows the downforce performance of the aerofoil at constant steady state velocities, 

under 176 g acceleration from an initial speed of Mach 0.20 up to Mach 2.00 and then 

decelerating back down to Mach 0.20. The shift in the transient acceleration results identified 

in section 4.1.2 is seen here in the deceleration results as well. These results confirm those 

obtained in the unsteady free flight investigation mentioned in 2.1. For subsonic Mach 

numbers up to Mach 0.65, acceleration leads to a decrease in downforce and from Figure 56 

an increase in drag. With the delay in the shock formations on the accelerating aerofoil, 

explained later in terms of Figure 60 (left) and by the associated drop in downforce, the 

transonic downforce for the accelerating aerofoil is greater than that at the equivalent 

instantaneous steady state velocity.  

 

Figure 51: Downforce performance of the inverted RAE 2822 aerofoil, Ŭ = -2.79° and h/c = 1.00 - steady 

state, ± 176g acceleration 
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In both the acceleration and deceleration cases the lagging development of the transient flow 

field is further seen by the transient result not reaching the same maximum downforce values 

seen at steady state. In addition, the maximum downforce in the subsonic range occurs at 

Mach 0.65 for constant velocity, lags until Mach 0.85 under acceleration, and lags in 

deceleration to Mach 0.55. The same lags are seen for the minimum downforce in the 

supersonic regime at Mach 1.30, with the minimum value being reached at Mach 1.40 under 

acceleration and Mach 1.10 under deceleration. The lag is evident by comparing the Mach 

numbers at which the reflections passing under the aerofoil no longer impact on the lift 

performance: Mach 1.50 at steady state, Mach 1.75 under acceleration and then Mach 1.35 

under deceleration. Notably, the lag in the transient acceleration results differs from that of 

the deceleration results.   

The underdeveloped flow is also shown by the reduced impact the shock formations and 

propagations have on the downforce. For example, the sharp fluctuations seen between 

Mach 0.85 and 0.90 and the inversion in the normal force are not featured in the transient 

results. The momentary increase in downforce due to the formation and approach of the bow 

shock at Mach 1.10 is only reflected later at Mach 1.35 in the acceleration results. The bow 

shock starts forming with a lower stand-off distance than the steady state results. This is 

evident when comparing the bow shock locations in the steady state and acceleration density 

contour plots taken at a free stream Mach number of Mach 1.20 on the left of Figure 52. By 

Mach 1.30 the steady state bow shock stand-off drops below that of the accelerating aerofoil. 

Between Mach 1.35 and 1.65, the transient flow history again leads to less downforce being 

produced. After Mach 1.80 enough time has past that the transient local flow field is fully 

developed and matches that at steady state and the aerodynamic performance curves overlap 

from this speed onwards.  

The deceleration was initiated from the transient results at Mach 2.00. As the aerofoil 

decelerates there is a delay in the development of the shock reflections under the aerofoil. 

This means that between approximately Mach 1.42 and 1.15 the downforce is greater than 

that at the steady state conditions (Figure 51).  

It is noted that in Figure 52 the stand-off distance of the decelerating bow shock is the 

smallest of the three instances shown, as the flow history means it is reflecting the position 

and shape of a bow shock at a higher Mach number. 
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Figure 52: Inverted RAE 2822 aerofoil density contour plots at steady state, 176 g, and -176 g 

respectively, taken at Mach 1.20.  

After Mach 1.15 the downforce slowly increases again until Mach 1.05 as the bow shock 

stand-off distance slowly increases. From Mach 1.00 the normal shock wave on the upper 

surface moves upstream of the trailing edge of the aerofoil and as the supersonic regions start 

to shrink above and below the aerofoil the pressure differential across the aerofoil is 

gradually restored. By Mach 0.65 the normal shock on the lower surface starts moving 

towards the leading edge of the aerofoil. At Mach 0.55, the normal shock on the upper 

surface detaches and then propagates upstream as a curved shock. At this point the downforce 

drops rapidly, until the lower shock approaches the leading edge and detaches at 

approximately Mach 0.45. Without the shock waves on the aerofoil the immediate flow 

around the aerofoil becomes subsonic and between Mach 0.45 and 0.35 the pressure 

distribution tends back towards the steady state conditions. However, the down wash of the 

supersonic flow is extremely turbulent, and the aerodynamics fluctuate above and below the 

steady state case. 

 

Figure 53: Inverted RAE 2822 ratio of transient to steady state downforce performance. 
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Figure 53 is a direct comparison of the transient and steady state downforce performance. 

The maximum deviation for both the acceleration and deceleration cases occurs between 

Mach 1.20 and 1.35, where the steady state results produce lift instead of downforce. In each 

case the transient downforce differs by a maximum factor of 24.4 and 35.2 respectively. 

Between Mach 0.80 and 1.60, the downforce differs by an average factor of 2.11 under 

acceleration and 0.25 under deceleration. Thereafter the deviations in downforce respectively 

drop to an average of 1.60 % and 1.04 % respectively. 

Figure 53 shows that the transient effects are greatest within the transonic and supersonic 

regions. Transient flow history is the dominant unsteady effect responsible for this deviation. 

Transient effects are still present below Mach 0.80 with the maximum deviation of the 

transient performance fluctuating above and below the steady state by 47 % and 54 % 

respectively. These fluctuations have been represented in Figure 54 and are dominated by 

flow history effects. The fluctuation in the acceleration results comes from the 

underdeveloped flow while the fluctuations in the deceleration results come from the higher 

velocity flow field overtaking the aerofoil and the resulting down wash.  

 

Figure 54: Inverted RAE 2822 percentage deviation of transient from steady state downforce 

performance under Mach 0.80. 

In contrast, the greatest difference for the drag results is in the subsonic region, as in Figure 

55 and Figure 56. The subsonic acceleration results, between Mach 0.20 and 0.65, increase 

from steady state by an average factor of 2.94. While the deceleration results fluctuate 

between maximum ratios of -10.6 and 4.62 and decrease from the steady state by an average 

factor of -2.37 for the same speed range. Here the increased drag results during acceleration 

come from the increased inertia of the fluid. However, the fluctuations in the deceleration 

results come from a combination of flow history and the inertia of the fluid. This is seen by 
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the reversal in the direction of the drag force in Figure 55 with the flow pulling the aerofoil 

forward between Mach 0.60 and 0.40 and again below Mach 0.35. 

In the supersonic region the fluctuations in drag drop to an average of 7 % under acceleration 

and 5 % under deceleration as shown in Figure 57. The deviations in drag come primarily 

from the induced drag component and thus the flow history effects associated with the 

downforce.  

 

Figure 55: I nverted RAE 2822 aerofoil, Ŭ = -2.79° and h/c = 1.00 - steady state, ± 176g acceleration drag 

performance 

 

Figure 56: Inverted RAE 2822 ratio of transient 176 g to steady state drag performance. 
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Figure 57: Inverted RAE 2822 ratio of transient 176 g to steady state drag performance above Mach 1.00. 

The pitching moment performance for an accelerating and decelerating aerofoil is compared 

to the steady state pitching moment in Figure 58 and Figure 59. The delay in shock formation 

is clearly seen by the offset in the loss and rapid gain in pitching moment associated with the 

shock formations and bow reflection under the aerofoil. Thus, the transient pitching moment 

is dominated by flow history effects, with the greatest differences coming in at Mach 1.35. In 

the subsonic region, the variations in the acceleration results are much lower with an average 

decrease of 12 %. As with the drag performance the effects of deceleration on the pitching 

moment in the subsonic region are more difficult to determine. 

 

Figure 58: I nverted RAE 2822 aerofoil, Ŭ = -2.79° and h/c = 1.00 - steady state, 176g acceleration and 176g 

deceleration pitching moment performance 
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Figure 59: Inverted RAE 2822 ratio of transient 176 g to steady state pitching moment performance. 

 

As discussed earlier, the shift in the transient results can be seen by comparing the resulting 

shock structures on the accelerating and decelerating aerofoils in Figure 60. Mach number 

flood and density contour plots of each aerofoil are used to compare the shock systems. The 

shock locations are determined by analyzing the coefficient of pressure on the surface of the 

aerofoil or on the ground underneath the aerofoil. The normalized shock locations (x/c) and 

differences in shock position (ȹ x/c) at a free stream Mach number of 0.85 have been 

summarized in Table 6. During acceleration a negative difference in shock location indicates 

that the transient shock is ahead of the position it would be at steady state, while during 

deceleration a negative difference indicates that the transient shock is behind the position it 

would be at steady state. 

In the acceleration (middle) case of Figure 60 the shock on the upper surface has started to 

form near the half chord position of the aerofoil. The shock in the steady state case is much 

larger and has already started moving towards the trailing edge of the aerofoil. Thus, the 

accelerating shock not only forms at a higher speed than the steady state but also further 

forward. This is seen by comparing the coefficient of pressure plots in Figure 61 and occurs 

as the accelerating flow field has not had time to fully develop and reflects the flow field of a 

lower instantaneous velocity. Meanwhile, the shock waves in the deceleration (right) case are 

seen on both surfaces with the upper shock located further ahead of the steady state case by 

3 % of the chord length and the lower shock further back by 9.1 % of the chord length. In 

each case the shock structures are slightly different. The deceleration case differs the most as 

the bow shock is seen ahead of the aerofoil and the lower normal shock is reflecting off the 

ground. The wave angles of the decelerating shock waves are also slightly steeper, and the 
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decelerating lower shock has a straighter almost concave shape as it starts to move under the 

aerofoil. In the combined coefficient of pressure diagram in Figure 61, the accelerating lower 

shock almost overlaps with the steady state case. Such a result goes against the flow history 

effects seen with the other shock locations. However, even though the shock locations are 

almost identical, the structure of the shock near the aerofoil wall is different. Upon closer 

inspection of Figure 60 (left), a lambda shock system forms in the steady state case and the 

separation bubble in the boundary layers causes the oblique shock C1 of the lambda shock, as 

defined in Figure 13, to strike the aerofoil slightly further ahead. As a result, the difference in 

the shock wave locations due to flow history is almost cancelled out. 

Table 6: Comparison of the steady state and transient normalised shock locations (x/c) for the inverted 

RAE 2822 aerofoil at Mach 0.85. 

 x/c ȹ x/c 

Surface Steady Acceleration Deceleration Acceleration Deceleration 

Lower  0.836 0.835 0.927 - 0.001 - 0.091 

Upper 0.794 0.494 0.762 - 0.292 0.031 

 

 

Figure 60:  Inverted RAE 2822 aerofoil, Ŭ = -2.79°, h/c = 1.00 - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right)  Mach number flood plots and density contour plots at Mach 0.85. 
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Figure 61: Steady state (top left), 176g acceleration (top middle) and 176g deceleration (top right)  

coefficient of pressure plots for an inverted aerofoil at Mach 0.85 and Ŭ = -2.79°. 

Figure 62 shows the variation in the shock structures for the steady state and transient results 

at a free stream Mach number of 1.20. The shock locations and reflections are further 

analysed using the coefficient of pressure plots of the aerofoil and the ground directly under 

the aerofoil, shown in Figure 63. These figures also show how the stand-off distance of the 

aerofoil decreases from left to right across the results, with the steady state results having the 

largest stand-off distance and the deceleration the smallest (ŭs > ŭa > ŭd). With transient flow 

history effects, the stand-off distance in positive acceleration should be greater than that of 

the steady state as the results should resemble the flow field from a lower instantaneous 

velocity. However, below sonic conditions in acceleration there is no bow shock and as the 

flow continues to accelerate the bow shock starts forming closer to the aerofoil than it does 

under steady conditions. To track the development of the steady and unsteady bow shock 

waves, the stand-off distances from Mach 1.10 to Mach 1.50 have been summarised in Table 

7. By approximately Mach 1.30 the stand-off distance of the steady state bow shock drops 

below that of the accelerating aerofoil, as expected with the flow history effects. The shock 

locations of the bow shock and normal shock reflection are shown in the pressure distribution 

along the ground underneath the aerofoil on the right of Figure 63. The less severe pressure 

gradient of the accelerating bow shock indicates that this shock is still developing. Another 

interesting development is that the trailing edge shock of the acceleration case features a 

Mach reflection, which is not seen in the steady state or deceleration cases. 
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Figure 62: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right)  density contour plots results at Mach 1.20. 

 

Figure 64 shows the different stages of the bow shock reflection and how the stand-off 

distance of the accelerating aerofoil is greater than that of the both the steady state and 

decelerating aerofoil. The difference is less clear but after analysising the pressure 

distribution directly ahead of the aerofoil, the results in Table 7 confirm that the stand-off 

distance of the decelerating aerofoil is slightly less. Figure 64 to Figure 68 show further 

insight into the difference in the shock formation, propagation and pressure distributions as 

the aerofoil accelerates and decelerates. At Mach 0.50 the normal shocks are shown to move 

forward, overtake and eventually detaches from the leading edge of the aerofoil. These results 

are discussed in more detail in the next chapter. 

Table 7: Comparison of normalised steady state and transient bow shock stand-off distances. 

 
Bow shock stand-off in terms of ŭ/c 

Mach Number 1.1 1.2 1.3 1.4 1.5 

Steady State, ŭs -3.18 -0.82 -0.33 -0.11 -0.08 

Acceleration, ŭa N/A -0.45 -0.39 -0.25 -0.11 

Deceleration, ŭd -0.36 -0.24 -0.16 -0.10 -0.07 
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Figure 63: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state vs transient ±176g shock 

locations along the aerofoil (left) and ground plane (right) at a Mach number of 1.20. 

 

Figure 64: I nverted RAE 2822 aerofoil, Ŭ = -2.79°, h/c = 1.00 and - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right)  Mach number and density contour plots at Mach 1.50. 

 

Figure 65: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right)  density contour plots at Mach 0.50 
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Figure 66: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right)  density contour plots results at Mach 0.50. 

 

Figure 67: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79 ° - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right) coefficient of pressure plot comparison at Mach 0.50. 

 

 

Figure 68: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79 ° - steady state (left), 176g acceleration 

(middle) and 176g deceleration (right) density contour plots at Mach 0.50. 
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40 g Results 

As the Pendine test was run with an acceleration of 50 g and deceleration of 30 g, the 

transient results were run at 40 g to get an indication of the transient effects and differences in 

the shock locations between these two cases. As the experimental Pendine results were run at 

a maximum Mach number of Mach 1.08, the RAE 2822 aerofoil was initially accelerated 

from Mach 0.05 up to Mach 1.20 to cover this range. This range was extended to Mach 1.60 

to allow for the transient results to converge with the steady state conditions. Figure 69 

provides a comparison of the steady state and transient downforce results. The transient 

results are slightly shifted to higher Mach numbers than the steady state results and up until 

Mach 0.70 this leads to a reduction in downforce at each instantaneous velocity. The shift in 

the transient results means that for most of the remaining speed range the instantaneous value 

of the transient is greater than that at the steady state velocity. 

In the case of deceleration, the shift is reversed with a sudden drop-off in downforce as the 

trailing edge shock wave overtakes the aerofoil. During this period, the drag is higher than at 

steady state conditions. Thereafter the drag drops dramatically and between Mach 0.70 and 

0.50, two periods of thrust are produced as the air flows upstream over the aerofoil, as 

illustrated by the negative drag values seen in Figure 70. As the aerofoil continues to 

decelerate, the downstream features from the wake overtake the aerofoil and sporadically 

disrupt the pressure distribution over the aerofoil. 

 

Figure 69: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state and 40 g acceleration 

downforce performance comparison. 
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Figure 70: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state and 40 g acceleration drag 

performance comparison. 

The steady state and transient drag and pitching moment performance is compared 

respectively in Figure 70 and Figure 71. The transient drag and pitching moment results 

fluctuate above and below the steady state results in both the subsonic and transonic regions 

and are discussed in more detail in the next chapter. The similarity in the upper and lower 

shock locations during the 40 g deceleration from Mach 0.75 to 0.65 have been illustrated in 

Figure 72. 

 

Figure 71: Inverted RAE 2822 aerofoil, h/c = 1.00 and Ŭ = -2.79° - steady state, 40 g acceleration and 40 g 

deceleration pitching moment performance comparison. 

 




























































