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ABSTRACT

Inspired by the world land speed receomhicles the Thrust and Bloodhousdpersonic cars
(SSC), the focus of thiglissertationis to investigate how rapid acceleratiaffects the
formation of shock waves coming off an object travelling in groufiece Due to the
proximity of the ground, these shock waves are not able to freely propagate under the object
and must interact with, and reflect off, the ground. Steady state and transient models of
aerofoils, accelerating from Mach 0.05 tabh 2.@ ata test run acceleration of 3 g and an
extreme acceleration of 1¢pare developed and compared to reveal that the transient shock
wave developmentrails that of the constant velocity aerofoil. The main reason fm& th
differenceis that the transient flow is unable to fully develop and reach a state of equilibrium.
The extreme acceleration allowed even less time for the flow to develop, aiffétence in

the shock locatiomontinuouslyincreasedhroughoutheaccelerationThe samedifferencein
shocklocation was evidentwhen thesemodelswere deceleratedack down to Mach 0.05
However, the extremedecelerationand increasingdifferencein shock location drastically
changedhe transonicand subsonicflow field, especiallyasflow featuresand shockwaves

from the highervelocity flow overtookthe model.In eachacceleratioranddeceleratiorcase,

the transientflow history effects subsidedand the aerodynamicperformancefrom the
transient analysis convergedwith the aerodynamicperformancefrom the steady state
analysis.Under accelerationthe transientperformanceconvergedat a higher steadystate

Mach number, while under decelerationthe transientperformanceconvergedat a lower
steadystateMach number.As the magnitudeof the acceleratiorand deceleratiorincreased

the Mach numberat which the resultsconvergedshiftedto higherandlower Mach numbers
respectively.Modelswith different orientationsand ground clearancesvere also compared
againsteachotheranda caseat free flight to determinethe impactgroundeffect hason the
formationsandlocationsof the shockwaves.Increasinggroundeffectwasshownto promote
theformationof shockwavesundertheinvertedaerofoilandin generaldelaythe propagation

of the bow shock betweenthe model and the ground. Once the bow shock propagations
passedunderneathhe models,the resultingflow field convergedwith free flight conditions

and groundeffect no longer had an impact on the supersoniaerodynamigerformanceof
thesemodels. Under some conditions,the combinationof ground effect and the transient

effectsof acceleratioror deceleratiortancausedangeroudift andpitch conditions.
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1 INTRODUCTION

1.1 Purpose of the Study

Develop a transient numerical model of an accelerating and decelerating flow tedtdirto
investigate shock behaviour in ground effect, with relevance to the Thrust Supersonic Sonic
Car (SSC).

1.2 Research Background

In Septembefl997, the Thrust SSQFigurel) set a new world land speed record of 714 mph
(1149 km/b, exceeding the previous land speed record of 634 mph (1020 ket/lby the
Thrust 2 At a top speed of 763 mph (1228 km/h) the Thrugie8sonic Car (TSSQ)e@me
the first carto break the sound barri@figure?2) [3].

Figure 1. Thrust SSC in Black Rock Deser3] Figure 2: Aerial photo of the bow shockwave coming
off the Thrust SSCJ3]

Before attempting the world land speed recaxtensive Computational Fluid Dynamics
(CFD) simulations were carried out to prove the feasjbdf building a supersonic cafro
validate these resulta one twenty fifth scale model of the TSSC was tegs#aga rocket
powered sledn a railway in Pendine, WaleShe model was accelerated at p@rom O

800 mph in 0.8sin order to replicate the pressuresttivuld bepresent on the full scale
TSSC[4]. Pressure taps were placed at multiple points along the length of the model and the
pressure data was compared to the CFD pressureTdetaqressure correlation between the
CFD and Pendine teslata is illustrated irFigure 3. The graph shows a high correlation
between the two sets of data exick four outlying data pointslhe outliers all occurred at
speed<lose to the speed of sound M0.96, M1.05 and MITB& disecepancy could be as a

result oftransaic or supersonic floieatureq5].



Figure 3: Correlation between CFD pressue resultsand Pendine test pressure readingat different Mach
numbers[5].

Upon further inspection these outlying data points relate to pressure taps located near a large
shock that developed across the center of the underbody as shégui®4. The reason for

this discrepancy is that the experimental results and simulation results predict slightly
different positions of the underbody shock. The CFD predicts the shock to be behind the
pressure tap while the experimental results indicate it to be in[BhnThese results were
collected prior 1997 and unfortunateippst ofthe numerical and experimental resultséa

been lost Figure 3 as well as a couple of pressure measurentaken from the Pendine
modelwere the anly results recoveredrhe below CFD images were reprodudeain the

geometry of the TSSC model that was used in the Pendiné tests.

Figure 4. CFD pressure distribution across the lower surface of the Thrust SS(5].

1 The contour values were not provided by our collaborator at U. Swansea, Prof. B. Evans.



The CFD simulationswere conducted by Prof..®lassan at the University of Swansesng

a FLITE CFD modding system, wheran inviscid steady statsolverwas used5]. The
development of transonic flow features may not be accurately predicted by the steady state
inviscid CFD models used.

The Bloodhound SSC (BSSC) is attemptindbteak the current world land speed record by
exceethg 1000 mph (1609km/h) approximately MacH.4. The CFD conducted on the
Thrust SSC abovavas vital in the development of the BS$. The TSSC and BSSC are
unique examples of accelerating addceleratingtransonic and supersonic flow near a
stationary boundary and offer an ideal opportumityfuture to obtain the validation data
required to verify a numerical model of accelerating deceleratingsupersonic flow near a
stationary boundaryThe BSSC was initially designed withrogrammablewinglets to
counter the variations in wheel loadiag the aerodynamic forces and pitching monvery
with the velocity of the vehiclgd].

1.3 Research Motivation

Producea transient CFD model of an acceleratargl deceleratingground level supersonic
flow field and analyse the shock wave formation and boundary layer interactioh. a5
model could be used to study the flow field ather objects travelling at transonic and
supersonic speeds ground effect. Br example ballistic projectiles, high speed tra[6$,
low flying aircraft, wingin-ground (WIG) vehicle$7], maglev launched spasehicles[8]

and tube transport systems

Validation data in accelerating aerodynamics is extremely rare, as explained below. The
present project will therefore work from validation in free flight and acceleration towards an

understanding of ground effect in the transonic range. Based on the present work, a
comparison with the Pendine rocket sled data would be possible in future work, providing a

unique addition to the validation literature.

1.4 Problem Statement

The investigation ohow accetration andleceleratioraffectthe development of flowround
an objectravelling at subsonictransonicand supersonic speedgth close proximity to the

ground



1.5 Research Objectives

The followingobjectiveshave been set for this research

1 Determine the influence of ground effect on the flow field around an object and the
resulting shock system as it approaches the ground in subs$mspnic,and
supersonic flow conditions

1 Investigate the effects of acceleration and deceleration on shock wave formation and
developmenbn an aerofoitravellingnear a stationary boundary



2 LITERATURE REVIEW

In order to break the world land speed record, the Bloodhound &$€lerate and
deceleratest up to 3 g and3 g, to reach its top speed and then s&gjely. In this case the

flow field is constantly changing and there is no time for the flow to reach a steady state of
motion. As the vehicle would be accelerating to dedeleratingrom supersonic speeds, it

will experience subsonictransonic, and supersonic flow conditions. Throughout this
acceleration, the vehicle will be traveling in ground effect iainsl possible that acceleration
effects may contribute to unexpected loads on the vehistesuch, any disruption to the

downforceor pitching momenitvould be extremely dangerous and potentially catastrophic.

The researchquestionis to determinehow rapid acceleration andecelerationaffects the
shock formation on lifting bodies in transonic and supersonic ground effect. In turn, how

would these effects impact on the aerodynamic performance and stability of the lifting body?

2.1 Unsteadyflow effects due to acceleration andeceleration

Early work consideedthe flow field around a particle moving at constant velocity or steady
state velocity can be described igure5. The particle on the left is travelling the rightat
a constant subsonic velocity while the particle on tight is travelingat a constant

supersonic velocity.

(a)
Figure 5: A particle moving at a) constant subsonic velocity and b) constant supersonielocity [9].
Now consider a particle accelerating from subsonic to supersonic velocities Eiguyers;
the resulting flow field would consist gtibsonic effects propagating forward at the speed of
sound and supersonic effects caused by the shock watasing up and over taking the
subsonic effects. As the particle théxceleratesrom the supersonic to subsonic conditions,



the shockwaves continue to propagate slowly dissipating as they progress; with the particle

now falling behind as it continues decelerat¢9].

Figure 6: A particle accelerating from subsonic to  Figure 7: An accelerated particledeceleratingfrom
supersonic velocity[9]. supersonic velocity tasubsonic velocity[9].

By comparing the two cases, it is evident that the flow field at a chosen constant velocity will
yield different results to the flow that has been acceleratel@@eleratedo attain that same
chosen velocity. The extent to how the differences in the constant velocity case and
acceleration andeceleratiorcass impact on the formation and dissipation of the resulting

shock systerereinvestigated.

Research over the last 15 years has identified ttteatabove differences in the steady and
unsteady case apgimarily due to either transient flow histooy inertid effects[10], [11].
Transient flow effects arise from the fact that when a body is accelefaimgone state to
anotherthe flow field does not have sufficient tinte develop taa flow field that would be
present athe highersteady state or constant velocity conditidnsteadthe developing flow
field at a given velocity resembles thateofowerconstant velocityAs the flow continues to
accelerate the developing flow is unable to reach the new flow conditiortheaitference

between the developing flow and constant velocity flow incsease

Transient studies conducted oRAE 2822 aerofoil at freélight conditions revealed that the

accelerating aerofoil featured a reduction in lift and an increase in drag in the subsonic
region, while for the decelerating aerofoil the inverse was true. The effects in the transonic
and supersonic regions fluctuated, with the biggest differences featuring in the transonic

region[10].



The inertial effects of acceleration are the changes in the apparent mass and inertia of a body
due to its motion. These effects can have a significant impact on the aerodynamics of a wing,
especially at high speeds and angles of attack. One of the main inertial effdictsar

forward accelerations the increase irand movement of thetagnation pressuren the

leading edge o& wing or aerofoi[12]. Another inertial effect is the change in the pressure
distribution over the wing due to the acceleraiiotiuced flow. This can affect the stability

and control of the wing, as well as the generation of shock waves and way&Qjragthird

inertial effect is the variation in the Reynolds number due to the acceleration of the wing.
This can alter the boundary layer behavior and the transition from laminar to turbulent flow,

which can affect the skin friction drag and the heat transfer on the[¥8ihg

During the uniform acceleration of an RAE 2822 aerofoll, inertial effects were shown to

dominate the subsonic and transonic flow field right up until the bow shock forms ahead of
the aerofoil. Thereafter, the flow history effects dominate. The same was true for uniform
deceleration, but with the inertial effects dominating further into the subsonic region as the

surface shocks over take the aerofoil and propagate ahead of the §&2¢foil

2.2 Transonic Flow

The transonic flowegimeis considered to exist betweerabh 07 and1.2 andis dominated

by both subsonic andupersonic flow physicsThis meansthat transient flow fieldsare

highly nonlinear and difficult to model mathematicallidiowever, with the recent use of
acceleration models in CFD, more light has been shed on this area of flow research. All CFD

models require experimental results in order to validate the obtained numerical results.

Validation data is the next major obstruction to analysiogeleratingransonic flow.The
best data currently available is from a Japanese ballistic fadb#or a decelerating sphere
Available rocket sled data appears to be limitethotest results conducted at the Pendine
facility on a 1/2%' scale model of the Thrust SSC.

In some applicationsupersonic and subsonic flow reginreay be modeled asviscid, as

the inertiaand pressureffects dominate the viscous effects. Thigug for most of théulk

flow field. However, in this research the viscous effeots the transonidlow are an
important consideration as the flow of interest is in the gap between the object and the
ground, and separation abdundary layer effectsiay influence the position of shock wave

andthetype of shoclsystem



2.3 ShockWaveTheory

2.3.1 Normal Shock Waves

A normal shock is an irreversibiscontinuity in anotherwiseideal gas flow where the
upstream and downstream velgcitectors of the flowemainperpendicular to the shock.
Although the flow does not change directitivere isan almost discontinuous changetle

magnitude of the flow velocitypressure, temperature and densatyross the shocls

illustrated byFigure8 [15].
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Figure 8: Qualitative illustration of the variation of flow field properties across a normal shock wavgl5]

2.3.2 Obliqgue Shock Waves

An oblique shock waveccurs wherthe downstream flow makes an oblique angle with the
upstream flow; this can occur when supersonic flow is forced to turn into or away from itself
Whena corner in thewall turnstowards the flowdirectionin a concave cornea single
discontinuous shock wave is formerchile a series of oblique pansion waves occas the

wall turns away fromthe flow directionor expandsover a convex corneforming an
expansion fari as illustrated irFigure9. Unlike the singladiscontinuousblique shockthe

flow properties change continuously throughout the expansionFanthe flow toremain

parallelto the wall the flow is rotated by the deflection angleas it crosses the ohlie

shock wave or expansion f§lb].

(b)

Figure 9: Supersonic flow over a (a) concave corner and a convex corner (b) causing a single oblique
shock wave and expansion fan respective[{5].



2.3.3 Detached Shock Waves

In the previoussection the oblique shock and expansion fan are considered attached shocks
as in both caseabe shock originates from the cornArdetached shock wave forms when the
deflection anglaf is too large for the flow to rotate parallel to the wall via a straight oblique
shock wave. As a resula curved and detached shock wave forms ahead of the d¢orner
rotate the flowi as illustratedon the right ofFigure 10 (a). The maximum deflection angle

for the flow to remain attached is defineddasx for a given Mach numbeiThe maximum
allowable deflection angle increases as the Mach nuwib#re flow increasesThe same
physics apply for supersonic flow ovemadge,Figure 10 (b), where the shock waves are
attached to the nose tife wedge and detach further upstream when the deflection angle of

the wedge is greater than maximum deflection arfpednax.

Corner flow

(a)

(b)

Detached shock

Figure 10: Attached and detached shock waves for corner flow and around a wedgfs].

In the case of a blunt bodwherethe leading edge is curvexhd does not have a defined
corner at the leading edge curved detached bow shock wave is formpstream. The bow
shock is displaced from the nose of the bodydlsyance i, which is defined & the shock

detachment distanger stanebff distanceas shown irFigure1l.



Figure 11: Supersonic flow over a blunt body{15].

At p o i rriguredlatbedaownstream andpstream flowis perpendicular to the shock

wave andhusa normal shock wave occurbhe shock wave starts to curve and vesa&s it

moves away from thipoint The wupstream f | owecaerate@snity f r om
approaches the wall and impacts perpendicularly to the leading edge, thus stagnating at this
point. Flow is deflected along the wdlom this point. As the flow diverts around the blunt

body, the flow accelerates as it moves downstream of the nose and eventually becomes

supersonic again, hence forming a small region of subsonic flow at the nose of tfig3)ody

2.3.4 Shock Formation on an Aerofoil

Consider an aerofoil in subsonic flow, illustratedFigure 12, as the flow passes over the
upper surface of an aerofoil it expands and starts to acceldr#tte subsonicfree stream
velocity is high enoughthis acceleration can cause the flow to become locally supersonic
forming a region of supersonic flowhe velocity at which the flow over the aerofoil first
becomes sonic is considered the critical Mach number and varies depending on the
aerodynamic profile of the aerofolhownstream of this supersonic region of flaanormal

shock wave formas the flow returngo subsonic conditionsAs the free stream velocity
increasesa shock wave on the lower surface of the aerofoil starts to. fimeneasingthe
velocity even furthecausesboth supersonic regions tgrow andthe normal shocksove
towards hetrailing edge of the aerofoil. As the free stream flow becomes superadmaev

shock forms at the leading eddegure 13 illustrates the regions of separated flow that form
behind the normal shock wave when the adverse pressure gradient near the surface is large

enough to cause reversed flflb].
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Figure 12: Shock wave formation on an aerofoi[15]. Figure 13: Shock wave formation on an

aerofoil with flow separation [16].
2.3.5 ShockWave Reflections

An important consideration when investigating objects traveling supersonic negotimel

is the way in whichthe shock waves that develépm the body interact with the groundh

the case of anblique shock wavdeveloping ora wedge, as shown Figure14, two shock
patterns are possible. The first case the left is a regular reflection where the incident
wavelabeled,| rotates the flow down teards the ground-or the flow to remain parallel to
the wall the reflected shocR forms to rotate the flow upwards and parallel with the wall
againi as illustrated by the dashed streamline.

The second case is a Mach reflectiwhere the wedge anglelerger,and the incident shock
is too strong for a regular reflection to rotate the flow parallel to the sudacaresult,a
Mach stemM is created normal to the surfa@nsuring the flow remains parallel to the wall,
with the incident and reflected shock forming above the Mach Steimthreeshocksystem

is called a lambda shocKhe reflected shock and Mach stem have different stremagith as

a result the velocities of the flow behind these shock waves are diffefdrd. viscous
interadion between thesevo flow regionsof differing velocitiesresults in the formation &t
slipstream separating the different regions. The streamlmgates from where these three
shocks meet, known as the triple pqiti].

11
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streamline
Regular reflection (RR) Mach reflection (MR)
Figure 14: Regular and Mach oblique shock reflectiong17].

Transitions are summariség Matheis and Hickdll8].
2.3.6 Boundary Layer Interaction

An important consideration iwhat happens asshock wave interacts withkmundary layer.

Two types of interaction are possible and depend on whether separation occurs at the wall.
Separation occurs when the adverse pressure gradient is large enough to cause the flow near
the wall to reverse in direction, thus creating a separation babbi¢ational flow.Figurel5

illustrates a boundary shock wave interaction without separation and how the boundary layer
starts tadeceleratéhe normal shdcwave as it approaches the walr].

As Figure 16 illustrates, the flow near the wall has reversed in direction as it flows over the
curved surface, forming a small region of separated flow. This region of separated flow
forces the flow to turn in on itself and an oblique shock wave (C1) is formed as a result. The
obliqgue shock propagates to the normal shock wave (C3) and by compatibility conditions a
third trailing shock (C2) is formed as the flow transitions back to subsonic conditions. These
three shocks form a lambda shock system and the separated flow causes a significant increase
in drag[17].

12
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Figure 15: A normal shock wave without boundary layer separation. BetDor et al.(2001)[17]

Figure 16: A normal shock wave with boundary layer separation, forming a lambda shock. Bebor et al.
(2001)[17]

The detailed modellingpf such a systerhas not been a focud this broaderresearchout

could be included in further woilk 7].
2.4 Numerical modelling techniques

The CFD software chosen to simulate tlogv is Ansys Fluentand thefollowing techniques

were recommended, by Fluentp investigate the constant velocity and accelerating flow
fields. Roohani 201linvestigated the unsteady aerodynamics of accelerating bodies at free
stream conditiondy using and expanding upothese techniqueslhe research focuske
primarily on the aerodynamic&nd shock wave dynamiasf bi-convex and RAE 2822
aerofoils accelerating and decelerating at an extr@midemoderate magnituad 106 g and
8.845 g respectivelji 9].
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The current research builds on tihksearch by using the same technigared usedefined
function (UDF) to investigate the transient effects of acceleration and deceleration in

combination with ground effect and the orientation of the RAE 2822 aerofoil.
2.4.1 Techniques for constant velocity cases

The flow around an objectan be modetl numerically by eithemovingthe body through a
statonary fluidin an inertial frameor by movng the fluid in the opposite direction over the
stationary body to produce the equivalent result. The formerisdggwn as the moving
referenceframe technique andan beset up by moving the object and themerical grid
simultaneously at the chosen velocity, while keeping the fluid stationary ap#gieeam and
groundboundates Alternatively, the modelnd the gridnust be set up such thie object
is kept stationary and the fluid is moved around the olojettte nonrinertial relative frame.
When modelling an object moving at constant velocity in compressibleifidhe relative
frame pressurdar-field boundary conditionsre appropriateWith this method, the free
stream velocity which may be a function of timés set at the boundaries of the domain
Thus, the flow field generated by thelative frametechniquematchesthat of the moving
reference frame technique: as shown by comparing the following pressure plots generated by

each technique, iRigurel17.

(a) (b)

Figure 17: Pressure flood plot comparison of an aerofoil moving at M0.85; modelledsing (a) the moving
reference technique and (b) the pressuréar-field technique[19].

The above results were obtained using the CFD solver Fluent for both techniques. These

results were for an aerofoil moving at constant velocity.
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2.4.2 Technique for accelerating objects in compressibl#uids.

To model acceleration i noninertial reference frame, the presstaefield boundary
conditiontechnique can no longer be ussdhout source termsThe reason for this is that

the velocity changes at the boundary propagate through the fluid at the speed of sound.
Thereforeas the flow develops, a pressure gradient is set up through the flow field that is not

representative of the flow. An example of this pressure gradient is givieigung18.

The flow is now transient and thmundaryvelocity increases and decreases instantaneously
as the flow accelerates awnl@celeratesin order for the pressufar-field technique to be

used and simulate the physical case in reality; the velocity of the entire flow field must be
increased uniformly and not just at the boundary. This uniform acceleration can be achieved
by applying dJDF that incrementally accelerates each particle in the flow fiedderty time

step. This model can be constructed by includimgrce terms into the UDF.

I 1.03e+05

-

S50+ 04

Figure 18: Pressure flood plot produced by the constant acceleration of the fluid at thgpstream
pressurefar-field boundary [19].

These source terms are based on the mass, momentum and energy equatwaee and

derived by considering the rate of age ofthese properties at each point in the fla®]:

Mass source [kg/ffs] § QE§ Qo
WE

Q-

Qo
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In reality, the object is being accelerated andthetfluid around it. Thereforen orderto
correctly model the flow physicthe acceleration terms in each of the above equatiens
imposed on the fluidt is also important to note that the velocity term in the above equations
refer to the velocity of object relative to the ground or in this case, the ground relative to the
stationary objectAll other property changesevelop in the flow naturally; as they would in
reality. Hence, by retaining only the terms with acceleration, the above source term equations

simplify down to:

Momentum source [N/f o gu
Qo

Energy source [W/A} o U%U
0

By including the above source terms to tle&tive frametechniqueabove the flow field
throughout the domain sow simultaneouslyacceleratedas can be seen Figure19. The
same domain was used as tase inFigure18, butthe pressure distributios now uniform
throughout the domairgxcept for the localized effects of the aeroftihe acceleration and
deceleratioreffects can now be more accurately simulated using this techiibisemethod
of acceleration is known as ttemurce termtechnique[20] and has been validated and
verified by experimental data andn@oving reference framtechnique developed to study

decelerating supersonic flow fiel{&l].
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Figure 19: Pressure flood plot of a uniformly accelerated fluid using the pressuréar-field technique with
source terms[19].

2.5 Ground Effect

In free flightthe flow field around the aerofa unrestrictedWith increasing proximity to

the ground, the flow field below the aerofoil is altered as the phermmwground effect
comes into considerationvarious studies have been conducted on the aerodynamic
performance of lifting bodies near a stationary boundary, both for upright wings or aerofoils
producing positive lift and inverted wings or aerofoils pradgmegative lift ordownforce

[22], [23], [24], [25], [26], [27] In both cases it was shown that the increased proximity to
the ground enhanced the lift amldwnforce produced by the aerofoil. However, for the
upright aerofoil the increase lift was due to the rise in pressure of the constricted flow under
the aerofoil, while for the inverted aerofoil the flow under the aerofoil is accelerated

increasing the suction pressure oe kbwer surface of the aerof¢a8].

Prior research has been conducted on aerofoils in ground effect travelling at s{®2pnic
[29], [30], [31], [32], [33] transonic[34], [35] and supersoni36], [37], [38] speeds. The
shock fornation on the lower surface of RAE 2822 aerofoil was shown by Doigt al. to

have a destabilizing effect on the pitching moment arsigaificant loss in aerodynamic
efficiency once the shock was formekkrodynamic efficiency is defined #éise ratio of the

lift produced byan aerodynamic body or aerofad the aerodynamiadrag caused by that
body or aerofoil moving through the dit5]. Proximity with the ground also lowers the
critical Mach number, causing the shock on the lower surface to form earlier and further

17



decrease the aerodynamic efficiency andplitiducing range of the aerof¢84]. The above
studies were all conducted at steady state conditions and the transient effects from

acceleration andeceleratiorwere not considered.

Previously publishedhvestigationsby the present authoon a NACA 0012[1] and RAE

2822 aerofoil2] acceleratingat 176 gin ground effet confirmed thathe accelerating flow

field resembledhe flow field of a lowerconstant velocity cas&@wo ground clearances were
considered in the RAE 2822 aerofoil investigatiorshowthat the reduced ground clearance
increased the pressure under the aerofoil and delayed the movement of the bow shock and its
reflection under the aerofoil. The NACA 00X2udy also identified that viscous effects
slightly delayed the bow shock wave as it interacted with the ground ahead of the aerofoil.
This investigation combines both studiesfbyther analysing the influence of acceleration,

deceleration and ground effect on shock location ancethéting aerodynamics.
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3 NUMERICAL MODELLING

The CFD software chosen to simulate filmv is Ansys Fluent The pressure far field
technique was used to set tliee streamvelocity for both the steady state and transient
numerical simulationsin order to accurately capture the shdokmation andlocation a
viscous densitybasedsolver was usetb account for the compressibility and viscosity of the
fluid. The fluid was modelled as an ideal gasl the Sutherland law wasagktocalculatethe
viscositychanges with temperature

The main velocity range of interest is that of the TSSC and BSSC, from Mach 0.05 up to
Mach 1.40; however to further understand the influence of ground eftbes was extended

up tovelocitiesof Mach 3.Due to the complexity and computational resources required to
study the full TSSC geometry, the stuihcuses mainly onhe shock development on and
aerodynamics of a supercritid@AE 2822 aerofoil.The RAE 2822 aerofoil was chosen due

to thelarge extent ofiterature and validation cases run on this aerofoil.

The following modelbf a2-D RAE 2822 aerofoilwas set up and agxample of the domain
usedis shown inFigure20. To allow for any local flow field effects to dissipate and reach far
field conditions the domain was set with 15 chord lengths above the aerofoil and 20 chord

lengths before and after the aerafoll

20¢ ¥ 20¢

Mground = M i h

Figure 20: Domain, boundary settings and meshing technique used for all treerofoil models.

The domain was set up with a moving ground wall below the objatferent ground
clearancesvereusedand compared against a free flight (no ground effeafeto investigate

the influencegroundeffect hadon the flow field and shock wave developmértie ground
clearance (h) was reduced from one characteristic chord length (c) down to 5 % of the chord.
The chord was scaled up from the AGARD case 9 geometry by a factor of 5 and set at 3.05 m
to increase the Reynolds numbé&rsa more practical valuthat isreflective of reaworld

flight conditions From this point érward the ground clearance is referred to by the ratio, h/c,

for examplefor a ground clearance of 5 % of the chord lenditit, = 0.05.Inflation layers
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were applied to the walls of the aeroflensurey/-plusvalues were either below 1 or above
30. The sizing for the elements closdstthe surface of each modelbdased on the distance
covered bythe flow field in a single timstep at the highéselocity considered at Mach 2.4

For consistency the same mesh is used for the steady statemsidnt angsis. With the

final time stepused being 610° s, he aerofoil has @& edgesizing of 4.9 mm(0.16 % c)
along the profile othe aerofoiland the immediate ground plane under #eeofoil. The
sizing was also ibs slightly withsmaller elements being used near the nose of the aerofoil
and larger elements towarthe tail.

Thefollowing sign conventions were usedthis investigation: right as the positidéection
of the horizontaflow over the aerofojllift as the positive normal force upwards, downforce
as the negative normal fordewnwards dragas thepositivetangential forceo the right and

angle of attack and pitching moment as positive in a-dosanor anti-clockwise direction.

3.1 Steady state flow analysis

For the steady state cas#s velocity wasincremented by MchO0.1 through the subsonic
region, Mach0.05 through the transonic and themd0.1 again in the supersonM/here

further detail of the developmenf the flow and shock waves wasquired, these intervals
werereduced,and the mesh refined to better understand and capture the flow pAyscs.

flow Mach number was set at the pressure far field and the corresponding velocity was set at

the ground wall, with the velocity of the aerofoil set to zero.

3.2 Transient flow analysis

In order to investigate the acceleration aedeleratioreffects,noninertial reference frame
transient simulationare necessary to model the flowluent is unable to model nenertial
reference frames antserd e f i ned f u n c teirequired to(modelkhé actelenatmn.
The pressuréar-field techniqueandthe added momentum and energy source terms (derived
in section2.4.2 wereused to model the flowrhis UDF isinterpretedoy Fluent and workin
conjunction with the solveto uniformly increment or decrease the velocity of the fluid
throughout the domain and apply the momentum and energy source t@vesydiime step.
Multiple iterations at each time stegereconsidered, in order to correctymulate the flow
physics andallow for adequate convergenoé the fluid properties for eaciime step. The

flow is accelerated from Bch 0.20up to Mach2.40 and snapshots of the floweretaken at
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various speeds andompared against the constant velocigsults to determine the

acceleration effects. The same proceduasadopted to analyse tlieceleratioreffects.

Three different acceleratisrwere used in the transient studdn extreme acceleratioof
approximately 176 dpased orsurfaceto-air and aifto-air missiles a moderatecceleration

of 40 g taken as thewverageacceleration and deceleratiohthe Pendinegocket sledand a
relatively low acceleration of 3 @pplicable to fighter jets and the Bloodhound and Thrust
SSC vehicles.

3.3 Applying the Source Terms

The source termwere applied to the flow bya UDF that features a series of programming
loops that continuously update the Mach numbsmentumand energy of the flow, as it
accelerates andeceleratesA functionwas definedo increase or decrease the Mach number
of the flow at every time step. Nextinctionsfor updating the momentum and energy in each
element of the fluidvere defined using the simplified momentum and energy source term

equations derived in sectidh4.2

As only constant acceleraticeand deceleration cases were considetfeglmomentum source
termremainedconstant and owlthe energy source term wagdated with each time stefin
example of the code used to update this energy source term for constant acceleration is given

in Appendix A.

3.4 Validation

Due to the scarcity ofalidation models for acceleration and deceleration moibelsan

aerofoil in ground effectthe validation has been broken into thpFeasesThe first phase
was to validatehe RAE 2822aerofoil modelagainstexperimental and numerical studigts
free flight andsteady state conditions the secongbhaseground effect wastroducedand

these results wereompared againgground effect studiesf the aerofoilat steady state
conditions The last phase was these ofindividually validatedsource termand moving

ground planenodek to produce the transieatceleration and deceleratiggsults.
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3.4.1 MeshIndependence

The RAE 2822 validation model was setmatch he geometry angharameters ofase 9 of
the AGARD experimental stud§39]: Mach 0.73, a wind tunnel corrected angle of attack of
2.79° [34] and Reynolds number of 6.5 x®(based on a chord length of 0.61 r&pur
meshes wereonsidered for th®AE 2822 aerofoilind the results have been summarized in
Tablel.

Table 1: Mesh independence study for the RAE 2822 Aerofoil

Intermediate rash
Mesh Coarse | Intermediate Fine _ .
with adaption
Elements | ~ 600000 | ~ 1800000 | ~ 3200000 ~ 2400 000
CL 0.820 0.816 0.815 0.815
Co 0.0186 0.0182 0.0176 0.0178

The intermediateneshwith adaptionwas chosems the results were comparable to the finer
meshes ancdoverall, more efficient, especially when used for the transient runs. Grid

adaptions were theapplied toimprove the resolution of the shock waves.
3.4.2 Steady state free flight conditions

Theresults from the adapted intermediate meshevalidated against the experimental data
from case 9 of the AGARD experimental sty89] and the Validation 11 case provided by
Fluent for a transonic flow over an RAE 2822 aerofbiile meshes of the Validation 11 case
are discussed in further detail by Coak|dQ]. The results aresummarized infable 2 and

showed good correlation with the experimeutadinumericaldata.

Table 2: Validation results of an RAE 2822 aerofoil at AGARD "case 9" conditions.

Mesh Model Lift (CL) Drag (&) Shock (x/c)
Adapted mesh SpalartAllmaras 0.815 0.0138 0.53
Experiment 0.803 0.0168 0.52
. Realizable kU 0.825 0.0181 0.52
\;' Hybrid SST k¥ 0.781 0.0164 0.50
L SpalartAlimaras 0.815 0.0171 0.52
_-8 Realizable kJ 0.828 0.0181 0.52
E Quadrilateral SST k¥ 0.782 0.0163 0.50
SpalartAllmaras 0.817 0.0170 0.52
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3.4.3 Turbulence models

The SpalarAllmaras turbulence model was shown to be the most applicable model for the
free-stream transient studyl1] andwith reference tdrable 2 this proved to be the case in
this investigation as welDut of the three turbulence models considered the Syhdlararas

results on average had the Ilowest deviation fromthe experimental results
3.4.4 Transonic flow featuresin ground effect

The numerical results obtained on an aerofoil in increasing ground effestalidated
against various sources for subsofiansonicand supersonic flowy comparing the results
and shock structureSubsonic resultarerevalidated against research conducted by \éigt
al. on subsonic upright and inverted aertsfoat various ground clearancg8]. Higher
transonic and supersonic velocitie®re validated against the research on transonic and
supersonic ground effect and shock eefions investigated by Doi@?2]. For example, the
correlation in shock structures found in the transonic study conducted byeDaigare

illustrated byFigure21to Figure23 at two different Mach numbers and clearances

The moving ground wall model used in this investigation and by Bb®)., shows strong
correlation with the mirrermage method that features a symmetrical ground plane under the
aerofoil and experimental data, where a moving conveyor belt wag satderneath the

stationary aerofoil to represent the moving gro[448].
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supersonic flow

ground plane

. 1.

Figure 21: AGARD case 9 validation with ground effect, validation model (bottom) against validated
results from literature (top). Ground clearances of h/c = 1.00 (left) and 0.50 (righfp4].

Figure 22 Comparison of the Mach number contours produced by the validation model (right) against
existing validated research (left[34])

Figure 23: Comparison of the Mach number contours produced by Doigt al (2012) left and the
validation model (right).
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3.4.5 Time step independence

For each transient simulation the time step size was estimated by calculating the approximate
time for the flow to pass through an element on the surface of the geometry at the maximum
flow velocity for the case being considered. For the RAE 2822 aerofoils the maximum speed
considered for the transient runs was Mach 2.40. With such a large speed range the overall
simulation run time became a factor in the sizing of the time step. The time step size chosen
for the maximum acceleration case of 176g was 8xd,(s thided to a stable solution and
allowed 4000 time steps per Mach 0.05 increase in the velocity of the flow. For the 3g
acceleration cases, the time step was increased to 3.6%xIBe much lower acceleration
allowed for a more stable solution ati larger time stepignificantly decrease simulation

run time. For the 40 g acceleration, the considered seept vas from Mach 0.05 up to

Mach 160 and the most efficient time step size was 4.9 X 4(B000 timesteps per Mach

0.05 interval) For each time step aarimum of 100 iterations was required for the solutions

to converge.

To improve computational efficiency and evaluate tistepindepenmlerce, the sensitivity of

the aerodynamic coefficients to time step size was evaluated using the 3 g acceleration case
of the inverted 2D RAE 2822 aerofoil and the results are summarize@aiple 4. In each

case the aerofoil was accelerated from Mach 0.20 to 0.25. The coefficient of drag featured the
greatest sensitivity;1.72%, to the increase in time step size followed by pitching moment,
0.65%, and then lift;0.35%. A strong correlation was shown acrosscseshowever,the

larger time steps lead to minor fluctuations in #eeodynamic performance and in some of

the cases théransientsolution diverged.The smallest time step was chosen in order to
minimize these fluctuations and increase the stability of the transient soldsisuch the

simulations wereomputationally expensive and had to the run over tgggeods of time.

Table 3: Variation in aerodynamic coefficients with increasing size of time step

Time steps per Time step size

Case Mach 0.05 ©) Ci Cd Cm (0010 PG PG
1 16000 3.69E05 -0.9321 0.0144 -0.1222 0.00% 0.00%  0.00%
2 8000 7.37E05 -0.9301 0.0144 -0.1218 -0.21% -0.58% -0.36%
3 4000 1.47E04 -0.9289 0.0143 -0.1215 -0.35% -1.15% -0.59%
4 2000 2.95E04 -0.9287 0.0142 -0.1214 -0.37% -1.46% -0.64%
5 1000 5.90E04 -0.9289 0.0142 -0.1214 -0.35% -1.72% -0.65%
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3.4.6 Source term technique

Saito et al. validateda bodyfixed, source term basedumerical model of decelerating

sphere againstxperimental resultsf a projectiledecelerating in a ballistics ran@fe4]. The

same experimentaésultswere then usetb validate thenumerical study donky Roohaniet

al. [44] on a decelerating sphere using fueirce term modelescribed in sectioB.3. Both

models showed good correlation with the experimental resths. latter source term
technique has also been validated against a numerical moving reference technique in a study
on supersonic accelerating bodi@®] andexperimental results from a ballistic range, where
theflow field of a decelerating bluff bodyere studied atarying deceleration21].
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4 RESULTS

This chapter has been broken iriteo sections;the first focuseson theupright RAE 2822
aerofoil and the second on the inveriRAE 2822 Thesecases are then further broken down
into the results that focus on ground effect, transient effects amditifluence of angle of
attack for an upright and inverted aerof@bth orietations have been investigatedorder

to obtain a comprehensive understanding of the impact of ground efféa aerodynamics

of an accelerating or deceleratiagrofoil,as in the casgof: a wing in ground effect vehicle
low-flying aircraft, seaskimming cruisemissiles, high performance race caos the BSSG
whereprogrammablavingletsvary their angle of attack in accordance with the stabilization
of the wheel loadingeach case was subjected to a fsream temperature of 300 K and an
atmospheric pressure of 1825 Pa.The pitching moment is calculated around thearter
chord of the aerofoilor moment referenceenter which is assumed to be at 26 of the
chord length and along the chorddiifhe aerodynamic performance has been given in terms
of the aerodynamic forces and pitching moments acting on the bbdge values have not
been given as nedimensional coefficientas the numerator in the nedimensional force

varies with the velocity of the aerofoil as it accelerates and decelerates.

4.1 Upright RAE 2822 aerofoil

Here the RAE 2822 aerofoil was orientated in thegigirpositionand at an angle of attack of

2.79°to produce positive lift.

41.1 Ground Effect

The following steady statground clearance cases were considenéd = 1.00 0.50 0.25

0.10 and0.05, andthen compared against free fligtdnditions. Throughout the subsonic
region(up to Mach 0.703jhere was only a slight gain in lift and aerodynamic efficiency due
to ground effect, with the largest increase in lift occurring in the supersonic repaever,

this was negated by a significant drop in aerodynamic efficiency with the increase in wave

drag.

Figure 24 to Figure 30 show how the reduced groumdkearanceaffects the aerodynamic
performance of the aerofoiln each case, the aerodynamic performance for each ground
clearance has been plotted on the same set of axes in order to doegblgrethe resultsin

the transonic and supersonic regions, each change in performance is connected to a new

shock formation or reflection on the aeroféilgure26 shows the formation and propagation
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of the shock waves on the aerofoil at a ground clearance of h/0=af.the free stream

velocity is increasettom rest up to Mach 2(8

1000000 140000
900000
800000
700000

600000

ft [N]

& 500000

400000
300000

200000

100000 W*sﬁﬁf_ ¥ ‘?: Lol

+—FrecFlight —S—hic=100 ——hc=050 We=025 =s=hc=0.10 bic=0.05 +—FreeFlight —s—hic=100 —e—hc=050 We=025 ——hic=0.10 We =005

Figure 24: Overall (left) and subsonic and transonic (right) lift performance for the upright RAE 2822
aerofoil at different ground clearances.
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Figure 25: Overall (left) and subsonic and transonic (right) drag performance for the upright RAE 2822
aerofoil at different ground clearances.

At Mach 0.65 the flow accelerating over the top of the aerofoil becomes supersonic and a
normal shock forms on the upper surface. As the supersonic region of the shock wave grows
in size over the top of the aerofoil, the pressure differential across the aerofoil decreases and
there is rapid drop in lift. Due to the asymmetry introduced by the ground plane, the ground
effect cases diverge from the fregeam case at this point. At approximately Mach 0.85 a
normal shock forms on the lower surface of the aerofoil and as the supersonic region is

smaller on the lower surface the lift starts to increase again.

From Mach 0.90 the shock locatiosimbilise,and the lift starts to increase exponentially as
the velocity increases. Rapid drops in lift occur just after Mach 11410, and2.30
respectively for each ground clearance. This is due to delayed reflection of the bow shock
under the aerofoil and is discussed in more detail in the next chapter. Therlittrops more
gradually as the reflected shock wave moves along the lower surface of the aerofoll,
disrupting the pressure distribution as it goes. The h/c = 1.00 and h/c = 0.50 lift results then

tend towards the lift performance results obtained at free flight conditions.
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Figure 26: Mach flood plots of the development of flow field and shock formations for the upright aerofoil
at different Mach numbers and constant ground clearance of h/c = 0.50.
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The lowest ground clearance cases h/c = 0.10 and h/c = 0.CGierthdynamic performance

start dverging from the other cases as of Mach 0.40 and Mach 0.25 respectively. The lower
clearance results in a steady drop in lift and promotes the formation of the normal shock
underneath the aerofoil. As such the critical Mach number ofbther normal shockirops

from Mach0.75 to approximately 0.65 and 0.&&pectively

With reference td-igure 25, the impact of ground effect on the drag performance is more
straight forward with the ground effect cases only differing from thednmeam case after

Mach 1.20. As discussed in the previous conference paper that focusegamcground

effect on the ground clearance cases: h/c = 1.00 and h/c = 0.50, the only changes in drag
come from the induced drag componfjt This is further confirmed by the convergence of
these two ground clearances with free flight drag results. As with the lift case, the drag
performance for the lowehree ground clearancdsc = 0.25 0.10 and 0.0% predicted to
converge to the free flight conditions.

Figure27 shows thatincreasingground effectesults inan average reduction in drag of 16 %

of thesubsoniaesults Up to Mach 0.8 thedrag reduction is 10%, but this steadily increases

to 27 % at Mach 0.65 where the shock wave on the upper swstate toform. Thedrag
increases rapidly for the h/c = 0.40d 0.05 casess thewave drag increases with the earlier
formation of theshock waveAt Mach 0.9, the drag of théa/c = 0.05 aerofoiincreasess a

normal shock forms between the ground and lower surface of the aefdiiktrength of

this shock wave intensifies, and the wave drag steadily increases until approximately Mach
0.725 when the shock on the upper surface develops. From thighmidtag performance
increases rapidly with the wave drag as with the other ground clearances and temporarily
plateaus with the highest drag value at Mach OR&fyre 25. This case features the highest

drag throughout the supersonic range.
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Figure 27. Subsonic drag performance for the upright RAE 2822 aerofoil at different ground clearances.
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Figure 28: Overall (left) and supersonic(right) aerodynamic efficiency for the upright RAE 2822 aerofoil
at different ground clearances.

The benefit of ground effect can clearly be seen in the subsonic redriguoé 28, with the
aerodynamic efficiency increasing by an average of 45 % at Mach 0.70 when compared to
free flight. In the supersonic region there is also a noticeable increase in aerodynamic
efficiency, reaching a maximum increaseld® % at Mach 1.40, 288% at Mach 1.70 and
464 %at Mach 2.30 for each respective ground clearance. However, the drag penalty for this
increase in lift is severe, making it a less viable optior. h/c = 0.10 there is only a minor

gain in aerodynamic efficiencyAt h/c = 0.05 there is no benefit of ground effect, with the
aerodynamic efficiency dropping to almost half the aerodynamic efficiency at free flight

conditions.
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Figure 29: Pitching moment performance for the upright RAE 2822aerofoil at different ground
clearances.

In contrast to the lift and drag performanéagure 29, illustrates a steady drop in the
supesonic pitchingmoment with eacheduction in ground clearance. The pitching moment
alsodecreasesignificantly at Mach 0.85 as the upper and lower shocks €oritne aerofoil.

This lossincreases as the ground clearance is reduced, with the moment in thedse®
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h/c = 0.50to h/c = 010 temporarily reversinglirection. The lowest clearance of h/c = 0.05
recovered the least from this drop and only becomes positive agaappabximately
Mach1.65. This isshown in more detail ifrigure 30. In the supersonic region the pitching
moment initially increases and then dropsre8pectivelyat Mach 1.45, 1.75 and 2.30 as the
ground clearance is reducéwmm free flight conditionsThe supersonipitching moment
produced at the two lowest clearancesignificantly lower tharat the higher clearances and

does not drop off within the range of Mach numbers considered for this study.

After the formation of the shock waves the lift and drag results for each ground clearance
recovered to be within similar values, however, the pitching moment performance recovered
to different values. With the lowest clearance only being 1.20 % less than the pitching
moment at free flight conditions from Mach 1.00 to 1.10, as compared to an average increase
of 49 % and 82 % for the two higher ground clearances. The lower recovery of the pitching
moment continues into the supersonic region and the h/c = 0.25 results only surpass the
higher ground clearances when the bow shock moves and reflects underneath each aerofoil,
Mach1.90,and Mach 1.50 respectively.
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Figure 30: Subsonic and transonic pitching moment performance for the upright RAE 2822 aerofoil at
different ground clearances.

As expectedthe pitching moment reflects the rapid changes in lift as the bow shock passes
under the aerofoil. However, as discussed later, the movement of the reflected shoBk wave
(as defined irFigure14) on the lower surface of aerofoil at h/c = 0.50 reduces the severity of
the drop in pitching momenEigure 31 shows the progression of the shock as it strikes the

aerofoil and then propagates past the trailing edge.
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Figure 31: Mach number plot comparison of the propagation of the reflected bow shocknder the
upright RAE 2822 aerofoil at two different ground clearances

4.1.2 Transient Effects

The transientacceleration resultsf the upright RAE 2822 aerofadlccelerating at a ground
clearance of h/c = 1.00 are detailed héitee transientsimulationswere initiated using the
steady state results at Mach 0.2d the extreme accelerationaseof 176 g was usedto
further highlight the transient effects on the aerodynamic performakgaliscussed in
section 3.2, the aerodynamic performance of the steady state and transient results are
comparedto identify the differences in two caseB1 Figure 32 and Figure 33, the
performancepeaks and subsequent decreases in performadeatified in the previous
section occur at higher Mach numbers in the transient ¢aseexample, the peak lift
performance in the transoramd supersonitegimes occurredrespectivelyat Mach 090 and

1.55 for the transient results, instead of Mach 0.75 and 1.35 as in the steady staténra@sults.
previous publication by the current auth@t, this shift in thelift and dragperformance is
shown to be caused ltlge differences in the shock location and strength of the shock waves

on and ahead ahe aerofoil and is discussed in detail in the next chapter.
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Figure 32: Upright RAE 2822 aerofoil, h/c = 1.0- steady state and transientl76 glift (left) and drag
(right) performance curves
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Figure 33: Upright RAE 2822 aerofoil, h/c = 1.0- steady state and transientL.76 gpitching moment (left)
and aerodynamic efficiency (right) performance curves

Figure33 shows thatn the subsonic regiorétransientpitching moment follows the steady
state results quite closely, with the fidgviation coming in at about Mach 0.6% this point,

the flow starts becoming supersonic on the upper surface of the steachestédd and the
supersonic bubble starts to grow over the leading edge of the aerofoil Egyer34 (a).

This region of supersonic flosontinues to grow along the upper surface of the aeraxail

the pressure differential across the aerofoil increaSessequentlythe pitching moment
increases again up until Mach 0.80 where the lower shortk sbaform on théower surface

of theaerofoil. From the pressure distribution on the aerofoil at Mach,(F&fure 34 (b), it

can be seen thdahe supersonic regions of flow on either side of the aerofoil reduce the
positive pitching momentwith the shock waves still developing in the transient case, the
pitching moment continues to rise, as per the lift performance, without this drastic drop.
Consequently, the transient pitching moment is higher than that of the steady state case from
Mach 0.80 to approximately Mach 1.125, where the shock locations and pressure

distributions of the two cases almost overlap

Between Mach 1.00 and Mach 1.15 there is an additional increase in pitching masiret
bow shock starts tiorm the higher pressures from the subsonic region under the nose of the
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aerofoil further increase the pitching momerirom this pointuntil Mach 1.60the pitching

moment continues to ingase with the lift performancBetween Mach 1.60 and 1.8&e lift

starts to dropwhile the pitching moment continues to increasmmentarilysurpassing the

steady state pitching moment. By Mach 1.65 the bow shock reflects under the aerofoil and
the pitching moment drops significantlynlike the aerodynamic forces the pitching moment

does not converge with the steady state results once the trailing shock has moved passed the

trailing edge.

Figure 35 highlights the reduction of the propagation of the transient shockwaves into the
surrounding flow field. The bow shock on the accelerating aerofoil forms with a smaller
standoff than that seen on the steady state case. Previous redesme$sed in sectio?.],

has shown that the bow shock starffidistance for an accelerating object is larger than that
formed at steady stafg?].
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Figure 34: Upright RAE 2822 aerofoil, h/c = 1.007 difference in steady stateleft) and transient176 g
(right) results at(a) Mach 0.7Q (b) Mach 0.85and (c) Mach 1.10.

At Mach 1.30, the standff distances are momomparablehowever,the steady state shock

has a greater curvature. The inverse is true for the lower normal shock wave, which also
forms on the aerofoilater and reflects off the ground with a lower incident angle, reflected
angle and an additional trailing shock, as shown by the density plbigure36. The upper
normal shock is stronger and has a lower Mach angle, as the velocity of the flow approaching
the trailing edge of the aerofoil is higher.
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Figure 35: Upright RAE 2822 aerofoil, h/c = 1.00- comparison of steady statéleft) and transient 176 g
acceleration (right) shock wave development and propagation.
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Figure 36: Upright RAE 2822 aerofoil, h/c = 1.00' (a) density contours and (b) Mach flood plots for the
steady state(left) and transient 176 g(right) shock structures at Mach 1.30

From Mach 1.30 onwards the staoifl distance of the accelerating bow shock is less than the
steady state case. This is as expected with reference to the current lif@2jturderefore
the extreme acceleratidmas introduced additional inertiseffects causingthe bow shock

wave to form later and closer to tleading edge of thaerofoil.
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4.1.3 Angle of Attack

Two additionalangles of attackteady state casesere considered U.0A= ah d.0°th = 6
order to evaluate the effects of angle of attack on the oveszatidgnamics and shock
locations for a specific ground clearancEhe ground clearance was kept constant at
h/c=0.50to increase the effects of ground effect without shock waves forming prematurely
between the aerofoil and the ground, especially at the largest angle of atiac&hosen

angles of attack were based on the range of the programmable winglets of thfABSSC

The lift and pitching moment performance is given Rigure 37 and the dragand
aerodynamic efficiency performancekigure38. As to be expected the overall lift, pitching
moment and drag increased with angle of attdidke increasing angle of attack also
accelerated the flow over the top of the aerofoil and reduced the critical Mach number for the
upper shockConsequently, thappershock forms further forward on the aerofal larger
supersonic bubble forms above the aerofoil and a stronger shock also develops with a greater
region of separated flowHowever, as per the shock structures showRigure 39 at Mach

0.85, the reduced flow under the aerofoil delays the formation olother trailing edge

shocki approximatelya normal shoclat this poinfwhich isalmosta bs ent fr.8®m t he
case as seen ifrigure 39 (c). As seen with the pitching moment performanc&igure 37,

the later development of the lowaeans that there i sudden drop in pitching moment at
Mach 0.85. In this case though, the lower shock develops at the trailing edge of the aerofoil

and thus does not disrupt the pressure distribution as seen at the lower angles of attack.
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Figure 37: Upright RAE 2822 aerofoil, h/c = 0.50' lift (left) and pitching moment(right) performance
curvesat different angles of attack.

38



. /
= 50000
£ 50
60000
40000 /ﬁ
/\ 20 \\
20000 \ '
= e L

0po | 020 040 060 080 100 120 140 160 | 180 200 | 230 240 260 250

Efficlency

Aerodynamic

Mach Number - Mach Number

——a=000° —H—a=279% a=600°

Figure 38: Upright RAE 2822 aerofoil, h/c = 0.50° drag (left) and aerodynamic efficiency (right)
performance curves at different angles of attack.

In the subsonic region, there is a large gain aerodynamic efficiency when the angle of attack
is increasedThis gain is limited by the fornti@n of the lower normal shock and since this
shock forms earlier at the higher angle of attack, the increased angle of attack is no longer
beneficial from approximately Mach 0.50 and onwards.

ANSYS ANSYS

T ; TR ; T
(a)U‘m: 0.0 (b)UW: 2.7 (c)tlm: 6. 0
Figure 39: Density contour plots for angle of attack analysi®f the RAE 2822 aerofoil at Mach 0.85
In the supersonic region, the reflection of the bow shock under the aerofoil occurs earlier for
the lower angle of attack and later for the higaegle of attackas seen irFigure40. The
standoff distance is also seen to increase with the angle of atsbkn this shock does
reflect, the higher angle of attack leads to a much strorgfiction forming under the
aerofoil, as indicated by the rapid drop in pitching moment perform&@noee thereflection
passes the aatgnamic center of the aerofdhlie picthing moment decreases as per the other

two lower angles of attack, as discussed in seetibri.

Figure40 shows that the bow shock staofi distance alsancreasesvith increasing angle of
attack.
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Figure 40: Density contour plots for angle of attack analysi®f the RAE 2822 aerofoil at Mach 1.70Angle
of attack increases from left to right, » 8 J(left), » 8 J(middle), and » 8 J(right).

4.2 Inverted RAE 2822 aerofoil

In this case the aerofoil has an inverted orientation and has a negative (nose down) angle of

attack of-2.79° to produce negative lift downforce

42.1 Ground Effect

As with the upright aerofoil the following ground clearance cases were covered h/c = 1.00,
h/c = 0.50 and h/c = 0.25 and compared agdirest flight An additional two ground
clearances werelgdied h/c = 0.10 and h/c = 0.0Bigure49 - Figure50 show the key points

in the shock wave formation and propagation on the inverted aerdfal.aerodynamic
performance of the inverted aerofoil is givenFigure 41 - Figure 43. The ground effect

cases were split into two sets with the free flight and higher ground clearances h/c = 1.00 and
h/c = 0.50 in one and the lower ground clearances h/c = 0.25, 0.10 and 0.05 in the other.
Density contour plots at key points in the development of the flow field for each set of

ground clearance have been given respectivelygare49 andFigure50.

On the right ofFigure 41 the downforceis shown to increase with the reduced ground
clearance. This increasedownforcereaches a maximum and then steadily declines after the
normal shock forms on the lower surface of the aerofoil. The rate of this decline decreases
with the reduction in ground clearance. After Mach 0.70 the declide®wnforcebecomes

more severe and for the lower ground clearances the normal force component reverses and
the aerofoil starts producing lift. The decline downforcereaches a minimum and then

temporarily increases before plateauing, between Mach 0.90.2@dand declining again as
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the free stream flow becomes supersonic. After Mach 0.90 the ground effect results diverge
from the free flight results. However, the higher ground clearance cases, h/c = 1.00,
h/c=0.50 tend towards and then overlap the free flight results. The same trend is initially
seen with the h/c = 0.25 normal force results, but the convergence is predicted to occur at
much higher free stream velocities. For the lowest two ground clearances the normal force,

now acting as lift, continues to increase with Mach numbers as high as Mach 3.00.

Figure 41: Inverted RAE 2822 aerofoil- ground effect lift performance overall (left) and subsonic to
transonic (right) comparison.

Key free stream Mach numbers; such as the critical Mach numbers flawbe M.~ and
upper surfaces of the aerofoil-M, Mach numbers for each inversion of the normal force and
the reflection of thébow shock under the aerofdlr are defined here and summarizad

Table4 for further discussioim the next chapter.

The drag performance results for the different ground clearances are shegure¥2, with

a closer view of the subsonic and transonic drag results given on the right of this image. The
drag is seen to rise at progressively lower Mach numbers with each decrease in ground
clearance. Between Mach 0.75 and 0.90 the drag divergence occurs almost simultaneously
acrossall the cases, with the ground effect cases rising consistently ahead of the free flight
case. After the drag divergence, a consistent increase in drag is seen with each reduction in
ground clearance. For the two lowest ground clearance cases this trend continues for the rest
of the speed range. As with the upright aerofoil the rest of the drag results fluctuate with the
induced drag component and eventually tend toward the free flight results.
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Table 4: Summary of shock wave formation, shock wave propagation and lift inversions for an inverted
RAE 2822 at differentsteady stateground clearances.

Ground Critical Mach Critical Mach .
Mach number for | Bow shock passing
Clearance | Number Lower, | Number Upper, e - . .
each lift inversion | under aerofoil, Mg
h/c Mrai M ery
Free flight 0.70 0.83 N/A 1.00
1.00 0.60 0.80 1.225, 1.325 1.30
0.50 0.55 0.78 0.85, 1.00, 1.58 1.50
0.25 0.45 0.75 0.80, 0.90, 0.92 1.75
0.10 0.40 0.74 0.78, 0.90, 1.00 > 2.80
0.05 0.40 0.73 0.76,0.92,1.20 >2.80

‘‘‘‘‘‘‘‘‘

Figure 42: Inverted RAE 2822 aerofoil- ground effect drag performance overall (left) and subsonic to
transonic (right) comparison

The pitching moment performance is showrFigure43 andis negative, acting to rotate the
aerofoil nosedown. Unlike the upright aerofoil, theubsonic pitching moment increases with
reducing ground clearance. However, there appears to be a limit to this increase with the
pitching moment at the two lowest ground clearances converging between Mach 0.20 and
Mach 0.40. Thenext highest ground clearance also follows a similar trend. The pitching
moment increases as each formation of the lower shock occudifegrant location on the
aerofoil. Between Mach 0.75 and 0.90etlupper shock forms arttie supersonic regions
above and below the aerofoil greatly reduce the pressure distribution across the aerofoil and

the pitching moment drops drastically.

As with the drag two different trends appdar the higherand lowerses of ground
clearancesThe higher clearances have a decreased pitching moment than at free flight, while
the lower clearances have an inceshpitching momeniOverall,as the ground clearance is
reduced the pitching moment increasdswever, for each ground clearance, the pitching
moment increases to @oint beforeit starts decreasing and the casedelow h/c = 1.00

changing directionThis decrease comes &3 the pressure build underneath the nose of the
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aerofoil and once this pressure build up is disrupted the higher ground cleardoce4.00

and h/c = 0.50tend to back to the free flight cas Mach 1.50 and Mach 2.0@ndground

effect no longer effects the pitching moment. For theer ground clearances, the pitching
moment remains negative up to higher supersonic Mach numbers: 1.65, 2.10 and above
Mach3.00 respectively as the ground clearance decrelegethe h/c = 0.25 there is a large
increase in pitchingnoment due to reflected shock striking the aerofoil ahead of the
aerodynamic center and drastically changing the pressure distribution in favonose ap

pitching moment.
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Figure 43: Inverted RAE 2822 aerofoil- ground effect pitching momentperformance comparison
overview (left) and subsonic to transonic results (right)

Ground effect has a greater impact on the aerodynamic efficiency iolv#reedaerofoil, see
Figure44, andnot only does the earlier shock wave increase the 8rdgt also decreases
the downforceproduced by the aerofoils such, there is no gain aerodynamic efficiency
for the lowest ground clearan¢en fact there is a 36 % loss in aerodynamic efficientiie
greatest gain irsubsonicaerodynamic efficiencyas 37 % andccursat Mach 0.55and
h/c=0.50.

The pressure distribution and shock locations on the upper and lower surface of the aerofoll
are given inFigure45 andTable5. For the higher groundlearancesthe shock waves form
further downstream with decreasing ground clearance, while for the lower ground clearances

the shock waves form further forward.
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Figure 44: Inverted RAE 2822 aerofoili ground effect aerodynamic efficiency comparison overview (left)

and supersonic results (right)

Table 5: Shock locationson inverted RAE 2822 aerofoilat Mach 0.85and different ground clearances.

Ground Clearance
Surface Free h/c =1.00 h/c = 0.50 h/c =0.25 h/c =0.10 h/c = 0.05
Upper 0.660 0.840 0.843 0.694 0.646 0.574
Lower 0.615 0.804 0.855 0.934 0.904 0.904
fi-.
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Figure 45: Pressure distributions at Mach 0.85 for two sets ofrgund clearances (a) free flight h/c = 1.00
and h/c =0.50 and (b) h/c = 0.25, 0.10 and 0.05.

In the supersonic region and for the h/c = 1.00 and h/c = 0.50 casestctheg moment
drops when the bow shock passes under the aerofoil and then after Mach 2.20 the results
match up with the free stream caB&ure 47 shows that as the reflected shock leaves the

trailing edge of the aerofoil, the pressure distributions of the h/c = 1.00 and h/c = 0.50 cases

match up with the free stream.

The increase in pitching moment between Mach 1.75 and 2.10 is caused by the initial build

up in pressure before the bow shock reflects underneath the aerofoil. Once the bow shock
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propagates under the aerofoil it reflects twice, striking the aerofoil at x/c = 0.296 and

x/c =0.837. Above Mach 2.10, the second reflection passes the trailing edge of the aerofoll

and the pitching moment continues to increase.
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Figure 46: Density contour plots for an invertedRAE 2822 aerofoil traveling Mach 2.00 at free stream
(left), h/c = 1.00 (middle) and h/c = 0.50 (right).

2

15 15 i
\,
N
)
g
<,
“
1 1 “
s,
s s Ta,
& & \ I,
EX )
05 os 2 A
XY N
v A, ! N
~ el Sl A
R A . — e Dt Prad
—— S— = =
oo 000 020 040 080 1 120 020 o000 020 0.40 CR O —— 1}70 120
-05 05
xfc xfc
Free Stream hfc=1 — -hfc=0.50 — —he=025 —=-=h/c=010 - hjc=0.05

(a)

(b)

Figure 47: Inverted RAE 2822 pressure distributions at Mach 2.00 for two sets of ground clearances (a)
free stream, h/c = 1.00 and h/c = 0.50 and (b) h/c = 0.25, 0.10 and 0.05.
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Figure 48 Density contour plots for an invertedRAE 2822 aerofoil traveling Mach 2.00 ah/c = 0.25
(left), h/c =0.10(middle) and h/c = 005 (right).
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4.2.2 Transient Effects

Three different acceleration cases were considered: 176 g,a4@ 3 g with the latter two

cases being chosen based on the accelerations of the TSSC vehicle and the TSSC model used
in the Pendine test3he former is based on typical acceleration rates for ballistic missiles.

The RAE 2822 aerofoil was kept at a constant angle of attaék#d° and ground clearance

of h/c = 1.00.In each case, the aerofoil is decelerated back down to initial conditons
evaluate the transient effects of the deceleration of an accelerated particle, as illustrated in

Figure7. Key features from these results have been presented below:

176 gResults

Figure51 shows thelownforceperformance of the aerofoil at constant steady state velocities,
under 176 g acceleration from an initial speed of Mach 0.20 up to M@6hakd then
decelerating backadvn to Mach 0.20. Theshift in the transient acceleration resuttentified

in section4.1.2is seen here in the deceleration results as well. These results confirm those
obtained in the unsteady free flight investigation mentione@.in For subsonicMach
numbers up to Mach 0.6&cceleratiorleads to a decrease dgownforceandfrom Figure56

an increase in drag. Witlthe delay in the shock formationsn the accelerating aerofpil
explainedlater in termsof Figure 60 (left) and by the associated mp in downforce the
transonic downforce for the accelerating aerofoib greater than that at the equivalent

instantaneousteady stateelocity.
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Figure 51: Downforce performance of the nverted RAE 2822aerofoil, U -2.79°and h/c = 1.00- steady
state,+ 1769 acceleration

48



In both the acceleration and deceleration casemfgingdevelopment othetransient flow

field is further seen by the transient result not reaching the same maxiovamforcevalues

seen at steady stat| addition the maximumdownforce in the subsonic range occurs at
Mach 0.65 for constant velocity, lags until Mach 0.85 under acceleration, and lags in
deceleration to Mach 0.55. The same lags are seen for the minimum downforce in the
supersonic regime at Mach 1.30, with the minimum valkieg reached at Mach 1.40 under
acceleration and Mach 1.10 under deceleration. The lag is evident by comparing the Mach
numbers at which the reflections passing under the aerofoil no longer impact on the lift
performance: Mach 1.50 at steady state, Mach 1.75 under acceleration and then Mach 1.35
under deceleration. Notably, tieg in the transient acceleration results differs from that of

the deceleration results.

The underdeveloped flows also shown byhe reduced impact the shock formations and
propagationshave on the downforce For examplethe sharp fluctuations seen between
Mach0.85 and0.90 and the inversion in the normal force aret featured in the transient
results The momentary increase @ownforcedue to the formation and approach of the bow
shock at Mach 1.10 is only reflected later at Mach 1.35 in the acceleration rékalisow
shock starts forming with a lower staotf distan@ than the steady state resulffis is
evidentwhen comparing thbow shock locations in theteady state and acceleration density
contour plotdaken at a free stream Mach number of Mach br2the left ofFigure52. By
Mach1.30 the steady state bow shock staffddrops below that of the accelerating aerofoil.
Between Mach 1.35 and 1.65, the transient flow history again leads woleasorcebeing
produced. After Mach 1.80 enough time hast plaat thetransientlocal flow field is fully
developed andhatches that at steady state and the aerodynamic perforaanesoverlap

from this speed onwards

The deceleration was initiated from the transient results at Mach 2.00. As the aerofoill
decelerateshere is adelayin the developmenof the shock reflections under the aerofoil.
This means thabetween approximately Mach 1.42 and 1tthé& downforceis greater than

that at the steady state conditigrgyure51).

It is noted thatn Figure 52 the stanebff distanceof the decelerating bow shock is the
smallestof the three instances showams the flow history mew it is reflecting the position

and shape of a bow shockaahigher Mach number.
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Figure 52 Inverted RAE 2822 aerofoil density contour plots at steady state, 18§ and-176 g
respectively, taken at Mach 1.20.

After Mach 1.15the downforceslowly increases again until Mach 1.05 as liosv shock
standoff distance slowly increaseErom Mach 1.00he normalshock wave on the upper
surfacemoves upstream of té trailing edge of the aerofoil and as the supersonic regions start
to shrink above and below the aerofoil the pressure differential across the aerofoil is
gradually restoredBy Mach 0.65 thenormal shock on the lower surface starts moving
towards the leading edge of the aerofoil. At Mach 0.55, the normal shock on the upper
surface detaches and then propagates upstream as a curvedisttioiskpoint thedownforce

drops rapidly, until the lower shock approaches the leading edge and detaches at
approximately Mach 0.45. Without the shock waves on the aerofoilntheediateflow
around the aerofoil becomes subsonic and betwdanh 0.45 and 0.35he pressure
distribution tends back towards the steathte conditionsHowever,the down wash of the
supersonic flow is extremelyrbulent,and the aerodynamics fluctuate above and below the

steady state case.
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Figure 53 Inverted RAE 2822 ratio of transientto steady statedownforce performance.
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Figure 53 is a direct comparison of the transiemtd steady statdownforceperformance

The maximum deviation for both the acceleration and deceleration cases occurs between
Mach 1.20 and 1.35, where the steady state results produce lift insi@adrdbrce In each

case the transierdownforcediffers by a maximum factor of 24.4 andb2 respectively.
Between Mach 0.80 and D6the downforcediffers by an average factor ofl2.under
acceleration an@.25 under deceleratiormhereafter the deviations downforcerespeately

drop to an average of 1.60 % and 1%4espectively

Figure 53 shows that the transient effects are greatest within the transonic and supersonic
regions.Transient flow history is the dominant unsteady effect responsibtaitodeviation.
Transient effects are still present below Mach 0.80 with the maximum deviation of the
transient performance fluctuating aboaad below the steady state by % and 54 %
respectively. These fluctuations have been representédyume 54 and are dominated by

flow history effects. The fluctuation in the acceleration resuitames from the
underdeveloped flow while the fluctuations in the deceleration results comeHedngher

velocity flow field overtaking the aerofaéind the resulting down wash

20%
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-40%
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<

-60%

Mach Number
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Figure 54: Inverted RAE 2822 percentage deviation of transient from steady stattownforce
performance under Mach 0.80.

In contrast, the greatedifference for the drag results is in the subsonic region, &gyure

55 and Figure 56. The subsonic acceleration resulbb&tween Mach 0.20 and 0.6B¢rease

from steady state by an averafgetor of 2.94 While the deceleration resultfuctuate
between maximum ratios e10.6 and 4.62 and decrease from the steady state by an average
factorof -2.37 for the same speed range. Here the increased drag results during acceleration
come from the increased inertia of the fluidowever, the fluctuations in the deceleration

results come from a combination of flow history and the inertia of the fluid. This is seen by
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the reversal in the direction of the drag forcd-igure 55 with the flow pulling the aerofoil
forward between Mach 0.60 and 0&fd again below Mach 0.35.

In the supersonic region the fluctuations in drag drop to an average ohdébacceleration
and 5 % under decelerati@s shown irFigure 57. The deviationsin dragcome primarily
from the induced drag componeand thus the flow history effects associated with the

downforce
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Figure 55: I nverted RAE 2822aerofoil, U -2.79°and h/c = 1.00- steady state + 176g acceleratiordrag
performance
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Figure 56: Inverted RAE 2822 ratio of transient176 gto steady state drag performance.
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Percentage variation from steady state drag performance

Mach Number

= Acceleration Deceleration
Figure 57: Inverted RAE 2822 ratio of transient176 gto steady state drag performance above Mach 1.00.

The pitching moment performance for an accelerating and decelerating aerofoil is compared
to the steady stafdtching momentn Figure58 andFigure59. Thedelayin shock formation

is clearly seen by the offset in the loss and rapid gain in pitching moment associated with the
shock formations and bow reflection under the aerofdils,the transient pitching moment

is dominated by flow history effects, with the greatest differences coming in at Mach 1.35. In
the subsonic region, the variations in the acceleration results are much lower with an average
decrease of 12 %. As with the drag performance the effects of deceleration on the pitching

moment in the subsonic region are more difficult to determine.
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Figure 58 Inverted RAE 2822aerofoil, U -2.79°and h/c = 1.00- steady state, 1769 acceleration and 1769
deceleraion pitching moment performance
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Figure 59: Inverted RAE 2822 ratio of transient176 gto steady state pitching moment performance.

As discussed earlier, thahift in the transient results can be seen tiyparing the resulting

shock structures on the accelerating and decelerating aeroféilgure 60. Mach number

flood and density contour plots of each aerofoil are used to compare the shock systems. The
shock locations are determined by analyzing the coefficient of pressure on the surface of the
aerofoil or on the ground underneath the aerofdie normalizedshocklocations(x/c) and

di fferences i n sdtadrde stppanms Mach number (of0.B&vé loegn
summarized iMMable6. During acceleration aegative differencén shock locatiorindicates

that the transient shock a&head ofthe position it would be at steady statvhile during
deceleration a negative difference indicates that the transient shock is behind the position it

would be at steady state.

In the acceleration (middle) casé Figure 60 the shock on the upperréace hasstaredto
form near the half chord position of the aerofoil. The shock in the steady state case is much
larger and has already started moving towards the trailing edge of the adrbi)the
accelerating shock not only forms at a l@gbpeed than the steady state but also further
forward. Thisis seen by comparing the coefficient of pressure ploEsgare61 andoccurs

as the accelerating flow fieltas not had time to fully develop and reflects the flow field of a
lower instantaneous velocitileanwhile, the shock waves in the deceleration (righteare
seen on both surfaces with the upper sHockted further ahead of the steady state bgse
3% of the chord lengtland the lower shock further bably 9.1 % of the chord lengthn
each case the shock structuresshightly different. The deceleration case differs the tnass
the bow shock is seeaheadof the aerofoil and the lowerormalshock is reflectingff the

ground.The wave angles of the decelerating shock waves are also shtgelyerand the
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decelerating lower shock has a straighter almost concave shape as it starts to move under the
aerofoil.In the combined coefficient of pressure diagrarkigure61, the accelerating lower

shock almost overlaps with the steady state.caseh a result goes against the flow history
effects seen with the other shock locations. Howewesn énhough the shock locations are
almost identical, the structure of the shock nearath®foil wall is different. Upon closer
inspectionof Figure 60 (left), a lambda shock system forms in the steady state castheind
separation bubble in thH®undary layers causes the oblique shoclofQhe lambda shoglas

defined inFigure13, to strike the aerofoil slightly further aheaks aresult,the difference in

the shock wave locations due to flow historglismostcancelled out.

Table 6: Comparison of the seady state and transient normalised shock locations (x/c) for the inverted

RAE 2822 aerofoilat Mach 0.85

x/c p x/c
Surface Steady Acceleration Deceleration Acceleration Deceleration
Lower 0.836 0.835 0.927 - 0.001 -0.091
Upper 0.794 0.494 0.762 - 0.292 0.031
M ‘Number M Number
oo 1 ansys oot ansys oot ANSYS
1.464e+000 4000 1.464e+000
1.372e+000 1.372e+000 1.372e+000
1.281€+000 1.281€+000 1.281e+000
1.189¢+000 1.189¢+000 1.189e+000
1.098e+000 1.098e+000 1.098e+000
006e+000 1.006e+000 1.006¢+000
9.150e-001 9.150e-001 9.150e-001
.236e-001 8.236e-001 8.236e-001
7.321e-001 7.321e-001 7.321e-001
6.407e-001 6.407e-001 6.407¢-001
.493e-001 5.493e-001 5.4930-001
4.578e-001 4.578e-001 4.578e-001
664e-001 3 ) 3 "
2.750e-001 2.750e-001 2.7500-001
1 1 1. 1 1.836e-001
9.2120-002 9.212e-002 9.212e-002
6.8910-004 6.891e-004 6.
:7— -
e 200 : .
0 5.000 (m) o 5.000 (m) 0 5000 (m)
C— Co— T —
= - -
Densit Densit Densil
Comout 2 ANSYS  Cortour 2 ANSYS  Comas2 ANSYS
! 1.6376+000 ' 1.637€+000 . 1.637€+000
1.567¢+000 I 1.567e+000 1.567¢+000
1.497e+000 1.497e+000 1.497e+000
1.427e+000 7e+000 1.427e+
1.357e+000 1.357e+000 1.357e+000
1.287¢+000 287e+000 1.287¢+000
1.217¢+000 1.217€+000 1.217¢+000
1.147e+000 1.147e+000 1.147e+000
1.076e+000 1.076e+000 1.076e+000
1.006e+000 1.006e+000 1.006e+000
9.364e-001 9.364e-001 9.364e-001
8.663e-001 8.663e-001 8.663e-001
7.962e-001 7.962¢-001 7.962¢-001
7.262e-001 7.262e-001 | 7.262¢-001
6.561e-001 6.561e-001 6.561e-001
5.860e-001 5.860e-001 5.860e-001
5.160e-001 5.160e-001 5.160e-001
(kg m*-3] [kg m*-3] (kg m*-3]
o 5.000 (m) I_‘ 0 5.000 (m) I_‘ o 5.000 (m) I_‘
— e —25‘:’0

Figure 60: Inverted RAE 2822aerofoil, U -2.79° h/c = 1.00- steady state(left), 176g acceleration
(middle) and 176y deceleration(right) Mach number flood plots and density contour plots atMach 0.85
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Figure 61: Steady state(top left), 1769 acceleratior(top middle) and 176gdeceleration(top right)
coefficient of pressure plotf or an inverted aero2®i1l at Mach 0.

Figure62 shows the variation in the shock structures for the steady state and transient results
at a free stream Mach number oRQ. The shock locations and reflections are further
analysed using the coefficient of pressure plots of the aerofoil and the ground directly under
the aerofoil shown inFigure63. These figures also show how the starfiddistance of the
aerofoil decreasesom left to rightacross the resultsvith the steady state results having the
largest stanaff distancead t he decel er a* ix® gUWithhtmansientiiavl | e st
history effects,the stanebff distancein positive acceleratioshould be greater than that of

the steady state as the results should resemble the flow field from a lower instantaneous
velocity. However, below sonic conditions acceleratiorthere is no bow shocknd as the

flow continues to accelerate thew shock startsofming closer to the aerofoil than it does
under steady condition3.o track the development of the steady and unsteady bow shock
waves, the standff distances fronMach 1.0 to Mach 1.B have beersummarisedn Table

7. By approximately MachL.30 the stanebff distance of the steady state bow shock drops
below that of theaccelerating aerofoil, as expected with the flow history effddts. shock
locations of the bow shock and normal shock reflection are shown in the pressure distribution
along the ground underneath the aerofoil on the rigltignire 63. The less severe pressure
gradient of the accelerating bow shock indicates that this shock is still develBpiviher
interestingdevelopment is that the trailing edge shock of the acceleration case features a
Mach reflectionwhich is not seen in the steady state or deceleration cases.
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Mach Number Mach Number
Contour 1 ""E.‘E Contour 1 AN%;!B% Contour 1 AN§‘Y.SI
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8.935¢-003 8.935¢-003
[ 5.000 (m) t‘ ) 5.000 (m) t‘ 0 5.000 (m) t‘
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1.960€+000 1.960€+000 1.960€+000
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175564000 17550+ 1.755€+000
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1.549¢+000 1.549e+000 1.549¢+000
1.447€+000 1.447€+000 | 1.447e+000
1.344e+000 1.344e+000 § 1.344e+000
124264000 124264000 | 124204000
1.139€+000 1.139€+000 1.139€+000
1.036e+000 1.036e+000 1.036e+000
9.3380-001 9.3380-001 9.3380-001
8.312e-001 8.312e-001 8.312e-001
7.286e-001 7.286e-001 7.286e-001
6.260e-001 6.260e-001 6.260e-001
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\ I > i I % N I >
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r— —
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Figure 62: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79°- steady state(left), 176g accelertion
(middle) and 176gdeceleration(right) density contour plotsresults atMach 1.2Q

Figure 64 shows the different stages of the bow shock reflection and how theddfand
distance of the accelerating aerofoil is greater than that of the both the steady state and
decelerating aerofoil. The difference is less clear but after analysising the pressure
distribution directly ahead of the aerofoil, the resultsTable 7 confirm that the standff

distance of the decelerating aerofoil is slightly ldsgure 64 to Figure 68 show further

insight into the difference in the shock formation, propagation and pressure distributions as
the aerofoil accelerates and decelerates. At Mach 0.50 the normal shocks are shown to move
forward, overtake and eventually detasfrem the leading edge of the aerofoil. These results

are discussed in more detail in the next chapter.

Table 7: Comparison of normalised steady state and transient bow shock standff distances.

Bow shock standoff in terms of U/c
Mach Number 11 1.2 1.3 1.4 15
Steady State s | -3.18 -0.82 -0.33 -0.11 -0.08
Acceleration, a § N/A -0.45 -0.39 -0.25 -0.11
Deceleration 4 | -0.36 -0.24 -0.16 -0.10 -0.07

57



05

[

-05

- jon === Decelerat

———Steady = = Acceleration === Deceleration

Figure 63: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79°- steady state vs transient-176g shock
locations along the aerofoil (left) and ground plane (rightat a Mach number of 1.20.
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Figure 64: Inverted RAE 2822aerofoil, U -2.79° h/c = 1.00 and steady state(left), 176g acceleration
(middle) and 176gdeceleration(right) Mach number and density contour plots atMach 1.50.
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Figure 65: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79°- steady stae (left), 176g acceleration
(middle) and 176gdeceleration(right) density contour plotsat Mach 050
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Figure 66: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79°- steady state(left), 176g acceleration
(middle) and 176gdeceleration(right) density contour plots resultsat Mach 050.

15

1

35
xfc

Figure 67: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79° - steady state (left), 176g acceleration
(middle) and 1769 deceleration (rightcoefficient of pressure plot comparisorat Mach 0.50.

Figure 68: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79° - steady state (left), 176g acceleration
(middle) and 176g deceleration (rightdensity contour plotsat Mach 050.
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40 g Results

As the Pendine test was run with aoceleration of 50 g and deceleration of 30 g, the
transient results were run at 4@ogget an indication of thieansient effectand differences in
the shock locations between these two cases. As the experimental Pendine results were run at
a maximum Mach number of Mach 1.08, tRAE 2822 aerofoil was initially accelerated
from Mach 0.05 up to Mach 1.20 to cover this ranges range was extended to Mach 1.60
to allow for the transient results twnverge with thesteady state condition&igure 69
provides a comparison of the steady state and trand@mmbforceresults. The transient
results are slightly shifted toigher Mach numbers thahe steady state results and up until
Mach 0.70 this leads to a reductiondownforceat each instantaneous velocity. The shift in
the transient results means that for most of the remaining speed ranggahtaneous value
of thetransient is greater than that at the steady stdteity.

In the case of deceleration, the shift is reversed with a sudderoffrimpdownforceas the

trailing edge shock wave overtakes the aerofoil. During this period, the drag is higher than at
steady state conditions. Thereafter the drag drops dramatically and between Mach 0.70 and
0.50, two periods of thrust are produced as the air flows upstream over the aerofoil, as
illustrated by the negative drag values seerFigure 70. As the aerofoil continues to
decelerate, thelownstreamfeatures from the wake overtake the aerofoil apdradically

disrupt the pressure distribution over the aerofoil.
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Figure 69: Inverted RAE 2822 aerofoil, h/c = 1.00 and) -2.79°- steady state and 40 g acceleration
downforce performance comparison.
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Figure 70: Inverted RAE 2822 aerofoil, h/c = 1.00 and) -2.79°- steady state and 40 g acceleration drag

performance comparison.

The steady state and transient drag and pitching moment performance is compared

respectively inFigure 70 and Figure 71. The transient drag and pitching moment results

fluctuate above and below the steady state results in both the subsonic and transonic regions

and are discussed in more detail in the next chapter.similarity in the upper and lower

shock locations during the 40 g deceleration from Mach 0.75 to 0.65 have been illustrated in

Figure72.

Figure 71: Inverted RAE 2822 aerofoil, h/c = 1.00 andl -2.79°- steady state, 40 g acceleration and 40 g
decelerationpitching moment performance comparison.

61


























































































