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Abstract

A transonic wind tunnel was designed, constructadi Galibrated in order to provide a valuable
tool for the study of transonic flow phenomena. Tied tunnel makes use of flow properties
surrounding the propagation of a shock wave alotighe in order to create the transonic flow.
As a result, the wind tunnel is a modified shocketuwith its layout being optimised for
maximum flow time. The flow times are dependenttio@ Mach number of the transonic flow
being created, with the longest realistic flow tilmging approximately sixty milliseconds. The
majority of the shock tube was built from commeligiavailable steel construction tubing which
was then attached to a pressure vessel of similzscsectional dimension. A test section
containing windows was constructed and placed position along the length of the tube to
maximise the available test flow time. The positigtimisation was calculated based on standard
shock wave theory. The incident shock wave, as wasllany resulting flow features, were
visualised using schlieren photography. The testepiwas designed to be set at angles of attack
of up to ten degrees, both positive and negatite. Main purpose of the testing carried out was
to validate the functioning of the wind tunnel mththan obtaining more data on the test piece.
An RAE2822 aerofoil was used as the test piecetdube large amount of aerodynamic data
available on it, especially in the transonic floegion, thus making it an excellent tool for
validation. In addition, the Fluent computationklid dynamics package made use of the same
aerofoil to validate their numerical results whba package was under development. This meant
that for any numerical result obtained for the RBE2 aerofoil using the Fluent package, there
was a high degree of confidence. This fact providegteat tool for comparing results obtained
experimentally in the wind tunnel with results db& numerically. The short duration testing
time was found to be adequate for establishing steaidy state flow at any transonic flow Mach
number. The bursting of the weak diaphragm at titk & the driven section of the shock tube
resulted in the upstream propagation of a disturbavith a much lower velocity than would be
seen if the incident shock wave reflected off ddsbbundary and thus its arrival at the test

section was delayed, resulting in a significantéase in testing time.

The results obtained experimentally compared weltesults obtained numerically. Transonic
shock waves that were set up on the test pieceséigdsimilar shapes, features and chord-wise
positions in both experimental and numerical ressshowing that the geometric layout of the test
section was correct. Furthermore, it was showndhstiort duration flow time wind tunnel could

be constructed using a shock tube and that acawstéts could be obtained through its use.
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1 Introduction

Wind tunnels have been used in various applicationshany years. They range from extremely
simple low speed to highly complex hypersonic \vansj each having a specific purpose and
specific limitations.

The vast majority of wind tunnels are in existetzagecreate the flow of air expected around a
body or object in a controlled environment. Thepase of wind tunnel testing is to better
understand flow phenomena and forces that can fected around that body when it is subjected

to the conditions for which it is designed.

There are a wide variety of forms that wind tunrega take, with each form providing specific
advantages and disadvantages. However, with most twhnels a key objective in their design is
to try and reproduce unbounded airflow such as filwatd when a body is exposed to airflow
without nearby solid boundaries. In such a casestieamlines around the body would bend and
only become straight again at a theoretical irdimitstance away. In a laboratory where space is
limited there has to be a wind tunnel wall or s@imeilar boundary at some finite distance from a
test model which forces the streamlines to becamaéght again. As a result, a large amount of
effort needs to be applied to wind tunnel desigersure that these artificial boundaries have a

minimal effect on the flow around the test piecd #re data being collected.

Various methods have been used to achieve thift,rakbough each method comes with related

shortfalls.

Two types of wind tunnels, with different effecta the streamlines, are the closed wall wind

tunnel and the open jet wind tunnel.



Figure 1.1 Aerofoail in free flight
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Figure 1.2 Aerofoil in a closed wall wind tunnel
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Figure 1.3 Aerofoil in an open-jet wind tunnel




In the case of the closed wind tunnel (Figure 1skeamlines around the body are forced to
straighten out much faster because of the presafite wall. At subsonic velocities this has an
additional effect of increasing the flow velocitsoand the body, causing the need for a velocity
correction to be used.

In the case of an open jet wind tunnel (Figure, 18 undisturbed free stream pressure is reached
at the boundary of the jet which again happens nulaber to the body than in the free flight
condition. This tends to add extra curvature tostiheamlines (Goethert, 1961).

The possibility of recreating the free flight strdanes with the correct shape in the wind tunnel

arises by combining the two types to form a pdytiaben wind tunnel

One way of achieving a partially open wind tunreeby taking a closed wind tunnel and cutting
slots into its walls. Through careful arrangemehtthe open and closed wall sections, the
velocity correction and flow distortion resultingpin the tunnel walls can be minimised, and
possibly even eliminated all together. Slottedlsvalso help eliminate choking of the wind
tunnel near Mach 1 (Goethert, 1961).

The number of open and closed sections (open ati&g, rand thus slot width, must be chosen
carefully depending on the cross sectional shapbeofvind tunnel, as well as the type of model
to be placed in the test section. It has been shbat a large number of thin slots provide an

advantage over a small number of wide slots, blyttona point (Goethert, 1961).

In both the slotted and perforated wall case, timereds to exist a region of open space on the
other side of the boundary in order to allow theckhcancellation effects to take place. This open
region is known as the plenum chamber. It in eféeetites an open test section where expansion
waves can be formed in order for shock cancellatiotake place. The plenum chamber is also
responsible for effectively increasing the windrtahcross sectional area around the test piece
and thus ensuring that the presence of the tes¢ piees not result in the wind tunnel choking at
high subsonic Mach number testing.

During wind tunnel testing at high subsonic, somicsupersonic flow velocities, shock waves
can be formed. These shock waves can interfefetht flow around a model in a wind tunnel
because they can reflect off the nearby wind tumadl. If the model is sufficiently short and the
Mach number sufficiently high, the reflected wavil wiiss the model and only influence the
downstream flow, but if the reflected wave doesiiatt with the model, a non true to free flight
condition arises.



This fact becomes a problem, especially aroundréigéon of Mach 1, and thus is of concern
when dealing with transonic flow. At a Mach numbér, the shock waves formed off a model
will form at 90 degrees to the flow, and thus veiltend to the wall and reflect back onto the
model. Cancellation of this wave is necessaryafcurate data to be obtained. An equal but
opposite expansion wave must be formed at the lawyrglich that the interaction between the
two cancels the reflected wave altogether. One @fagchieving this is either by means of a
slotted wall, as previously described, or a petémtavall. Both perforated walls and slotted walls
have advantages and disadvantages, and it is tugssary to design the wall with the type of
operation of the wind tunnel in mind. From predoexperimentation, it has been shown that
slotted walls are effective in creating zero rdftat, but a given wall geometry is only effective
for a given operating condition. Perforated waltsthe other hand, have been shown that for a
given layout, zero reflection still occurs overaage operating window. The perforated walls
effectiveness is however sensitive to boundaryrléyekness, and so this factor must be taken
into account. Slotted walls also have the advantdgeducing the need for velocity correction in
wind tunnels as well as relieving the effects oblihg. Since choking is a feature that is
prominent during high Mach number testing, thetstbtwalls allow a model with a greater
frontal area to be tested, thus reducing the ltimita on model size slightly (Goethert, 1961).

Creating the flow in a wind tunnel can be achieusthg various means, the most common of
which is a fan driven by a large motor. As expedtesvever, the greater the velocity of the
desired flow generally translates into more poweguired from the motor and thus greater
expense in manufacturing and running the system.

One possibility is making use of the velocity indddn stationary air by means of the passage of
a shock wave. Instinctively, this option would meastiremely short duration testing times but at

a significantly reduced cost when compared to nraditional means.

A shock tube is one of the more practical apparéduscreating shock waves safely in an
environment where their properties and associd@ddharacteristics can be studied.

Since the reduced testing time of a wind tunnebte® from a shock tube is the obvious
drawback to the method, understanding what testing can be obtained is desirable. A wave
diagram of the operation of a shock tube is capableroviding a large amount of information

including the theoretical testing time availableantattempting to use it as a wind tunnel. Figure

1.4 shows the typical features of a shock tube vdiagram.
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Figure 1.4 Schematic of a typical shock tube waagrdm

Upon activation of the shock tube, a shock waveagates from the “0” position towards the
downstream end of the shock tube. At the same dilmentact surface follows the incident shock
wave, but at a lower Mach number. Expansion wavepggate from the “0” position towards the
upstream end of the shock tube. After some amdutitne, the incident shock wave will reflect
off the downstream end of the shock tube and stappagating upstream towards the contact
surface and the expansion waves. The point ofifitsraction between these features will be at
the position of maximum testing time, since it tetato the position where the flow behind the
incident shock wave has the greatest amount of fiefore being interfered with by the
aforementioned features. The theoretical maximusting time is the difference between the time
at which the reflected wave interacts with the aohsurface or expansion waves and the time at
which the incident shock wave passes the positfanaximum testing time. This time is shown
by the arrow in Figure 1.4. More details about tiperation of a shock tube can be found in

section 2.2.

In the event that a weak diaphragm is used atnideoé the driven section of the shock tube to
allow a vacuum to be drawn, while at the same tialewing the high pressure gas to escape
after bursting, an interesting feature can redlit.after the incident shock wave hits the

diaphragm, the reflected wave raises the presfoeeahe ambient pressure, the diaphragm will

burst outward, resulting in an expansion wave pgapiag back upstream toward the test section.



This expansion wave will propagate at a much lovedocity when compared to the velocity that
would be seen if the reflected wave were producethb incident shock wave reflecting off a
solid wall. This fact would result in an increaseesting time since the arrival of the disturbance
at the test section would be significantly delayAtthe same time, due to the venting of the
shock tube by the bursting of the diaphragm, a&céfld shock wave would also be weakened, and

it too would result in an increase in the availaklkging time.

If the end of the shock tube is open to the atmesphthe reflection takes the form of an
expansion wave which propagates upstream at tla¢ $ocind speed. This would have the effect
of increasing testing time over that predicted whtre reflection of the incident shock wave

occurs off a solid boundary, as discussed prewousl|

Figure 1.5 shows the incident shock wave Mach numbguired to produce a flow of a given
Mach number. Of particular interest is the shockeviach numbers that result in flow Mach
numbers falling within the transonic Mach rangee Hotted lines on the graph indicate the upper
and lower shock wave Mach numbers to induce floveMaumbers in the upper and lower limits

of this range.
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Figure 1.5 Graph of shock Mach number versus floacVMinumber



While shock tubes have been used before for theogerof creating a short duration wind tunnel,
the amount of testing time being produced in thieet work is greater than that previously seen.
Thus, the study explored the production of the faaility as well as all the problems, procedures
and results associated with it. The results preseate of little interest from a research point of
view, but provide proof that the facility is opergt correctly, as well as demonstrating the

limitations surrounding its use.

Section 2 of this dissertation outlines the prdperof shock waves as well as common methods
of recreating them in a laboratory. A review okldture applicable to the research is also
presented and an introduction into the technigsesl to visually study the shock waves and their
associated flow features is provided. Finally, tiigectives of the research are presented in

section 3.

Section 4 details the design of the new facility axplores the physical constraints of the design.
Specific emphasis is given to the design of thegestion and its associated features, ending in
the final specification and layout of the test s@ttThe details of the design of the test pieee ar
also presented, along with the optimisation prodesgnsure optimal operation of the wind

tunnel.

Section 5 examines the initial running and calibrabf the wind tunnel as well as some of the
problems associated with the layout and how thesblems were dealt with. The procedure for
carrying out safe and accurate testing using ttilitfais then detailed in section 6.

The results from both the experimental and numktiEsting are presented in section 7 with
specific emphasis on the comparison between theasvavell as those details that provide insight
into the functioning of the facility. Finally, spéic conclusions relating to the objectives
originally laid out are detailed in section 8, ajomvith recommendations on the further

improvement of the facility and its ability to reiuce transonic flow accurately.



2 Literature Review

Shock waves occur frequently in nature and are ddripy a variety of sources. Lightning bolts
superheat the air around them causing explosivarsipn of the air and a shock wave to form,

creating the loud bangs associated with them. Biguhs result in a similar scenario.

Manmade objects are also capable of creating shwasles. The popping of a balloon or the
cracking of whip both result in shock wave formati@dhe passage of aircraft through air at
velocities around seventy percent of the local dpsfesound and higher cause shock waves to
form around the craft. The strength of these shamkes depends on the velocity and shape of the
aircraft and its components.

2.1 Types of Shock Waves

Shock waves can take a variety of forms, but gdigespeaking, they are considered to be a
discontinuity in flow across which the propertiddemperature, pressure and density of the fluid
change over an effectively infinitely small distan@ true discontinuity of course cannot exist,

but the fact that a shock wave is of the order f@wamolecular mean free paths in thickness, this

assumption is adequate.

An aircraft flying at low subsonic velocities (M Mach 0.7) will generally not experience any
shock wave formation over it since the local vdiesi of the flow remain in the low subsonic
region. However, once the aircraft enters the traitsregion (Mach 0.7 < M < Mach 1) its shape
potentially can cause the airflow over it to goisar even supersonic in small regions around it.
This causes transonic shock waves to form arouachtBas causing the disturbance. Upon the
velocity of the aircraft becoming sonic (M = 1) armal shock wave or a bow shock wave forms,
depending on the shape of the body while at veéscabove the local speed of sound (M > 1) an

oblique shock wave or a stronger bow shock waveogedur.

Normal and transonic shock waves are relevantéasthdy and their properties are discussed in

greater detail below.



2.11 Normal shock waves

A normal shock wave is one where the wave fromt fimety degrees to the direction of travel, as
shown in Figure 2.1.
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Figure 2.1 Normal shock wave with different refareframes

As stated previously, the properties of the fluidrge discontinuously across the shock wave. In
Figure 2.1 the properties with a subscript of 1 @n@éfer respectively to the effects before and
after the shock wave has had an effect.

Because the shock wave is occurring in a 1 dimeasimeal gas, the equations of continuity,
momentum and energy must be satisfied. The follgwiquations apply for frictionless, adiabatic
flow.

For continuity: rNV,=r .V, (2.1)

Momentum: rNFHp=r VY + (2.2)



Energy: h+X=h+%

But because the medium is an ideal gas:

P=rRT

The following useful equations result from maniping the above:
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9-1 (2.10)

Furthermore, the stagnation properties of pressndedensity can be defined as follows:

9
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The choice of reference frame will influence thaegsiation properties of the fluid while the static

properties of pressure, temperature and densityirelependent of the reference frame. The
equations derived above apply to the stationamresice frame as shown in Figure 2.1 b) where
the observer is seen to move with the shock watleerahan the case where the shock wave

moves into stationary fluid (Figure 2.1 a)

In order to study shock waves in a controlled envinent like a laboratory, we need to be able to
reproduce them safely and predictably. One of ¥ lvays of achieving this is by means of a

shock tube as described in section 2.2.

Manipulation of the above equations as well as angh into the stationary observer reference
frame yields the following pertinent equations thed especially relevant when it comes to the

operation of a shock tube:
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Subscripts numbered 4 denote the region of thedgas, while subscripts of 1 denote the region
of the driven gas. Mdenotes the Mach number of the flow induced bysiheck wave and M

denotes the Mach number of the shock wave itself.

2.1.2 The oblique shock wave

The oblique shock wave differs from a normal shaelke in that it does not lie at 90 degrees to
the flow, but can lie at some acute angle to itead. As before, the properties of the fluid on
either side of the oblique shock wave will changeahtinuously, however they will not change

with the same magnitude as before.

M

v,

Figure 2.2 Obligue shock wave

Oblique shock waves occur in supersonic flow arelthe result of the flow being required to
turn through some angle by the presence of a coBiece the flow is required to turn into itself,
the shock wave is considered to be a compressive @&ad creates a rise in static temperature



and pressure, but a drop in Mach number. Unlikerthenal shock wave, the drop in Mach
number caused by an oblique shock does not caadotih to become subsonic. (Ben-Dor, Igra,
& Elperin, 2001)

2.1.3 Transonic shock waves and their resulting features

Particularly relevant to the research being unétertdas the occurrence of transonic shock waves
with specific emphasis on those occurring on aofa#rshaped body exposed to transonic flow.

When an aerofoil (or other body) is exposed to flgith a Mach number in the transonic region,
depending on the shape and relative dimensionisechérofoil, there is a possibility for the flow
in certain regions around the aerofoil to go localpersonic. This locally supersonic flow
cannot remain supersonic throughout the flow regimund the aerofoil and so at some point,
needs to become subsonic once again. The tranfitionsupersonic to subsonic takes place by
means of a shock wave through which the propenieshe flow in question will change

discontinuously as stated previously.

The normal shock wave discussed is the same asaitmeal shock wave described in section
2.1.1, however, the shock wave does not have ® ttad form of a straight line but can contain
curvature. The reason it is still considered a rabrshock wave is because the streamlines

entering the shock wave will do so at 90 degreakashock front. (Skews, 2007)

As for the case of an aerofoil being exposed tssnis flow, a boundary layer will form along
the upper and lower surface. In the case wherdldheMach number and aerofoil shape create
locally supersonic regions on the aerofoil, a toais shock wave will form. This shock wave
will interact with the boundary layer at the poivttere the two meet. This interaction is complex
and beyond the scope of the research in questiomekker, the result of the interaction is of

interest.

Two types of interaction are possible:



Normal shock wave without boundary layer separation
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Figure 2.3 Normal shock wave without boundary |lssgaration
(Ben-Dor, Igra, & Elperin, 2001)

Since the boundary layer attached to the surfacthefaerofoil is moving at an ever slower
velocity as it approaches the surface, at somet jlithe boundary layer the flow will become
subsonic. At the position where the normal shockenand the boundary layer meet, the pressure
rise associated with the shock wave is able tadesimitted a small distance upstream through
the subsonic boundary layer. This transmitted jpiresgse results in compression waves forming
which ultimately coalesce to form up with the notstaock wave.

The compression in the lower part of the shock wawendary layer interaction is very close to
isentropic, thus the entropy level of the floweésd than that found at some distance away from
the wall, behind the normal shock wave. This fasuits in a region close to the wall where the
Mach number is higher than that found trailing #imck, and is in fact still supersonic. This

region is visible in Figure 2.3.



Normal shock wave with boundary layer separation (te lambda shock system):
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Figure 2.4 Normal shock wave with boundary laygrasation
(Ben-Dor, Igra, & Elperin, 2001)

In the case where the boundary layer separategpaaion bubble forms in the boundary layer.
The nature of this formation is beyond the scopehef research in question, however, it is
directly related to the strength of the shock wimteracting with the boundary layer. Of course,
the strength of shock wave is a direct result efftee stream Mach number.

In the event that a separation bubble forms, as seEigure 2.4, an oblique shock wave forms
off the upstream section of the bubble, due toft#we that the supersonic flow is required to
undergo a compressive change of direction, as itbescin section 2.1.2. This oblique shock
wave meets up with the normal shock wave. Downstrefthe oblique shock wave, the flow is
still supersonic. In order to satisfy compatibilitpnditions, the formation of a trailing shock
wave is required. This downstream oblique shockenean lead to a situation where the flow is
very low supersonic downstream of the trailing $hdthis region is known as the supersonic
tongue, the size of which is dependent on the lagdldownstream boundary conditions.



This arrangement of shock waves and flow featusdgbwn as a lambda shock pattern and is

common in transonic flow where the normal shockevenuces boundary layer separation.

2.2 The shock tube

A shock tube is a device used to create shock waves controlled environment, like a
laboratory, for the purpose of studying phenomemeosinding their passage through a medium.

The shock tube in its simplest form shown in FigRrg, is a device capable of dividing a high
pressure region of gas (driver) from a low pressagion of gas (driven). The separation of the
two regions is made possible by a thin diaphragneitfer plastic or metal sheeting. Upon
rupture of the diaphragm, the high pressure gasregrapidly into the low pressure gas. This

expansion does not immediately result in the foimmaof a shock wave however.

Driver (High Pressure) m Driven (Low Pressure) —
Bl
Diaphragm Station Test Section
2)
Expansion Waves Normal Shock Wave
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Figure 2.5 Schematic layout of a shock tube bef@yand after (b) diaphragm rupture

Initially, upon rupture of the diaphragm, a suc@as®f compression waves propagate into the
low pressure region, each wave travelling at tlwallspeed of sound for the region into which it
is propagating. As the first compression wave mpitagises the temperature of the gas behind
it, which in turn raises the local speed of soumdhiat region. The following compression wave

then travels slightly faster than the preceding evand will, after some time, catch it. This



process occurs with all of the compression wavas fitilow and they ultimately coalesce and

steepen to form a shock wave.

At the same instant that the diaphragm rupturegamsion waves move into the high pressure
region. Due to the cooling effect that they havdtangas, they do not catch up with each other to
form a shock wave.

Following the compression waves is a contact sarfadich, like a shock wave, is a
discontinuous fluid region, but it is only discontbus in density and temperature. The contact
surface is a direct result of the two regions bai@parated from one another prior to the rupturing

of the diaphragm. The pressure remains constaossthe contact surface.

Built into the shock tube at some distance greti@n the distance required for the compression
waves to form a shock wave, will be a test sectidrere the phenomena of interest can be
studied.

The strength and Mach number with which the shoakeapropagates is related to the pressure
ratio across the diaphragm separating the high fiteenlow pressure regions. As a result, the
equations listed in section 2.1 can be used toasti the flow properties that result from a given
pressure ratio across the diaphragm. Of partiéatarest to the study in question, is the ability t

predict the Mach number of the flow behind the &haave since a high enough pressure ratio

will create flow with a Mach number that falls irttee transonic region (Glass, 1959).

2.3 Schlieren Imaging Technique

Due to fact that the features observed are diffimukee with the naked eye, as well as the high
speed of the shock wave and short duration for lwthie features exist, a method of capturing the

features at a given instant in time was required.

The method used is known as schlieren imaging amdidws a user to pick up the slightest
variation in density in a transparent medium whigbuld otherwise be largely invisible to the
unaided eye. It converts density variations ireagparent medium into light variations which can

easily be seen by the human eye.



A common layout of optical components required ¢bieve the technique is shown in Figure
2.6.
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Figure 2.6 Typical Z-shape schlieren system layaut through 90

A point source of light is cast upon a parabolicrorioriginating at the focal point of the mirror,
resulting in a parallel beam of light being refettfrom the mirror. This parallel beam then
passes through a region of interest (shock tulieséesion) and is reflected by another parabolic
mirror. A knife edge is placed at the focal poifitttee second mirror and is used to control the
amount of light being received by either a cambueman eye, or some other optical device. Any
deviation in the parallel beams caused by somegehandensity in the test region will alter that
portion of the light rays path to the knife eddethe deviation causes the light rays to miss the
knife edge, that area of the test region will appigater than the rest. Deviation causing thetligh



rays to intercept the knife edge will be blockeahfirreaching the final optical device and so that

area in the test region will appear darker.

The deviation in the light path caused by the diffee in densities of the medium in question is
directly related to the refractive indices of tharigus areas in the test region. The refractive
indices differ according to properties such as tigmd the medium and the wavelength of light

causing illumination.

Varying the degree to which the knife edge cutstioéf light path changes the sensitivity of the
schlieren setup.

Settles describes in detail the mathematics ty futiderstand the optical processes involved in

creating the schlieren setup. (Settles, 2001)

In order to capture an instant in time during arsHaration event like that experienced in shock
wave studies, a trigger system attached to pressamsducers is used. The pressure transducers
register the steep change in pressure caused tpatisage of the shock wave and send a signal
through a delay box to trigger the light sourcee Tight source illuminates the test region for an
extremely short time and that illumination is restemt onto a camera or other optical device
capturing that specific instant in time.



3 Objectives

The key objectives are:

To design, manufacture, and calibrate a transoimd wunnel using an existing shock
tube

To test transonic flow over a test piece

To make a comparison between the experimentaltsesntl numerical results in order to

verify the accuracy of the flow produced in the avimnnel



4 Design of the Transonic Shock Tube

The design of the various components making uptidmesonic shock tube is detailed below.
Specific emphasis is given to the test sectiontardeasons behind the selection of the various

components and their particular layouts.

4.1 Design Constraints Based on Existing Resources

Due to the large cost of materials when creatimgwa facility, it is always advantages to make

use of existing materials and components.

Tube lengths:

As part of an MScompleted previously Graeme Doyle was tasked wéighing a new 100ms
shock tube to study the effects of shock waves antighes. As a result of the relatively long
testing time of 100ms, the shock tube needed tenexiapproximately 50 meters across the
laboratory. With the study complete, a large numidfdengths of piping were available to create
a new facility. Thus, in order to keep costs doang relieve some workload on the laboratory
staff, the lengths would form the basis of the nghiequired for the transonic wind tunnel, which
would be positioned in the same portion of the tatmry (Doyle, 1998).

The lengths from the driven section were standardiistrial welded seam, rectangular steel
tubing with outer dimensions of 177 x 127mm andadl ¥hickness of 10mm. The sections were
made up of thirteen 2 meter long sections, two lemkong sections and a single 0.6 meter
section. Each section had a flange welded to it thedflanges each contained two dowel pin

holes to ensure accurate alignment once assembled.

The driver section was an Arlec Engineering pressessel made from three lengths of circular
steel tubing with an outer diameter of 168.3mm wamad thickness of 7.11mm. Two lengths of 6
meters and one length of 3.4 meters made up trselv@he total length of 15.4 meters had been



pressure tested and certified for a working pressfird bar. The 3.4 meter section had a larger
diameter flange welded to it to allow for connenotto the driven section described above. One of

the 6 meter sections had a blanking flange to dleseection off.

Due to the large shock wave Mach numbers requogatdaduce the transonic flow, the pressure
vessel had to be recertified to a higher workingspure. The largest compressor available in the
laboratory was capable of producing a pressuresdiar , and so the connecting flanges on the

driver were upgraded to allow the vessel to bafmattfor a 15 bar working pressure.

Stands had been manufactured previously to supperassembled tube, with special stands to
ensure that the driver section was able to be moluedortunately, during the time that the
existing shock tube lay disassembled, these stamds redistributed and as a result some new
ones needed to be fabricated.

Windows:

The sensitive schlieren optical setup requires thattest section windows be made from an
optically clear medium. High quality glass is commiyoused but is very expensive, and so it was
decided that the new transonic test section shioelldesigned such that the windows and doors
could be interchanged with another recently reaesigshock tube test section.

These requirements set up some basic but rigidtrednis on the design with the most key
constraint being that the test section would needatve inner dimensions matching those of the
driven section tubing. The reason for matching dimensions was to minimise energy losses

during the transition from one cross section tatla@o

4.2 Design of the Partially Open Walls

As described previously, one of the most imporfaatures that the test section required is the
ability to both cancel any reflected shock wavekthé walls as well as minimise blockage

effects in the wind tunnel.



Studying literature on the way in which this hagmechieved in larger scale wind tunnels
revealed a predominance in a slotted wall type dayblowever, theory predicted that using a
perforated wall type boundary had the most advastag

Slotted and perforated walls each have advantagdsdesadvantages as described briefly in
section 1.

Unfortunately due to the lack of numbers of transamnd tunnels based on a shock tube, no
literature was found to aid in the decision as ticl layout was best. Consequently, some basic
2-dimensional computational fluid dynamic simulasovere run to see if either method had an

obvious advantage over the other.

Computational Fluid Dynamics:

The Fluent computational fluid dynamics package wsed to create a shock wave upstream of a
‘test section’, with a short distance to propagateng, in order to ensure shock uniformity and
proper formation when it reached the test sectiomas then allowed to pass through the section
and out the other side so that the resulting fleatdres could be visualised.

Figure 4.1 CFD of perforated wall concept at Ma@dBver half of a diamond shaped
aerofoil



Figure 4.1shows that the perforated wall concept tended ealygre small perturbations in the
flow and as such each perforation created a distusd that propagated downstream as well as
away from the wall. This is extremely undesiralbifes each of the disturbances would propagate
outwards from the wall and into the flow featureonto the model in question.

The complexity of manufacture as well as the diftig in predicting the correct size and spacing
of the perforations as well as the possible interfee it might create meant that the concept was

deemed unsuitable.

The lack of literature and thus the requirementddtexible layout meant that the slotted wall
option was much more practical from a manufactuengd testing point of view. The likelihood

of meeting the flow requirements was also high asa result, design continued with only this
option in mind.

4.3 Design of the Test Section

A key feature of the test section was the needai tthe option of varying the layout of the
components, thereby allowing different layouts éotésted, in the hope that one would be found

to have minimal model interference while providihg most accurate results.

With the slotted wall layout decided upon, it beeanecessary to decide how the slots should be
laid out and fitted into the test section, as veslithe slot dimensions. All of these aspects were
relatively unknown, except that an open area ratiapproximately 50 percent for shock wave

cancellation seemed to be reasonable.

The basic design concept began with two jig-likdlsvevhich would be capable of holding the
various components together at the required spacimg walls were designed such that the doors
from the original shock tube would fit and operaterectly as well as being able to house the
new doors holding the perspex windows. The plenbamber concepts were then fitted, along
with the mounting for a test piece and the requa@thections to the rest of the shock tube.

The details of each phase of the design are desthiblow.



431 The plenum chamber

A key component of the shock wave reflection cdatieh is that an open space of some kind
needed to be in place on the other side of the deyn This is the region into which the equal

strength expansion wave could expand.

Due to this requirement, as well as the need t@ lmvextremely variable test section layout, a

separate plenum chamber was conceptualised.

A few concepts were created:

Figure 4.2 Plenum chamber concepts, with solidlzrdslots

Figure 4.2 shows two concepts that were considéred.first concept contained solid slats to
create the slotted wall feature. This concept haddisadvantage that changing the slot width and
thus open area ratio would mean a large amounisatsembly of the test section. Changing the

plenum chamber depth if needed would also not prowe a simple task.

The second concept with thin bar slots was chosentd the ease with which the slot width,
depth and number could be varied. Another favoerabpect of the chosen layout was the ability
to make the changes without any disassembly ofesiesection itself. The second concept was

thus favoured over the first and developed further.



Figure 4.3 Plenum chamber with 10% open and 50% o slots

Due to slenderness of the slotted members, suppeeded to be put in place to ensure that they
did not vibrate or bend during testing. These sugmiso doubled as clamping regions to ensure
that the spacing between the slots could be aadyrataintained. Figure 4.4 shows the support
offset from the centre of the plenum chamber tovalspace for the mounting of the test piece.

Each end of the slotted insert was also suppoat@asintain slot spacing accurately.

Figure 4.4 Plenum chamber with 50% open walls shgwupports

Each slot making up the slotted wall could be lbtiaeto the three supports using short, M4 cap

screws. The supports shown in Figure 4.4 incorpdratslotted guide thus allowing the spacing



of the slots to be altered as well as allowingedéht width slots to be used with the same support

structure. This had the effect of simplifying maatfire and replacement of the slotted sections.

4.3.2 The window and door

As stated previously, the test section needed talds#gned such that the windows could be
interchanged with a shock tube that had been ndgcepgraded. The window of the upgraded

shock tube can be seen in Figure 4.5.

Figure 4.5 Original high optical quality window fre

In order to make the original door fit the testtemt, the basic test section shell was designed
around it. At the same time, a similar door anddein system was designed to be capable of
housing a much cheaper perspex window. As a retgits could be run with a lower optical
sensitivity on the new transonic shock tube, arehtim the event a higher sensitivity was

required, the doors would be swapped.



Figure 4.6 New Perspex window mounting system

The door was designed to have the largest posBispex window, which under the expected
test pressures would not bend significantly. Angdieg of the windows effectively increases the
cross sectional area of the test section at that pad would thus tend to alter the flow velogtie

through the test section.

At the same time when Perspex is stressed beyarettain limit, it has a tendency to craze,
whereby tiny cracks form on the surface, decreaoty its strength and its optical quality. It is
recommended that the maximum stress be limited0fd df the yield stress to avoid crazing.
This became a key factor in choosing the windowkiiéss.

Of course, due to the optical layout shown in secf.3, the size of what is visible through the
schlieren system is limited by the size of the palia mirrors used. Since 10 inch diameter
mirrors were available, and it was unlikely thatgkr mirrors would ever be used on the new
shock tube, it was decided to limit the window giae200 by 250mm, with the larger dimension
running parallel to the flow direction. This size more than adequate to visualise the entire

height of the test section (107mm) while includangortion of the plenum chamber.

Based on these dimensions and the fact that therdpressure was limited to 15 bar, the window
thickness could be estimated making use of BruB@3}L It was found that 25mm thick perspex



would ensure that no crazing occurred, and wowdlrén minimal deformation. Both of these

features are highly desirable.

With the window size known, the frame could be gesd. In order to ensure that the window
and frame from the existing tube were able to ftrectly, modification of the existing
components was all that was required. The basigrniesncept was kept and only the window
cut-out dimensions were altered from the origioaind windows to the new rectangular ones.

An O-ring groove was also included to ensure thatdoors sealed correctly under both positive
pressure as well as vacuum. The O-ring groove agdired O-ring material was sized to create
the required squeeze on the O-ring while ensutiiagy mone of the material was pinched in the
processA 4mm groove width with a 2mm depth was specifiedus a 3mm O-ring would be
squeezed the required amount and the 4mm widthdaadldw the O-ring the required expansion.
A layout of the inner section of the door can bensie Figure 4.6.

Locking system:

A simple locking system (Figure 4.7) was then dastjthat would be easy to manufacture and
use, and would be capable of being used on botheleand existing doors. The system holds
both doors on either side of the test section sitipm simultaneously with the upper and lower

clamps, while the single side clamp is specifieach door system. The system allows the doors

to be unclamped very quickly while still providitize required clamping force during testing.



Figure 4.7 Door clamping system

Window clamping method:

Due to the window experiencing both positive presswand vacuum, the window and window
clamping system were designed to ensure this wootccause problems. A further requirement
for flow uniformity in the test section was to ersthat the inner surface of the door, and more
especially, the region where the door and window wses as smooth as possible with a minimal
step and gap. This meant that clamping the windopwlace to prevent it being pulled inwards
when the test section was under vacuum was no¢dblie by simply bonding the window to its
frame. This was overcome by a machined step asrshowigure 4.8. The inner support frame
has been removed in the figure for clarity. Thanfe has a corresponding step in it to ensure no
gaps between the window and frame exist.



Figure 4.8 Step machined into the perspex window

To ensure that no air was capable of moving thrabghoint between the window and the door,

an O-ring was included.

To further seal the joint, and to take up any plathe seating of the window created during the
machining process, the joint was filled with Silkfl Sikaflex is safe to use with Perspex and
creates a tight seal but does not set hard andalmss for small amounts of expansion and

contraction due to temperature changes, thus ptiegenverstressing the perspex window.

Door frame:

The door frame was made from 30mm aluminium plaigufe 4.9). This was to ensure adequate
rigidity under the various pressure loadings sitiee locking plates covered a relatively small

area. O-ring grooves were included in the door &damensure that no gas could move through
the joint created when the door was closed ancelbckhto the outer walls of the test section. The
hinge system was manufactured to be identical ab ahthe existing door and so interchanging

the two would involve removing the hinge pin only.
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Figure 4.9 Outside view of door frame with hingsteyn

Replacement of the window in the event of damag#oise by removing the door, and then the

inner window frame, making the setup quite usemfily.

4.3.3 Test section body

With the layout largely designed, a housing was trexjuired to make up the body of the test
section. From a manufacturing point of view, plateel was used due to its ability to be
machined relatively easily, as well as the easd wihich a good surface finish could be

achieved.

With the window and door requiring an exact fijpi@vent any small steps or gaps along the side
walls, the plate needed to be an exact thicknesthédAsame time the surface finish of the plate
needed to be very smooth with no dents or notcBesamercially available inexpensive steel

plate generally has a lot of surface imperfectiand the thickness can vary within quite a large
tolerance limit. It was therefore decided that careial plate would be purchased and ground to
an acceptable surface finish. Unfortunately thadjrig process and thus plate thickness is only
accurate to within approximately one millimetredaso the window and door could potentially

have a one millimetre gap once correctly tightenguerefore it was decided to oversize the



thickness of the original plate, and allow the @let be ground oversized. Final machining of the
area where the door and hinge mounts would thes ttad plate to the exact thickness in that
region, allowing the door to fit exactly. The reqad recess can be seen in Figure 4.10, with the
actual depth of the recess being dependant orirtalegfound thickness of the plates.

Figure 4.10 Side wall with door recess and mountiolgs

All plates making up the main body were specifieth¢ 20mm thick to allow M8 bolt holes to be
drilled edge on without being too close to any eddde plates would also require a 4mm O-ring

groove to be machined into the edges to ensureepssaling, especially under vacuum.

It was decided the side walls would be the mairpstpcomponents for everything that would be
attached to the test section. As a result, theywesigned larger than was required to ensure that
all the components could fit in the space allowed.

It was decided that the test section would extéd@rm in order to ensure that there was enough
space for the various components. This also alloaveghsonable amount of space to mount the
window and door and at the same time provide adeca@a upstream and downstream of the
test piece for flow features to be establishecldb had the additional benefit of adding extra

length which was required to maximise the transéioie time.



Every joint had an O-ring groove machined intontl@ll bolted joints included at least two 8mm
dowel pins to allow for accurate alignment durirsgembly. All major joints were laid similarly

to that shown in Figure 4.11.

Figure 4.11 O-ring grooves, dowel and bolt holesafgnment and sealing

A flange matching those from the original drivests® tubing was fitted to either end of the test

section, each containing two dowel pin holes tasmsccurate alignment upon assembly.

434 Upstream cleanup section

It was decided that due to the rough nature ofribele of the industrial steel tubing, a cleanup
section would be required just upstream of thegestion. The purpose of this section would be
to ensure that the shock wave arriving at thesestion is uniform, as plane as possible, and that
any flow features set up due to the change in csession from the tubing to the machined
section would occur far away from the test section.



At the same time, pressure transducers neededitstadled upstream of the test section to allow
for triggering of the optical system for imagingtilow features. This section provided an ideal

place to install them.

A few concepts were created:

Firstly, a simple box shape assembled from 20mitd, rmiled steel plate would provide the inner
surface finish required and could be bolted togethi¢h ease. Upon pricing the cold rolled
sections, the idea was modified.

Due to the inner cross section of the test sediging the same as that of the industrial tubing
(157.7mm x 107mm), the cleanup section would needdtch these dimensions. It was decided
that in order to save money, at least half of thld colled plating could be replaced with standard
tapered flange channel section. The standard dizbese sections does not come in either
107mm or 157.7mm widths, however a 160mm widthvalable which has a flange thickness of
approximately 8mm. The surface finish of channeliea is rough, but since it is oversized at
160mm, it could be ground down. It was decided timdythe thickness of the channel to
157.7mm with the web being ground smooth in the@ss. Even with the grinding required, the
sections worked out to be much cheaper than treerotled steel sections. The cleanup section

was laid out as shown in Figure 4.12.

Figure 4.12 Cleanup section with channel sidespdaig top and bottom



Steel sections come standard at six meters lomgsaiit was decided to make the cleanup section
three meters long, from an assembly and cost mdiniew. Three meters is also adequate to
ensure that the shock wave is uniform, and it hasadded advantage of adding an extra three
meters to the overall length of the tube, thusihglmaximise the testing time.

The layout also ensured that the corners of thiiosewere at exactly 90 degrees to one another,
which is how they would be in the test section, ancho losses would occur during transition

from one section to the next.

Machining O-ring grooves along the three metertlervgas not practical and so the joint created
between the channel flange and the cold rolleceplats sealed using Loctite number 3 gasket
sealer. Care was taken, once the sections weredbtigether, to ensure that no Loctite was
squeezed into the corner of the section and whésedi occurred, it was quickly removed.

The pressure transducer holes were machined sathhin transducers would be flush with the
upper inner surface of the section. The transdugers placed exactly 300mm apart and 680mm
from the centre of the test section. The 300mmadist is critical because it is used to determine
the shock Mach number, while the distance to thereeof the test section is simply used to

estimate a trigger time delay for the optical syste

Again, flanges were fitted to each end of the sacto allow for assembly with both the original
driven tubes and the new test section. These flahgee O-ring groves and 8mm dowel holes
machined into them to ensure a good seal and decalignment between the flange and the ends

of the cleanup section.

4.35 Vacuum seal system for the end of the shock tube

Due to the requirement of vacuuming the drivenisacto increase the shock wave Mach
number, the driven section needed to be sealeftarff the atmosphere. The end of the driven
section vents straight into atmosphere. For tbstisdo not require vacuum, this is acceptable, but
for tests requiring vacuuming, the end either ndedebe closed off with a blanking flange or a
with a valve system of some kind. Simply puttindlanking flange in place meant that the
reflected incident shock wave off the end of tHeetwould be stronger than if the tube could vent
and would thus reduce testing time slightly.



To overcome the problem it was decided that plaeingry weak diaphragm at the end of the
tube was the best solution. The diaphragm needée tihick enough to hold the pressure ratio

caused by the vacuum, but would burst upon comigibtthe incident shock wave.

An existing driven section tube, having been cutdther purposes, was used along with 80
micron plastic sheeting clamped between the twogita making up the joint in the tubing. This
system proved to be more than adequate for theoparwith the only disadvantage being that it

needed replacing after every test requiring vacuum.

4.4 Final Test Section Layout and Specifications

The final test section was laid out as follows:

Figure 4.13 Final test section with wall removeddiarity

The test section had the basic dimensions as shokigure 4.14.
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Figure 4.14 Basic dimensions of the final testisect

Ultimately, the test section ended up as showrigare 4.15.

Figure 4.15 Test section after manufacture

The test section itself contained no sensors arumentation of any kind since the current study
involved getting the apparatus to operate in asfeatiory manner as a transonic wind tunnel.
However for future work and further development thfe facility, it is essential that



instrumentation is used to gain a better understgnof the flow produced in the test section.

Further details can be found in section 8.

4.5 Design of the Test Piece

With the test section designed, a test piece wars quired in order to prove that the shock tube

was functioning as expected and that the requiestsonic flow was being established.

Due to the fact that results from the testing warddtain very little data, and would be made up
largely of pictures of flow features, it was deddbat an aerofoil with a large amount of known

data be used.

The Fluent computational fluid dynamics program eate of an RAE 2822 supercritical
aerofoil in order to validate numerical results aobed from the program. As a result, the
designers of the program took a known aerofoil watharge amount of data available, and
ensured that the numerical results the programpraducing matched the data that was already
known. As a result of this fact, numerical resualtgained with the Fluent package for the RAE
2822 aerofoil were very accurate. This confidemcadcuracy meant that from a visual point of
view, the transonic shock positions and shapethtaerofoil, when subjected to transonic flow,
would be a good representation of reality. Thig faeant that a good comparison existed if the
aerofoil was tested in a wind tunnel, and so theER822 was chosen as a good test piece to
validate the flow in the transonic wind tunnel. Tvefile of the RAE 2822 can be seen in Figure
4.16.

Figure 4.16 RAE 2822 Profile



Due to the nature of the testing required, thefagnwould span the full width of the test section

such that effectively 2-dimensional flow would dxis

Ordinarily test pieces of this nature would be sarpgrd by simply clamping them between the
two windows on either side of the section. Howedeie to the fact that Perspex had been chosen
for the windows, it became clear that the test giaould likely scratch the windows, and
potentially locally distort them from the clampifyce. Any distortions would be clearly visible
with the sensitive optical system used and so wantktfere with the results. Another concern
was the relatively high lift and drag loads thatwabbe produced at transonic velocities, and so it

was doubtful that simply clamping the piece woubtbht in place.

A simple way around the clamping problem, aidedHwyfact that perspex windows were being
used was that holes could be drilled into the pstgp mount the test piece securely. This of
course meant that the perspex windows would onlydeable with one model, and one angle of
attack. If the windows were replaced with the glasss, as would be expected at some point, a
new system would have to be used anyway.

Mounting the test piece with a sting type systenambehat it would interfere with the flow

around the model and create unnecessary complaxitg design.

With the optical system expected to be used, a sdiject like a test piece would appear solid
black. This meant that anything attached to thepiese would also appear black and potentially

block interesting flow features from view.
As a result of the above, it was decided to mooatést piece with vertical uprights at each end.
This method has a few advantages and disadvantages.
Advantages:
It would allow stable and secure mounting of tret pece
Angle of attack would be easy to change
No damage to the windows

No interference with flow visualisation on one sué of the test piece



Disadvantages:
Only one surface of the test piece would be visible

A full test of the test piece would involve runnitite wind tunnel twice since the upper

and lower surface would need to be tested sepgratel

Slight flow interference on the surface betweenupeghts

With these facts in mind, it was decided that tpeigiht mounting method was most practical,

easy to achieve, safe and likely to succeed.

Due to only a single surface of the model beingetésit one time, it was then decided that two
different sets of uprights be manufactured: onef@etesting the upper surface and one for the
lower. This meant that a single test aerofoil cduddmanufactured which would be suitable for
both upper and lower surface testing.

The proposed layout is shown in Figure 4.17.

N

Figure 4.17 Proposed method of mounting the adrofoi



As can be seen, the uprights would extend all the to the surface in question, and would have
an identical profile to that surface. Thus flippitite test piece over and replacing the uprights

would allow the other surface to be tested.

It was then decided that changing the angle otlattd the test piece would allow for much
greater testing flexibility and improve the resufghe study.

The requirement to change the angle of attack duesting of the upper and lower surfaces of
the aerofoil meant that the mounting system ne¢aléd capable of positive and negative angles
of attack. It was also desirable to be able to sidjtie angle by very small increments. The
mounting scheme shown in Figure 4.18 was thus gdnaksed. The slotted bolt holes allow the

uprights to be rotated continuously from -10° t@%4angle of attack.

Figure 4.18 Test piece mounting layout

With the layout of the mounting and the type ofcd@it chosen, final dimensions needed to be
decided upon. A total blockage of six percent wiagsen for the test piece and its mounting

system based on wind tunnel testing standardsexrmhtmendations.
With the test section area: 157.7mm x 107mm = 1B®Biinf

6% = 1012.43m



Making use of the RAE 2822 aerofoil with a 12% kniess and mounting uprights of 3mm thick
steel plates, a thickness of 5mm and chord lenigfi2imm was chosen. The span of the test piece
was 107mm. The mounting attachments to the teibedmody were not included in the blockage
calculation because they lie below the slotted aatl so do not form part of the blockage.

Figure 4.19 Aerofoil with wedge cut-outs for theights

The test piece was designed to be mounted in threcef the test section such that at zero

degrees angle of attack, it is in the centre ofamelows.

The aerofoil section was machined from brass, wthike uprights were mild steel plate. The

uprights had a ten degree wedge machined into lteding edge to ensure that they interfered as
minimally with the flow between them as possiblbeTwedge shape also ensures that minimal
vibration would occur as the high velocity flow nesvpast. The wedge shape was also machined

into the test piece as shown in Figure 4.19.

The final layout of the test piece mounted for upged lower surface testing can be seen in
Figure 4.20.



Figure 4.20 Final test piece layout for upper awier surface testing

The final layout of the test piece within the tssttion can be seen in Figure 4.21. Again the side
of the test section has been removed for claribhe Test section has the 50% open wall layout

installed and the test piece is configured foringsthe upper surface of the aerofoil at zero
degrees angle of attack.



Figure 4.21 Test piece mounted into the test seetith 50% open walls

4.6 Design Optimisation Using Kasimir3

Due to the relatively short flow times expected whmaking use of a shock wave to create
transonic flow, maximising the testing time is vénportant.

The Kasimir3 computer program is capable of takimg standard shock wave equations and
producing a graphical output of their results ifoan that makes understanding and analysing
them extremely simple. The results displayed sjpadij relate to a shock tube layout that has
been input into the program, and takes the form whve diagram. As a result it is an invaluable
tool in the design of any shock tube. Due to ttseiai nature of the output, understanding where
the various waves will be as well as the fluid dies at any stage, becomes simple.

Once the test section and its upstream cleanufpsegére designed, the available length of the

complete shock tube was known, and thus, an optitestrsection position could be found.



First of all, the driver length needed to be dedidpon. With the full 15.4 meters available for
use in two 6 meter sections, and one 3.4 meteioseet small amount of flexibility existed in its
layout. A driver length of either 3.4, 9.4, or 15ters could thus be used since the 3.4m section

was required.

A wave diagram was set up using the full driven wadable driver sections available to see how
the waves behaved in both sections. The incideshtreihected shock waves are displayed in red,
while white indicates expansion waves. The corgadiace is displayed by the black dashed line.
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Figure 4.22 3.4 meter driver at a flow Mach numtfed.83
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Figure 4.24 15.4 meter driver at a flow Mach nunifed.83



Clearly, in Figure 4.22 the expansion waves acfueditch the contact surface as it propagates

down the shock tube and ultimately end up shortetiie available testing time significantly.

It can be seen that with a longer driver (Figur24}. all that is occurring is the delay of the
reflected expansion wave off the back of the drittawever, with the available lengths of driven
tubing this delay is too long and, as a resultagishe 15.4 meter long driver is simply occupying
valuable space that could be used to lengthenriiendsection and thus delay the return of the
reflected shock wave. At the same time, using arter long driver does not provide enough of
a delay and the reflected wave interacts with thretact surface too early. The driver length was
then fixed at 9.4 meters (Figure 4.23) where theaagion waves enter the test section shortly

after the contact surface.

The driver length discussion is only valid for ttese of a theoretical flow Mach number of 0.83.
However, since Mach 0.83 is approximately in theldte of the testing Mach range, it forms a

good basis for developing a compromise for drieagth across the Mach range.

With the final dimensions of the entire shock tlipewn, it became possible to approximate the
best position of the test section.

Theoretically the tube can be considered optimfsednaximum flow time when the test section
is positioned at the point where the contact serfaeflected incident shock wave and reflected
expansion wave all meet. Of course for a given lslvegve Mach number, there exists only one
driver length to driven length ratio that wouldoa¥l all three of these features to meet at a single
point. Since transonic flow covers a Mach rangalwdut 0.7 to 0.9, optimising the shock tube

becomes an exercise in compromise.

It was decided that a large portion of the testmfpe done would be at a flow Mach number of
0.83 which falls approximately half way between thgper and lower testing limits. The
optimising process was therefore performed at Ma88.

Since the driver length had been fixed at 9.4 rsetebecame quite difficult to ensure that the
reflected expansion wave met the contact surfadereffected incident shock wave at the same
point. Thus the point where the contact surfacetaedeflected incident shock wave met have
been used to place the test section. At this ptiettheoretical testing time could be calculated
based on the time taken for the incident shock wwavgass, and then return. Figure 4.25 shows
the theoretical testing time along the thick bléink. As before, the incident and reflected shock



waves are shown in red with white lines representiie expansion waves and the black dashed
line showing the contact surface.
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Figure 4.25 Theoretical testing time

This theoretical testing position makes the assiomghat all of the flow features do not lose any

energy while travelling the length of the tubingig¥h as it will be shown in section 0, is not true.

Other factors such as walls and practical positignof the optical system needed to be
considered before a final test position was decigssh. The fact that its position could only be
achieved to within 0.6 meters, due to availabilityube sizes also needed to be considered.

Since not all of the space in the laboratory hadnbeccupied by the driven section, it was
apparent that an increase in available testing tiae still possible. An exercise was carried out
to establish what gain was possible if an additidnmeters of driven tubing was attached to the
end of the shock tube. At the same time, the optiesding position needed to be established for
the varying lengths of driven tubing. Table 4.1whdhe details for a variety of Mach numbers
across the transonic test range.



Table 4.1 Test section position versus driven sedéngth

From Table 4.1 it is apparent that while the additbf 4 meters onto the available tube lengths
would increase the testing time, the gains arehogie. At the same time, the optimal testing

position shifts a further 3 meters downstreamns klear that a compromise based on testing time
for the various Mach numbers, available tube lemgtid laboratory space layout is required.

Since a wall exists at approximately 30 meters fittie diaphragm station, and the fact that
testing in the room upstream of this wall was hyghipractical, it was decided that testing in the
room downstream of the wall would be ideal. A testtion position of 31.5 meters from the
diaphragm station, and 5.1 meters from the endcheftibe was chosen for the available tube
length of 36.6m. Clearly the optimal testing tiseaeéduced for this position. However, based on
the fact that it was highly likely in the futureathadditional lengths would be added onto the end
of the shock tube, this testing position was a gomtipromise between what was available and
what would become available later. In addition,ragpnately a meter was required between the
wall mentioned and the test section to allow pcattbperation of the shock tube and the set up of

the optical system required for visualising thetdess.

In addition to the aforementioned facts, it will fflgown that the theoretically predicted behaviour
of the shock tube on which the theoretical testtipmsand thus testing time is based, differs
significantly from the actual behaviour of the skdabe. As a result, the theoretical testing
position and testing time is simply a guide foriaitial position for the test section with the
actual position best determined experimentally.



4.7 Instrumentation

The instrumentation detailed provides a guide agh® type of instrumentation required.
However, the exact make and model numbers do red t® be matched and as a result these
details will be omitted.

Generally speaking, the instrumentation is compasfetivo, fast response, PCB piezoelectric
pressure transducers connected to an amplifierelAydbox and data acquisition system is also

required.

The amplified signals from the pressure transdusen® sent to the data acquisition system for
logging of the data. The upstream pressure tramsdusignal was split just before entering the
data acquisition system with the second part ofstgeal connected to the delay box in order to
trigger the light source at a given time delay. taé logged by the data acquisition system was

used to calculate the Mach number of the shock waaviepropagated down the shock tube.

Details of the procedure required for the correttigp of the instrumentation can be found in
section 8.



5 Calibration

With the design and construction complete, calibradf the shock tube could be carried out.

5.1 Diaphragm Thickness versus Pressure Ratio

It is possible to estimate the thickness of th@ldiagm material required to hold a given pressure
ratio across a given cross sectional area thealgtitiowever, from a practical point of view, it

is much simpler to install a diaphragm of a givheitkness and then increase the pressure ratio
across it until it bursts naturally. Using the dieggm of a given thickness at a slightly lower
pressure ratio should ensure that it does not matstrally, but upon application of a bursting
mechanism, it should burst instantly.

Due to the high pressure ratios required to produchock wave with a high enough Mach
number to induce transonic flow, a diaphragm théden was found that was capable of
withstanding a pressure of 14 bar on the one shdkews vacuum of up to 0.15 bar was drawn on
the other side.

After running a few experiments, it was found ttvad pieces of 300 micron sheet and two pieces
of 100 micron sheet were required to hold the presslifference, while at the same time not
being too thick for the pricker to burst. It wasther discovered that the two 100 micron sheets
needed to be placed on the pricker side of thehdemm. This meant that upon activation of the
pricker, the 100 micron sheets would rupture awdice the overall strength of the diaphragm far
enough to cause the thicker 300 micron sheetsptimumel The rupturing of the diaphragm was a
bit unreliable however, with some tests not ruptyirat all. In addition some tests simply leaked

for a while and then ruptured which meant thatgtessure ratios set would have changed.

When the same combination was subjected to the sanditions with the 300 micron sheets on
the pricker side, a neat hole was punched throbhghdiaphragm, but the whole barrier did not

rupture as planned.



A completely reliable rupturing needed to exist.

5.1.1 Pneumatic pricker

The reliability problems were due to the prickevihg been designed for the original shock tube
which operated at 4 bar driver pressure. This prigkas pneumatically actuated by air pressure
regulated to 6 bar. An upgrade of the pricker weuired in order to get reliable and instant
rupturing of the diaphragm and so the pressuretdiion was removed, and the full 15 bar

pressure was used to actuate the pricker.

At the same time, the piston driving the prickervesll as its housing were removed and
upgraded. The housing was bored out to a largeerimliameter, while a new piston was
machined. The combination of a higher actuatioissuree, as well as larger piston area meant that
the pricker actuated with a much greater forcewmasl capable of rupturing the thick diaphragm
consistently and reliably.

5.1.2 Second diaphragm station

The requirement of vacuuming the driven sectionthef shock tube and the decision to use a
diaphragm at the end of the shock tube meant tlsattable diaphragm needed to be found. It
was established that the 50 micron sheet was aajpdliiolding a vacuum of 0.1 bar on the one
side, with Johannesburg’s atmospheric pressured@f ldar on the other side. It was also known
that a diaphragm of this thickness would rupturéhveipproximately 2.5 bar of pressure being
applied to it, ensuring that the test section arungg were not exposed to unnecessarily high
pressures for an excessive amount of time. Thehdagmn, in effect, acted like a high volume

flow rate one-way valve making it ideal for useatdas position in the tube.



5.2 Pressure Ratio versus Mach Number

Theoretically, we are able to predict the Mach nemtif a shock wave produced from a given
pressure ratio. Of course theoretical predictioosndt necessarily translate into reality and so
these predictions needed to be validated.

The shock wave equations from section 0 predicfdhewing for a shock wave propagating into

a driven pressure of 0.83 bar at 20 °C. All pressare absolute pressures.

Table 5.1 Pressure ratio required to achieve a¢lieal test Mach number
"l 'l # $ % & ' ( &

In the case of a shock tube producing a shock wiéreeMach numbers shown in Table 5.1 are
only likely to be achieved just downstream of tleptiragm. Taking losses from the bursting of
the diaphragm as well as disturbances causing sh@ole attenuation into account, it is

reasonable to assume that the pressure ratio eglquisuld be higher.

With the pressure transducers on the shock tultstddcat approximately 31 meters from the
diaphragm station, any losses that occur as thekskave propagates along the length of the tube

should be noticeable.

Due to the fact that the maximum pressure obtain&loim the compressor in the Mechanical
Engineering laboratory is 15 bar, and considerirag the driver for the shock tube has a non-zero
volume, the actual attainable maximum pressurbepparatus is approximately 14.3 bar once
equilibrium had been reached. The 15 bar pressoutd doe obtained in the event that the



compressor was left running during pressurising tloé driver, but this was considered
impractical. As a result, it became necessary terdeéne the shock wave Mach number at the

test section given the available pressure of apprabtely 14.3 bar.

A test run at a driver pressure of 14.2 bar intacspheric pressure of 0.83 bar at 23° Celsius,
created a shock wave Mach number of 1.71 whereadtieally a Mach number of 1.77 should
have been produced. This meant that the flow betfiedshock wave would have been Mach
0.77, where theoretically it should have been Ma&2.

It therefore became clear that a significant amairgnergy was being lost as the shock wave
propagated along the length of the tube. Givenfaoe that the industrial steel tubing was not
smooth inside, had a welded seam running the leoigith and the fact that over the 31 meters
many tube joints existed, it was not surprisingw#s desirable to understand where the losses
were occurring, and whether anything could be donmprove the efficiency of the tubing.

From an expense point of view changing the typé&ubing making up the shock tube was not
practical. Improving the efficiency across eachnfavas much more feasible and so an attempt

was made at understanding where the losses weuerioct

5.2.1 Examining joint losses

Each joint had a few features that needed to benieeal in order to understand whether an

improvement in efficiency could be achieved.

Each flange was accurately machined and included remmed 8mm locating holes where a
dowel pin could be fitted. This would have ensuttet each flange was accurately aligned to the
other. However, during manufacture of the drivectise tubing nothing was done to ensure that
the flange was accurately aligned with the tubeth&tsame time, each length of tubing differed
slightly, with its cross section being a slightlifferent shape, or the welded seam being in a
slightly different position. As a result, despiteetfact that the flanges were accurately aligned
with one another, the tubing did not necessariignal and this lack of alignment would

undoubtedly cause losses as a shock wave passedjtthiShort of remanufacturing the driven

section lengths, this feature had to be accepted.



Due to the need to ensure that a vacuum could &aendalong the full length of the driven

section, each joint had a rubber gasket to aidemlirsgy it. These gaskets are approximately
1.5mm thick and made from rubber insertion matefiiae gaskets were cut out by hand, and so
while every effort was made to ensure that thegdiproperly, they were not perfect. At the same
time, upon tightening of the bolts on the flangdstte tubing, the gasket would have been
compressed and could have caused a slight protrusiothe event that the gasket did not
protrude that much, a possible indent could existha joint. Since the gasket material was
approximately 1.5mm thick, any discrepancy wouldvehaaused a gap or protrusion of

approximately this thickness, and so, it was detiteexamine whether a different method of

sealing the joints would yield a better efficiency.

A section of the driven tubing was chosen where tmmnsecutive lengths of the same dimension
were placed. Each length then had a pressure tramisglaced at its midpoint, thus allowing the
shock wave Mach number to be determined in thrierdnt places, and effectively across three
different joints. This meant that across the fioght, an initial Mach number could be found and

compared to the Mach number found across the searwhthird joint.

Tests were then run at 13.5 bar driver pressure the driven section, both having an
atmospheric pressure of 0.83 bar followed by 12#itto a vacuum of 0.23 bar. Each test was
run twice to get an average value to ensure tleataitculated losses were consistent. The values
are displayed in Table 5.2.

Each flange has been machined with accuracy atigesiofaces have a good surface finish. As a
result, it was decided that removing the rubbekegasnd replacing it with another form of
sealant would potentially improve the joint. Sikaflwas decided upon due to its properties and

the fact that, similar to silicon, it starts offjliid and then sets to a flexible but firm consisten

To start off, a single flange had a thin bead dfagéx applied to it, and was then clamped up
only to be taken apart immediately in order to galigw much the sealant spread upon clamping.
After that, the joint was wiped clean and reseadéahg with another two consecutive joints, and
the Sikaflex allowed to set. Of course, due toliteid nature of the sealant, the flanges being
joined were virtually in complete contact with carother, so the joint was undoubtedly closer

and had fewer imperfections.

The same tests were run, as described beforeder to understand the effects on the efficiency

of the joint after the sealing method had been gbdn



Table 5.2 Comparison of Mach numbers across joints

) ** + + H
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Table 5.2 shows the difference in Mach number acwasious joints before and after the joints
were re-sealed using the new method.

It is fairly clear to see that for the tests rutoithe driven section at atmospheric pressure, no
improvement was found in the losses over each.jbimt the tests run into the vacuumed driven
section, an improvement of Mach 0.01 per joint lss found, and therefore over 15 joints, an
improvement in shock wave Mach number of approxéyad.15 could be expected. Given the
amount of time and effort to reach this level opmvement meant that redoing all of the joints

in this manner was not feasible.

As a result, it was decided that the main lossédanh number occurred as a result of the tubing
used, and the alignment of the joints along thegtlgrrather than the method employed to seal the

joints, and so, nothing could realistically be dabeut it.

In order to get the Mach number at the test sed¢ticthe required value, given the limit of 14.3
bar in the driver, two options were available.

Firstly, the test section could be moved closeth® driver section, thereby removing a large
percentage of the total losses, but at the sanednastically reducing the testing time available.
Since one of the main purposes of the shock tulsetavanaximise testing time, this method was

considered counterproductive and abandoned.

The second option was to evacuate the driven sefitither, and thus increase the pressure ratio

across the diaphragm, while leaving the driver quess at the maximum available. In order to



achieve this, a small amount of additional sealivas required due to small leaks that were
discovered at higher vacuum. All of the leaks digced were in the welds holding the flanges
onto the driven tubing lengths. These leaks wedfioy drawing a large vacuum in the section,
and then smearing Sikaflex around the affected, avbde the vacuum pulled some amount of
the sealant in to the hole. With all the leaksdixa final vacuum of 0.12 bar was achieved.

With the new higher vacuum pressure available, dfvhe pressure transducers were replaced in
the cleanup section of the shock tube in ordeieterthine what shock wave Mach number could

be achieved under the higher vacuum conditions.

Tests were run and shock wave Mach numbers capdlpgeoducing the transonic flow in the
uppermost region of the transonic window were gadthinable.

With the optical system, as described in secti@hset up and tested, a photo was taken to ensure
that the shock waves produced would appear withetheired sensitivity, and that the shape was
approximately what was expected. The first shockenianage is shown in Figure 5.1 with the
wave travelling from right to left.

Figure 5.1 First shock wave image

The curvature seen in the shock wave in the upakrohthe image was due to the slotted floor
not being installed. The apparent thickening ofsheck wave in the lower part of the image is
due to the in-plane curvature created in the skna@le, perpendicular to the flow direction and is
due to the slotted nature of the lower wall. Ottisturbances behind the incident shock wave are

due to the complex reflections occurring becausthefnature of the layout of the test section.



These disturbances are to be expected, especally @ in the testing time window, however

due to the relatively long testing time availalfEatures like these would disappear early on in
the test flow.

It was decided that the shock tube was completetestihg of the actual test piece could take
place.



6 Testing Procedure and Precautions

In order to set up and run the shock tube in theecb manner, it is recommended that the

following procedures and precautions are considered

6.1 Test Section Set Up Procedure

Slotted wall set up and installation

Select the desired open area ratio and thus theat@lot thickness to provide that ratio.
Loosely install all of the floor members onto thsipports.

Starting on one edge, measure the required gagbatmembers using a vernier.

Set each corresponding member at the correct distaom the previous one, tightening the bolts

as you go.

Once complete, re-measure all of the gaps to enisate¢hey are set correctly.

Pull the hinge pin out of the door, and removedber.

Remove the bolts securing the door hinge mountiatg fin position and remove the plate.

Carefully install the slotted wall position. Angljirthe slotted wall laterally in the direction that
the slot mountings are ground down will help clémr side walls inside the test section.

Once in position, install the securing bolts afteapping them with PTFE tape.
Reinstall the hinge plate but do not tighten thiésho
Replace the door and install the hinge pin.

Close the door and tighten one of the door secyfaigs by hand.



Tighten the hinge plate bolts, and, after removimg door securing plate again, check that the

door opens and closes freely.

Precautions:

Check that there is enough clearance between tiee slot and the test section wall for the test

piece mounting upright.

Do not force the slotted wall into place as thisldodamage the test section wall or the slotted

members.

Using your fingers, ensure that there is no stdpdsen the test section entry and exit upper and
lower walls and the slotted walls.

6.2 Test Piece Set Up Procedure

The test piece needs to be set up in the corredtgewation for the test required. It must be
decided whether the upper or lower surface is tesked, and at what angle of attack.

Due to the design of the mounting of the test pieeeh surface has its own customised upright

to support it. The correct upright must be fittedite model.

With the model and mounting structure removed ftbm test section, the bolts that secure the

angle of attack must be nipped up but not tightened

Install the mounting system into the test sectiwitt) the aerofoil section not installed, to allow

the mounting to fit around the slotted wall.
Tighten the mounting system to the test section.

Install the aerofoil section by gently separating tiprights, and allowing the pins in the aerofoil

to click into position.

Making use of a bubble inclinometer, measure theitadinal angle that the test section is

installed at.



Making use of a bubble inclinometer, measure thigeaof attack using the flat side of one of the

uprights and set the angle of attack relative ¢éoathgle of the test section, rather than the earth.
Gently tap the uprights to give the desired anfjlattack.

Gently separate the uprights and remove the aéraéing care not to change the angle of

attack.

Remove the mounting system carefully to allow as¢eghe angle of attack securing bolts.
Tighten the bolts carefully, ensuring that the ar@flattack is not altered.

Reinstall the mounting back into the test sectamg reinstall the aerofoil.

Check the angle of attack with the bubble inclintane

Once everything is confirmed as being correct,dbers can be closed and the securing plates

tightened into position.

Precautions for set up of the test piece:
Ensure the correct uprights are used for the costa€ace

Ensure that the angle of attack is measured on lotights, as a small amount of twisting is

possible due to the tolerances in manufacture.

Ensure that the angles measured with the bubblimameeter are on reliably flat portions of the

test section and model. Measuring the angle oflatiaectly with the model will yield errors.

Ensure that the model is tightened to the testigegroperly before measuring the angle of

attack to ensure that there is no play in the setup
The brass model is easily damaged and the thimgadge must not be handled.

Ensure no tools or bolts are left inside the testien.



6.3 Shock Tube Set Up Procedure

Once the desired Mach number has been chosenptresgonding diaphragm material can be
installed at the diaphragm stations. In the evieait the desired Mach number is low enough that
firing the shock wave into a vacuum is not requinde thin diaphragm at the downstream end
need not be installed.

At the upstream diaphragm station:
Open the station by removing all the bolts andrsfidhe driver backwards.
Ensure that the pneumatic pricker is free movindjiann its fully retracted position.

Smear a small amount of axle grease on the areeeie diaphragm will rest to help keep it in
position.

Close the driver onto the driven section and ihalathe bolts.

Slowly tighten each bolt opposite one another teuem that the two flanges align correctly.
Ensure that the bolts are adequately tight.

At the downstream diaphragm station:
Open the station by removing all the bolts andrgijdhe last driven section away.

Install one sheet of 50 micron diaphragm matefipply some axle grease to hold it in position if
necessary.

Close the station by sliding the last driven secback into position.

Slowly tighten each bolt opposite one another teuem that the two flanges align correctly.
Ensure that the bolts are adequately tight



6.4 Optics Set Up

Making use of a candle or similar heat sourcethsetensitivity of the schlieren system to desired

level.

Leaving the room, take a test photograph to enthatethe sensitivity is still correct. This step is
required due to the fact that the floor on whick tptical system is mounted warps when it is

stepped on.

Remove the heat source from the schlieren system.

6.5 Data Acquisition System Set Up

Connect and switch on the various components ofdtdta acquisition system and the optical

system.
Start the data acquisition software and ensusedbmmunicating with the various components.
Allow the system to stand for approximately ten més to heat up adequately.

Set the required delay time on the delay box as aglhe type of trigger signal required to

trigger it.
Push the test button on the delay box to ensutdhtbdight source is being triggered.

Set up the data acquisition software with the abrpee-trigger time, sample rate, trigger values

and recording time required for the test in questio

6.6 General Set Up Precautions

Ensure nothing is near the end of the shock tube.
Check that each transducer is being read corrantiyhas reached a steady value.

Do not leave anything inside the tube that is npp®sed to be there.



Ensure that the doors are correctly tightened batdall of the bolts are in position

6.7 Testing Procedure

Once the shock tube, data acquisition system atidabgystems have been set up correctly, the

testing procedure can commence.

To Driver, ® To Driven
F
To Pricker To Vacuum
Pump
High Pressure Vacuum
Guage Gauge
A B C D E
151 bar - @ ® ® @ To Drven
Inlet
nle Open
To Driver

Figure 6.1 Schematic layout of the control board

Ensure that all handles on the control board artostosedand that the high pressure air valve is

open, pressurising the line to the control boarg.on

If the testing Mach number requires the shock wawee fired into a vacuum, open the valves E

and F and start the vacuum pump.
Observe the vacuum gauge and ensure that the maésglropping.

Once the pressure is nearing the required valoetle trigger box and data acquisition software,
turn off the lights in the testing room and closd arm the door locks into the room.



Allow the vacuum pressure to overshoot slightly ahase valve E and turn off the vacuum

pump.
Very carefully open valve D in order to set thewam pressure accurately.

Once set, close valve D and valve F.

Blow the whistle to warn bystanders that a tegniminent, and put on hearing protection.
Open valve B and observe the increase in pressutigegpressure gauge.

Once the gauge nears the desired value, blow thetlevhgain and open the camera shutter.
As the pressure gauge reaches the required pregsigkly open valve A to fire the shock tube.
Close the camera shutter.

Close valve B.

Very gently open valve F to relieve the vacuumhia gauge.

For tests not requiring a vacuum, simply ensurettievalves for controlling all aspects relating

to the vacuum (E and F) are closed, and run théntéise same manner.

Running Precautions:

It is extremely important to ensure that the hanmsiidating the vacuum gauge (valve F) is closed

whenever the shock tube is fired, or the gaugeheillamaged.
Ensure that the testing room doors are locked ddiiimg.

If the shock tube does not fire correctly and theed is left pressured, open the valveapurge
the pressure before opening the diaphragm statdmays wear hearing protection in this

scenario because the weakened diaphragm could-elgdtany time.



7 Results

The results take the form of both numerical anceerpental results, while a comparison is made
between the two in order to establish whether hHuels tube is operating as it was designed. Due
to the nature of the study, more emphasis was ¢lacethe results obtained experimentally,

while the numerical results were used solely asligation tool.

7.1 Computational Fluid Dynamics

As stated previously, the aerofoil section usednduresting is the same type that Ansys used to
validate their numerical models for the transoest tange during the design of the computational
fluid dynamics package, Fluent. As a result, goeetfidence can be had in the numerical results
obtained when the setup of the study in questidhdssame as that which was used during their
validation phase. The mesh layout shown in Figufei¥ identical to that used during their

validation. In addition, the same mesh was usectdate some of the numerical results found in
the Ph.D thesis submitted by Roohani (2010). Thehnextends to approximately ninety chord

lengths from the aerofoil in question thus ensuthag the boundary of the mesh has no affect on

the flow features produced by the aerofoil.

The mesh consists of quadrilaterals with decreagdimgnsions as they approach the aerofoil in
order to provide greater definition where a largeant of detail is required.



Figure 7.1 Layout of mesh

The number of iterations that were completed farhei@st was dependent on the shape of the
residual graphs and the solution was acceptedragemged once the residuals indicated no major
change with additional iterations. Convergence ¢entb be in the region of 15000 to 30000
iterations.

The setup of the numerical results correspondethdosetup validated by Fluent during the
development of the software package. The viscoudettype was Spalart-Allmaras while the
solution was set to steady state, two dimensiorithl & coupled solver. Finally, the formulation

was set to implicit.

Numerical results were computed as shown in Taldled provide the greatest coverage of the
range of Mach numbers to be tested in the winddLias well as to gain a better understanding of

the behaviour of the aerofoil at Mach numbers tere not tested.

Table 7.1 Available CFD tests

% o




7.1.1 Numerical Results

Due to the fact that the primary purpose of thelwia the validation of the operation of the wind
tunnel that was designed, the numerical resultsneil be discussed in depth on their own, but
rather with specific reference to the tests carwedl Therefore results in section 7.1.1 are
presented so as to develop a better understanflimgpat to expect from the experimental test
results.

Figure 7.2 CFD at Mach 0.88 at 0°, 2.79° and Sfeanfgttack

Contours of Mach number are plotted in Figure Wzh the model set at different angles of

attack. It is apparent that with an increase inen§attack, the shock wave on the lower surface
weakens while that on the upper surface gets strorighe increase in strength on the upper
surface ultimately results in a larger lambda sheystem forming, while on the lower surface the
lambda shock system gets smaller.

In general, it is apparent that the numerical tedntlude the stagnation point at the leading edge
of the aerofoil as well as the wake region trailidmyvnstream. The shock waves are very apparent
in the contours of Mach number and it is easy &that the numerical results are highly sensitive

to small changes in the flow conditions.



Figure 7.3 CFD at 2.79° at Mach 0.73, 0.83 and 0.93

The series in Figure 7.3 shows how the shock wanggsase in strength with an increase in flow
Mach number. Additionally, it is apparent that aarease in Mach number results in the shock
waves forming further downstream on the aerofoik @xpected, the higher the flow Mach

number, the further the shock waves extend intstineounding flow.

It is apparent that the numerical results produeididbe an extremely valuable tool in validating
the correct functioning of the wind tunnel.

7.1.2 Fluent Results Validation

During the development of the Fluent CFD packateyads necessary for the developers to
validate the results obtained in the transonic Mattge to ensure that the package was yielding
the correct solutions. The RAE 2822 aerofoil wassem for the validation, due to the fact that
there was a reasonable amount of data availabtaipiag to the shock wave position, static
pressure coefficients and the lift and drag coeffits. The available data was created in the RAE

8 x 6ft transonic wind tunnel (North Atlantic Trgadrganisation - Fluid Dynamics Panel, 1979).

Among other validation cases of different test getand aerofoils, Fluent made use of the 9th test
case detailed in the Agard AR-138 Report (Nortraafiic Treaty Organisation - Fluid Dynamics
Panel, 1979) in which the RAE 2822 model was suliedlach 0.73 flow at 2.79 degrees angle
of attack. Comparison was made to results obtaimdg the Fluent software. Of particular

interest to the study in question was the shoclkevmsition on the aerofoil.
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Figure 7.4 Comparison of numerical and experimegmmaésure coefficient by Fluent
(Fluent Inc., 2006)

The shock wave position is considered to be thetiposon the aerofoil where the pressure
coefficient increases rapidly, and so, from Figidré, it is seen at approximately 52 % of the
aerofoil chord length. It is apparent that the expental and numerical results match up
extremely well, with very little variance in theqglicted shock wave position. As expected, at the

relatively low Mach number, no shock wave is seeithe lower surface of the aerofoil.



Figure 7.5 Mach 0.73 and 2.79 angle of attack

As expected, Figure 7.5 shows the shockwave abappately 50 % chord. Fluent stated during
their validation that they obtained accuracy in céhavave position of 96%, and so a small
amount of variance in the shock wave position aaexpected. However, it can be said that there

is great confidence in the results obtained thrahghuse of the Fluent software.

7.2 Wind Tunnel Test Results

Due to the complexity of the testing procedure &nte constraints for the study, a limited
number of tests needed to be performed in a raraenould provide the greatest proof that the
wind tunnel was operating correctly. It was therefdecided that the core of the results would be
made up of tests run at a Mach number in approxipdhe middle of the transonic range. The
Mach number chosen was 0.83.

Angles of attack of 0, 2.79 and 5 degrees werearht¢s allow data to be collected at various
angles of attack, thus providing insight into tlegfprmance of the wind tunnel with various test
piece configurations. The core of the testing warsied out at an angle of attack of 2.79 degrees.
The reason for the angles chosen was to matchthghé angles of attack found most commonly

in the literature.



The final testing program was carried out as shinwiable 7.2.

Table 7.2 Summary of testing carried out

50% Open Wall
AoA a° 2,790 52
Time Delay |Time Delay |Time Delay |Time Delay | Time Delay |Time Delay
Mach No |Upper [ms) [Lower (ms) |Upper (ms) |Lower (ms) |Upper (ms) |Lower (ms)
0.73 21 21
24
25.5
0.83 1.61
3
6
9 9 9 9 9 9
12 12 12 12
15 15 15 15 15 15
18 18
21 21 21 21 21 21
23 24 24
27 27 27 27 27
30 30 30 30
33 33 33
40 36 36|
29 29
42
45 45
0.91 10
15
10% Open Wall
AoA oo 2,79 Le
Time Delay |Time Delay | Time Delay [Time Delay |Time Delay |Time Delay
Mach No |Upper [(ms) [Lower (ms) |Upper (ms) |Lower (ms) |Upper (ms) |Lower (ms)
0.83 15 15 15 15
21 21 21 21




7.2.1 Initial Photographs

Upon the first firing of the shock tube, initial @ographs were taken to ensure that a planar
shock wave was being correctly formed, that thdie@n system was working adequately, that
all instrumentation was taking readings, and thatreadings made sense.

1.45ms 4.45ms

Figure 7.6 Shock tube start-up process

As the incident shock wave travelled over the f@ste (0.06ms), a circular reflected wave
started propagating outwards from it. The firstgman Figure 7.6 is at 0.06ms after the incident
shock wave arrived at the leading edge of the pgieste. The incident shock wave is now no
longer a vertical line as revealed by the schliémesge, but slightly curved due to the obstruction
it has encountered. The lower half of the inciddmick wave also appears thicker than the upper
half and this is because the lower half has beeveduin the plane of the image due to the two
uprights that it has passed through. Thus thestide of the thick part of the incident shock wave
would be the part of the wave that passed throbgtcentre of the uprights and so experienced
their effects the least, while the right edge & #ave is the portion closest to the two windows.
This portion would have lost a small amount of ggepassing over the uprights, and so has
slowed the wave slightly causing the in-plane beadieen. Other wave features are also visible
in the image and are due to the complex reflectand refractions of the wave throughout the
slotted wall and plenum chamber regions of thedestion. Their exact composition and source
is of little interest except that they need to hdigappeared by the time semi-steady state flow

has been set up.

At 1.45ms the incident shock wave is positionedlvteters from the leading edge of the test

piece. Some complex flow features are clearly lasdmd are likely due to all of the reflected



shock waves and other flow features interactindn whte transonic flow that they are in. Again

their composition is of little interest.

At 4.45ms the test section is largely free from pheviously seen flow features and the transonic
shock waves are clearly visible on the trailingeedfthe test piece.

The images will be discussed in more detail laterfmwever, it can be seen that the schlieren
setup was capable of detecting the incident shankevas well as the transonic shock waves that
formed subsequently. In addition, the delay systera working as planned.
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Figure 7.7 Pressure trace produced during testiivpah 0.91

The pressure trace shown in Figure 7.7 clearly shbe pre-trigger time as set on the data logger
(horizontal lines before the activation time of Prend then the two pressure spikes as the shock
wave passes over each pressure transducer. Whgatied closely, the spikes are not perfectly
vertical as is predicted by the theory that theckhmave is considered a discontinuity in the flow
properties. Although the shock wave is an extrenshigrt distance in thickness, the pressure
transducers are a few millimetres in diameter, sinde pressure readings are taken every two

microseconds, approximately three readings caakmntwhile the shock wave passes over.



Once the incident shock wave has passed, the peegsnsducers take readings of the now
increased pressure of the flow which will eventgaéiturn to their zero value after a sufficient

amount of time. Features such as the return ofdfiected shock wave off the end of the shock
tube can be seen on the pressure trace. In thepéxamown in Figure 7.7 the reflected wave is
seen at approximately 38000 microseconds on tlee tracorded by the downstream pressure
transducer. The upstream pressure transducer dugstars the reflected wave at approximately
42000 microseconds, showing that the wave is mouipgiream in the shock tube. Once this
feature reached the test section a small amoutitnefbefore reaching the downstream pressure
transducer, the testing window was over.

For the sake of clarity and in order to compare tdst results with the numerical results, the
upper and lower pictures were combined to produgecture with no support mechanism as

shown in Figure 7.8.

r

—

Figure 7.8 Example of joined image

7.2.2 Testing at Mach 0.83

Testing carried out at Mach 0.83 was performedgugarious layouts, angles of attack and time
delays. The testing was performed for delay tintagting soon after the passage of the shock

wave, and continued on until it was clear the fload become unsteady and unusable. Once



again, the upper and lower test pictures have beetbined to create a single image containing
no test piece support in order to identify the filature more easily. All testing images display

the delay time starting when the incident shockevaassed the upstream pressure transducer.

2.79° Angle of Attack, Open Walled Tests: 50% OpeArea Ratio

The test images obtained during testing at 2.7%leanf attack with the open walls were
combined to more easily identify specific flow fesds as well as the progression of the flow

throughout the time window.



30ms

Figure 7.9 Mach 0.83 at 2.79° with open walls

From the sequence shown in Figure 7.9, it can ba gt the testing flow is established soon
after the passage of the shock wave, remains deatdys and then breaks down somewhere
between 39 and 45 milliseconds. The region whezdlthw is semi-steady is from approximately

12 milliseconds to approximately 39 millisecondsiring this time duration, the transonic shock



wave position on the test piece and the generglesbfithe shock wave varies by only a small
amount. Some of this variance can be accountebyfdihe fact that each half of each image was
obtained by means of a separate test and so segregkncies in Mach number are always going

to occur.

One of the most notable features of the transdmcls wave formed on the test piece is the fact
that it appears a lot thicker than the incidentckhwave that was seen earlier. The reason for this
apparent thickness is the in-plane bending of thwenbetween the two windows of the test
section. The test section is certainly not unifédram one window to the other due to the slotted
nature of the upper and lower walls and as a resu#t unlikely that the flow will be perfectly
uniform across the test section either. Thus if was to take a chord wise slice through the test
piece and its associated flow features, the shaslewvould appear extremely thin. However, as
you moved from one slice to the next slowly makyaur way across the test section, small
variance would occur in the shock wave shape arsitipo on the test piece. However this
variance would be slight and would be containedhiwithe bounds of the shock wave as seen in
the original image. The effect on the final ressithus relatively small and for the purposes of

this study, can be ignored.

Each of the shock waves in this series of imagesaHambda shock pattern displayed fairly close
to the surface of the test piece. This shock paftnms due to the shock induced separation that
occurs on the test piece due to the separatiomeofbbundary layer. At the point where the
boundary layer separates, an oblique shock watermsed. This oblique shock wave extends
until it meets the normal shock wave which wasahese of the separation in the first place. At
this point, a trailing shock forms and extends b@ekards the now separated flow, the formation
of which is due to compatibility conditions dowrestm of the system needing to be satisfied.
(Ben-Dor, Igra, & Elperin, 2001) The finer detailthis type of system are beyond the scope of
this study, however, this type of system is knowradambda shock system, due to the shape of
the interaction of the three shock waves. Moreildatéthe system can be found in section 2.1.

Downstream of the lambda shock system, a signifitafulent region can be seen and this is

due to the separation of the flow as previouslyiared.



Comparison to Numerical Results

With the flow features surrounding the shock wawemiation on the test piece clearly identified
and understood, a comparison of the features disglduring physical testing can be made with
those features predicted by the numerical results.

Figure 7.10 CFD at Mach 0.83 and 2.79° angle athitt

Upon initial inspection of the result shown in FRigu7.10it is clear that the numerical and
experimental results contain similar features. Taedined transonic shock waves are clearly
visible extending outwards from the surface ofdkeofoil into the surrounding flow. A turbulent
wake region is also visible, as is a lambda shattem on the upper surface of the aerofoil. The
lambda shock pattern is not visible on the lowefag@ however, and this is made more evident
by the fact that the turbulent wake region appeaamly to originate from the upper surface of
the model. This makes sense since the lambda gbattérn is associated with boundary layer
separation. On the lower surface, no lambda shatteqm is seen, and so no boundary layer
separation is predicted.

Since the experimental setup did not contain asyrimentation that would allow the actual

testing Mach number to be known, it is difficult aocurately compare the experimental results
with the numerical results without first establighithat the Mach number of the two results is
comparable within a range of M0.05. As a resulicaithere was confidence that the numerical

result was very accurate, simply overlaying the eroal onto the experimental result and



finding the closest match for the range of timeaglelmeant that the experimental Mach number

could be predicted with a fair degree of confidence

e
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Figure 7.11 CFD Mach 0.83 overlaid onto experimieMizch 0.83

Initially a test picture taken in approximately thiéddle of the testing time window was chosen
for the comparison. The theoretical testing Macimber based on pressure ratios across the
diaphragm was M0.83. A numerical result at the sdfaeh number was thus overlaid onto the
experimental image in order to compare the tramssimbck wave shape, chord wise position and
general flow features around the aerofoil. It igeapparent that the numerical and experimental

results are similar, but do not compare to a degfeecuracy that is acceptable.

Since it is known that an increase in Mach numtesults in downstream movement of the
transonic shock waves on the aerofoil, it is clésat the numerical result is at a Mach number
that is lower than that of the test result. Itherefore clear that while the theory predicts the
Mach number to be a certain value, this value tsnegessarily reflected in the final result. The
possible reasons for the discrepancy is that dusting, boundary layer growth effectively

reduces the cross sectional area of the sectiafdtingsin an increase in Mach number of the

subsonic flow.

In order to establish the actual test Mach numbesrlays of numerical results with an increasing
Mach number were then created. The experimentaltrgenerated at 21ms delay was chosen

since it fell in approximately the middle of thetieg time window.
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Figure 7.12 Overlay of different CFD Mach numbensooMach 0.83 experiment at 2.79°
angle of attack



As the numerical results increase in Mach numiher chord wise position of the transonic shock
waves gets closer while the shock wave shape appeanatch up more closely too. At M0.88
for the numerical results, the experimental and enical results appear to match very closely.
Thus, the numerical result obtained at a Mach nurab8.88 was compared to the experimental
results as shown in Figure 7.13 and Figure 7.14.

18ms 21lms 24ms

Figure 7.13 CFD at Mach 0.88 compared to experirae@t79° angle of attack (9-24ms)



I6ms 30ms ' 45ms

Figure 7.14 CFD at Mach 0.88 compared to experiraeBt79° angle of attack (27-45ms)

From Figure 7.13 and Figure 7.1tdis apparent that the numerical results obtaiaed Mach
number of 0.88 match very closely with the experitakresults throughout the testing time
window. It is therefore safe to assume first ofthlt the testing Mach number is higher than
theoretically predicted, and second of all thattdsting flow Mach number is relatively constant
throughout the testing time window, provided thawflis not in the process of being established
or broken down. The increase in Mach number froenttleoretical to the actual value equates to

a 6% rise.



General Observations

Since the numerical testing simulates results obthiin free stream flow with no imposed
boundary conditions like those found in wind tuntesiting, it represents the type of result that is

obtained by a correctly functioning wind tunnel.

As discussed previously, testing by means of a windel imposes boundary conditions close to
the model being tested, and these boundary condittme not found when the body is in free
stream flow. However, from the comparison of theezkmental and numerical results, the
imposed boundary condition appears to have velg tib no affect on the results being generated.

Two key concerns with testing in the transonic floegion are that shock reflection off the

nearby wind tunnel wall will occur and interferetlwthe airflow around the model, and that the
transonic shock waves will be artificially bent they approach the wind tunnel wall such that
they meet it at ninety degrees. From the comparidathe numerical and experimental results,
neither of these two features is apparent. Thekshawe shape matches very closely with the
shape predicted in the numerical result, and itcheg across the full distance that the
experimental shock wave is visible. There appeal®tno interference from any reflected shock
waves since there is no visual indication of anterierence, as well as the fact that the

experimental and numerical results match up wedlinost all aspects.

One slightly noticeable difference between the erpental and numerical results is the distance
that the transonic shock waves extend outward fileenaerofoil. In the numerical results, the
shock wave is visible for a greater distance tlsavisible in the experimental results. However,
the visualization mechanism in the numerical rasigt also a lot more distinct than in the
experimental results. The optical system also hpsaatical limit in sensitivity and so, as the
shock waves weaken, they become less visible. dligist discrepancy is expected and thus does

not reflect that the experimental and numericalltesare vastly different from one another.

2.79° Angle of Attack, Closed Wall Tests: 10% OpeArea Ratio

In order to establish whether the correct wall opega ratio had been chosen, testing was done
with a significantly more closed wall. It was oténest to compare the results obtained with the
50% open wall and those obtained with the 10% ojerstablish whether any significant

difference in the result was noticed.



Due to time constraints, testing was not carriedfouas many time delays as in the 50% open
walled case. From the time delays available, a demparison could still be made however. The
initial test at a delay of 9ms was carried out gsomly the lower surface, since, as shown
previously, the image shows only the starting pseaa the flow and comparison to actual data is

meaningless.

Oms 15ms

21ms ~ 27ms

Figure 7.15 Mach 0.83 at 2.79° angle of attack wlitised walls

The initial observation from the images in Figurg5/is that at 9ms delay, transonic shock waves
are clearly visible. As before, the shock wavessateup very close to the trailing edge of the
aerofoil in the early stages of the flow establishin At the next available time increment, the
shock waves have moved far upstream of their stagibsition. The shock wave on the lower
surface of the aerofoil became a lot less promjnehile the flow on the upper surface has
degenerated to the point where no features arelychdaible. At 21ms the lower shock wave is
largely unchanged from before, while the upper khaave is slightly more visible. Again,
however, the features of the flow on the upperamafare not nearly as defined as the features
found in the testing carried out with the 50% opetis.



15ms 50% open 2lms

Figure 7.16 Comparison of Mach 0.88 CFD to resatltk0% and 50% open wall (5° angle
of attack)

From the comparison images found in Figure 7.18 itlear that while the 50% open wall
produces flow features that are very similar tosthpredicted by computational fluid dynamics,
the 10% open wall produced results that compang peorly to both the CFD and the 50% open
wall tests. The transonic shock waves produced ftben 10% open wall testing are vastly



different from the shock waves that were expeciéeir chord wise position is also a lot further

upstream on the aerofoil than would be expecteteking at this Mach number.

With an increase in testing delay time, the shoawevposition and shape vary very little,
indicating that the flow in the test section hadoleed a semi-steady condition. Later on in the
sequence shown in Figure 7.15 at a delay of 27hes]awer surface still exhibits this vastly

different flow and thus it was decided to abanduntesting at this stage.
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Figure 7.17 Pressure trace at Mach 0.83 and 2ri¢#é af attack with open and closed walls

Figure 7.17 contains an overlay of the pressumeegrdrom the testing carried out for both the
50% open and 10% open wall cases. It is quite ampadue to the similarity in pressure trace
shape, features and times between major eventsasutte passing of the incident shock wave
and the arrival of the reflected shock wave, that tiwo tests occurred under almost identical
circumstances, from a flow point of view, upstreafithe test section. It can thus be concluded
that, all other aspects being the same, the tebrevalls were the influence on the flow around

the aerofoil and thus the formation of the transafiock waves and other flow features.



5° Angle of Attack, Open Wall Tests: 50% Open Ared&atio

a8

Figure 7.18 Mach 0.83 at 5° angle of attack witbropalls

27ms

21ms

From the sequence shown in Figure 7.18 it can e Bew the testing flow is again established
soon after the passage of the shock wave. As haf@ehock waves on the test piece are seen to
be fairly thick in some of the images. This is doghe non-uniform nature of the test section as
one passes from one window to the next, due tcslibtbed upper and lower walls causing in-
plane bending of the shock wave. As in the redoltshe test piece at 2.79 degrees angle of

attack, this shock wave thickness will not affénet tesults and can be largely ignored.

Generally, the shock waves formed on the uppeiasarbf the model appear to extend further
into the surrounding flow region in almost all bktimages than those seen during testing at 2.79
degrees angle of attack. This is due to the faatt tthe higher angle of attack leads to a higher



Mach number over the upper surface of the aerefhich in turn leads to a stronger normal
shock wave forming. This fact is further emphasibgdthe clear formation of lambda shock
systems on the upper surface, whereas virtualljamibda shock system is seen on the lower
surface. As stated previously, the lambda shockesyss a result of the strong interaction
between the normal shock wave formed on the sugadehe boundary layer that is found along
the surface. Once the normal shock wave reachasdlired strength, the interaction between it
and the boundary layer causes the boundary layseparate and the lambda shock system to
establish. No lambda shock system is seen on ter Isurface of the aerofoil because the normal

shock wave is not of the required strength.

A clear wake region is seen resulting from the ifigant lambda shock system on the upper
surface of the aerofoil whereas almost no wakeén grom the lower surface. Again this is due
to the relative strengths of the shock waves oh eadace and their resulting interaction with the

boundary layer that is formed along each surface.

Comparison to Numerical Results

With the flow features surrounding the shock wawemiation on the test piece clearly identified
and understood, a comparison of the features gsplduring physical testing can be made with

those features predicted by the computational fliiyiamics results.



Figure 7.19 CFD at Mach 0.88 and 5° angle of attack

Upon initial inspection of the result shown in Figu7.19it is clear that the numerical and
experimental results contain similar features. The well defined transonic shock waves are
visible extending outwards from the surface of #wzofoil into the surrounding flow. These
waves extend further out into the flow than the @gmseen in the numerical results from testing at
2.79 degrees angle of attack. A turbulent wakeoregidark to light blue) is also visible, as is a
lambda shock pattern on the upper surface of thefak The lambda shock pattern is barely
visible on the lower surface however, and this @&lenmore evident by the fact that the turbulent
wake region appears to originate predominantly ftbenupper surface of the model. This makes
sense since the lambda shock pattern is assoesidttedhoundary layer separation. On the lower
surface, the lambda shock pattern is barely visgilee there is very little boundary layer

separation caused by it and so its contributiathédurbulent wake region is extremely small.

Once again, due to the lack of instrumentatiorhim test section of the wind tunnel, the actual
Mach number of the flow can only be estimated. Thssdone previously, numerical results were
overlaid onto the experimental results in orderbto able to accurately determine what the
experimental Mach number was. A series of numerieallts of varying Mach number were
overlaid onto a given delay time and the closedtmehosen. Since for the 2.79 degree angle of
attack tests, a Mach number of 0.88 was found ttcimenost accurately with the results, it is

expected that the exercise will yield a similarufesHence only numerical results from flow



close to M0.88 were used in order to refine theess. The overlaid results can be seen in Figure
7.20.

CFD at M0.86 CFD at M0 .87

4

CFD at M0O.88 CFD at M0.89

Figure 7.20 Overlay of different CFD Mach numbensooMach 0.83 experiment at 2.79°
angle of attack

Again, comparing chord wise position of the transa@hock waves, their corresponding shape
and the proportions of the lambda shock systetis, d@ relatively simple process to establish a
CFD Mach number that appears to reproduce the iexpetal results with the least difference in
the aforementioned features. As before, the chads# wosition of the transonic shock waves
moves downstream with an increase in Mach numbleitewhe size of the lambda shock system
also increases. These clear effects and the facathof the flow features are relatively sengitiv



to a change in Mach number mean that it is notadilff to establish with confidence which CFD
result corresponds the best to the experimentaltses

As the numerical results increase in Mach numiber chord wise position of the transonic shock
waves gets closer while the shock wave shape appeanatch up more closely too. At M0.88
for the numerical results, the experimental and enical results appear to match very closely and
so further comparisons were made using this Maachbeu.

21ms 27ms

Figure 7.21 CFD at Mach 0.88 compared to experiraeh? angle of attack



From the images contained in Figure 7.21s apparent that the numerical results obtaiaied
Mach number of 0.88 match very closely with the eskpental results throughout the testing
window. The sequence shows that the testing floweisi-steady throughout the time delay
window and again that the actual testing Mach nurtoRigher than theoretically predicted. The
increase in Mach number from the theoretical toettteial value equates to a 6% rise.

General Observations

Again, it is desired that the wind tunnel test Hesindicate as little interference from the upper
and lower walls as possible, since the purposén@fviind tunnel is to simulate airflow in an
unbounded region. As discussed previously, testinmeans of a wind tunnel imposes boundary
conditions close to the model being tested, ansetieundary conditions are not found when the
body is in free stream flow. However, from the cemgon of the experimental and numerical
results, the imposed boundary condition appeatsat@ very little or no affect on the results

being generated.

That said, there are some features contained irhitifeer angle attack results that are worth
noting.

From the numerical results, it is clear that tl@sonic shock waves extend much further from
the aerofoil than in the results at a lower andlattack. This fact means that the transonic shock
waves formed during experimentation will be reqdite approach the boundary walls very

closely. This is not an ideal feature since comfllew features are set up very close to the slotted

walls and are likely to interact with the shock waweing formed.

Despite the abovementioned fact, again, the exjpatiah and numerical results show similarities

that are well within the requirements for a windrel that is producing the required results.

Inspecting the image in Figure 7.21 at 9ms delhg, transonic shock wave position on the
aerofoil is almost identical to that predicted e thumerical results. In addition, the lambda
shock system appears in the same position and theofsame proportion to that predicted
numerically showing that the flow features aroune &erofoil are being recreated correctly. The
wake flow is clearly visible and as expected cansben originating mainly from the upper

surface of the aerofoil where the lambda shoclesyss found.



Interestingly, as the transonic shock waves apprttze upper and lower walls of the test section,
they are seen to disappear quite quickly. Thisuis th the shock cancelling effect the slotted
walls create to ensure that no shock reflectiouscoff the wall. In addition, the upper transonic

shock wave is seen to approach the upper wall aingte and even as it nears the wall, it does
not bend to meet it at 90 degrees as would ocaderumormal circumstances, again showing that

the slotted wall feature is operating as planned.

The image, in Figure 7.21, at a delay of 15ms shadear agreement between the numerical and
experimental result. Although the upper surface genas slightly light, due to the lower
sensitivity of the optical system, it is clear tiihe shock wave shape, position and resulting
lambda shock system match the same features prddicimerically very accurately. The shock
wave and resulting flow features formed on the lowerface of the aerofoil show similar
agreement. Only a very small lambda shock systes pvadicted numerically for the lower
surface and it is clear from the image that only extremely small system was created

experimentally.

Inspection of the image at a time delay of 21msashsimilar agreement between numerical and
experimental results. However, the shock wave enubper surface has a slight amount more
curvature than that predicted numerically, andvddle it originates on the upper surface of the
aerofoil at approximately the same chord wise pwsithe slight increase in curvature means that
it terminates slightly further upstream as it nghesupper slotted wall. This discrepancy appears
to be a one off problem and with the lack of instemtation inside the test section, it is difficult
to know whether or not it is due to a slight chaingehe flow properties produced during that
particular test run. However, the discrepancyilsshall and so while it is not ideal, it does not
represent a failure of the experimental setup. §iimck wave found on the lower surface of the
aerofoil matches the numerical result almost idatiy, further proving that the experimental
setup is functioning correctly at a 5 degree anfjlttack and after a delay of 21ms.

The image produced at a time delay of 27ms agaiwslsimilar flow features to those discussed
previously. The upper transonic shock wave agagsety matches the numerical results in
curvature, position and relative proportions of tambda shock system. A notable feature,
however, is found as the upper transonic shock veaypeoaches the upper slotted wall. A slight
kink is formed and is likely due to the complexeiratctions between the flow set up through the
slotted wall boundary and the transonic shock wigsedf. Again, this feature is not of enough

concern to conclude that there has been a faitutieei experimental setup. The lower shock wave



is seen to have formed slightly further downstrdaom its predicted position, and this can be
attributed to the slight Mach number increase m flow due to the longer time delay, as seen

previously.

Generally, across the full time delay sequence,fliw features reproduced experimentally
match up very closely with those features prediatadherically. As discussed, a few slight
discrepancies in the results were seen, but nome wevere enough to conclude that the
experimental setup and layout had failed in any.wWy apparent shock reflection off the slotted
walls could be seen and in all images, exceptahat time delay of 27ms, the shock waves did

not appear to have their shape or curvature adiiffanfluenced by the nearby slotted wall.

5° Angle of Attack, Closed Wall Tests: 10% Open Ara Ratio

As previously shown in the results for 2.79 degia@ge of attack, the 10% open wall had a large
effect on the experimental results. In order t@l@&h whether the correct wall open area ratio
had been chosen, testing was again done with ghéisantly more closed wall. It was of interest

to compare the results obtained with the 50% opelh and those obtained with the 10% open
wall to establish whether any significant differerin the result was noticed at the new angle of

attack.

Due to time constraints, testing was not carriedfouas many time delays as in the 50% open

wall case. From the time delays available, a aeanparison could still be made however.

‘Tl—«

15ms 21ms

Figure 7.22 Mach 0.83 at 5° angle of attack witiset walls



Testing was performed at 15ms and 21ms delays amdyis seen in Figure 7.22. However at
these time delays acceptable images were found w@sting with the 50% open walls. As such,

a good comparison of the effect of the more cladetied wall is available.

The initial observation from the images in Figur@Zris that at 15ms delay, small transonic
shock waves are clearly visible. However these lsheaves are not well defined and contain
none of the features seen previously in the testiith 50% open walls. The shock waves off
both the upper and lower surfaces of the aerofeinat a smooth, well defined line as before, but
rather have a jagged, spiky appearance. In additi@shock waves barely extend a chord length
away from the aerofoil. There is also no sign oflambda shock system being set up and
consequently there is very little evidence of dulent wake region downstream of the model. In
general, the shock waves lack any of the featuees ®reviously during the 50% open wall

testing.

The image obtained at a delay of 21ms is largehyiai to that obtained at 15ms showing that the
flow is steady at this stage in the testing timadew. However, the lack of the expected features
once again is obvious with both upper and lowerckh@aves appearing nothing like the shock
waves formed when testing with the 50% open wadlnhda shock systems are similarly not

visible.



15ms 50% open 21ms

Figure 7.23 Comparison of Mach 0.88 CFD with resatt10% and 50% open wall (5° angle
of attack)

As seen with the 10% open wall testing at an anfjkgtack of 2.79 degrees, the transonic shock
waves that are formed are a lot further upstrearthermodel than those predicted numerically.
In general, it is clear that the numerical and expental results have very little in common with
one another. Chord wise position of the transohack waves differs greatly as does the shape
and composition of the shock waves themselves.rgeléambda shock system is predicted to
form on the upper surface of the aerofoil and thisild normally result in a fairly significant



wake region downstream. However, neither a lamlels system nor its corresponding wake

region is evident in the experimental imagery.

Since the images obtained at a delay of 15ms am 2&ry by only a small amount from one
another, it is safe to assume that similar imagesldvbe obtained throughout the testing time
window, and so it is clear that no further testimgequired to prove that the 10% open wall does

produce results that are acceptable.

0.8

0.6 -

0.4

0.2

=—M0.83 Open Upstream

=—M0.83 Open Downstream
M0.83 Closed Upstream

=—M0.83 Closed Downstream

10000 20000 30000 40000 50000 60000

Time (ps)

Figure 7.24 Pressure trace at Mach 0.83 and 5fbaagen and closed walls

Figure 7.24 contains an overlay of the pressumeegrdrom the testing carried out for both the
50% open and 10% open wall cases. It is quite gppatue to the similarity in pressure trace
shape, features and times between major events,asuthe passing of the incident shock wave
and the arrival of the reflected shock wave, that tiwo tests occurred under almost identical
circumstances from a flow point of view upstreanttod test section. It can thus be concluded
that, all other aspects being the same, the tegbrevalls were the influence on the flow around

the aerofoil and thus the formation of the trans®fiock waves and other flow features.



0° Angle of Attack, Open Wall Tests: 50% Open Aredatio

Figure 7.25 Mach 0.83 at 0° angle of attack witarowalls

Once again, from the sequence shown in Figure th25testing flow is set up a short time after
the passage of the shock wave.



Again, the transonic shock waves appear relatitiebk in the sequence, and this is explained by

the in-plane bending of the shock wave acrossastestection as explained previously.

The sequence clearly displays the presence ofatihéda shock pattern on both the upper and
lower surfaces of the aerofoil. The shock systeistexiue to the features explained previously.
Interestingly however, the lambda shock system d@senprominent on the lower surface at 0
degrees angle of attack than that seen previot@y’8 and 5 degrees angle of attack. The reason
for the increase in prominence of the lambda steatem on the lower surface is the slight
increase in Mach number of the flow passing overlthiver surface at the lower angle of attack.
This slight increase results in a stronger norniick wave forming. The slight increase in
strength of the shock wave results in a greataration between the boundary layer and the
normal shock wave, which results in a more prontirseparation of the boundary layer on the
lower surface. This, of course, results in a magmminent wake region which in turn results in a

more obvious lambda shock pattern.

Conversely, the Mach number of the flow on the uppeface is slightly lower, resulting in a
decrease in the normal shock wave strength withultimate effect of a slightly less prominent

lambda shock wave system.

Figure 7.26 High contrast image showing wake regioth lambda shock systems

Downstream of the lambda shock systems, a signifiaarbulent region can be seen in Figure

7.26 and this is due to the separation of the #@wexplained previously. However, at the now



lower angle of attack, the wake region is slightlguced in thickness and is also produced more

equally between the upper and lower surface oérefoil.

Comparison to Numerical Results

As before, it is useful to make a comparison betwte features displayed during physical

testing and those features predicted by the cortipngd fluid dynamics results.

Figure 7.27 CFD at Mach 0.88 and 0° angle of attack

Inspecting the numerical result shown in Figure77iRis clear that similar flow features are
found in both the numerical and the experimentallte The two, well defined transonic shock
waves are clearly visible extending outwards frowm gurface of the aerofoil into the surrounding
flow and a turbulent wake region is also visiblambda shock systems are now visible on both
the upper and lower surface of the aerofoil andrésailting wake region is seen to be being
produced much more symmetrically than that seewiquely on the 2.79 and 5 degree angle of
attack results. As explained previously, the wadgian and the lambda shock system go hand in
hand and so the presence of the system on bothr apddower surfaces would explain the more

symmetrical wake region.

The numerical result shows the lower shock waveradihg further into the flow and being
slightly more defined than the upper shock waveds Thdue to the increase in the Mach number



on the lower surface as can be seen by the laeger of dark red when compared to the region

on the upper surface.

Again, with the experimental setup’s lack of ingtentation that would allow the actual testing
Mach number to be known, comparison of experimemesults with numerical results obtained at
different Mach numbers is able to provide somegimsinto the achieved experimental Mach
number. From the testing at 2.79 and 5 degree® ariglttack, it was found that a Mach number
of M0.88 for the numerical results provided theselst match between experiment and CFD.
Since the testing being discussed was carried btheasame theoretical Mach number, it is
reasonable to assume that numerical results abxppately M0.88 will again provide the most
similar results between the two tests. Howevekrsure that this was the case, overlays of the
numerical onto the experimental results were agairformed. Since it was unlikely that the
Mach number would vary drastically from the testatg2.79 and 5 degrees angle of attack, the

exercise was only carried out for numerical Machbars of M0.86 and M0.88.

Figure 7.28 Overlay of different CFD Mach numbengodVach 0.83 experiment at 0° angle
of attack

Once again a Mach number of 0.88 in the numerieallts matched most closely with the
experimental results. Overlaying the numerical ltesat M0.88 onto the experimental results
throughout the testing range clearly shows accagteement between the two.



Figure 7.29 CFD at Mach 0.88 compared with expenina¢ 0° angle of attack

The images shown in Figure 7.88ow that the testing Mach number is higher thah phedicted
theoretically as well as that the flow Mach numlbderring the testing window is relatively
constant, except during the times when the floleimg established or broken down. Again, the

increase in Mach number from the theoretical toatteial value equates to a 6% rise.

General Observations

Once again, in order to show the correct functigrohthe wind tunnel, experimental results that
closely match the numerical results needed to hairsdd. As discussed previously, testing by

means of a wind tunnel imposes boundary condittdose to the model being tested when these



boundary conditions would not exist in free streffow. However, from the comparison of the
experimental and numerical results, the imposedhdarty condition appears to have very little to

no affect on the results being generated.

In Figure 7.29, the results show neither shock waemding due to the proximity of the wall nor
shock wave reflection back onto the aerofoil. Agélire shock wave shape matches very closely
with the shape predicted in the numerical resuld, i matches across the full visible span of the
experimental shock wave. There appears to be eofénénce from any reflected shock waves
since there is no visual indication of any intezfare as well as the fact that the experimental and

numerical results match up well in almost all aspec

Initially, at 9ms delay, the experimental shock wgwosition is slightly further downstream than
that shown by the numerical result. However, thiage is very early in the testing time window
and is during the time that the flow is being elishled. This discrepancy is not unexpected, but
just shows that the testing flow has not yet reddtsesteady state Mach number.

The image obtained at 12ms delay shows an improvemehe shock wave position agreement

while at 15ms the two results match almost penfectl

At a delay of 21ms, there is a slight change instieck wave position on the lower surface of the
aerofoil, while the upper shock wave position igually unchanged. The reason for the slight
upstream movement of the lower shock wave is empthiby the fact that each image is
composed of two test runs, both of which occur urglightly differing conditions. The lower
surface test was run at a slightly lower Mach nunthan the upper surface test, and thus, a slight

upstream movement of the shock wave is acceptable.

The image shown for 30ms shows the shock wavehtlfifurther downstream than the CFD
results. This is explained by the slight increasttaw Mach number as the testing time increases.
This increase in flow Mach number is caused bystlght thickening of the boundary layer along
the length of the shock tube and results in a @ésang flow area with time, thus causing the flow

Mach number to increase slightly.

Generally, all of the experimental images from 12mwards show the formation of the lambda
shock system as previously discussed. The positmape and layout of the shock system closely
resemble the system predicted numerically. The angges where the lambda shock system
cannot be said to closely resemble the numericalltrere those at 9ms and 30ms, where the
lambda shock system is difficult to define visualithe experimental result.



7.2.3 Testing at Mach 0.73

In order to ensure that the wind tunnel was opegatiorrectly across the full transonic range,
testing was carried out at the lower end of the IMamnge. Due to the low Mach number chosen
for the testing, it was expected that the transshiock waves would be very weak and, as a
result, it was decided that testing at an anglattzck of 2.79 degrees would yield images that

were likely to contain at least a single transahiock on the upper surface of the aerofoil.

Figure 7.30 Mach 0.73 at 2.79° angle of attack wjibn walls

Testing was carried out using time delays that @dall in approximately the middle of the

testing window.

Due to the angle of attack and the low Mach numbearas expected that a transonic shock wave
would only form on the upper surface of the aetoféis a result of this, for the sake of
completeness, the testing was performed largely onlthe upper surface of the aerofoil, with
only a single delay time on the lower surface.

The most prominent feature of all of the test insage that while a transonic shock wave is
visible, it does not extend far outward from thefate of the aerofoil and lacks the clear form
that was shown in the images from testing at Ma8B.0Across the testing time delays, the shock

waves are not as apparent as before, and alsoragigbtly spiky in form.

As expected, no lambda shock system is visibletduke relative weakness of the normal shock

wave being produced.

Interestingly, in the image from a time delay ohl a very small shock wave has appeared on
the lower surface of the aerofoil. It extends amlymall distance into the surrounding flow.



Comparison to Numerical Results

As before, it is useful to make a comparison betwte features displayed during physical

testing and those features predicted by the cortipogd fluid dynamics results.

Figure 7.31 CFD at Mach 0.75 and 2.79° angle athitt

The most obvious feature of the image in Figurd Ts3he lack of any transonic shock waves on
the lower surface of the aerofoil. Due to the fhett the aerofoil is at an angle of attack of 2.79
degrees, it is expected that any shock wave thatgd on the lower surface would be of a lower
strength than that found on the upper surface.eSime shock wave on the upper surface does not
extend very far into the flow and the fact thatisitvisibly quite a weak shock wave, it is

unsurprising that no shock wave would form on thvedr surface.

However, upon inspection of the flow around thedowurface of the aerofoil, it is apparent that
there is a region of high subsonic flow as indidaby the yellow area. Thus, while the image
shows no distinct shock wave on the lower surface, would form if the flow Mach number
were to increase slightly.

The wake region downstream of the aerofoil is saera thin line with very little dark blue
indicating a lack of turbulence. This result is noexpected since the shock wave formed on the
upper surface of the aerofoil is weak and doeshawe any lambda shock systems associated
with it.



Figure 7.32 Overlay of different CFD Mach numbengodviach 0.73 experiment at 2.79°
angle of attack

Since the testing was carried out at a theorettiigah number of 0.73, from the results previously
presented, it is expected that a higher Mach nurinber the numerical testing would provide the
closest match.



It is clear that the chord wise position of thentanic shock wave on the upper surface in the
numerical results does not change drastically witthange in flow Mach number. However, the
transonic shock wave shape does change, as doeddtiee size of the wake region. These facts
make an exact comparison slightly more difficultgenerate. However, based on shock wave
shape, the numerical test at Mach 0.75 shows teesi correlation to the experimental results.
The numerical result at M0.75 does not, howevenwsh transonic shock wave forming on the
lower surface of the aerofoil and this featurenfy@pparent at approximately M0.78. However,
at M0.78 the shock wave on the upper surface halsape that is different from that found
experimentally and so confidence is had that MGs78ot the Mach number that the test took
place at, despite the formation of a small trars@hiock wave on the lower surface in the

experimental results.

It is quite apparent that as the experimental Magimber approaches that at which transonic
shock waves would form, the setup becomes quitsitsento any discrepancy in Mach number.
As a result, it shows that in order for accurastitg to be performed under such conditions, the
requirement for instrumentation in the test sectioever more important. However, this small
discrepancy in the result does not indicate arfaibf the wind tunnel, and is in fact proof that th
wind tunnel is capable of producing acceptable ltesven at the lower end of the transonic

Mach number range.

Figure 7.33 CFD at Mach 0.75 compared to experirae@t79° angle of attack



The images shown in Figure 7.3Row that the testing Mach number is higher thadipted

theoretically, as discussed previously, and thaedding on whether the upper or lower surface
is being used as the means to establish correlatbmeen the experimental and the numerical
results, the Mach number will vary between MO.7% &10.78. This equates to a range of
between approximately 3 to 6% higher than theabyipredicted. That said, the shock wave on

the upper surface correlates well with the numeéresult obtained at M0.75 and not at M0.78.

General Observations

From the images seen in Figure 7.33 the transdrwickswave on the upper surface of the aerofoil
matches the Mach 0.75 numerical result almost gxathe reason that it is said to match most
closely, is because of the shape of the shock wBke.change in chord wise position of the
shock wave, especially near to the surface of énefail, is very small with an increase in Mach
number. However, further out into the flow, the ghavave position has a more significant
change with an increase in Mach number. At the sémme the curvature of the shock wave near
the surface of the aerofoil also increases witlnarease in Mach number, and these features are
used to make the comparison. The extent to whieh shock wave propagates into the
surrounding flow as well as the curvature and cheisk position of the wave itself, show very
close correlation with the numerical result. Ingtirggly, since the sensitivity of the optical
system needed to be increased slightly in ordeafdure the weak shock waves expected to be
produced at the lower Mach number, the extent thvkthe shock wave propagates outwards
matches up with the numerical results to a gredggree than seen previously at the higher Mach

number testing.

In addition, a feature not seen previously in tigher Mach number testing is the thin wake
region trailing downstream of the aerofoil. Thes@athis region is now visible is due to the lack
of boundary layer separation caused by the strosgeck waves found in the higher Mach

number testing.

7.2.4 Testing at Mach 0.91

In order to ensure that the wind tunnel was opegatiorrectly across the full transonic range,
testing was carried out at the higher end of thetMeange. Due to the high Mach number



chosen, there was concern that the wind tunneldvolnbke. This concern was made even more
real by the fact that all of the testing perforntbds far had resulted in a higher than expected
obtained Mach number. Testing at a theoretical Maatmber of 0.91 would likely result in an
actual test Mach number of approximately M0.96 Wwhiesults in the setup becoming extremely
prone to choking.

In order to establish whether the wind tunnel waskimg adequately, it was initially decided that
testing would be done on the lower surface of #mefail which could be expected to produce a

slightly weaker shock wave than the upper surfa@7® degrees angle of attack.

Figure 7.34 Mach 0.91 at 2.79° angle of attack wjibn walls

Testing was carried out using two time delays, whthinitial delay showing the establishment of
the testing flow. Due to the high Mach number ineal, it was expected that the testing time
window would be shorter due to the reflected shwake and the contact surface arriving faster

than before. Thus, the second time delay of 15nssalasen.

Upon inspection of the image taken at 10ms detay,apparent that the transonic flow has been
set up and that the transonic shock waves are fgrmoin the upper and lower surfaces of the
aerofoil. The flow contains a fair amount of diftances which is not ideal, but due to the fact
that the image was taken after only a short timaydét is not unreasonable that the flow has not
cleared up and become more uniform. A large poniotie visual disturbances are likely caused
by the separation of the boundary layer formedgathe windows of the test section.

However, once the image at a time delay of 15nissisected, it is clear that the wind tunnel is

not operating as expected. The transonic shock svéhat were initially seen forming on the



upper and lower surfaces in the previous image havedisappeared. There is a feature on the
lower surface of the aerofoil, but this featuren@t in line with what is expected at this Mach
number. Interestingly, the features on the aerdiedr great resemblance to the features seen
during testing at the lower end of the transoniedeiw, near Mach 0.73. As such, despite the lack
of instrumentation in the test section capable aedmining the actual flow Mach number, it is
apparent that the flow Mach number is not at nghéi than the theoretically produced Mach
0.91.

While this is an unexpected result, it is not areasonable result and simply shows that testing at

the upper end of the transonic window has additidifficulties.

As shown before, all of the testing has resulted itest flow Mach number higher than that
predicted theoretically when considering the pressatio across the diaphragm. This test flow
Mach number equated approximately to a 6% incréasélach number from theoretical
predictions. Thus, for the test case at Mach (t9%,not unreasonable to assume that the Mach
number being produced is in the region of Mach @vB&h is very high subsonic. As the testing
flow approaches sonic, the decrease in cross sattavea required to make the flow become
sonic gets increasingly small. Thus, at a high eanlessMach number, only a very small decrease

in the cross sectional area is required in ordettfe wind tunnel to choke.

From the images seen in Figure 7.34, the wind tuisnimitially seen operating as expected at
10ms delay. However, only a short amount of tinter|ghe flow has changed completely and no
transonic shocks are visible. It is therefore safassume that by the time the image was taken at
15ms delay, the wind tunnel has choked somewhestragm of the test section resulting in
testing flow of a Mach number which was much lowen expected. The reason for the sudden
change during the time delay between 10ms and 1Snfigkely due to the build up of the
boundary layer with time. An increase in boundayer thickness will result in an effectively
reduced cross sectional area and, as discusséer,etimt cross sectional area does not need to
change by much in order for the system to choke.

From the explanation given, it is safe to assuna¢ tisting of the upper surface of the aerofoil
under the same conditions would yield very simikgults and thus it was decided to abandon the
very high Mach number testing at this stage.



Furthermore, it is clear that any form of companigo the numerical results would yield an
unsurprising lack of correlation between the twes. @result of this fact, the exercise was not

carried out.

Comparison of Pressure Plots

Due to the fact that the results obtained reprefenupper limit of the Mach number that the

wind tunnel is capable of producing, it is of imst to see whether any indications of what has
changed during the operation of the tunnel cangle@ & the pressure traces obtained during the
testing in question. As a result, the pressureeti@oduced during the experimental run that
produced the image in Figure 7.34 at a time defalsms was overlaid with the pressure trace

obtained during testing at Mach 0.83, where thaltgsvere very good.

Figure 7.35 Pressure trace overlay for testing @©Wand M0.83



It is apparent from the image in Figure 71iBat the testing at Mach 0.91 exhibited largely the
same features in the pressure plot as those fautitei pressure plots created during testing at
Mach 0.83. The main difference between the two qumes plots is that the one created during
testing at Mach 0.83 takes longer before the drrofathe reflected wave, and the spike in
pressure upon arrival of the reflected wave isdan the Mach 0.91 test. These features are in
line with what is expected from the pressure piotes at Mach 0.91 everything will happen at a

smaller time delay and with slightly greater inigns

There are, not unexpectedly, slight differencethengradients of the graphs at various points and
other similar discrepancies, but there are no othajor differences between the two pressure
plots. There are certainly no apparent differertbas would indicate that the wind tunnel is not

operating correctly.

7.2.5 Predicted versus actual testing time

Theoretical testing times based on the variouyasiof wave features at the test section were
predicted using Kasimir3. Of course, there areralyar of assumptions present in the results that
are displayed by the program and, as such, theteffeahese assumptions needs to be clarified in

order to establish how the actual testing timeteelao the predicted theoretical testing time.

One of the key assumptions made by the Kasimirgraro is that there are no losses incurred
during the passage of the incident shock wave pioaits associated reflected shock waves. The
same applies to the passage of the contact swafatthe resulting flow itself. Due to the fact that
the shock tube in question is more than 40 metang land constructed from very rough
construction tubing, this assumption is quite pda.shown previously, the incident shock wave
experiences great losses at each joint in the gulis well as along each length of tubing it needs
to propagate through. Hence it is safe to assuatetitle reflected wave off the end of the shock
tube and the contact surface will experience smhilsses.

Theoretical testing time was calculated by takihg time at which the incident shock wave
passed through the test section and subtractingnit the time at which the reflected shock wave
and contact surface arrived in the test section.d&sussed previously, the shock tube is
considered to be optimised when the contact sudackthe reflected shock wave arrive in the
test section simultaneously. Of course, it is cldwat this theoretical optimisation is only true



provided all the assumptions made in the processrae, which is not the case. As such, it is of
interest to establish what the approximate tedting was, based on the pressure traces obtained

during the various tests performed.

Figure 7.36 Pressure trace for flow at M0.91

At time Oms, the incident shock wave has reachedutistream pressure transducer and after
another few milliseconds, reaches the downstreamstiucer. At this point, and at an incident
shock Mach number of 1.91, the shock wave is 1lisetonds from the leading edge of the test
piece. This will signal the start of the testinméi. The reason for the delay between the two
vertical spikes from each pressure transducereisatt that they are spaced 300mm apart. Using
this known spacing, and the time delay between spile, the shock wave velocity is simple to

calculate.

After a short amount of time, the steady readingsnfthe two pressure transducers become
slightly disturbed and the pressure reading startgicrease. This feature is first seen on the

downstream pressure transducer, and then on theeapsone, indicating that the feature causing



the disturbance is travelling from the test sectigrstream towards the transducers. This feature
is the reflected shock wave that originated attéisé piece as the incident shock wave passed by.

The reflected wave can be seen in its early stagegure 7.6 at 0.06ms.

After some time, there is another pressure spikd,again the downstream pressure transducer
registers the spike before the upstream transdimes. This is the reflected shock wave off the
end of the shock tube, and clearly signals theddrile available testing time. Of course, by the
time the downstream transducer has registeredeftected shock wave, it has already passed
through the test section. Thus the available tgsiime will be from when the incident shock
wave has passed over the test piece until wherefleeted shock wave enters the test section and
destroys the flow. Theoretically this should be mth the simultaneous arrival of the contact

surface which would similarly destroy the testita.

Naturally, the features that are shown in FiguB® &re occurring in the cleanup section upstream
of the test section. Thus, simply taking time regdi off the pressure trace would yield an
incorrect testing time value. However, since thatatice from the pressure transducers to the test
piece is known, the testing time can still be claiad from the pressure traces since it is clear
that the start of the test window will be upon pagsof the incident shock wave through the test

section, and the test flow will break down uponrteirn of the reflected shock wave.

The test window is calculated as the time diffeeehetween passage of the incident shock wave
over the test piece and the passage of the redlestieck wave over the test piece. From the
pressure trace, both of these wave velocities eanalculated, and with the knowledge of the

distance from the transducers to the test pieeegxbrcise becomes trivial.

Table 7.3 Theoretical and experimental testing $ime

" ( &0 ! 12 |

The testing times found using Kasimir3 are baséelyson theory for the testing position chosen

and do not take any form of losses into accountendssuming that the end of the shock tube is a
solid wall. Experimentally, there are significans$es that occur throughout the system and the
end of the shock tube consists of a weak diaphrabioh ruptures when exposed to a sudden



increase in pressure. Clearly the two situatiores significantly different. However Table 7.3

contains results that are both expected and un&ghec

The Kasimir3 predictions show an obvious decreagesting time with an increase in flow Mach
number which is reasonable, given the increasedhMaenber of the incident shock wave and
resulting flow. The experimental testing times doll a similar trend although the difference
between testing times at Mach 0.73 and 0.83 i¢ anwller than that between Mach 0.83 and
0.91.

Clearly the testing times predicted by Kasimir3 kneer than the experimental testing times,
since they are predicted assuming a solid bouralattye end of the shock tube, which is a poor
assumption. The rupturing of the diaphragm at tiek &f the shock tube would drastically affect
the reflected shock wave and thus would result irchmgreater testing times being experienced

experimentally.

The experimental testing times are not much lolwantthe testing times predicted by Kasimir3
for the optimal test position shown in Table 4.4. dddition the testing times are high in
comparison to similar facilities in existence ahd tesulting images demonstrate that the testing
time is more than adequate to set up the semiystrathsonic flow required to produce accurate

transonic wind tunnel tests.



8 Conclusions

A transonic wind tunnel was designed, constructeti@librated making use of the principles of
operation of a shock tube in order to create tmaiesdlow. Simple transonic testing was
performed on a test piece with well documented fbtwaracteristics in the transonic flow regime,
in order to validate the functioning of the windhiiel. A numerical study was carried out on the
same test aerofoil in order to compare computaltittuid dynamics results with the experimental

results.

Upon completion of the finished shock tube, calibrawas carried out in order to establish how
the shock tube functioned. It was found that du¢heorough internal surfaces of the industrial
tubing used to create the lengths of the wind tyragewell as their corresponding joints, that the
incident shock wave Mach number needed to be migtheh than originally predicted. This
resulted in the requirement for a significant vanuo be drawn in the driven section of the shock
tube. It was established that under the vacuumitions, the pressure ratios needed to create the

incident shock wave of the required strength weslyg obtainable.

A diaphragm of the required thickness was thendduarorder to predictably and reliably activate
the shock tube at the required pressure ratiose @me shock tube had been calibrated, actual

testing was relatively simple to perform.

Initial images taken of the establishment of tlwsvfshowed a distinct reflected shock wave off of
the test piece as well as other shock reflectiommuming off the various surfaces in the test
section. After approximately 4.45ms, these reftewtihad largely disappeared and clear transonic
shock waves were seen on the aerofoil. The flowuradothe aerofoil was largely clear of
unwanted features. During testing, it was foundt thmages taken at a time delay of
approximately 9ms showed that the flow had beeambéished correctly, but had not yet reached
the semi-steady state that was seen at slighdy fishe delays.

Numerical results were created at various Mach rmrmbnd at 0°, 2.79° and 5° angle of attack,
corresponding to the angles of attack that weredesxperimentally. The numerical results were

created using Mach number increments of M0.1 ireotd ensure that a discrepancy in the



experimental Mach number would not result in thabitity to make a comparison between the

numerical and experimental results.

Experimental testing occurred under various floggt tpiece and test section conditions. A key
aspect of the design of the wind tunnel was thé&gdeas the test section upper and lower walls to
ensure that shock wave cancellation took place enbiinultaneously ensuring that the wind
tunnel did not choke at too high a test Mach number

A slotted wall layout was chosen over a perforatedl due to flow conditions expected during
testing. Two key features of the perforated wabetyvere its inability to function correctly with
an increase in boundary layer thickness and thettiat it was likely that each perforation would
create slight disturbances which would propagatevad into the region around the test piece.
Both of these features did not suit the test seatiesign and expected flow conditions and so

choosing the slotted wall eliminated these features

A wall boundary with easily changeable geometry Eyut was created so that the effects of
varying the open area ratio of the wall could btagshed. The testing carried out clearly
demonstrated that at a wall open area ratio of 88&oresults produced throughout the transonic
Mach number range, and for various test piece angleattack, correlated very well with the

numerical results. Testing carried out at an opeya aatio of 10% showed extremely poor
correlation with the numerical results, showingttthee correct selection of wall open area ratio

was vital in obtaining useful experimental data.

The numerical results showed a noticeable downstmeavement of the transonic shock waves
with an increase in flow Mach number. At the saimeet with an increase in angle of attack, a
relative strengthening of the shock wave on thesupprface of the model along with a relative
weakening of the shock wave on the lower surface seen. Both of these features were

reproduced through experimental testing using €% bpen wall layout.

The numerical results showed the formation of abldanshock system when the transonic shock
waves reached a given strength. These lambda slystdms generally resulted in distinct wake
regions trailing downstream of the aerofoil. Agahe experimental results accurately reproduced
these lambda shock systems and their corresponeikg regions when testing was performed

with the 50% open walls.

The numerical and experimental results correlatetl with one another when the transonic
shock wave shape was considered. For the mostipashape, chord wise position, and extent to



which the shock wave propagated into the surrognfliow domain correlated extremely well

when the experimental results using 50% open wale compared with the numerical results.

Due to the lack of instrumentation in the testisectthe actual flow Mach number could only be
found theoretically. Upon comparison with the nuigedrresults however, it was found that in all
testing cases, numerical results at a higher Machber showed the best correlation between the
two. This was a clear indication that the testingc number was in fact higher than predicted.
However, the numerical results at the higher Maamimer correlated with the 50% open wall test
results extremely well. It was decided that theéased Mach number was due to the boundary
layer growth with time, during the testing. Despltese facts however, the flow was at a semi-

steady state for the majority of the testing timiedew, once the flow had been established.

The upper and lower limits of the testing Mach emgere established. Since the only method of
studying the flow around the test piece was usiidieren, it was clear that testing at a Mach
number at which transonic shock waves did not fevauld be of little interest. Testing was
carried out at a theoretical Mach number of 0.78 simowed that weak transonic shock waves
had formed on both upper and lower surfaces. Cosmarof the experimental result to the
numerical result at M0.75 showed a good correlatibthe image on the upper surface of the
aerofoil. The numerical results however showed thatmall transonic shock wave would only
form on the lower surface of the aerofoil at apprately M0.78. Therefore it was concluded that
at the lower end of the testing Mach range, theegmental setup became quite sensitive for the
establishment or non-establishment of transoniclskaves. It did not indicate a failure of the

experimental setup however.

Testing at the upper limit of the transonic Machga showed a limitation in the experimental
setup. Testing was carried out at a theoreticaliMaanber of M0.91. As was the norm with the
test results, it was expected that the actual Machber achieved would be in the region of Mach
0.96. At a Mach number this close to unity, the exipental setup was extremely prone to
choking. The experimental results initially showtbdt the transonic flow was being established
as before. However later on in the testing timedeim, no transonic shock waves could be seen,
indicating that the wind tunnel had choked. It whaearefore clear that testing at a high subsonic

Mach number was not possible.

The testing performed at 5° angle of attack reduttesery strong transonic shock waves forming
on the upper surface of the aerofoil. These straages extended further out into the flow
domain, very close to the slotted walls. No shoelvevreflection was seen to occur at the wall



and the shock waves did not get artificially bene do the proximity to the wall. This showed

that the slotted walls were operating as expectegihviaid out with the 50% open area ratio.

The theoretical testing time predicted by the Kasinprogram was found to be lower than the
testing time found during experimentation. It wasided that this fact was partially due to the
losses experienced by the incident shock wave @ncesulting flow features as it propagated
down the shock tube. However, the main cause fer itltrease in testing time was the
assumption that the end wall of the shock tube avaslid boundary, where the experimental
setup had a weak diaphragm that would burst undgra small increase in pressure. This fact
meant that the reflected shock wave would be weskevhen compared to the theoretical shock

wave and so would arrive back at the test sectienater time instant than predicted.

The testing times experienced during experimemtgtirtg were found to be more than adequate
to establish semi-steady flow. The shock wavescansksponding flow features set up on the test
piece varied very little in shape, chord-wise positand composition once the initial flow
establishment had taken place, showing that tive Ktach number had little variance during the

testing time window.

In general, the wind tunnel operated as designexiged the test section open wall layout was
correctly selected at 50% open and that the Machben did not exceed a theoretical Mach

number of approximately M0.9.

During the experimental work, it became evident tha experimental setup could be improved

upon in the future.

Since each test time delay required two tests taila single image, it is clear that a high speed
camera would be hugely useful in reducing the nunafeests required. Two tests would be
required to obtain upper and lower images forialetdelays throughout the testing time window.
In addition, it would be simple to establish theaetxmoment at which the testing flow broke
down and thus testing times would be easy to ptedic

Placing instrumentation into the test section walkb be beneficial in determining the velocity
variation throughout the test section, as well @®mining the actual Mach number of the flow
for a given test run. It is essential that the edrrinstrumentation of the test section takes piace
order to further develop the facility by gaininggeeater understanding of the properties of the
flow throughout the test section.



It is thus recommended that the abovementionedestiggs are implemented for future studies
in order to obtain the best possible results framrminimum number of test runs when making

use of the facility.
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