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ABSTRACT 

Despite advancements in aerobatic aircraft, the issues concerning aerobatic flight safety remain largely 

unresolved with incidents occurring at airshows, during training and during private flights, even with 

stable, predictable and reliable aircraft. The likelihood of aerobatic incidents has increased as aircraft 

are now capable of being flown in even more dangerous, low energy scenarios. Spins or tumble 

manoeuvres are typically the origin of loss-of-control accidents. Such scenarios occur generally in 

manoeuvres that result in low energy states. This dissertation aims to understand the mechanics behind 

a low energy aerobatic manoeuvre. The positive Ὣ tumble manoeuvre was selected as the manoeuvre 

to analyse, as it is one of the most difficult aerobatic manoeuvres to recover from. The Extra 330SC 

was selected as the model aircraft as it is one of the most popular aerobatic aircraft across all pilot skill 

levels. Additionally, the Extra Aircraft Corporation provided more information about the aircraft than 

any other aerobatic aircraft manufacturer. 

Methods to develop mass, inertial and aerodynamic data were explored. The aerodynamic data was 

extended to high angles of attack. Aerodynamic models for the wing, fuselage, horizontal stabiliser and 

propeller were considered. Generated mass and inertial data were compared to reference data and 

demonstrated good correlation. Static aerodynamic data was compared to published experimental data 

(where possible). Good agreement was shown between the generated data and test data. Considerations 

for surfaces exposed to propeller slipstream and rotational dynamics were considered. No literature was 

available for direct comparison of these considerations.  

A non-linear three degree of freedom model was developed to simulate the tumble manoeuvre. This 

was achieved by simplifying the equations of motion in the velocity axes. The velocity axes were 

appropriate in determining the flight path of the manoeuvre along with all affiliated parameters. The 

aircraft body axes were utilised in determining the rotational parameters during the tumble manoeuvre. 

Force components at high angles of attack were modelled in both the velocity and body axes. The 

current model does not include any lateral-directional forces or moments, assuming the manoeuvre is 

purely in the longitudinal plane.  

A tumble manoeuvre is possible for a very specific aircraft configuration. An upgraded engine and 

propeller slipstream effects are essential in performing the tumble manoeuvre. It was shown the entire 

manoeuvre could be completed in a horizontal distance of υπ m and a vertical distance of ρυ m 

for manoeuvre entry velocities of ςυ m/s, σπ m/s, συ m/s and τπ m/s. Each of the minimum radius 

tumble manoeuvres occurred at the most rearward centre of mass location. An entry velocity of σπ m/s 

provided the smallest possible radius tumble. The entry to the manoeuvre requires large decelerations 

and normal forces that were beyond the lift limits of the wing. Both these requirements were met by 

orientating the aircraft at large pitch angles and subsequently large angles of attack. The large angles of 

attack resulted in large decelerating forces and orientated various aircraft force components, other than 
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the wing, in the lift direction. Significant energy loses are seen through the manoeuvre resulting in large 

losses in airspeed and ultimately altitude. The risks associated with a tumble manoeuvre could be 

minimised by adjusting the normal forces and moments acting on the aircraft. By altering the propeller 

blade pitch angle, the normal forces and subsequently the moments from the propeller could be changed, 

altering the overall normal forces and moments acting on the aircraft. This resulted in a slightly larger 

overall manoeuvre but illustrated increased velocity values throughout the manoeuvre. A form of 

validation of the results was performed by comparing model results of tumble manoeuvres that were 

generated through a patchwork of images compiled from video footage of the manoeuvre. Good 

correlation was shown between the model data and video footage.  
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1. INTRODUCTION  

1.1. Background 

1.1.1. Aerobatic Flight and the Tumble Manoeuvre 

Aerobatics is a category of flight in which an aircraft performs an intentional manoeuvre, involving 

aircraft attitudes, accelerations and altitudes, all of which are not required for normal flight [1], [2]. 

Aerobatic flight is one of the most spectacular aerial displays, which exemplifies the manoeuvring 

capabilities of an aircraft when controlled by an experienced pilot [3]. Aerobatic flying requires a wider 

set of piloting skills and may expose the aircraft to greater structural stresses than those seen in normal 

flight [4]. A myriad of aerobatic manoeuvres exist, some of the better known being rolls, loops, stall 

turns (hammerheads), spins, upward vertical flight, and whip stalls [2]. The roll (also known as the 

aileron roll) is one of the simpler aerobatic manoeuvres, illustrated in Figure 1. The manoeuvre involves 

a σφπЈ rotation of the aircraft about the longitudinal axis of the aircraft (the axis extending from the 

nose to the tail of the aircraft down the centreline) and is achieved using the ailerons, while the elevator 

and rudder usually remain in the neutral position. This manoeuvre is generally performed in a smooth 

manner without any breaks or jerks. Variations of this manoeuvre include the snap roll, the slow roll 

and the barrel roll. These manoeuvres use elevator and rudder input in addition to aileron deflection. 

 

 

A loop manoeuvre involves creating a circular or elliptical shape in the sky. The most common types 

of loop manoeuvres consist of the inside loop and the outside loop. The inside loop is illustrated in 

Figure 2(a). The manoeuvre is entered by applying elevator, from a level flight attitude, such that the 

aircraft pitches up at approximately σ g to τ g. The elevator is applied until the aircraft is in a vertical 

orientation after which the elevator pressure is relaxed slowly so that the aircraft ñfloatsò over the top 

of the loop. Beyond the top-most point, the back pressure from the elevator is slowly increased until the 

aircraft is once again in a level flight orientation. To perform the manoeuvre correctly there should be 

Figure 1: The aileron roll aerobatic manoeuvre 
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no roll angle while the aircraft is following the flight path (traced out by the arrows in Figure 2(a)). This 

implies that some aileron input may be required. The rudder may also be required to maintain a constant 

heading. A perfect loop would involve entering and exiting the loop at the same point. The outside loop 

is identical to the inside loop; however, the aircraft is inverted with the top of the aircraft facing 

outwards throughout the loop. This is illustrated in Figure 2(b). Upon exiting the manoeuvre, the pilot 

will often transition into another manoeuvre or roll the aircraft back to the correct orientation.  

 

 

The stall turn, also called the hammerhead, is another vertical manoeuvre like the loop manoeuvre and 

is illustrated in Figure 3. The stall turn allows the direction of the aircraft to be changed through ρψπЈ 

within a limited amount of airspace and without forfeiting much energy. The manoeuvre makes use of 

the rudder and is a relatively simple manoeuvre. The manoeuvre begins with a vertical climb. The pilot 

reduces power towards the apex of the manoeuvre. This is done to slow the aircraft down to a stop. 

Once this has occurred, full rudder is applied to rotate the aircraft by ρψπЈ, pointing the nose of the 

aircraft towards the ground. Unlike the loop manoeuvre the pilot need not pull as many g's while 

performing the manoeuvre.  

 

(a) (b) 

Figure 2: (a) The inside loop aerobatic manoeuvre (b) the outside loop aerobatic manoeuvre 
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Simple aerobatic manoeuvres such as rolls and loops can be performed together to form combined 

manoeuvres. An example of such a manoeuvre is the Cuban 8 which incorporates both rolls and loops. 

This is illustrated in Figure 4. The manoeuvre is initiated by flying straight and level. After a short time, 

full power and elevator is applied to pitch the aircraft up and enter a climb, in an identical manner to 

which the inside loop is initiated. The aircraft is allowed to go into a vertical climb and continues over 

onto its back at the top of the loop. Just after the aircraft has reached the top of the loop, ailerons are 

applied to smoothly roll through ρψπЈ, bringing the aircraft right side up. Power is then slightly reduced 

and elevator is used to maintain a τυЈ dive. After the brief dive the aircraft is levelled out at the same 

altitude at which the manoeuvre was entered. As soon as the aircraft is levelled out power is applied 

once again and a second loop is initiated. As with the first loop the aircraft is allowed to loop over onto 

its back before rolling through 1800 and diving at τυЈ to the horizontal to resume straight level flight. 

An ideal manoeuvre would have the aircraft exiting the manoeuvre at the same height at which the 

aircraft entered the manoeuvre. 

Figure 3: The stall turn aerobatic manoeuvre 
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Various manoeuvres are often combined and performed sequentially to form a complete aerobatic 

sequence. Aerial display sequences are performed both for entertainment and competition. An example 

of an aerobatic display sequence is illustrated in Figure 5. 

In recent decades, advancements in aerodynamics and adaptive flight control have allowed aircraft to 

fly at higher angles of attack and at very low speeds, ushering in a new era of aerobatic flight. Aerobatic 

display aircraft have thus become even more manoeuvrable, expanding the operational domain of these 

aircraft, allowing even more dangerous manoeuvres to be performed. One such manoeuvre which has 

arisen, as a result of improved modern aircraft, is the aerobatic tumble manoeuvre. This manoeuvre will 

be the focus of this paper. The manoeuvre was selected due to the lack of information regarding the 

manoeuvre in the public domain. A Google Scholar search containing the search terms: ñAerobtaic 

tumble manoeuvreò, ñAerobatic tumbling manoeuvreò, ñAircraft backflip manoeuvreò, ñAircraft 

tumbleò was performed. No published work was found for tumble manoeuvres of aerobatic aircraft. 

 

Figure 4: Cuban 8 aerobatic manoeuvre 
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Figure 5: Example of an aerobatic display sequence 
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Energy Management 

An important aspect in performing an aerobatic display is the management of aircraft energy. Energy 

management can be defined as the process of planning, monitoring, adjusting and controlling alititude 

and airspeed targets in relation to the state of energy of the aircraft. This is done in order to: 

1. Attain and maintain desired non-horizontal flightpath-airspeed profiles [5] 

2. Detect, correct and prevent unintentional altitude and airspeed deviations from the desired 

energy state [5] 

3. Prevent irreversible deceleration and/or sink rate that results in a crash [5] 

Emphasis of good energy management should be stressed to pilots in training, espcially those aiming 

to perform aerobatics. Mistakes in managing the energy state of the aircraft can be deadly. The 

mismanagement of mechanical energy (altitude and/or airspeed) is a contributing factor to the three 

most common types of fatal accidents in aviation: loss of control in flight (LOC-I), controlled flight 

into terrain (CFIT) and approach and landing accidents [5]. The total mechanical energy of an aircraft 

in flight is the sum of its potential energy (from altitude) and kinetic energy (from airspeed). A flying 

aircraft is an óopenô energy system, meanings that the aircraft can gain energy from some source (e.g. 

fuel) and lose energy to the environment (e.g. the surrounding air). Energy can be added to or removed 

from the total mechanical energy of the aircraft stored as altitude and airspeed [5]. Energy management 

is particularly important for manoeuvres such as the aerobatic tumble, as the aircraft brought to a very 

low (near zero) airspeed. This places the aircraft into a state of very low mechanical energy, requiring 

losses in altitude to recover airspeed and normal aircraft attitudes. 

 

The Tumble Manoeuvre 

The aerobatic tumble manoeuvre can most simply be understood as a minimum radius loop where the 

aircraft velocity reaches a near zero value. The tumble is an extreme aerobatic manoeuvre that involves 

a rotation of the aircraft about its lateral axis (the axis which extends from one wingtip to the other), 

with almost no forward speed. It is generally performed by single engine propeller driven aircraft. Some 

fourth and fifth generation fighter aircraft are likely also capable of performing this manoeuvre, 

however, the mechanics behind the manoeuvre will be different to those of a propeller driven, piston 

aircraft. The manoeuvre can be performed one of two ways, by rotating the tail of the aircraft under the 

nose (the positive Ὣ tumble) or by rotating the tail of the aircraft over the nose (the negative Ὣ tumble). 

The report will focus on the positive Ὣ tumble manoeuvre as it is the more difficult of the two types of 

tumble, both in entering and exiting the manoeuvre.  



7 

 Figure 6: Sean D Tucker performing the positive Ὣ tumble manoeuvre ("Tucker Upper") 
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The Positive ▌ Tumble Manoeuvre 

Figure 6 provides a still image of an aircraft exiting a positive Ὣ tumble manoeuvre, with smoke emitted 

from the aircraft providing a visual trace of the aircraft flight path (also traced out by the red path line). 

Illustrations of the aircraft orientation throughout the manoeuvre have been overlaid to provide a 

complete graphic of the flight path with dotted black lines illustrating the orientation of the aircraft. The 

angle of attack of the aircraft is illustrated by the difference between the red path line and the dotted 

black lines.  Just prior to entering the manoeuvre, the aircraft is typically oriented wings-level and flying 

at low airspeeds (σπ m/s - τπ m/s), indicated by point A in Figure 6. To begin the manoeuvre the pilot 

applies full up elevator, pitching the nose of the aircraft rapidly upwards. This creates a destabilising 

moment on the airframe, illustrated by point B in Figure 6. Due to the large size of the elevator on 

aerobatic aircraft and increased velocity over the tail due to the propeller slipstream, the aircraft is 

pitched to an angle of attack well beyond stall τυЈ, seen at point C. The aircraft then remains briefly 

fixed at the new angle of attack and is unable to continue rotating, all while climbing and decelerating. 

This can be seen between points C and D. The aircraft remains ñlockedò at an angle of attack and is 

unable to rotate further due to opposing moments acting on the aircraft. The elevator forces and the 

propeller normal force create a destabilising, nose up moment, while all other aerodynamic and 

propulsive forces create opposing moments that act to stabilise the aircraft. The very large angle of 

attack results in the generation of a large drag force on the aircraft. This increased drag force acts to 

rapidly decelerate the aircraft and creates large stabilising aerodynamic moments. Once airspeed has 

reduced sufficiently, the destabilising moment from to the elevator becomes larger than the stabilising 

aerodynamic moments and the aircraft is able to continue pitching. This is seen at point E in Figure 6. 

The elevator remains effective, without any airspeed, due to the propeller slipstream that is blown over 

the empennage. With low airspeed the aircraft is able to continue rotating while moving very marginally 

forward (if viewed from the aircraft cockpit) and upward. The aircraft continues rotating to the point at 

which it is inverted. The aircraft then further rotates until the attitude of the aircraft is pointed toward 

the ground. This can be seen through points E to F. With the nose of the aircraft now pointing down 

and with a low kinetic energy level, the aircraft begins to lose altitude and rapidly gains airspeed. Should 

the pilot continue to hold full up elevator, the aircraft will continue to pitch during the exit of the 

manoeuvre, albeit at a reduced rate. This is illustrated from points F to G. 

An important concept in the analysis of the tumble manoeuvre is the propeller slipstream. The propeller 

slipstream is the mechanism that allows a tumble manoeuvre to be completed. Even though the aircraft 

enters a completely stalled regime during a tumble manoeuvre and there is very little to no airspeed at 

various points throughout the manoeuvre, the propeller slipstream continues to blow air over the 

fuselage and empennage. This is inferred visually from the smoke emitted during the manoeuvre. The 

propeller slipstream allows the elevator to retain authority (though at a lower efficiency as compared to 

normal level flight), even though the aircraft has no airspeed. Figure 7 is a replication of Figure 6 with 
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the explanation of various points of the tumble manoeuvre overlaid so that the explanation of the 

manoeuvre can be more easily followed. It should be noted that the information provided from the still 

images in Figure 6 is inferred from video footage as no literature exists in the public domain describing 

the tumble manoeuvre and its characteristics.  

While the tumble manoeuvre presented in Figure 6 is an example of a tumble, the manoeuvre, much 

like the traditional loop, can be performed differently. The radius can be altered to make the manoeuvre 

tighter, at the expense of airspeed or broader, with the aircraft carrying a greater airspeed through the 

manoeuvre. Tighter tumble manoeuvres will be termed minimal radius tumbles and broader 

manoeuvres will be termed minimised risk tumbles as the broader manoeuvres carry greater airspeed 

and thus possess a greater amount of mechanical energy.  

The Negative ▌ Tumble Manoeuvre 

The negative Ὣ tumble manoeuvre is fundamentally identical to a positive Ὣ tumble, however, with a 

reversed direction of rotation. The negative Ὣ tumble is performed by rotating the nose of the aircraft 

downwards while the rear of the aircraft is rotated upwards, as illustrated in Figure 8. The manoevure 

is usually performed by flying upwards as steeply as possible to effectively reach a zero Ὣ state at the 

peak of the climb. At the apex of the manoeuvre, once the aircraft has reached near zero Ὣ, full down 

elevator is applied and the tail of the aircraft is rotated upwards while the nose is pushed over and 

downwards. The aircraft begins the rotation from a near zero Ὣ condition and the initial rotation rate is 

relatively high. Once the aircraft reaches a nose down attitude, however, it will begin to lose rotational 

velocity. This is due to the rise in aerodynamic drag acting on the aircraft as it rotates, creating a 

stabilising moment. The point at which the drag and stabilising moment are the greatest is when the 

aircraft is fully inverted, implying that the lowest rotational speed will be at this point. It is thus, more 

difficult for the aircraft to rotate the nose of the aircraft back upwards than it is to rotate it downwards. 

Full down elevator is held throughout the manoeuvre to continue rotating the aircraft. A single tumble 

can be performed or multiple tumbles, where one tumble leads into the next. As more tumbles are 

performed less recovery space (altitude and time) is afforded to the pilot.
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A (Entry) ï aircraft is 

typically oriented wings-

level and flying at low 

airspeeds (σπ ÍȾÓ-τπ ÍȾÓ) 

B (Start) - Full up elevator 

applied, pitching the nose of the 

aircraft rapidly upwards and 

creating a destabilising moment 

on the airframe 

C:D - Due to the large size of the 

elevator of aerobatic aircraft and the 

increased velocity over the tail due to 

the propeller slipstream, the aircraft 

is pitched to an angle of attack well 

beyond stall τυЈφπЈ. The 

aircraft then remains briefly fixed at 

the new angle of attack and is unable 

to continue rotating, while 

continuing to climb and decelerating 

due to the drag forces and subsequent 

moments at high angles of attack 

E- Airspeeds are now very 

low (  υ ÍȾÓ), the aircraft 

comes to a near stop but 

continues to rotate due to the 

propeller slipstream being 

blown over the tail surface. 

The aircraft continues 

rotating to the point at 

which it is inverted 

F - The aircraft 

continues rotating 

the aircraft until 

the attitude of the 

aircraft is pointed 

toward the ground 

G ï The aircraft 

begins to lose 

altitude. At this 

point the pilot can 

continue rotating 

and descend at a 

high angle of 

attack or enter a 

recovery phase 

E 

A 
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G 

Figure 7: Positive Ὣ tumble illustration with overlaid explanation 
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1.1.2. Aerobatic Aircraft  

To better understand how tumble manoeuvres are performed and to model the manoeuvre as accurately 

as possible, the aircraft capable of performing tumble manoeuvres need also be examined. Some of the 

basic specifications of aerobatic aircraft are listed in Table 1. These specifications (along with many 

others) will be required for estimating aircraft parameters required in modeling a tumble manoeuvre.  

 

Table 1: Aerobatic aircraft   

Aircraft  
Length 

[m] 

Wingspan 

[m] 

Wing 

Area 

[m2] 

1Acro 

Weight 

[kg]  

Stall Speed 

Aerobatic 

[kts]  

Maximum 

Horsepower 

Va 

Acro 

[kts]  

Extra 330SC [6] 6.88 7.5 9.8 780 - 315 158 

Pitts ï S2A [7] 5.41 6.1 11.6 714 51 200 - 

Sukhoi Su ï 29 [8] 7.29 8.2 12.2 - 59 359 - 

Edge 540 [9] 6.28 7.42 9.1 703 - 310 170 

Extreme XA41 [10] 6.3 7.5 11.25 850 51 315 - 

MX MX2 [11] 6.55 7.32 9.48 839 58 250-380 - 

 
1 The term acro refers to the specifications of an aircraft when it is set up to perform an aerobatic display. These 

configurations will be different to normal flying configurations.  

Figure 8: Negative Ὣ tumble manoeuvre 
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Various specifications, such as those listed in Table 1, will be required to determine various 

aerodynamic and performance parameters. The necessary specifications required for various 

aerodynamic or performance parameters are outlined in the relevant sections.  

A key feature on all aerobatic aircraft is the use of symmetrical profiles for the wing. Symmetrical 

profiles used on aerobatic aircraft give very similar handling characteristics for both normal and 

inverted flight, when mounted at a zero-incidence angle. This makes inverted flying far easier and safer 

for aerobatic pilots. The wings on aerobatic aircraft usually also have very little if any dihedral, such 

that the aircraft does not try to actively oppose the pilot when performing manoeuvres.  

A somewhat limiting factor in the selection of aircraft to model a tumble manoeuvre is the information 

available in the public domain. The selected aircraft should have a sufficient amount of information 

available to allow for an acceptably accurate modelling, of all necessary parameters. From the aircraft 

listed in Table 1, the Extra Aircraft company provided more information about the entire aircraft than 

any other manufacturer. As such the Extra 330SC will be the aircraft primarily focused on in the 

modelling of a tumble manouevre. Additionally, the selection of the Extra 330SC can be justified by 

observing the aircraft present at the 2021 World Advanced Aerobatic Championship. Table 2 provides 

a list of the aircraft used by the 36 contestants. The Extra aircraft company has a very good showing, 

being used by 24 of the 36 pilots. Of the 24 Extra aircraft used 19 were the Extra 330SC. The aircraft 

was also flown by World Champions in various competitions in 2009, 2013, 2014, 2015, 2016, 2017 

and 2019. The Extra 330SC is evidently a very capable and popular aerobatic aircraft and as such one 

could infer that it is flown by many pilots across the globe, making it a suitable choice in analysing 

aerobatic manoeuvres. A three view of the extra 330SC is illustrated in Figure 9 while technical data 

for the Extra 330SC is provided in Table 3. It should be noted that work contained within this 

dissertation can likely be extended to other aerobatic aircraft, provided they share similar specifications 

to the Extra 330SC. The required data would also need to be made available for the analysis. 

 



13 

 

Table 2: Aircraft type and number used in the 2021 World Advanced Aerobatic Championships [12] 

Aircraft  Number 

Extra 300 (L and S variants) 2 (L) 2(S) 

Extra 330 (SC and LC variants) 19(SC) 1 (LC) 

SBACH300 (XA-41) 4 

XA-42 1 

AVA432MXS 1 

Sukhoi 31MX 2 

Sukhoi 26M 1 

CAP 232 1 

GenR20 1 

GenP20 1 

 

 

 

Figure 9: Extra 330SC 3-view [13] 
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Table 3: Extra 330SC technical data [13] 

Main Data 

Length [m] 6.88 

Height [m] 2.55 

Wing Span [m] 7.50 

Wheel Base [m] 4.87 

Wheel Track [m] 1.80 

Wing 

Wing Span [m] 7.50 

Wing Area [m2] 9.81 

Airfoil  
Root: MA 14.9 S 

Tip: MA 12 S 

Chord [m] 
Root: 1.786 

Tip: 0.830 

MAC [m] 1.366 

Aileron Area [m2] 2 x 0.876 

Aileron Deflection [deg] Up/down 30, tolerance +/-2Ј 
Horizontal Tail  

Span [m] 2.66 

Area [m2] 2.13 

Airfoil  NACA 0009 

Elevator 

Area [m2] 1.04 

Elevator Deflection [deg] Up/down 25, tolerance +/- 1Ј 
Trim-Tab Deflection [deg] Up/down 32, tolerance +/- 2Ј 

Vertical Tail  

Area [m2] 1.55 

Airfoil  Wortmann FX 71-L-150/30 

Rudder 

Area [m2] 0.75 

Rudder Deflection [deg] Left/right 30, tolerance +0Ј/-2Ј 
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1.1.3. Aerobatic Incidents 

Airshows are public events where aircraft are put on exhibition, including aerial displays and static 

exhibits. It is a forum in which aviators can display their own abilities as well as the capabilities of their 

aircraft and is also an environment in which aircraft manufacturers can display and demonstrate the 

performance of their products. Airshows vary from very large scale shows with many aerial displays 

and ground exhibitions to small airshows with few aircraft and ground displays.  

Aerobatic flight demonstrations invariably attract thousands of spectators, whether it be on a national 

or international scale. Regardless of the size of the airshow, a common issue, is always safety. Every 

year aircraft are damaged and lost. In some incidents pilots and even spectators are injured and killed. 

Figure 10 shows the number of incidents at airshows from 2006-2019.  

 

 

The number of annual incidents appears to follow a somewhat sinusoidal trend, consistently increasing 

and then decreasing over a period of 5-6 years. Illustrating a recurring pattern. Accidents appeared to 

decrease from 2006-2008 before increasing from 2008-2010, with 2010 providing the largest number 

of annual accidents in recent years. From 2010-2014 there was once again a decrease in the number of 

annual accidents. However, from 2014-2017 there was another increase in annual accidents. 2018 and 

2019 provided fewer accidents that 2017, again showing a decrease in annual accidents. From historical 

data one might infer that a rise is expected to once again occur, not too long after 2019. However, due 
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Figure 10: Global airshow accidents from 2006 to 2019 [14] 



16 

 

to the COVID pandemic, airshows worldwide were limited in 2020 and 2021 and thus, a fair comparison 

cannot be made.  

2019 proved to be a particularly safe year with the fewest number of annual accidents. The exact cause 

of this improved safety is not known; however, it is thought that a greater awareness of risk and risk 

management by pilots, air bosses and event organisers has given new impetus to órisk aversion.ô This 

has, in turn, induced greater oversight by regulators, new regulation and control mechanisms [14]. 

Another key aspect in improving the safety of airshows lies in understanding the mechanics behind the 

manoeuvres performed by pilots. A greater understanding of the physics involved can aid pilots in better 

managing their energy levels throughout their performances and allow for greater margins should any 

unexpected scenarios occur.  

Airshow incidents are usually given far more public coverage due to the presence of spectators and 

media, however, incidents occurring outside of airshows should also be considered. While incidents 

occur across all aircraft types, incidents involving the Extra 300 series aircraft will be focused on, given 

that this aircraft has been selected as aircraft being analysed. Table 4 presents aircraft incidents 

involving the Extra 300 aircraft from 2006 onwards and includes incidents occurring at airshows, during 

training and private flights. While many cases have occurred involving the Extra 300 series of aircraft, 

the selected cases were limited to incidents that occurred as a result of pilot error while performing 

aerobatics. All incidents (while performing aerobatics) involving component failure or any factors 

outside of the control of the pilot were omitted. Cases prior to 2006 were not considered to keep with 

the timeline presented in Figure 10. 

From Table 4 it is evident that a fair number of accidents have occurred as a result of pilot error in the 

Extra 300 series aircraft. The total number of incidents involving the Extra 300 series aircraft from 2006 

is 70. This provides a ratio of ρυȢχρ Ϸ for pilot error to total number of cases. This may seem like 

a reasonably low value, however, when one considers that many incidents occurred on the ground and 

involved only minor damage, the number of cases involving pilot error seem far more worrying. 

Another noteworthy observation from the incidents presented in Table 4 is that many of the impact 

attitudes of the aircraft were near wings level, suggesting that the aircraft should have been able to 

recover before impacting the ground.  

While the same number of incidents that have occurred in the Extra 300 series aircraft cannot be directly 

applied to other aerobatic aircraft, one could infer that a similar ratio of pilot error to total number of 

incidents could be applied to all popular aerobatic aircraft in the same time frame. The Extra 300 series 

aircraft is a very stable, reliable and predictable aircraft, more so than many other aerobatic aircraft, 

suggesting that the ratio of pilot error to total number of incidents for other, more difficult to fly, 

aerobatic aircraft could potentially be even higher.  
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Table 4: Extra 300 incidents 

Date Location Nature Flight Phase Attitude on Impact  Reference 

4-10-2006 
Tucumcari, NM, 

USA 
Airshow Manoeuvring 

Within ρπЈ of wings 

level 
[15] 

14-14-2006 
Culpeper, VA, 

USA 
Airshow Manoeuvring Near wings level [16] 

11-03-2007 

Lujan, province 

of Buenos Aires, 

Argentina 

Airshow Manoeuvring Near wings level [17] 

19.04-2019 
Santa Barbara, 

CA, USA 
Private Manoeuvring 

Likely close to τυЈ 
nose down 

[18] 

31-12-2009 

Grasmere, 

Gauteng South 

Africa 

Private Manoeuvring Nose down [19] 

19.06-2010 
Methley, West 

Yorkshire, UK 
Airshow Manoeuvring 

Approximately ςυЈ 
nose down 

[20] 

02-06-2013 
Serpukhovsky 

district, Russia 
Airshow Manoeuvring Near wings level [21] 

15-04-2013 
SJIE, MT,  

Brazil 
Private Manoeuvring Unknown [22] 

01-09-2015 
Jerome, ID,  

USA 
Private Manoeuvring Near wings level [23] 

17-04-2016 
Near Cozumel 

Airport, Mexico 
Airshow Manoeuvring 

Likely near wings 

level 
[24] 

21-10-2017 

San Diego 

County, CA, 

USA 

Training Manoeuvring Near vertical [25] 

17-12-2020 
Aledo, TX,  

USA 
Private Manoeuvring Unknown [26] 

[27] , [28] [29], 

Figure 11 shows the final moments of an Extra EA-300 before impacting the edge of the runway and 

bursting into flames near a first aid post and spectator stand in Belgium on the 26th of July 1997. The 

aircraft appeared to be pulling out of a nose-dive after a looping manoeuvre and was orientated in a near 

wings level position with the engine running at full power just before impact [27]. The orientation of 

the aircraft and engine setting would suggest that the aircraft was flying in a visually ónormalô state. 

This, however, is not the case. The height budgeted by the pilot was insufficient to recover from that 

altitude. While the aircraft was visually oriented in a near wings level position, the sink rate of the 

aircraft was incredibly high, meaning the vertical component of the velocity vector resulted in the 

aircraft being at a high angle of attack (likely larger than ςπЈ) during the pull -up phase. The implications 

of this are low lift (less than is required during the pull up) and high drag. While the engine would have 

been running at full power, the high drag force, acting on the aircraft at this high angle of attack, would 

have meant that the aircraft was in a relatively low energy state. This means that the energy gain over 

the recovery phase was inadequate. The only way in which more energy could have been attained during 
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this recovery was by having more altitude. The altitude would have assisted in two ways, firstly the 

pilot would have been able to descend for a greater period of time, gaining a greater velocity (converting 

the potential energy to kinetic) and secondly, the pilot would have been able to perform the pull up 

more gradually, exerting less Ὣᴂs on the aircraft and keeping the angle of attack lower, thereby reducing 

the total drag force.  

 

Two incidents, similar to the one presented in Figure 11, are presented in Figure 12 and Figure 13. 

While the final manoeuvres that lead to the incidents that occurred in both Figure 12 and Figure 13 were 

different, the end result and cause of all three incidents was identical. In each of the three cases the 

aircraft impacted the ground in a near wings-level orientation, with the engine running at full power 

and with a high sink rate. The nature of the ground impacts seen in these three cases illustrates that there 

was a loss in control of the aircraft. The three incidents occurred a number of years apart, illustrating 

that the same errors are being made even decades on. These kinds of incidents are also not limited to a 

particular type of aircraft as all three occurred in different aerobatic aircraft. Insufficient airspeeds and 

large angles of attack seen in these incidents are comparable with the airspeeds and angles one could 

expect while performing and recovering from a tumble manoeuvre. While the three presented incidents 

were not as a result of a tumble manoeuvre, the recoveries can all be compared to that of a tumble. The 

tumble manoeuvre being a worst-case scenario, as it should involve even lower airspeeds than the three 

presented incidents.  

Figure 11: Belgian airshow crash July 1997 [27] 
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Figure 13: Austrian airshow crash September 2015 (left) Exit of manoeuvre moments before crash 

(right) Crash impact [29] 

Figure 12: Argentinian airshow crash March 2007 (left) Exit of manoeuvre moments before crash 

(right) Moments before impact [28] 
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1.2. Motivation  

Despite advancements in aerobatic aircraft, the issues concerning aerobatic flight safety remain largely 

unresolved with incidents occurring at airshows, during training and during private flights, even with 

stable, predictable and reliable aircraft. A large contributing factor to incidents is the limitations and 

shortcomings of the pilot. Insufficient knowledge of the aircraft and its capabilities coupled with poor 

decision making and physical limitations have all contributed to various aerobatic incidents over the 

years. Modern advancements in aerobatic aircraft have provided more capable and manoeuvrable 

aircraft, perhaps leading to the belief that these aircraft are safer to fly and should thus result in fewer 

aerobatic accidents. However, despite these advancements, the likelihood of aerobatic incidents has 

increased as aircraft are now capable of being flown in even more dangerous, low energy scenarios. 

Spins or tumble manoeuvres are typically the origin of loss-of-control accidents at airshows. A rather 

concerning trend is that accidents resulting from an óout of controlô manoeuvre, in which a pilot may 

not have complete control of the aircraft and may have to abort, continues to go unabated each year 

[30]. Such scenarios occur generally in manoeuvres that result in low energy states, where the aircraft 

is at very low airspeeds and has very low rotational rates, be it in roll, pitch or yaw. Modelling extreme 

manoeuvres, such as the tumble manoeuvre, provides a numerical understanding of the altitude, 

airspeeds and load factors that result in low energy scenarios that are outside of normal operating 

envelope.  

In many accidents that have occurred as a result of an óout of controlô manoeuvre, an interesting point 

to note is that the impact attitude of the aircraft was approximately horizontal with the engine running 

at full power. Incidents such as these may lead one to believe that the aircraft was in a normal flying 

state and that the pilot was in full control. In many (if not all) accidents, this is often not the case. What 

this does imply is that the height budgeted for a manoeuvre or sequence of manoeuvres was inadequate. 

It could be inferred that the recovery budget was incorrectly applied or that the energy losses while 

performing the manoeuvre were not repeatable or consistent, meaning that the manoeuvre would be 

slightly different each time it was performed. Being able to quantify the forces and dynamics of energy 

levels during manoeuvres, which have deviated from controlled flight, could reduce the loss of lives 

and help all those involved with aerobatic flight better understand the mechanism behind uncontrolled 

flight and how to recover from these situations. An understanding in transitioning from a low energy 

state to a state of energy which permits regular flight and the altitude losses associated with this 

transition of energy regions is not always understood by pilots performing aerobatic manoeuvres. A 

such, the transition of energy during recovery phases after a manoeuvre requires some quantification. 

The positive Ὣ tumble manoeuvre was selected as the manoeuvre to analyse, as it is one of the most 

difficult aerobatic manoeuvres to recover from. The entry to the manoeuvre requires the pilot to exert 

many Ὣᴂs on the aircraft, leading to great losses in energy very early on in the manoeuvre and the exit 
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of the manoeuvre typically has the aircraft orientated nose down with little to no airspeed. This leaves 

the energy levels of the aircraft at the exit of the manoeuvre extremely low. The exit of a tumble can 

be viewed as a worst-case scenario for other manoeuvres, with the recovery portion performed in a 

similar manner, that is, trading altitude for airspeed.  
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1.3. Literature Review 

1.3.1. Introduction  

The literature review provides information regarding the modelling of aircraft motion and performance. 

The review starts by discussing the various reference frames that can be used to model aircraft forces 

and how these forces can be transferred from one reference frame to another. The equations of motion 

describing the forces and moments acting on the aircraft are covered next. A review of high angle attack 

aerodynamics is covered and includes some discussion on dynamic effects. A presentation of inertial 

and mass data for the Extra 330SC is provided. Finally, a review on aircraft energy is outlined.  

1.3.2. Reference Axis System 

In analysing the flight path of an aircraft care must be exercised in defining the framework of axes to 

which the motions of the aircraft can be referred. Several axis systems are used, since the forces acting 

on an aircraft arise from different sources. The equations of motion, derived from these axes, can be 

written in terms of the flight path in Earth-related axes (also known as the performance equations of 

motion) or as perturbation equations in aircraft related axes (stability equations of motion). All axis 

systems are right-handed, with their origins ὕ  at the centre of gravity ὅὋ of the aircraft such that 

only the angular relationships between the axis systems need be considered.  

Figure 14 illustrates the most commonly used axis systems and provides definitions of some of the more 

important parameters in flight path performance and the relationships between them.  

 

 

Figure 14: Reference axis systems [31] 
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1.3.2.1. Earth Axes 

The local Earth axes is taken as the datum for aircraft motions and is defined by the horizontal plane at 

the geographical location of the aircraft. The positive directions of the Earth axis system are presented 

in Figure 15. The Earth axes are orientated ὕὢ Northerly and ὕὣ Easterly, in the horizontal plane, 

with ὕὤ vertically downward. In some special circumstances, for instance, inertial navigation systems, 

the curvature of the Earth must be considered and consequently a rotation of the Earth axes with global 

position must considered [31]. Since the tumble manoeuvre takes place over a short distance (over the 

ground), a óflat Earthô system will be assumed to exist. 

 

 

1.3.2.2. Body Axes 

Aircraft usually have a plane of symmetry that is taken as the basis for the body axis system. An 

illustration of the body axes and positive sign conventions is provided in Figure 16. The ὕὢ  axis is 

taken to be forwards and parallel to a convenient aircraft datum, usually the aircraft fuselage datum line. 

The ὕὣ axis is normal to the plane of symmetry and positive starboard. The ὕὤ axis is parallel to the 

plane of symmetry and points downwards. Aircraft instrumentation for the measurement of attitudes, 

rotational rates and accelerations is traditionally aligned to the body axis system [31]. Determination of 

ὕ 

ὢ 

ὤ 

ὣ 

ὔέὶὸὬ 

Ὁὥίὸ 

Ὀέύὲ 

Figure 15: Earth axis system 
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the forces acting in the body axes of an aircraft are important in understanding the limitations of the 

aircraft structure while performing various aerobatic manoeuvres. 

 

 

1.3.2.3. Body-to-Earth Axis Relationship 

In flight an aircraft will change its orientation relative to the Earth. The body axes are related to the 

Earth axes by the aircraft attitude angles and are defined as follows [31]: 

¶ The yaw attitude or azimuth ‪ . This provides the aircraft heading with respect to North. A 

positive rotation of ‪ is from North to East. In most cases the aircraft heading does not affect 

the analysis of the aircraft. As such, it is assumed that the datum value of ‪ is zero. ‪ can then 

be taken to be the yaw attitude of the aircraft with respect to an arbitrary heading. 

¶ The pitch attitude — is the angle between the horizontal plane and the longitudinal body axis 

ὕὢ  of the aircraft. — is positive aircraft nose up. 

¶ The bank attitude angle ‰  is the angle between the aircraft lateral body axis ὕὣ  and the 

horizontal plane. ‰ is positive starboard wing down. 

 

ὕ 

ὢ  

ὤ 

ὣ 

Figure 16: Body axis system 
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The transfer of force vectors between the Earth and body axes is performed by rotation through heading, 

pitch attitude and bank attitude, respectively [31]. These rotations are illustrated in Figure 17. The order 

in which the rotations are performed is important in the development of the equations of motion, 

described in §1.3.3. 

 

 

1.3.2.4. Stability And Wind Axes 

An aircraft obtains its lift from the angle of attack ‌ of the wing in relation to the airflow. The body 

axis system of the aircraft is inclined to the flight path to provide the necessary angle of attack. 

Generally, the longitudinal body axis of an aircraft is not aligned with the zero-lift angle of attack of 

the wing and thus, the angle of attack may be measured from an arbitrary body axis datum. The stability 

analysis of an aircraft involves forces generated by a disturbance from the steady state (or trim 

condition) and as such, the reference axes for stability are relative to the undisturbed free-stream 

direction. Therefore, the body axis system is rotated through an angle of attack, about the ὕὣ axis. This 

is now the stability axis system, ὕὢ, ὕὣ and ὕὤ.Normally, the angle of attack is taken as positive 

when the aircraft is nose-up with respect to the wind. This then means that the transfer from the body 

to stability axes involves a negative rotation about ὕὣ [31]  

ὤ 

ὤ 

ὢ 

ὣ 

ὢ  

ὣ — 

‰ 

‪ 

‪ 

‪ 

— 

— 

‰ 

‰ 

Figure 17: Earth to body axis transfer 
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The stability axis system provides the basics for analysis of the forces resulting from a disturbance from 

flying in a symmetrical state. Cases do, however, exist in which the datum condition of flight is not 

symmetric. In asymmetric flight, the aircraft has an angle of sideslip ‍ about the ὕὤ axis, with ‍ 

being positive to right of the aircraft when viewed from above. The flight axes now become the wind 

axes in which the principal direction, ὕὢ , is the direction of flight. The stability axes are a special case 

of the wind axes in which ‍ π. The transfer from stability to wind axes is made by a positive rotation 

about ὕὤ to starboard. 

The transfer from body axes to stability and stability axes to wind axes is achieved by rotating through 

the angle of attack and the angle of sideslip respectively. This is illustrated in Figure 18, while Equations 

(1) and (2) describe these transfers [31].  
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Figure 18: Body to stability and stability to wind axis transfer 
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1.3.2.5. Velocity Axes 

The path of the aircraft relative to the Earth is described in the velocity axis system by defining the track 

‎  relative to North in the horizontal plane and the flight path gradient ‎ , the flight path angle 

relative to the horizontal plane. The reference direction ὕὢ is directed along the flight path and is co-

incident with the wind axis ὕὢ . To define the flight path in terms of its gradient the ὕὢὤ plane must 

be vertical. Therefore, the velocity axes are produced by rotating the lateral wind axis, ὕὣ , back into 

the horizontal plane through the bank angle ‎  in the negative direction. The transfer of the force 

vector between the wind axes and the velocity axes is defined in Equation (3) and is illustrated in Figure 

19 [31]. 

 

 
╕

ρ π π
π ὧέί‎ ίὭὲ‎
π ίὭὲ‎ ὧέί‎

╕  

 

(3) 

 

The velocity axes are related to the Earth axes by the track and the flight path gradient. Equation (4) 

describes the transfer of the force vector from the velocity axes to the Earth axes. Figure 20 illustrates 

the transfer of the force vector from the velocity axes to the Earth axes, both of which will be negative 

rotations in that direction [31]. 
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Figure 19: Wind to velocity axis transfer 
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(4) 

 

A summary of the axis transfers is described in Table 5. 

 

Table 5: Axis transfers and angular relationships [31] 

Axis 

Transfer 

Earth to Body Body to Stability Stability to Wind  Wind to Velocity Velocity to Earth 

Pitch — ‌ - - ‎ 

Roll ‰ - - ‎ - 

Yaw ‪ - ‍ - ‎ 
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Figure 20: Velocity to Earth axis transfer 
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1.3.2.6. Pitch Related Angles  

The tumble manoeuvre is classified as a longitudinal manoeuvre (although in reality there may be some 

lateral-directional forces due to the nature of the manoeuvre) and as such the relationship between the 

various pitch angles should be understood.  

Figure 21 illustrates the required pitch related angles. The pitch attitude — is the angle between the 

horizontal plane in the earth axis and the aircraft longitudinal body axis. The pitch attitude is positive 

nose up. The flight path gradient ‎  is the angle of the velocity vector (principal velocity axis), relative 

to the horizontal. It is taken to be steady in a climb since it is calculated from the rate of climb (ὨὌȾὨὸ 

and true airspeed. It is not usually possible to observe the flight path gradient unless there is some form 

of physical reference near the aircraft. Such a reference could be the smoke emitted by aerobatic aircraft. 

Finally, the angle of attack ‌ is the difference between the pitch attitude and the flight path gradient 

and is positive nose up. These relations are provided in Equation (5). 

 

 — ‌ ‎  

 
(5) 

 

 

  

‎ 

ὕ 

Figure 21: Angular relationships in pitch 
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1.3.3. Equations of Motion 

Perhaps the most intrinsic method of describing the motion of an aircraft is by evaluating the equations 

of motion. The equations can be used to describe the motion in any orientation or state (provided that 

there is sufficient input data available to solve the equations). Aircraft dynamics are expressed as a set 

of ordinary differential equations (ODEs). For a flight vehicle, the equations of motion are generally 

written in a body-fixed axis system, with the centre of gravity/mass of the aircraft chosen as the origin 

[32]. The coordinate system and positive orientations are illustrated in Figure 22: 

¶ The ὼ axis points forward and lies in the plane of symmetry of the aircraft 

¶ The ώ axis points out the right wing and is perpendicular to the plane of symmetry 

¶ The ᾀ axis points down and is perpendicular to the ὼ axis 

 

 

The equations of motion for an aircraft are well documented in literature. Any vehicle in flight has 6 

degrees of freedom (DOF), 3 translational (force) equations and 3 rotational (moment) equations (one 

equation for each degree of freedom). These equations can be used to describe the flight characteristics 

at any instant in time [33]. The full non-linear equations of motion can be used to solve for linear and 

angular displacements, velocities and accelerations. These equations may also be used for nonlinear 

flight and are thus appropriate for use in the analysis of a tumble manoeuvre.  

 

 

Figure 22: Aerodynamic forces and moments generated during flight with positive sign conventions 
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Force Equations: 

The force equations are given by Equations (6), (7) and (8) for the x, y and z directions respectively 

[34].  

 

 ὢ άὫÓÉÎ— άό ὺὶύή (6) 

 ὣ άὫÃÏÓ—ÓÉÎ‰ άὺ όὶύὴ (7) 

 ὤ άὫÃÏÓ—ÃÏÓ‰ άύ όή ὺή (8) 

 

Where:  

¶ ὢȟὣ and ὤ are the forces acting the in x, y and z directions of the body axes, respectively [N]  

¶ ά is the mass of the aircraft [kg] 

¶ Ὣ is gravitational acceleration [m/s2] 

¶ όȟὺ and ύ are the linear velocities in the x, y and z direction of the body axes, respectively 

[m/s2]  

¶ ὴȟή and ὶ are the rotational velocities about the x, y and z directions of the body axes, 

respectively [rad/s] 

¶ — and ‰ are the pitch and roll angles of the aircraft, respectively [rad] 

Moment Equations: 

The rotational equations of motion are given by Equations (9), (10) and (11) [34]. 

 

 ὒ Ὅὴ Ὅ ὍήὶὍ ὴή ὶ ήὬ ὶὬ (9) 

 ὓ  Ὅή Ὅ ὍὶὴὍ ὴ ὶ ὶὬ ὴὬ (10) 

 ὔ Ὅᾀὶ Ὅώ Ὅὼὴή Ὅὼᾀήὶὴ ὴὬ
ώ
ᴂ ήὬὼ

ᴂ (11) 

 

Where:  

¶ ὒȟὓ and ὔ are the moments acting about the x, y and z directions of the body axes, respectively 

[Nm] 

¶ ὍȟὍ and Ὅ are the inertial values about the x, y and z directions of the body axes, respectively 

[kg.m2]  

¶ ὬȟὬ and Ὤ are the gyroscopic components of the engine about the x, y and z axes of the 

aircraft, respectively 
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In order to solve the force equations (Equations (6), (7) and (8)) and the moment equations (Equations 

(9), (10) and (11)), data relating to the aerodynamics of the aircraft is required. The aerodynamic data 

is required to determine the forces (X, Y and Z) and moments (L, M and N). For most conventional 

aircraft, aerodynamic data for angles of attack no greater than approximately ςπЈ is required. For a 

tumble manoeuvre, however, aerodynamic data for angles of attack from πЈ to σφπЈ is required to 

adequately model the manoeuvre. Methods for determining the aerodynamic data required for various 

aircraft components, as well as the total aerodynamic data of the entire aircraft will be outlined in §2. 

To determine the aircraft attitude and position with respect to the earth another three equations have 

been developed utili sing the Euler angles. An additional set of equations is required as a rotation must 

be performed to rotate any parameters from the body axis system to the Earth axis system. The angles 

that describe the orientation of the aircraft relative to the earth are given by Equations (12), (13), and 

(14) [34].  

 

 ‰ ὴ ήÓÉÎ‰ÔÁÎ— ὶÃÏÓ‰ÔÁÎ— (12) 

 — ήÃÏÓ‰ ὶÓÉÎ‰ (13) 

 
‪ ή

ÓÉÎ‰

ÃÏÓ—
ὶ
ÃÏÓ‰

ÃÏÓ—
 

(14) 

 

1.3.4. High Angle of Attack Aerodynamics 

Angle of attack ‌ is a term used in aerodynamics to represent the inclination of the wing chord line 

relative to the direction of the relative velocity vector of the aircraft. This is illustrated in Figure 23. 

 

 

Figure 23: Angle of attack definition 
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Typically, the relationship between lift and angle of attack shows a linear relation at smaller angles, 

however, this is only up to a certain point, known as the maximum coefficient of lift ὅ . There is 

a small region between the linear section of the lift curve and ὅ  that is non-linear. Beyond ὅ  

the lift curve slope has a negative gradient and is indicative of a stall occurrence, due to flow separation 

on the upper surface of the airfoil. With separated flow there may be changes in pitching and rolling 

moment characteristics as well as a notable increase in drag [35]. Depending on the severity of the stall 

effects, there may be limitation of the manoeuvring capabilities of the aircraft. 

Airflow characteristics at various angles of attack are illustrated in Figure 24. It is evident that the flow 

is smooth and attached at lower angles of attack, however, as angle of attack is increased the flow starts 

to detach and finally separate, introducing a complex vortex. The consequence of the separation in the 

flow is a loss of lift and increase in drag.  

[36]  

 

The variation of aerodynamic behavior as angle of attack increases is classified as either pre-stall, stall 

or post-stall domains. The domains reflect different stability tendencies. In the pre-stall domain, the 

behavior is linear, while in the stall and post-stall domains, the aerodynamics become nonlinear.  

Aircraft at high angles of attack present a diverse set of nonlinear motions including stall, post-stall 

gyration, departure and different types of spins, all of which are considered as critical flight regimes. 

Different aircraft types tend to manifest different characteristics due to their design and shape, especially 

wing sections and tailplane position. Table 6 categorises the flight regime associated with angle of 

attack for different aircraft types and the possible flight attributes that they might encounter.  

 

 

Figure 24: Flow characteristics at low angle of attack (a), moderate angle of attack (b) and high angle of 

attack (c) with separated flow, creating low pressure pockets behind the wing [36] 
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These attributes include [35]: 

¶ Buffeting ï caused by the turbulent airflow moving rearwards around the fuselage and tail. 

¶ Wing Rock ï involves lightly damped rolling oscillations. There are two types: a lateral 

unsteadiness with intermittent oscillations in roll of small amplitude and an angle of attack 

dependent limit cycle due to period changes of rolling moments with larger amplitude. This is 

typically associated with the involvement of separated flow and time dependent effects. 

¶ Departure ï defined as the initial state before the aircraft enters a spin, post-departure gyration 

or deep stall. It is considered as a large amplitude change (changes in roll, pitch or yaw ςπЈ) 

and continuously increases in a divergent manner. 

¶ Deep Stall ï occurs beyond the stall region when the aircraft is at a very high angles of attack. 

Recovery may be possible depending on the pitching moment coefficients, though it comprises 

an out of control flight condition.  

¶ Post-stall Gyrations ï a non-repeatable and irregular motion such as the falling leaf motion 

which occurs at high angles of attack and high sideslip angles. 

¶ Spin ï a complicated manoeuvre that involves simultaneous roll, pitch and dominant yaw rate 

at high angles of attack. The spin mode can be defined in three phases: incipient phases, 

developed phases and fully developed phases. 

 

Based on video footage of tumble manoeuvres being performed it would appear that for a tumble 

manoeuvre the attribute that would be most relevant is deep stall. This assumption is based on the 

observations made between the angle of the aircraft and the smoke that is emitted during the manoeuvre.  
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Table 6: Typical flight regimes for General Aviation (GA), Jet Transport (JT) and Fighter (F) aircraft [37] 

Aerodynamic Region Flow Characteristics Angle of Attack Range [deg] Possible Flight Attributes 

Low Angle of Attack 

 

0-15 (GA, F) 

0-10 (JT) 
Conventional flight 

Pre-Stall 

 

15-20 (GA) 

10-15 (JT) 

15-25 (F) 

Unsteady effects (buffet, wing 

drop, wing rock) 

Stall, Stall Break 

 

20-30 (GA) 

15-25 (JT) 

25-35 (F) 

First lift peak, loss of lift, 

porpoising, loss of longitudinal 

and directional stability, adverse 

yaw 

Post-Stall 

 

30-40 (GA) 

25-40 (JT) 

35-50 (F) 

Departure, post-stall gyrations, 

incipient spin 

Super-Stall 

 

40-90 (GA, JT) 

50-90 (F) 

Second lift peak, deep stall, spin, 

supermanoeuvrability 
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1.3.4.1. NACA0012 Wind Tunnel Test Data  

The coefficients of lift  ὅ  and drag ὅ , as well as the quarter chord coefficient of pitching moment 

ὅ
Ⱦ

, for a NACA0012 airfoil section of infinite aspect ratio was investigated by Critzos [38]. The data 

for this thickness to chord (t/c) of 12% was selected as it is a fairly standard profile for aerobatic aircraft. 

The data was obtained for an airfoil in isolation to other aircraft components and spanned the length of the 

test section, giving it an infinite aspect ratio. The aerodynamic characteristics of the NACA0012 airfoil 

were obtained for angles of attack from πЈ up to σφπЈ. The coefficients of lift, drag and quarter chord 

pitching moment are presented in Figure 25.  

  

 

 

 

Figure 25: Coefficient of lift ὅ , drag ὅ  and quarter chord pitching moment ὅ
Ⱦ
  of a NACA0012 

airfoil profile [38] 
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Coefficient of Lift  

The coefficient of lift has at a value of 0 at πЈ angle of attack, which is expected for a symmetrical airfoil 

profile. The coefficient of lift increases linearly until ρτЈ (stall angle of attack) where the section has a 

maximum coefficient of lift of 1.33. From ρτЈ the coefficient of lift reduces to 56% of the maximum 

coefficient of lift ὅ  at ςπЈ. The coefficient of lift then proceeds to increase once again to a second 

peak value of 1.15 at τυЈ. Beyond the second peak, the coefficient of lift continually decreases in a 

sinusoidal manner until ωςЈ where the coefficient of lift is zero. The small amount of lift being generated 

at ωπЈ may be attributed to the rounded leading edge of the profile. It is thus evident that even at a relatively 

large angle of attack an airfoil can continue to provide a reasonable amount of lift. The positive values of 

lift at large angles of attack, before ωπЈ, might be enough to slow an aircraft descent, however, due to the 

drag increase (illustrated in the coefficient of drag distribution presented in Figure 25) the lift present may 

not be enough to prevent an uncontrolled descent. This is important when considered the recovery phase 

after an aerobatic manoeuvre is performed. Attempting to recover to quickly, may leave the aircraft at a 

high angle of attack where lift values are less than the required amount. From ωπЈ to ρψπЈ angle of attack 

the coefficient of lift follows a similar trend to that from πЈ to ωπЈ, only mirrored and inverted, with the 

airfoil producing negative coefficients of lift.  For a symmetrical airfoil profile, it would be expected that 

from ρψπЈ to σφπЈ the coefficient of lift would be the mirrored and inverted image of the coefficient of lift 

curve from πЈ to ρψπЈ, with the first and second peak values of the coefficient of lift occurring at στφЈ and 

σρυЈ on the negative section of the curve respectively. This is illustrated in Figure 25. The two peaks 

occurring at στφЈ and σρυЈ are the inverse of the values of coefficient of lift obtained at ρτЈ and τυЈ, 

however, with different magnitudes. This difference in magnitudes might be due to the differences in 

geometry between the rounded leading edge and the sharp trailing edge of the airfoil. The coefficient of lift 

values are 0.77 and 1.07 at στφЈ and σρυЈ respectively.  

Coefficient of Drag 

Referring to the coefficient of drag shown in Figure 25, the zero-lift coefficient of drag is given as 0.007 at 

an angle of attack of πЈ. The coefficient of drag then follows a somewhat sinusoidal trend with a peak value 

of 2.08 at ωπЈ, before decreasing to a value of 0.014 at ρψπЈ. The difference in value of the coefficient of 

drag at πЈ and ρψπЈ is due to different leading edge and trailing edge radii. The leading edge of the airfoil 

is a smooth rounded section whereas the trailing edge is a sharp pointed section. An identical curve is 

observed from ρψπЈ to σφπЈ as that seen from πЈ to ρψπЈ, only mirrored, with a maximum value of 2.08 at 

ςχπЈ. The largest coefficient of drag is seen to be much larger than the largest coefficient of lift (156% 

larger than ὅ ). The coefficient of drag, notably, always has a positive value, unlike the coefficient of 

lift. This implies that the drag on the airfoil always acts in the same direction regardless of the orientation 
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of the aircraft. From an angle of attack of approximately ςυЈ there is a substantial increase in drag. The 

implication of this is that substantially more thrust will be required to accelerate the aircraft or to maintain 

velocity in the forward direction beyond an angle of attack of approximately ςυЈ. Where the coefficient of 

drag exceeds values of 1, it is most likely that an aircraft will not have enough thrust to overcome the drag 

and will subsequently decelerate and lose forward velocity, further implying that the lift being generated 

will decrease. The very large changes in the coefficient of drag once the stall angle has been exceeded are 

once again very important to aerobatic pilots. In a recovery phase, after exiting an aerobatic manoeuvre, 

care must be taken in preventing the aircraft from severely stalling due to the drag values. Acceleration is 

essential in recovering after an aerobatic manoeuvre and any hindrance to this could result in a crash.  

Coefficient of Quarter Chord Pitching Moment 

From the coefficient of quarter chord pitching moment plotted in Figure 25, it can be seen that the 

coefficient of quarter chord pitching moment has a value of 0 at πЈ. This value remains until ρτЈ (the stall 

angle of the airfoil profile). The zero value of coefficient of quarter chord pitching moment further 

illustrates that the airfoil profile is indeed symmetrical. For aerobatic aircraft this is quite favorable as there 

are no additional pitching moments during level flight conditions (i.e. on entry to most manoeuvres). The 

coefficient of quarter chord pitching moment then decreases from 0 to a maximum negative moment at 

approximately ρρυЈ, where the coefficient then increases back to 0 at ρψπЈ. Beyond ρψπЈ through to σφπЈ, 

the coefficient of quarter chord pitching moment follows a similar trend to the trend presented from πЈ to 

ρψπЈ angle of attack, only mirrored and inverted. The negative values from ρτЈ to ρψπЈ indicate that the 

moment is restoring or nose down, with the airfoil trying to return to a neutral pre-stall angle of attack. The 

inverse is true beyond ρψπЈ. The two abrupt increases from zero quarter chord coefficient of pitching 

moment from ρτЈ onward and from στφЈ onward are the points of separation. The two cusps around ρψπЈ 

are also due to separation. The two separation points around ρψπЈ are steeper and more sudden than at ρτЈ 

and στφЈ, implying that around ρψπЈ a more rapid change in pitch will occur during any post-stall 

manoeuvre.  

It should be noted that the data presented in Figure 25 was measured in the reference frame of the profile 

which is essentially the body axis system. Should the data be required in another axis system the coefficients 

will need to be rotated accordingly.  
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1.3.4.2. Lifting Surface Coefficients at High Angles of Attack with Control Surface Deflection 

The aerodynamic coefficients for a lifting surface are altered when a control surface is deflected. The 

control surface could include aileron, rudder or elevator deflections. While there is very little data 

available in the public domain for high angle of attack aerodynamics of airfoils with control surface 

deflection, some aerodynamic coefficient data is presented by Selig [39]. This data is presented in 

Figure 26 for the coefficients of lift, drag and quarter chord coefficient of pitching moment. Positive 

deflections signify a downward rotation of the control surface while negative deflections are for upward 

rotations of the control surface. All curves presented are for a symmetrical profile with varying control 

surface deflections. While the plots provided in Figure 26 are for the deflection of an aileron this data 

could be applied to rudder and elevator deflections.  

 

Figure 26: airfoil performance over the full ρψπ angle of attack range for aileron deflection of πЈ, 
ρυЈ, σπЈ and υπЈ for a symmetrical profile [39] 
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The coefficient of lift is presented in the topmost plot of Figure 26. The effect of control surface 

deflections is to shift the coefficient of lift values up or down, left or right and to change the shape of 

the plot. A positive control surface deflection acts to shift the original lift curve upward and to the left. 

The pre-stall coefficient values are increased for both positive and negative angles of attack, across the 

entire pre-stall regime. The lift curve slope in the pre-stall regime remains largely unchanged, while the 

shape of stall in the negative pre-stall regime becomes more gentle the larger the control surface 

deflection. In the post-stall regime, the second peak is lower for positive angles of attack and increased 

for negative angles of attack. The lift curve slope in the post-stall regime for both positive and negative 

angles of attack is similar to that of the undeflected case. The zero-lift angles of attack and ὅ  points 

in the post-stall regime also differ for different control surface deflection angles. Positive control surface 

deflections decrease the zero-lift angle of attack and angle at which the maximum coefficient of lift 

occurs, for positive angles of attack. For negative angles of attack this indicates that the zero-lift  

coefficient and the angle at which the minimum coefficient of lift occurs, will be at more negative angles 

of attack. For negative control surface deflections, the opposite occurs for both positive and negative 

angles of attack.  

The shape of each curve and placement along the ὼ axis are altered as a result of two fundamental 

changes when a control surface is deflected. By deflecting a control surface, the camber line and chord 

line are altered. This is illustrated in Figure 27 and Figure 28, respectively. The change in profile camber 

is illustrated in Figure 27, where it is evident that a downward deflection of the control surface increases 

the camber. The increased camber increases the coefficient of lift in the pre-stall regime but also acts to 

lower the stall angle. Both of these points are demonstrated in Figure 26 for all positive control surface 

deflections. A negative deflection of the control surface would create a profile with inverse camber, 

resulting in lower coefficient values, as is evident in Figure 26. Only marginal change to the positive 

stall angle of attack can be observed in Figure 26 for negative control surface deflections. Figure 28 

illustrates the change in effective chord line. A positive control surface deflection is seen to increase 

the angle of the chord line relative to the horizontal. This increase in chord line angle increases the 

effective angle of attack of the entire profile, resulting in higher coefficient values at lower angles of 

attack (both in lift and drag). This is evident in Figure 26 in the pre-stall regime for both positive and 

negative angles of attack. With an alteration to the effective angle of attack of the profile, the zero-lift 

angle of attack and turn-around angle of attack can be expected to change. The change in angle is 

expected to be equal to the difference between the original chord line and the effective chord line 

resulting from control surface deflection. A negative control surface deflection will have the opposite 

effect, decreasing the effective angle of attack of the profile.  

The coefficient of drag is presented in the middle plot in Figure 26. Similar to the coefficient of lift, the 

coefficient of drag sees both vertical shift, horizontal shifts as well as changes in curve shape with 

control surface deflections. In the pre-stall regime larger coefficient of drag values are seen when 
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compared to the original profile. This is expected as the lift induced drag increases for increasing control 

surface deflection, in the pre-stall regime. The angle at which the maximum value for the pre-stall 

coefficient of drag occurs corresponds to the angle at which maximum lift occurs, for both positive and 

negative control surface deflections. The angle of attack at which the maximum post-stall drag occurs 

corresponds to the angle of attack at which the coefficient of lift is zero in the post-stall regime. The 

peak values of the coefficient of drag in the post-stall regime are not identical for positive and negative 

angles of attack, meaning the curve is no longer symmetrical about the minimum drag angle. This 

asymmetry is due to the differences in the coefficient of lift values for positive and negative angles of 

attack, which is a result of the addition of camber with control surface deflection.  

The coefficient of quarter chord pitching moment is shown in the bottom plot in Figure 26. Notable 

differences are observed in the pre-stall regime for both forward and reverse flow. The pitching moment 

values in the post-stall regime illustrate similar values for all cases. The large differences that exist in 

the pre-stall regime are likely due to the increase in lift and drag as a result of control surface deflections. 

These increased force magnitudes create a larger pitching moment effect about the quarter chord of the 

profile, as a result of shifts in the aerodynamic centre.  

[40]  

 

Figure 28: Change in effective chord line and angle of attack for control surface deflection [40] 

Figure 27: Change in camber for control surface deflection [40] 
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1.3.4.3. NASA Fuselage Wind Tunnel Test Data 

Airfoil profiles are used on all aircraft, with many of the same profiles being used across a great deal of 

aircraft. This makes it easy for an aircraft designer or analysts to obtain the necessary data to analyse a 

wing. Obtaining aerodynamic data for a fuselage is far more challenging as there is no standardised set 

of fuselage profiles available. This is particularly true when searching for high angle of attack data. 

Fuselage designs vary between manufacturers, even with the same class of aircraft. Fuselage designs 

are not standardized like airfoils. The best one can do is compare data to a similar fuselage shape and 

size.  

While most aerobatic aircraft design companies do not openly share any aerodynamic data specifically 

pertaining to their fuselage, a study was conducted by Pamadi [41] in which aerodynamic data was 

presented for a fuselage of a general aviation aircraft not too dissimilar to that of an aerobatic aircraft. 

An illustration of the fuselage assessed by Pamadi [41] is provided in Figure 29. Pamadi compares data 

obtained from static wind-tunnel testing to data obtained from a semi-empirical method derived by 

Jorgensen [42]. The coefficients of lift, drag and pitching moment from Pamadis calculations and wind-

tunnel test data are presented in Figure 30. 

The calculated coefficient data presented by Pamadi [41] appears to predict higher values for each of 

the coefficients studied. Given that the calculations are performed using a semi-empirical method, the 

over-prediction of coefficients may be as a result of the semi-empirical factors required.  

 

 

 

Figure 29: Geometry of the fuselage analysed by Pamadi [41] 
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Coefficient of Lift  

The coefficient of lift is presented in Figure 30 for a general aviation fuselage. Results are presented for 

static wind-tunnel test data of the fuselage as well as for calculated values. Both sets of results follow a 

very similar trend, however, the calculated coefficient of lift data seems to overpredict when compared 

to the wind-tunnel test results and peaks approximately υЈ sooner than the wind-tunnel test data. The 

shape of the curve (for both sets of data) appears almost sinusoidal, albeit skewed to the right, with the 

maximum value of πȢσ at φπЈ for the wind-tunnel test data. Unlike the coefficient of lift for airfoils 

there is no stall around ρυЈ to ςπЈ. The increasing lift value as angle of attack increases would suggest 

that the lift force generated by the fuselage has a far greater impact on the overall forces acting on the 

aircraft at higher angles of attack. It is also likely that the aerodynamic centre of the fuselage will shift 

as angle of attack increases, meaning that the moments acting on the aircraft will also be more influential 

at higher angles of attack. Depending on the location of the aerodynamic centre of the fuselage in 

relation to the centre of gravity, the increasing forces and potentially increasing moments may have a 

large influence on the ability to recover from high angles of attack after aerobatic manoeuvres are 

performed.  

Figure 30: Coefficient of lift data for a general aviation aircraft fuselage presented by Pamadi [41] 
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While not explicitly stated by Pamadi [41], it would appear that the coefficient of lift data has been 

normalised with respected to the largest fuselage cross-sectional area. Normalising this data with the 

wing reference area will result in far lower values than those presented by Pamadi [41]. These values 

can be obtained by multiplying the coefficient of lift data in Figure 30 by 

    

  
. While the fuselage does act to provide a nose-down restoring 

moment, the values of the coefficient of lift are likely to be smaller than those created by lifting surfaces 

(the wing and horizontal stabiliser). As such, the fuselage is unlikely to be able to overcome any 

moments produced by the wing or horizontal stabiliser at lower angles of attack. Should the wing and 

horizontal stabiliser surfaces be in a deep stall scenario, then the difference in values are likely to be 

closer.  

 

Coefficient of Drag 

Coefficient of drag values are presented in Figure 30 for static wind-tunnel test data and calculated 

values. The data follows a similar trend to that of an airfoil profile, taking a somewhat sinusoidal shape. 

The calculated data matches very well with the test data up φυЈ, after which the calculated data 

overpredicts the coefficient of drag. The coefficient of drag, for the wind-tunnel test data, remains 

reasonably low, at a value of 0.0065 at πЈ and increases only marginally to an angle of ςπЈ. After ςπЈ 

the coefficient of lift rapidly increases to a value of 0.62 at φυЈ. From φυЈ to ωπЈ the coefficient of drag 

remains approximately constant. Prior to stall the values of the coefficient of drag of the fuselage have 

a relatively minor influence on the forces and moments present on the aircraft. However, post-stall, the 

rapid increase in drag and shift of the aerodynamic centre of the fuselage create larger forces and 

potentially larger moments on the airframe. Depending on the location of the aerodynamic centre of the 

fuselage in relation to the centre of gravity, the moments may be extremely influential in the ability of 

an aircraft to recover from a high angle of attack scenario during or after an aerobatic manoeuvre. Once 

again, more representative values for the coefficient of drag can be obtained by multiplying the values 

presented in Figure 30 by 
    

  
.  

 

Coefficient of Pitching Moment 

Coefficient of pitching moment data is provided in Figure 30 for wind-tunnel test data and calculated 

values. The basic stability trend is captured by the calculated data; that is, the static instability up until 

σπЈ and subsequent stability are predicted. Significant differences in magnitude are seen to exist 

between the calculated data and the wind-tunnel test data. The calculated data provides a positive 

moment until φπЈ, while the wind-tunnel data provides positive values only up until συЈ. The calculated 
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data provide a very large over-estimation of the coefficient of pitching moment, more so than either the 

lift or drag. Pamadi [41] has defined a positive moment as nose-up or pitch up. Assessing the wind-

tunnel test data, the coefficient of pitching moment of the fuselage has a nose-up tendency up until συЈ, 

after which the fuselage acts to create a nose-down or restoring moment. The values of the coefficient 

of moment are smaller than either the coefficients of lift or drag. The maximum destabilising moment 

created by the fuselage occurs at around ςπЈ at a value of 0.06. The coefficient of pitching moment rises 

from a value of 0.05 at πЈ to the maximum and then decreases to 0 at συЈ. Beyond συЈ the coefficient 

of pitching moment decreases to a value of -0.325 at ωπЈ in an almost linear fashion. The coefficient of 

pitching moment does not show values in the pre-stall region that would suggest a very large 

contribution to the overall pitching moment of the aircraft. Beyond stall, the ever increasing, 

destabilising, pitching moment with increasing angle of attack suggest that the fuselage could have a 

great influence on the ability of the aircraft to reach a stable flight orientation after high angles of attacks 

are attained.  

A more representative set of values for the coefficient of pitching moemnt can be obtained by 

multiplying the values presented in Figure 30 by 

   ᶻ    

  ᶻ   
. It should also be noted that the trend 

presented in Figure 30 may be different for a fuselage with a difference area distribution and centre of 

gravity location. While it is unlikely that the fuselage and centre of gravity of location of an aerobatic 

aircraft will be very different to the fuselage presented by Pamadi [37], the values and cross-over point 

on the x axis may be different.  

 

1.3.4.4. Uniform Pitc h Rate of an Axisymmetric Body 

A series of tests were conducted by Smith [43] in which the effect of a uniform pitching motion on a 

slender axisymmetric body, undergoing a large excursion in angle of attack, was investigated. Force 

and moment measurements were obtained for the body over a range of free-stream Reynolds numbers 

from υ ρπ to ρȢτ ρπ while varying the angle of attack from πЈ to ωπЈ pitch rates between πЈ/s 

and ςψρЈ/s. The data presented shows coefficients that are very high compared to any data previously 

presented. This difference is due to the reference area considered. The body presented by Smith [43] 

was normalised by the largest cross-sectional area. In this case the area is comparatively small. The 

important aspects of this section are the trends presented, rather than the numerical values. 

The results for static coefficients of normal force at three values of free-stream Reynolds number are 

presented in Figure 31. The data presented in Figure 31 shows that a larger coefficient of normal force 

exists for 2 υ ρπ than for either 2 ψ ρπ or ρȢτ ρπ. This suggests that a lower Reynolds 

number provides a greater coefficient of normal force. The reasoning behind these findings is due to 
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the boundary layer size over the body and the pressure recovery present near the rear of the body, for 

different Reynolds numbers. 

Smith [43] states that the aerodynamic loads developed on an inclined body of revolution are strongly 

dependent upon the separation of the boundary layer fluid which feeds into regions of concentrated 

vorticity. Furthermore, the boundary layer thickness is inversely proportional to the square root of the 

Reynolds number [43]. Thus, increasing the Reynolds number decreases the boundary layer thickness 

at a given position. The tendency toward separation decreases with a thinner boundary layer. Therefore, 

the point of separation on a body moves further rearward with increasing Reynolds number, so long as 

the flow remains laminar [43]. As the point of separation moves further rearward, the form drag (the 

normal force) is decreased as a consequence of greater pressure recovery on the rear of the body.  

The coefficient of normal force for the two larger Reynolds numbers are very similar, perhaps 

suggesting that the point of separation has moved a negligible amount further aft on the body for the 

increase in Reynolds number [43]. 

 

Figure 31: Static coefficient of normal force variation with angle of 

attack for various Reynolds numbers [43] 
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The coefficient of normal force presented in Figure 31 increases smoothly with increasing angle of 

attack from πЈ to approximately υπЈ. From υπЈ to φπЈ there is an apparent stall and ensuing recovery. 

Beyond the stalled region there is a loss of normal force. Smith [43] attributed the existence of the 

inflection in the coefficient of normal force to flow unsteadiness during a transition from a flow 

dominated by the axial component to a flow in which the crossflow component dominates. For tractor 

configuration aerobatic aircraft, the influence of propeller slipstream may mitigate this transition as the 

slipstream will add to the axial component of the flow. Additionally, the smooth curves for the 

coefficients of lift and drag obtained by Pamadi [41] in §1.3.4.3 suggest that the inflection seen by 

slender cylinders may not be applicable to fuselages for general aviation aircraft configurations. The 

same basic trend is expected. The coefficient of normal force should increase to a turning point around 

υπЈ-χπЈ (depending on the geometry), beyond which the coefficient of normal force would decrease.  

 

 

The coefficient of normal force for various pitch rates at a Reynolds number of 2 ψ ρπ is 

presented in Figure 32. It is evident that for pitch rates of around ςπЈȾs and lower the coefficient of 

normal force is not noticeably dissimilar to the static data, at least up until approximately υπЈ, beyond 

which the difference sufficiently indicates some pitch rate dependence. At higher angular velocities, 

specifically from τωȢυЈ/s to ρψφȢσЈ/s, an increasing coefficient magnitude, at any given angle of attack 

Figure 32: Coefficient of normal force variation with angle of attack for various pitch rates at 2
ψ ρπͮτ [43] 
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above ςπЈ and a shift of the angle at which the inflection occurs can be observed. At the largest angular 

velocity ςψρȢσЈ/s  a trend reversal can be observed, however, given the incredibly high angular 

velocity this irregularity will not be discussed any further as such high pitch rates are not achievable by 

aerobatic aircraft. For angles up to ςπЈ the coefficient of normal force is largely identical for angular 

velocities up until ωφȢσЈ/s. 

 

 

The coefficient of normal force variation for various pitch rates at a Reynolds number of 2 υ ρπ 

is presented in Figure 33. At this Reynolds number the pitch rate appears to have very little influence 

on the normal force. This result indicates that the variations in the coefficient of normal force due to 

pitch rate are related to the Reynolds number and that variations appear to be minimal at lower Reynolds 

numbers.  

Figure 33: Coefficient of normal force variation with angle of 

attack for various pitch rates at 2 υ ρπͮτ [43] 
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During a tumble manoeuvre the aircraft is brought to a near zero forward velocity, implying that the 

Reynolds numbers seen by the fuselage would be relatively low. These low Reynolds numbers, coupled 

with the propeller slipstreams contribution to the axial flow along the fuselage, would suggest that the 

dynamic effects due to pitch rate would likely not cause a large variation in the static coefficients seen 

on the fuselage of an aerobatic aircraft. During the entry phase to a tumble manoeuvre the aircraft may 

have a sufficiently high Reynolds number such that the effects of pitch rate may influence the 

coefficients of the fuselage. However, during this, higher speed, entry phase the angle of attack it 

expected to be around ςπЈ-σπЈ, an angle of attack range in which the pitch rate is expected to have little 

influence, as illustrated by Figure 32.  

 

1.3.4.5. NASA Propeller Wind Tunnel Test Data 

An investigation into the performance of three propellers was conducted by Yaggy [44] in the 1960s. 

The performance of the three propellers was measured for thrust axis angles of attack ‌ from πЈ to 

ψυЈ, blade pitch angles at 75% blade radius ‍ from πЈ to τπЈ and included the measurement of in-

plane forces and out of plane moments. The propellers differed widely in planform and were all selected 

to simulate the operating condition anticipated for VTOL/STOL aircraft in the take-off, landing and 

transition regime. Propeller 1 was of conventional design; propeller 2 was designed to produce large 

normal forces, with reduced shaft moments; and propeller 3 was designed with an articulated (flapping 

out-of-plane only) propeller designed to eliminated shaft moments. The physical characteristics of these 

propellers can be found in Yaggy [44]. While the operating regime of an aerobatic aircraft and a 

VTOL/STOL aircraft are largely dissimilar, the operating conditions and regime for the propellers of a 

VTOL/STOL aircraft are ideal for predicting forces and moments present on the propeller during a 

tumble manoeuvre, as the thrust axis angles of attack and advance ratios (the ratio of the free-stream 

fluid speed to the propeller tip speed) fall within the same region, that being very high angles of attack 

and very low advance ratios. Of the three propellers tested by Yaggy [44], the shape of propeller 1 most 

closely resembles that of the Extra 330SC propeller. It is also the propeller most suited to represent a 

conventional aircraft, given that it is stated to be of conventional design.  

In assessing propeller coefficients of force and moment at high angles of attack the definition for 

advance ratio is required. The advance ratio ὐ should be modeled to include the angle of attack effects 

on the free-stream component. This can be achieved by considering Equation (15), where ὠ  is the free-

stream velocity, ‌ is the angle of attack (assumed to be the same as the thrust axis angle of attack), ὲ is 

the rotation speed in revolutions per second and Ὀ is the diameter of the propeller. The apostrophe next 

to the ὐ term in Equation (15) indicates the modified advance ratio.  
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The results of the investigation revealed that, for all three propellers, similar variations in the forces and 

moments were present. This was true for a range of thrust axis inclination angles and advance ratios. 

The thrust and power were nearly constant, with in-plane forces and out-of-plane moments increasing 

approximately linearly over a large range of thrust-axis angle of attack (for constant blade angles and 

effective advance ratios). Several other interesting conclusions were also drawn from the test data. 

Firstly, the slopes of the curves, for all force and moment components measured, increased with 

increasing angle of attack. Second, the slopes of components increased with disk loading (increasing ‍, 

the blade pitch angle) for all components except for the pitching moment, which increased to ‍ ψЈ 

and then gradually decreased. Third, moderate changes in slope were observed up to values of thrust 

axis angle of attack of τυЈ, after which changes occurred rapidly. These changes in slope occured more 

rapidly at higher angles of modified advance ratio, ὐ. 

The data presented by Yaggy [44] was directed towards more heavily loaded, higher solidity propellers. 

Experimental data for more lightly loaded, lower solidity propeller data has been provided in McLemore 

[45]. Although Yaggy [44] and McLemore [45] tested very different propellers, the data provided by 

both papers shows almost identical trends across all measured coefficients for comparable modified 

advance ratios, ὐᴂ. Yaggy [44] tested far lower modified advance ratios, going as low as ὐ πȢρ and 

ὐ π in some cases. The highest modified advance ratios tested by Yaggy [44] were ὐ ρȢς. 

McLemore [45] tested to much higher modified advance ratios, going as high as ὐ φ, and going as 

low as ὐ πȢς. An interesting finding from McLemore [45] (not presented by Yaggy [44]) is that the 

static thrust results indicate that the blade angle for the maximum figure of merit (ratio of the induced 

Power divided by power available) is slightly greater than ‍ ψЈ, for all tested angles of attack. The 

blade angle for maximum efficiency in forward flight at and near zero angle of attack is ‍ φπЈ. This 

result implies that lower blade pitch angles are required for slower flight, thus inferring that a lower 

blade pitch would likely be of great benefit during a tumble manoeuvre. Given the differences in size 

between an aerobatic aircraft propeller and a VTOL/STOL propeller it is likely that blade pitch angles 

slightly higher than ‍ ψЈ would be required for an aerobatic aircraft performing a tumble manoeuvre. 

Figure 34 presents the coefficients of thrust and power for propeller 1 of Yaggy [44] at a blade pitch 

angle of ‍ ρφЈ. While Yaggy [44] presents data for many other blade pitch angles, the blade pitch 

angle was selected based on the findings of McLemore [45] for the ideal blade pitch angles required for 

very low modified advance ratios. Figure 34 illustrates relatively constant coefficients of thrust and 

power for a large range of angles of attack, at a variety of modified advance ratios. For each modified 

advance ratio, there is an angle of attack at which both the coefficients of thrust and power increase, 

with the inflection point occurring at higher angles for lower modified advance ratios. The implications 
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of the constant portions of the curve illustrate that a pilot cannot generate more thrust to aid in an 

unfavourable situation. While the force is predictable and constant, higher angles of attack do not 

provide the pilot with any benefits while performing aerobatics.  

 

The coefficient of normal force at various angles of attack, for a blade pitch angle of ‍ ρφЈ is plotted 

in Figure 35, for various modified advance ratios. The data presents results obtained by Yaggy [44] for 

propeller 1. The coefficient of normal force increases in a linear manner for all modified advance ratios 

until ‌ τυЈ. The angle of attack at which the coefficient of normal force changes gradient and no 

longer follows a linear trend increases for decreasing modified advance ratio. This then means that the 

linear trend continues to much steeper angles of attack the slower the free-stream velocity component. 

As such, it is likely that during a tumble manoeuvre the propeller of an aerobatic aircraft is likely to 

experience linear changes in the coefficient of normal force throughout the manoeuvre. At lower 

modified advance ratios there is also a much smaller change in the coefficient of normal force since the 

angle of attack increases when compared to higher modified advance ratios. Higher modified advance 

ratios produce higher coefficients of normal force, particularly at higher angles of attack. The difference 

in coefficient of normal force between the various modified advance ratios increases with increasing 

angle of attack. The coefficient of normal force is largely identical and relatively small for all modified 
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advance ratios up until an angle of attack of ‌ ρυЈ. This point illustrates why the coefficient of normal 

force (from the propeller) is generally not considered for general aircraft performance calculations.  

 

 

Figure 36 shows the coefficient of pitching moment at various angles of attack, for a blade pitch angle 

of ‍ ρφЈ and for various modified advance ratios for data obtained by Yaggy [44] for propeller 1. 

Similarly, to the coefficient of normal force, the coefficient of pitching moment illustrates a linear trend 

to very high angles of attack, albeit with seemingly steeper gradients than the coefficient of normal 

force. While the gradient steepness may be higher for the coefficient of pitching moment, the coefficient 

values are lower than those of the coefficient of normal force, particularly at higher angles of attack. 

Similar trends are observed for the coefficient of pitching moment as compared to the coefficient of 

normal force. That is: the increasingly larger difference in coefficient values between different modified 

advance ratios for increasing angle of attack, the similarity in coefficient magnitude for various 

modified advance ratios angles of attack up until ‌ ρυЈ and the changes in gradient at higher angles 

of attack.  
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1.3.5. Airfoil Dynamic Effects 

When a wing or an airfoil approaches the stall angle at a significant rate such as might be encountered 

with a sudden pull-up of the aircraft, the stall angle of attack and the maximum coefficient of lift are 

increased as compared to the static (steady state) flow case [46]. When dynamic changes in angle of 

attack occur for the reverse case the lift does not revert to the value encountered at the lower angles 

seen for the forward case but instead falls below these values. This results in coefficients of lift  that are 

below the values seen for the steady state case and causes a hysteresis loop. This is illustrated in Figure 

37.  

The increase in dynamic lift or óovershootô is caused by a delay of the adverse pressure gradient, which 

allows the airfoil to support a greater lift than during a steady state case. The oscillating airfoil derives 

lift from the frequency induced normal velocity and the effects of the change in the rate of angle of 

attack [46]. The effect of the frequency induced normal velocity is to essentially increase the section 

camber as ‌ is increased and a corresponding decreased as ‌ is reduced. Consequently, the rate of 

change of angle of attack, ‌, effectively increases and decreases the angle of attack when compared to 

the steady state case [46]. A certain amount of time is required for the boundary layer to build up. This 
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results in a delayed separation and the airfoil responds to the dynamic angle of attack change without 

stall. This also contributes to the lift overshoot [46].  

The combination of pitch rate ή and ‌ effects influence the shape of the hysteresis loop and is a 

function of the reduced frequency, Ὧ. The reduced frequency is defined by Equation (16) and is 

essentially the measure of the rate of change of oscillation with respect to the free stream velocity [46].  

 

 Ὧ ὧ‫Ⱦὠ 

 
(16) 

 

Where: 

¶ is the oscillation frequency [rad/s] ‫ 

¶ ὧ is the mean aerodynamic chord [m] 

¶ ὠ is the free stream velocity [m/s] 

 

Figure 37: Frequency effect on hysteresis loop for oscillation airfoil [46] 
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The maximum coefficient of lift overshoot ɝὅ  due to the dynamic condition at which it occurs 

ɝ‌  is a function of the section shape, Reynolds number, type of stall and reduced frequency. Test 

data presented in Conner [47] illustrates that for a given level of reduced frequency, the maximum 

dynamic coefficient of lift overshoot reduces with increasing camber. Under static conditions ὅ  

changes with Reynolds number and Mach numbers while the lift overshoot is not affected. This is shown 

in Figure 38. 

Wind tunnel test data from Anderson [48] illustrates that the maximum coefficient of lift values for the 

NACA 65-216 airfoil should be between 1.2 and 1.4 depending on the surface roughness and Reynolds 

number. Observing the maximum lift overshoot given in Figure 38 for the NACA 65-216 airfoil it 

would appear that the dynamic overshoot would be ρπϷ of the maximum value for the coefficient 

of lift for lower reduced frequency values. For higher reduced frequency values, the dynamic overshoot 

is ςπϷ of the maximum value for the coefficient of lift. Similar trends can be seen in references [49], 

[50] and [51] for various airfoil profiles and reduced frequencies. An additional finding seen in 

references [49], [50] and [51] is that the overshoot stall angle appears to range from ‌ υЈρπЈ. 

 

 

 

Figure 38: Lift increase due to dynamic change of angle of attack [46] 
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The basic shape of the dynamic lift curve through the stall region is dependent on the type of stall, in 

an identical manner to airfoils operating at steady state conditions. This is illustrated in Figure 39. 

Trailing edge stall will thus tend to yield a more rounded stall shape than leading edge stall. The type 

of motion and reduced frequency affect the stall and it appears that the stall becomes sharper as the 

reduced frequency increases.  

Dynamic effects on airfoils create lift overshoot and hysteresis curves. The lift overshoot is a function 

of the pitch rate velocity and mean aerodynamic chord while the hysteresis curve depends on the airfoil 

shape reduced frequency and initial angle of attack range of the test section. The coefficient of drag will 

see an increase related to the increase in the coefficient of lift. The lift induced drag will increase with 

the lift overshoot.  

 

Figure 39: lift coefficient and angle of attack overshoot from static stall due to dynamic effects [46] 
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1.3.6. Inertial Data  

The moment of inertia of a body is the resistance of a body to angular acceleration. The moments of 

inertia are the rotational equivalent of mass for linear motion [52]. An aircraft has three principle axes 

about which it rotates. These three axes (x, y and z) can be seen in Figure 22. Moments of inertia of 

aircraft are required so that the dynamic performance (or flying qualities) of the aircraft can be studied 

[53]. The moments of inertia are required for the analysis of a tumble manoeuvre as they will define 

how quickly and easily the aircraft will rotate.  

For any conventional aircraft, the vehicle is symmetric about the XZ plane. As such the moments of 

inertia that are required are: Ὅȟ Ὅ ȟ Ὅ ὥὲὨ Ὅ . The tumble maneovure is assumed to be a purely 

longitudinal manoeuvre and only the Ὅ  term is required.   

Figure 40 presents a collection of pitch inertia values Ὅ  against the gross weight of the aircraft Ὃὡ 

for a series of single engine, tractor configuration aircraft. The thirty-two unnamed NASA aircraft of 

fixed wing arrangement with high, mid and low wing configurations were investigated. Each of the 

aircraft had their respective inertial values obtained experimentally using the pendulum method. The 

aircraft listed in the report do not completely represent a modern aerobatic aircraft because the report 

was published in the 1940s. The results provide a baseline from which inertial estimates can be 

compared. Should the reader require further details of these aircraft they can be found in Gracey [54]. 

The Cessna aircraft data can be found in Roskam [55]. Ὅ , Ὅ  and Ὅ  values were not presented as 

these inertial terms are not required for a tumble manoeuvre, as modelled in this report.  

From Figure 40 it is clear that the pitch inertia of the aircraft increases with increasing gross weight. A 

somewhat linear trend is evident, with the exception of the heaviest aircraft. Given the maximum take-

off weight for the Extra 330SC in the aerobatic configuration given in Table 1, the pitch moment of 

inertia is expected to be no more than Ὅ ρππ kg.m2. 
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A preliminary method was generated by Lanham [53] in which the inertial values of an aircraft could 

be predicted, given a detailed mass distribution and overall geometry of the aircraft. Results from the 

use of this method compared to measured inertial values are provided in Table 7 for an assortment of 

aircraft types. It is apparent that the method generated by Lanham [53] is not completely accurate. The 

results generated with the use of this method are acceptably close to the actual inertial values in each of 

the required inertial directions, with the largest difference being 11.4% for Ὅ. Table 7 also illustrates 

that this method gives reasonable results for a different aircraft sizes, shapes and configurations. This 

method can therefore be applied to any aircraft. The limiting factor to this method is that a very detailed 

breakdown of various component masses and locations must be known to produce feasible results. The 

masses and locations of all aircraft components may not always be readily available. 

 

 

 

 

0

2000

4000

6000

8000

10000

12000

0 500 1000 1500 2000 2500 3000

I y
y

[k
g
.m

2
]

GW [kg]

Beech N-35 Cessna 150M Cessna 172M Cessna 177A

Cessna R182 Cessna 210K NASA Data

Figure 40: Collection of Ὅ  values for various single engine propeller driven aircraft 



59 

 

Table 7: Summary of inertias of various aircraft [53] 

  Moments of Inertia  [lb-in2] 

Aircraft  Configuration 
Roll ╘●  Pitch ╘◐  Yaw ╘◑  

Actual Calculated Actual  Calculated Actual Calculated 

Boeing F-

15A 

Operating Empty 

Weight 
97.8 129.0 747.2 762.2 822.3 835.6 

Air Superiority 

Take-off Weight 
166.5 190.8 824.0 829.2 946.0 951.8 

Lockheed 

Martin 

C-5A 

Operating Empty 

Weight 
57909 54246 101486 98853 146944 140694 

Basic Flight 

Design Max Fuel 
170867 158941 124744 116564 279748 266755 

Boeing  

A-10 

Empty Weight 168 203 413 356 580 543 
Ferry Mission 

Gross Weight 
293 279 604 608 817 891 

Boeing  

B-52G 

Empty Weight 26011 23270 22551 19380 48562 42216 
Design Gross 

Weight 
69163 64142 39520 37350 108683 92696 

Average Error (%)  11.4 5.7 6.8 

 

1.3.7. Mass Modelling 

Weight methodologies are classified into three main categories: (1) Empirical, (2) Analytical and (3) 

Semi-analytical [56]. Empirical methods are used to generate fast and accurate empty weight (Ὁὡ), 

maximum take-off weight ὓὝὕὡ and weights for different aircraft configurations. Analytical 

methods are generally more accurate than empirical methods but may require far more detailed 

information. Semi-analytical methods tend to be more accurate and require far less information than 

analytical methods [56].  

Generally, the ὓὝὕὡ, Ὁὡ and weights of different aircraft configurations are supplied by aircraft 

manufacturers. For most performance predictions knowing these weights is sufficient. Aircraft inertial 

values are required for the analysis of manoeuvres involving angular rates. Most manufacturers do not 

supply any inertial data and as such, the aircraft analyst is left to predict these quantities. Predictions of 

aircraft inertia require component masses and their corresponding centroids from some reference axes.  

Some manufacturers provide detailed weights and locations of smaller components contained within 

the airframe. Aircraft manufacturers often do not specify the weight of structural and control 

components such as the wing, fuselage, control system etc. Weight estimation methods are required to 

predict the mass of these components as well as their centroids.  

Several methods exist to estimate the weight of an aircraft and its components. The complexity and 

accuracy of these methods vary depending on the type and shape of aircraft in question [57]. The 

simplest weight estimation methods are generally intended for initial estimation only during the design 

phase and will only generate an approximate value [57]. The complex methods are expected to be more 

accurate. The methods require specific details about the geometry and other parameters [57].  
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It is more appropriate to use multiple weight estimation methods. Some of the more famous and 

accepted methods include methods from: Torenbeek [58], Raymer [59] and Roskam [55] as well as 

methods developed by aviation companies and operators such as the Cessna method and the United 

States Airforce (USAF) methods, both of which can be found in Roskam [55].  

 

 

The masses of the main structural components for various general aviation, single engine propeller 

driven aircraft are presented in Figure 41. While the aircraft presented are by no means aerobatic 

competition aircraft, the aircraft are similar in size and configuration to aerobatic aircraft. The structural 

masses of these aircraft are likely to be similar to those of an aerobatic aircraft and should provide an 

indication of the expected masses of aerobatic aircraft. The aerobatic aircraft component masses may 

be slightly higher than those of the aircraft presented in Figure 41 as aerobatic aircraft are expected to 

experience higher load factors. From Figure 41 it is evident that the two heaviest groups of structure 

consist of the wing and the fuselage followed by the landing gear. The nacelle and empennage are 

groups that are lighter than the other structural groups. An average of the component masses for the 
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aircraft given in Figure 41 is presented in Table 8. These values can be used as a reference when 

estimating the structural component masses of an aerobatic aircraft.  

 

Table 8: Average structural component masses for a general aviation, single engine, propeller driven 

aircraft 

Mass Item Average Mass [kg] 

Wing Group 120 

Empennage Group 30 

Fuselage Group 145 

Nacelle Group 16 

Landing Gear Group 65 

 

1.3.8. Aircraft Energy  

The time-specific energy state of an aircraft is determined by the total amount and distribution of energy 

stored as altitude and airspeed. The frame of reference used by the pilot for managing the energy state 

during flight is aircraft-centric. It is a function of the indicated altitude and indicated airspeed and not 

height above ground or groundspeed. Changes in indicated altitude and airspeed are attained through 

forces resulting from the direct manipulation of the controls of the aircraft by the pilot. Gains in aircraft 

energy can be attained from the force of the engine thrust Ὕ and losses in aircraft energy from 

aerodynamic drag Ὀ . The difference between the force in and out Ὕ-Ὀ  is the net change. This net 

change determines whether the total mechanical energy increase, decreases or remains the same [5].  

Since aircraft energy is gained from the engine thrust and lost through aerodynamic drag, energy flows 

continuously into and out of the aircraft while in flight. The rate of change of energy, usually measured 

as Specific Excess Power (SEP) and is a direct function of the difference between specific thrust and 

drag power. The Specific Excess Power is given as the thrust minus the drag multiplied by the aircraft 

velocity (airspeed) all divided by the aircraft weight. This is illustrated in Equation (17) [5]. 

 

 
ὛὉὖ

Ὕ Ὀὠ

ὡ
 

 

(17) 

 

The thrust and drag forces multiplied by the velocity Ὂὠ and Ὀὠ are the thrust power and drag power 

respectiely. Dividing either of these two quantities by the mass of the aircraft results in the specific 

power. A fundamental relationship exists between changes in the total energy of the aircraft that results 

from the net energy flow and changes in the energy stored as altitude and airspeed. This energy 

relationship can be summarised through the aircraft energy balance equation seen in Figure 42. 
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The left hand side of the energy balance equation represents the net energy flow of the aircraft, while 

the right hand side reflects matching changes to the energy storage. A change in total energy resulting 

from the difference between thrust and drag on the left hand side of the equation always matches the 

change in total energy redistribution over altitude and airspeed on the right hand side. The rate of energy 

change varies during flight, becoming postive, negative or zero. Both sides of the energy balance 

equation are inexorably balanced regardless of whether the airplane is accelerating, decelerating, 

climbing, descending or maintaining constant altitude and airspeed [5].  

The pilot controls the change in total energy on the left hand side of the energy balance equation, as 

well as the distribution of any changes in energy over altitude and airspeed on the right hand side. How 

the pilot coordinates the throttle and elevator to achieve desired altitudes and airspeeds as well as 

avoiding energy ñcrisesò is at the core of energy management. This is particularly true for aerobatic 

performances which typically offer far less altitude with which the pilot can navigate.  

A longitudinal manoeuvre is the result of an imbalance of thrust and drag, which results in either a 

linear acceleration or a steady rate of climb or in a combination of both acceleration and climb, in the 

direction of flight [31]. The accelerations that result from rates of pitch or turn are not directly involved, 

though may produce increases in the drag force. The increase in drag will have an indirect influence on 

the longitudinal force balance.  

By expressing the gradient of a climb in terms of the true rate of climb and true airspeed, the longitudinal 

equation of motion for manoeuvring flight (as defined by Eshelby [31]), is given by Equation (18) [31]. 
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Figure 42: The energy balance equation [5] 
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Where: 

¶ Ὕ is the thrust force [N] 

¶ Ὀ is the overall drag of the aircraft [N] 

¶ ὠ is airspeed [m/s] 

¶ ὡ is the aircraft weight [N]  

¶ Ὄ is the geopotential height [m] 

¶ Ὣ is gravitational acceleration [m/s2] 

 

A number of energy exchanges can take place during flight in which altitude and airspeed are increased, 

decreased or remain unchanged. The energy exchanges that take place in level flight and a climb are 

presented in Table 9. These two scenarios depict energy transfers that would typically be seen in 

conventional flight. Two energy exchanges taking place during extreme flight scenarios are illustrated 

in Table 10.  

Level Flight 

In level flight altitude is neither gained not lost. Only airspeed is affected by a force imbalance. When 

the thrust exceeds the drag Ὕ Ὀ π the total mechanical energy of the aircraft increases. This 

surplus in energy is stored as airspeed. When the drag exceeds the thrust Ὕ Ὀ π the aircraft 

remains at the same altitude but loses airspeed. When energy gained equals that lost Ὕ Ὀ π all 

thrust is spent on drag. The total amount of mechanical energy and its distribution over altitude and 

airspeed remains unchanged.  

Climb 

In climb both altitude and airspeed can be altered. If the thrust exceeds the drag Ὕ Ὀ π the total 

increase in mechanical energy can be stored as either altitude or airspeed or a combination of the two. 

Surplus energy can be used to gain altitude while maintaining or increasing airspeed. If the total 

mechanical energy of the aircraft decreases Ὕ Ὀ π stored energy must be consumed. This 

situation results in a descent and allows the aircraft to maintain constant airspeed while losing altitude. 

If the thrust force is set to match the drag force Ὕ Ὀ π through a climb the total mechanical 

energy remains the same. The distribution of energy over altitude and airspeed has altered. Altitude has 

been gained at the expense of airspeed. To maintain this scenario the thrust force must be adjusted to 

match the drag force as airspeed decreases. During a climb or descent, a component of the aircraft mass 

acts in the direction of either the drag force or the thrust force. This is illustrated by the ὡίὭὲ‎ 

component in Table 9.for a climb. 
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High Angle of Attack (Tumble Scenario) 

For a high angle of attack manoeuvre taking place in the horizontal plane, only one scenario is feasible. 

Thrust is significantly outweighed by the drag force Ὕ ὈḺπ. Such an extreme scenario is typically 

seen in the tumble manoeuvre. Energy from the propeller is used to generate a thrust force and propeller 

slipstream. The energy from the propeller slipstream is imparted to the horizontal stabiliser which in 

turn causes a pitch rate. The pitch rate results in large aircraft pitch angles and angles of attack changes. 

These large angles generate large drag forces. The mass forces may also become large and act in the 

drag direction should the flight path angle be sufficiently large. The large drag force results negative 

ὛὉὖ values. Stored energy is consumed as the added energy from the thrust is now acting to rotate the 

aircraft and acts as the óliftô force. Only a component of the thrust acts in the thrust direction. The rate 

what which stored energy is consumed is done so at a rapid rate. Initially airspeed is consumed without 

much change in altitude, creating a large deceleration. Once most of the airspeed has depleted, energy 

is taken from the altitude stores. This results in a loss of altitude to regain airspeed. A more powerful 

engine is able to generate more energy and will aid in slowing the consumption of energy from the 

mechanical stores. In this situation the lift force is insufficient to keep the aircraft flying. This means 

altitude cannot be gained and energy gains must be converted to airspeed. This implies that the pilot 

has little option but to lose altitude to gain airspeed. The minimum time to recover mechanical energy 

can be achieved by maximising the acceleration. This is achieved in a vertical dive where the mass 

vector acts in the same direction as the thrust.  

Vertical Dive 

In a vertical dive altitude is lost and airspeed gained. The orientation of the aircraft — ςχπЈ) means 

that the aircraft mass acts in the same direction as the thrust. The forces acting in the thrust direction 

greatly outweigh the drag Ὕ Ὀḻπ. This is particularly true at lower airspeeds. In the extreme case 

where the aircraft is at an airspeed of π m/s the aircraft has maximum acceleration when entering a 

vertical dive. At zero airspeed ὛὉὖπ but builds as the aircraft accelerates. Stored potential energy 

(altitude) is converted into kinetic energy (airspeed) during the dive. Additional energy is added by the 

thrust and mass of the aircraft as speed builds. At some point during the dive the trajectory of the aircraft 

must be altered and a pull up manoeuvre must be performed. This can be accomplished once a sufficient 

quantity of energy has been acquired (enough airspeed). The excess energy from the thrust force along 

with airspeed can be converted to altitude. Energy management is crucial in this scenario. 
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Table 9: Energy exchanges in conventional flight 

Energy Exchange Example 
Net Energy Change 

╣ ╓  

Change in Stored Energy 
Resulting Aircraft Condition  

Altitude Airspeed 

Level Flight 

π No change Increase Acceleration at constant altitude 

π No change Decrease Deceleration at constant altitude 

π No change No change Constant airspeed and altitude 

Climb 

π Increase No change Climb at constant speed 

π Decrease No change Descent at constant speed 

π Increase Decrease Decelerating climb 
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Table 10: Energy exchanges in extreme flight 

Energy Exchange Example 
Net Energy Change 

╣ ╓  

Change in Stored Energy 
Resulting Aircraft Condition  

Altitude Airspeed 

High angle of attack manoeuvre (Horizontal)  

Ḻπ 
Constant/ 

Slight 

increase 

Large 

decrease 

Large deceleration with minimal altitude 

gains 

Vertical Dive 

π  Decrease Increase Accelerating descent 

Ὀ 

Ὕ 

ὡ 
ὡίὭὲ‎ 

ὡὧέί‎ 

ὊὰὭὫὬὸ ὖὥὸὬ 

Ὀ 

Ὕ 

ὡ 



67 

 

SEP Chart  

A SEP chart provides an energy envelope within which an aircraft is safe to fly. An example of a SEP 

chart is provided in Figure 43. The SEP chart may be used to determine how much additional energy 

an aircraft carries at various altitudes and airspeeds. It may be used to determine the energy requirements 

when performing a manoeuvre that involves alterations in altitude or airspeed.  

 

 

1.4. Objectives  

The research objectives are to: 

1. Synthesise a model, incorporating all the post-stall and dynamic aerodynamic coefficients, to 

understand aircraft displacements, velocities and accelerations, before, during and after a 

tumble manoeuvre. 

2. Determine safe operating entry and exit heights for pilots performing tumble manoeuvres so 

that an aircraft can recover from the manoeuvre. 

 

Figure 43: SEP chart example  
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1.5. Dissertation Outline  

This dissertation consists of six chapters. Each chapter provides information that is used in subsequent 

chapters. 

Chapter 2 presents various models for calculating the mass, inertial and aerodynamic input data.  

Chapter 3 presents the input data generated for the Extra 330SC. using the models provided in chapter 

2. A technical review of the data is outlined, comparing the generated data to any published results 

found in open literature. This was performed as a means of validation, where possible.  

Chapter 4 outlines the methodology employed in the generation of the tumble model. Equations for 

forces and moments at high angles of attack are illustrated along with the resulting load factors in the 

velocity and body axes. A mathematical model is presented that outlines the steps and equations 

required to solve a complete tumble manoeuvre. 

Chapter 5 presents the tumble model results and findings. Various performance parameters of the 

manoeuvre are provided. These include aircraft displacements (flight path), velocities, accelerations, 

forces and moments. Failed tumble manoeuvres attempts are presented and the shortcomings of the 

attempts are highlighted and briefly discussed. A minimised risk tumble manoeuvre is explained and 

the parameter adjustments required to complete this scenario are highlighted. A comparison of 

successful manoeuvres to video footage is outlined as a means of validation.  

Chapter 6 concludes the findings presented in this dissertation and provides a list of recommendations 

for future work that may be useful in expanding the work developed within this dissertation. 
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2. MODELLING  

2.1. Introduction  

This section can essentially be thought of as somewhat of an extension of the literature review. This 

chapter provides detailed explanations and formulations of models that were used to generate the 

necessary input data required for modeling a tumble manoeuvre. The chapter begins by summarising a 

variety of mass estimation models for general aviation aircraft obtained from Roskam [55]. Next an 

inertial estimation model developed by Lanham [53] is outlined along with the necessary mass inputs. 

Aerodynamic models are then addressed starting with lifting surfaces (such as the wing and empennage 

surfaces). A semi-empirical method was created by Spera [60] that provides coefficient data for a lifting 

surface for infinite or finite aspect ratios. For fuselage aerodynamic data, a method established by 

Jorgensen [42] is presented with an explanation on the extension of the method to lower Mach numbers, 

as the Jorgensen [42] method is only validated from Mach number of 0.6 upwards. Finally, a method 

for predicting the aerodynamics of the propeller is explained. In the absence of an acceptably accurate 

formulation, coefficient data presented by Yaggy [44] in §1.3.4.4 was used for the propeller.  

2.2. Mass Estimation Models 

Aircraft component masses as well as the distribution of the masses are required to accurately determine 

inertial values and general aircraft performance. The overall masses of most aircraft are readily 

available; however, the masses of the individual aircraft components are generally not given. The 

masses of major component groups as well as some smaller individual components will need to be 

obtained or estimated. 

Methods for mass estimations of major aircraft component groups were collected and published by 

Roskam [55]. The major component groups that were investigated are as follows: 

1. Structural weight 

2. Power plant weight 

3. Fixed equipment weight 

The mass estimation methods provided by Roskam [55] include the Cessna method, the USAF method 

and the Torenbeek method. The mass estimation equations for the three main component groups as well 

as subcomponents within each group for each of the three methods are provided in §2.2.1-2.2.3. 

Equations for each of the methods are provided in Table 11, Table 12 and Table 13. 
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2.2.1. Structural Mass 

The structural mass group consists of subgroups which make up the entire aircraft structure. These 

groups are: 

a. The wing mass, ὓ  

b. The empennage mass, ὓ  

c. The fuselage mass, ὓ  

d. The nacelle mass, ὓ  

e. The landing gear mass, ὓ  

The total structural mass is the sum of all the subgroups: ὓ ὓ ὓ ὓ ὓ ὓ . 

 

a. Wing Mass 

The Cessna, USAF and Torenbeek methods for estimating the wing mass are provided by Equations 

(20), (34) and (46) respectively.  

Based on the recommended applicability of each method, the Cessna method would be the least 

appropriate, as it is for low performance aircraft (whereas aerobatic aircraft are high performance). For 

the Cessna method, the wing mass includes: the wingtips, any fairing, control surfaces, fuel tanks, wing-

fuselage spar carry through and sweep angle. The USAF and Torenbeek methods only calculate the 

mass of the wing structure and as such, the Cessna method is expected to provide a larger mass estimate.  

b. Empennage Mass  

The empennage mass will be subdivided into two further categories: the horizontal tail mass ὓ  and 

the vertical tail mass ὓ .  

The Cessna method provides mass estimates for the horizontal tail and the vertical tail in Equations (21) 

and (22) respectively. The USAF methods provides horizontal tail and vertical tail mass estimates that 

are given by Equations (35) and (36), respectively. The Torenbeek methods provides a mass estimate 

for the entire empennage and is given by Equation (47). The Torenbeek method does not separate the 

horizontal and vertical tails into separate mass equations.  

It is expected that the Cessna method will yield the least accurate results based on the recommended 

applicability of Equations (21) and (22). The Torenbeek method is not as useful as the Cessna and 

USAF methods because it does not provide the masses of the horizontal and vertical tail surfaces 

independently. It should also be noted that the sweep angle of the horizontal tail is not included in any 

of the methods. This may lead to an underestimation of the horizontal tail mass from all methods.  
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c. Fuselage Weight  

The equations for estimating the fuselage masses are provided by Equations (23) and (24) for the Cessna 

method. These two equations are for a high-wing and low-wing configuration respectively. Equation 

(37) provides a mass estimate for the fuselage for the USAF method while Equation (48) provides the 

Torenbeek mass estimate for the fuselage.  

The equation for the Cessna method (both high-wing and low-wing) is based on the number of 

passengers present in the aircraft. Since an aerobatic aircraft is usually occupied by a single person (the 

pilot), the Cessna method is expected to underestimate the mass of the fuselage. The Nicolai mass 

estimation [61], provided by Equation (19), was included as an additional method of analysis for the 

fuselage mass, given the expected shortcomings of the Cessna method. The Nicoli mass estimation is 

applicable to light aircraft. 

 

 
ὓ πȢπχσχςὈὠȢ ὰȢ ὡ ὲ Ȣ Ȣ

 
(19) 

 

d. Nacelle Weight  

The estimation of the nacelle mass is provided for a propeller driven aircraft. The structural mass 

associated with the external ducts and or cowls of the engine and the mass of the engine mounting 

trusses are all included in the formulae. The Cessna and Torenbeek methods for nacelle mass are 

provided by Equations (25) and (49) respectively. The USAF method accounts for the nacelle mass in 

the powerplant mass estimate.  

The Torenbeek mass estimation, given by Equation (49), includes the entire engine section forward of 

the fuselage.  

e. Landing Gear Mass 

The Cessna methods provides mass estimations for the main gear and nose gear in Equations (26) and 

(27) respectively. The USAF method provides a mass estimation of the landing gear in Equation (39). 

Torenbeek does not provide a method for estimating the mass of the landing gear. 
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2.2.2. Powerplant Mass  

The aircraft powerplant mass, ὓ , will be assumed to consist of the following subgroups: 

a. Engines, ὓ : this is inclusive of the engine, exhaust, cooling, supercharger (if present) and 

lubrication system  

b. Air induction system, ὓ : this includes the inlet ducts (other than nacelles), ramps, spikes and 

associated controls 

c. Propeller, ὓ  

d. Fuel system, ὓ  

e. Propulsion system, ὓ : this includes engine controls, starting systems, propeller controls and 

provisions for engine installation. 

The total powerplant weight will be a sum of all the subsystems, ὓ ὓ ὓ ὓ ὓ

ὓ . 

It should be noted that Roskam [55] has strongly recommended that actual mass data, from engine 

manufacturers, be obtained for this group if it is readily available.  

 

a. Engine Mass 

Mass estimations for the engine are provided by Equations (28), (40) and (51) for the Cessna, USAF 

and Torenbeek methods respectively. For the Cessna method, all engine accessories are included, 

however, the engine oil is not.  

b. Air Induction  Mass 

The Torenbeek method for the mass estimation of the air induction system is provided by Equation 

(52). The Cessna and USAF methods include the mass of the air induction system engine calculations.  

c. Propeller Mass 

The mass of the propeller is provided by Equation (53) for the Torenbeek method. The Cessna method 

does not provide a mass estimate for the propeller while the USAF method includes the propeller mass 

in the engine mass equation. It is recommended that propeller manufacturer data be used wherever 

possible. Propeller data for aircraft are generally readily available and as such, an investigation into 

methods other than the Torenbeek method will not be done. For the Extra 330SC data on the propeller 

weight as well as all system weights associated with the propeller are provided in the pilots operating 

handbook.  

d. Fuel System Mass 

Equations (31), (43) and (54) provide mass estimations for the fuel system for the Cessna, USAF and 

Torenbeek methods, respectively.  
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e. Propulsion System Mass 

It is recommended that actual data be used. 

 

2.2.3. Fixed Equipment Mass  

The fixed equipment that is carried on aircraft varies significantly depending on the aircraft type and 

mission. For aerobatic aircraft a list of the fixed equipment masses and locations can be obtained from 

the pilots operating handbook (POH). Some information is not included. Two areas that will require a 

mass estimation have been identified: 

a. Flight control system, ὓ  

b. Electrical system, ὓ  

 

a. Flight Control System Mass 

The Cessna, USAF and Torenbeek methods for the estimation of the flight control systems are provide 

by Equations (32), (44) and (55), respectively. The formulae given seem to be somewhat similar and 

are expected to yield similar results.  

b. Electrical System Mass 

Equations (33), (45) and (56) provide the mass estimations of the electrical system for the Cessna, 

USAF and Torenbeek methods respectively. The Cessna method estimates the mass of the electrical 

system as a function of the maximum takeoff mass. The USAF method predicts the electrical system 

mass as a function of the fuel system and instrumentation masses. The method given by Torenbeek 

gives the mass of the hydraulic and pneumatic system as well as the electrical system as a function of 

the aircraft empty weight. The three methods given take different approaches in estimating the mass of 

the electrical system and as such may yield very different results.  
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Table 11: Cessna method mass estimation equations 

Group Applicability  Component Subcomponent Equation 
Equation 

No. 
Notes 

Structural 

¶ Small, relatively 

low performance 

¶ ὠ  ςππ kts 

¶ Unpressurised 

fuselages 

Wing - ὡ πȢπτφχτὡ Ȣ ὛȢ ὔȢ ὃȢ  (20) 
Cantilevered 

Wings 

Empennage 

Horizontal Tail ὡ
σȢρψτὡ Ȣ ὛȢ ὃȢ

υχȢυ ὸ Ȣ  (21)  

Vertical Tail ὡ
ρȢφψὡ Ȣ ὛȢ ὃȢ

ρυȢφ ὸ Ȣ ÃÏÓɤ Ȣ
 (22)  

Fuselage - 

ὡ
πȢπτφψς ὡ Ȣ  ὔȢ  ὰȢ

ρππ
 (23) 

Low Wing 

aircraft 

ὡ ρτȢψφὡ Ȣ
ὰ  

ὖ

Ȣ

ὰȢ ὔȢ  (24) 
High wing 

aircraft 

Nacelle  ὡ ὑὡ  (25)  

Landing 

Gear 

Main Gear 

 
ὡ πȢπρσὡ πȢρτφὡ Ȣ ὔ Ȣ

Ȣ ὰȢ  (26)  

Nose Gear ὡ φȢς πȢπρσὡ πȢπππρτσὡ Ȣ ὲ Ȣὰ
Ȣ  (27)  

Powerplant 

Engine - ὡ ὑὖ  (28)  

Air 

Induction 
 Included in ὡ  calculations (29)  

Propeller  ὔȾὃ (30)  

Fuel System  ὡ  πȢτ
ὡ

ὑ
 (31) 

Internal fuel 

systems (no 

tiptanks): 

Fixed 

Equipment 

Flight 

Control 

Systems 

 ὡ πȢπρφψὡ  (32)  

¶ Mechanical 

controls 

Electrical 

System 
 ὡ πȢπςφψὡ  (33) 

2 sets of flight 
controls 
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Table 12: USAF method mass estimation equations 

Group Applicability  Component Subcomponent Equation 
Equation 

No. 
Notes 

Structural 

¶ Light, utility 

aircraft 

¶ Speeds up until 

σππ kts 

Wing - ὡ ωφȢωτψ
ὡ ὔ

ρπ

Ȣ ὃ

ÃÏÓɤ

Ȣ

Ὓ

ρππ

Ȣ ρ ‗ 

ς
ὸ
ὧ
 

Ȣ

ρ
ὠ

υππ

Ȣ

Ȣ

 (34)  

Empennage 

Horizontal Tail 
ὡ ρςχπȢςψω 

ὡ ὲ

ρπ

Ȣ Ὓ

ρππ

Ȣ ὰ

ρπ

Ȣ ὦ

ὸ

Ȣ Ȣ

 

 

(35)  

Vertical Tail 
ὡ ωψȢυπȢςψω 

ὡ ὲ

ρπ

Ȣ Ὓ

ρππ

Ȣ ὦ

ὸ

Ȣ Ȣ

 

 

(36)  

Fuselage - 

ὡ

ςππ
ὡ ὲ

ρπ

Ȣ ὰ

ρπ

Ȣ
ὡ Ὤ

ρπ

ὠ

ρππ

Ȣ
Ȣ

 
(37)  

Nacelle  Included in powerplant weight (38)  

Landing 

Gear 
 ὡ πȢπυτὰȢ ὡὲ Ȣ

Ȣ  (39)  

Powerplant 

Engine - ὡ ὡ ὡ ὡ ςȢυχυὡ Ȣ ὔ  (40)  

Air 

Induction 
 Included ὡ  calculation  (41)  

Propeller  Included ὡ  calculation  (42)  

Fuel System  ὡ ςȢτω
ὡ

ὑ

Ȣ
ρ

ρ Ὥὲὸ

Ȣ

ὔȢὔȢ

Ȣ

 (43)  

Fixed 

Equipment 

Flight 

Control 

Systems 

 ὡ ρȢπφφὡ Ȣ  (44)  

Electrical 

System 
 ὡ τςφ

ὡ ὡ

ρπππ

Ȣ

 (45) 
Unpowered 

flight 

controls 
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Table 13: Torenbeek method mass estimation equations 

Group Applicability  
Compon

ent 
Subcomponent Equation 

Equati

on No. 
Notes 

Structural 

¶ Light transport 

aircraft 

¶ ὡ ρςυππ lbs 

¶ ὠ ςυπ kts 

Wing - ὡ πȢππρςυὡ
ὦ

ÃÏÓɤ

Ȣ

ρ
φȢσÃÏÓɤ

ὦ

Ȣ

ὲ Ȣ
ὦὛ

ὸὡ ÃÏÓɤ

Ȣ

 (46)  

Empenna

ge 
 ὡ πȢπτὲ Ὓ Ὓ Ȣ  (47) 

Conventional tail 

configurations 

Fuselage - ὡ πȢςσ Ὓ
Ȣ ὠ ὰ

ς Ὀ
 (48)  

Nacelle  ὡ ςȢυ ὖȢ (49) 
Nacelle in 

fuselage nose 

Landing 

Gear 
 N/A (50)  

Powerplant 

Engine  ὡ ὑ ὡ πȢςτὖ  (51) 

Single propeller 

driven, piston 

aircraft 

 

Air 

Induction 
 ὡ ὡ ρȢπσὔȢ

ὖ

ὔ

Ȣ

 (52) 

Propeller  ὡ ὑ ὔȢ Ὀὖ ὔȢ Ȣ
 (53) 

Fuel 

System 
 ὡ ς

ὡ

υȢψχ

Ȣ

 (54) 

Fixed 

Equipment 

Flight 

Control 

Systems 

 ὡ πȢςσὡ
Ⱦ

 (55) Unpowered, 

unduplicated flight 

controls Electrical 

System 
 ὡ ὡ πȢππχψὡ Ȣ (56) 
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2.3. Inertia Estimation  Model 

An inertial estimation method generated by Lanham [53] presents a somewhat rudimentary approach for 

calculating the inertial values of various aircraft components as well as the overall aircraft inertias. All 

equations and concepts developed within this section are obtained from Lanham [53]. 

The method is split into three main steps: 

1. First the aircraft mass must be allocated to six separate groups: 

a. Wing group 

b. Horizontal tail group 

c. Vertical tail group 

d. Fuselage group 

e. Propulsion group 

f. Additional items 

The allocation of mass involves distributing the subsystems throughout the aircraft without 

identifying the actual location of each individual component [53]. It should also be noted that this 

approach is performed using an ñhistoricalò or ñaccepted design practice.ò Corrections may need 

to be made for design configurations with unusual concepts or mass distributions.  

2. The moment of inertia of each group is then calculated about its own centroid and transferred to a 

set of remote axes. 

3. The centre of gravity of the aircraft is determined and the inertias are then summed and translated 

back to the aircraft centre of gravity. 

Some items which require further discussion are: 

1. Fuel system ï This item is distributed between the fuselage and wing group according to the fraction 

of fuel mass contained in each group. 

2. Control Surfaces ï This is summarised in Table 14. 
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Table 14: Surface control weight allocation [53] 

Fraction of Total Surface Control Weight 

Configuration 

Code 

W,H,V*  

Wing 
Horizontal 

Tail  

Vertical 

Tail  

Fuselage 

Cockpit 

Fuselage 

Distribution  

0, 0, 0 0.532 0.128 0.124 0.038 0.178 

0, 0, 1 0.457 0.110 0.247 0.033 0.153 

0, 1, 0 0.464 0.239 0.108 0.034 0.155 

0, 1, 1 0.406 0.209 0.220 0.029 0.136 

1, 0, 0 0.608 0.108 0.103 0.032 0.149 

1, 1, 0 0.541 0.205 0.092 0.029 0.133 

1, 0, 1 0.534 0.094 0.213 0.028 0.131 

1, 1, 1 0.482 0.182 0.192 0.026 0.118 

 

             *W = Wing               0 = fixed      1 = variable sweep 

     H = Horizontal Tail   0 = elevator type      1 = all moveable type 

             V = Vertical Tail 0 = rudder type      1 = all moveable type 

 

3. Trapped Fuel ï This is distributed between the wing group and the fuselage according to the fraction 

of fuel mass contained within each group. 

4. Air induction system ï If the engines are buried within the fuselage, the mass is added to the 

fuselage group. If the engines are podded, the mass is added to the engine group. 

5. Wing Structure ï Mass should be added to the wing group if there is a wing carry-through structure. 

Group Inertias:  

Before the centroidal inertias (Ὅs) of each group can be calculated and then imposed on the remote set of 

axes, locations of components and geometric data must be known. All data must be referenced in 

accordance with the chosen set of axes illustrated in Figure 44. These axes are not set and can be varied. 

To simplify the calculation of the inertia the Z axis has been set at the nose of the aircraft.  
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2.3.1. Inertias of Surfaces 

Surfaces include the wing, the horizontal stabiliser and the vertical stabiliser groups. To define the shape 

of the surface the normal planform (with only one side of the wing and horizontal tail due to symmetry) is 

used. The equations derived for the inertia of surfaces require the use of a trapezoidal panel with the actual 

thickness varying linearly from root to tip. Should the surface have an edge (a sudden step change in the 

leading or trailing edge line) or a change in thickness, the surface should then be discretised into inner and 

outer trapezoidal panels with the inertia calculated separately for each section. It will be assumed that the 

thickness is constant moving from leading edge to trailing edge and equal to the maximum for the section.  

The moments of inertia for a surface are given by Equations (57), (58) and (59). 

 

 Ὅ  
ὓὦ

ὠ
ὸ ὸ

ὧ

τ

ὦÔÁÎɤ

υ

ὦÔÁÎɤ

υ
ὸ
ὧ

σ

ὦÔÁÎɤ

τ

ὦÔÁÎɤ

τ
2
 

(57) 

 

Ὅ  
ὓὦ

ὠ
ὸ
ὧ

σ
ὦὧÔÁÎɤ

ὧ

ς

ὦÔÁÎɤ

σ

ὦ

ρς
ÔÁÎɤ ÔÁÎɤ

ὸ ὸ
ὧ

φ
ὦὧÔÁÎɤ

ὧ

σ

ὦÔÁÎɤ

τ

ὦ

ρυ
ÔÁÎɤ ÔÁÎɤ  

(58) 

 Ὅ  Ὅ Ὅ  (59) 

 
2 It was found that an error existed in Equation (57), the terms in the first square bracket all had the incorrect sign in 

Lanham [53]. Equation (57) should read Ὅ  ὸ ὸ ὸ  

x axis 

z axis z axis 

x axis y axis 

Plane of symmetry 

Figure 44: Reference axes for inertial calculations 

y axis 



80 

 

Where: 

¶ ὓ  is the mass of the surface [lbs] 

¶ ὦ is the span of the surface [in]  

¶ ὸ is the thickness of the root chord [in]  

¶ ὸ is the thickness of the tip chord [in]  

¶ ὧ is the root chord of the surface [in]  

¶ ɤ  is the sweep angle of the trailing edge of the surface [deg] 

¶ ɤ  is the sweep angle of the leading edge of the surface [deg] 

¶ ὠ is the volume of the surface and can be obtained using Equation (60) 

 

 6 Âὸ ὧ
ὦ

ς
ÔÁÎɤ ÔÁÎɤ ὸ ὸ

ὧ

ς

ὦ

σ
ÔÁÎɤ ÔÁÎɤ  (60) 

 

A graphical representation of some of the surface inertia variables are illustrated in Figure 45. The axes 

presented in Figure 45 follow the convention outlined in Figure 44. Note that imperial units have been used 

in the definition of the surface group variables. The choice of imperial unit was made to keep with the units 

described in Lanham [53]. This allowed for a simpler comparison.   

 

ὧ 

ὼ 

ώ 

ὦ 

ɤ  

ɤ  ὸ 
ὸ 

ὦ 

ᾀ 

ώ 

Figure 45: Surface inertia variable definitions 
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It was assumed, in the derivation of Equations (57), (58) and (59), that all surfaces lie in planes parallel to 

the XY plane of the remote axes. To account for any dihedral Equations (61) and (62) should be used.  

 

 ὝὶόὩ Ὅ Ὅ ÃÏÓʃ Ὅ ÓÉÎ— (61) 

 ὝὶόὩ Ὅ  Ὅ ÓÉÎ— Ὅ ÃÏÓ— (62) 

 

Where: 

¶ — is the dihedral angle [deg] 

 

Ὅ  is not affected by dihedral. 

The required product of inertia (Ὅ ) is given by Equation (63) 

 

 
Ὅ  

ὓ

ὠ
ὸÓÉÎ—

ὧὦ

τ

ὧὦ

σ
ÔÁÎɤ

ὦ

ψ
ÔÁÎɤ ÔÁÎɤ

ὓ

ὠ
ὸ ὸ ÓÉÎ—

ὧὦ

φ

ὧὦ

τ
ÔÁÎɤ

ὦ

ρπ
ÔÁÎɤ ÔÁÎɤ  

(63) 

 

Equations (57) to (63) can be used to calculate the required inertias for the entire wing, horizontal tail or 

vertical tail surfaces provided the total group is used.  

If there is no wing carry-through structure, the exposed wing should be used and the symbols should be 

defined accordingly. Otherwise, a theoretical wing should be used that passes through the fuselage. All 

horizontal and vertical tail surfaces should be defined with the exposed parameters.  

To correctly define the general symbols used in all equations concerning surfaces, Lanham [53] has 

suggested the use of Table 15 for each separate surface.   
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Table 15: Surface symbol definitions for inertial calculations [53] 

Defined Symbol 

General Symbol Wing (No change 

in thickness) 

Inboard Surface Outboard 

Surface 

Horizontal and 

Vertical Surfaces 

╛ ɤ  ɤ  ɤ  ɤ  

╣ ɤ  ɤ  ɤ  ɤ  

╫ ὦ ὦ ὦ ὦ 

╬ ὧ ὧ ὧ ὧ 

◄► ὸ ὸ ὸ ὸ 

◄◄ ὸ ὸ ὸ ὸ 

╜ ὓ  ὓ  ὓ  ὓ ȟὓ  

● ὢὛρ ὢὛς ὢὛσ ὢὛρ 
◐ ὣὛρz  ὣὛςz  ὣὛσ ὣὛρz  z
◑ ὤὛσz ᶻz ὤὛτz ᶻz ὤὛυz ᶻz ὤὛσz ᶻz 

 

* If ὣὛτ π and — π set these terms = 0 

** If ὣὛτ π and — π set these terms = 0  

*** Not required if — π 

 

Before the surface Ὅs can be obtained from the Ὅ values, the centroids of the surfaces must be determined. 

All longitudinal surface centroids can be determined using a method developed by DATCOM, given that 

the parameters c, b and ɤ  are properly defined for each surface. These parameters are illustrated in Figure 

45. The centroid in the X direction is given by Equation (64), the spanwise centroid or centroid in the Y 

direction is given by Equation (65) and the vertical centre of gravity can be calculated using Equations (66), 

(67) or (68). The numerical values next to the ὢὛȟὣὛ and ὤὛ parameters are defined in Table 15. 

 

 
ὢὛρȟὢὛςȟὢὛσ  

ὅ ὅ ὅὅ ὅ

σὅ ὅ ὅ
ὑ  (64) 

 

Where:  

¶ ὅ is the smallest of the following values: ὧȟὦÔÁÎɤȟὦÔÁÎɤ ὧ 

¶ ὅ is the intermediate value from the same list of values and  

¶ ὅ is the largest value from the same list of values 

¶ ὑ πȢχπσ for a wing surface 

¶ ὑ πȢχχρ for a horizontal or vertical tail surface 

 



83 

 

 
ὣὛρȟὣὛςȟὣὛσ  

ὦ

ὠ
ὸ
ὧ

ς

ὦ

σ
ÔÁÎɤ ÔÁÎɤ ὸ ὸ

ὧ

σ

ὦ

τ
ÔÁÎɤ ÔÁÎɤ  (65) 

 

 

All vertical centre of gravity distances are negligible for surfaces with — π because of the small thickness 

of the surface when compared with the surface length and span. For surfaces with dihedral the vertical 

centre of gravity no longer lies in the XY plane and can be calculated with Equations (66), (67) or (68) 

 

 ὤὛρ  ὣὛρίὭὲῸ (66) 

 ὤὛς ὣὛςίὭὲῸ  (67) 

 ὤὛσ ὣὛσίὭὲῸ (68) 

 

An illustration of the surface centroid can be seen in Figure 46. The thickness of the surface shown in the 

YZ axes has been greatly exaggerated for illustrative purposes. As such, the distance ὤὛ will only be 

noticeable if the surface has any dihedral (i.e. the surfaces is rotated around the X axis).  

 

 

 

ὢὛ 

ὼ 

ώ 

ᾀ 

ώ 

ὣὛ 

ὤὛ 

Figure 46: Surface centroid 
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With the centroids on the surface known, all Ὅ inertias can be translated to the centroid and subsequently 

to the remote axes. For wings (with changes in thickness), horizontal and vertical tail surfaces, the inertial 

values Ὅ are calculated by Equations (69)-(72). 

 

 )  ) ὓὣὛρ ὓὤὛσ ὓὣὛρ ὣὛτ ὓὤὛσ ὤὛρ  (69) 

 ) ) -ὢὛρ ὓὤὛσ ὓὢὛρ ὢὛτ ὓὤὛσ ὤὛρ  (70) 

 ) Ὅ ὓὢὛρ ὣὛρ ὓὢὛρ ὢὛτ ὓὣὛρ ὣὛτ  (71) 

 ) Ὅ ὓὢὛρ ὤὛσ ὓὢὛρ ὢὛτ ὤὛσ ὤὛρ (72) 

 

2.3.2. Inertias of the Fuselage 

The fuselage mass is divided into four main areas: 

¶ Structure  

¶ Distributed contents 

¶ Volume of mass 

¶ Point masses 

 

2.3.2.1. Structure 

The structural mass of the fuselage should include any wing carry-through structure (if it has not already 

been added to the wing group) as well as air induction installation mass (if any engines are buried within 

the fuselage). This mass is assumed to be distributed between a conical nose shell, an open-ended right-

cylindrical shell3 and a tail conical shell, as illustrated in Figure 47. The conical shell is neglected if the 

engine installation is buried. The fuselage structure is distributed according to each geometric shape in 

proportion to the surface area of the shape ὧέὲίὸὥὲὸ . 

 

 
3 An open-ended right-cylindical shell is a hollow cylindrical surface that is open on either end (uncapped). The ends 

of the shell are cut at right angles to the longitudinal axis of the cylinder.  
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The moments of inertia in the X,Y and Z directions for the fuselage structure are given by Equations (73), 

(74) and (75) respectively and the product of inertia is given by Equation (76). 

 

 )
Ὑ

ς
ὓ ςὓ ὓ ὓὤ (73) 

 )
Ὑ

τ
ὓ ςὓ ὓ ὰ

ὓ

ς
ὓ ὓ ὰ

ὓ

σ
ὓ

ὰὓ

φ
ὰὰὓ ςὓ

ς

σ
ὰὰὓ

ς

σ
ὰὰὓ ὓὤ (74) 

 ) Ὅ ὓὤ  (75) 

 ) ὓ
σ

τ
 ὰὤ ὓὤ ὰ

ὰ

ς
ὓὤ ὰ ὰ

ὰ

τ
 (76) 

 

Where: 

¶ Ὑ is the radius of the open-ended right-cylindrical shell [in]  

¶ ὤ is the perpendicular distance from the remote axes XY plane to the fuselage centreline [in]  

¶ ὓ  is the total fuselage structural mass [lbs] 

¶ ὰ is the length of the conical nose shell [in]  

¶ ὰ is the length of the open-ended right-cylindrical shell [in]  

Figure 47: Fuselage structural definitions for inertial calculations [53] 

ὰ ὰ ὰ 
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¶ ὰ is the length of the tail conical shell [in]  

¶ ὓ ȟὓ and ὓ  are the distributed masses of the conical nose shell, the open-ended right-cylindrical 

shell and the tail conical shell respectively lbs . They are given by Equations (77), (78) and (79), 

respectively 

¶ ὛȟὛ and Ὓ are the surface areas of the conical nose shell, the open-ended right-cylindrical shell 

and the tail conical shell respectively ÉÎ  and are given by Equations (80), (81) and (82), 

respectively 

 

 -
Ὓὓ

Ὓ Ὓ Ὓ
 (77) 

 -
Ὓὓ

Ὓ Ὓ Ὓ
 (78) 

 -  
Ὓὓ

Ὓ Ὓ Ὓ
 (79) 

 

 Ὓ “ὙὙ ὰ (80) 

 3 ς“Ὑὰ (81) 

 3 “ὙὙ ὰ (82) 

 

2.3.2.2. Distributed Contents 

This section consists of four main items: 

a. Electrical system 

b. Instruments and navigation 

c. Hydraulics 

d. Surface controls 

These items are assumed to be randomly spread throughout the fuselage, from the cockpit to the leading 

edge of the horizontal tail in the shape of an open-ended right-cylindrical shell.  

The moments of inertia about the remote axes of the distributed content are given by Equations (83)-(86). 
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 ) ὓ Ὑ ὓ ὤ (83) 

 )  
ὓ

ς
Ὑ

ρ

φ
ὢὛτ ὅὙὉὡȢ ὓ

ρ

ς
ὢὛτ ὅὙὉὡȢ ὅὙὉὡȢ ὓ ὤ  (84) 

 ) Ὅ ὓ ὤ  (85) 

 )
ὓ

ς
ὢὛτ ὅὙὉὡȢ ὤ (86) 

 

Where: 

¶ ὓ  consists of various masses including: 

o The mass of the surface controls allocated to the fuselage group.  

o The mass of the electrical systems allocated to the fuselage group. 

o the mass of the hydraulic systems allocated to the fuselage group.  

o 30% of the mass of instruments and navigation allocated to the fuselage group [lbs].  

If the masses and locations are any of these components are explicitly known, then they may be 

omitted from the distributed contents inertial calculations and may be calculated separately as point 

masses. 

¶ Ὑ  is the radius of distributed contents assumed open-ended right-cylindrical shell [in]  

¶ ὤ is the same definition as in §2.3.2 

¶ XS4 is the perpendicular distance from the YZ plane of the remote axes to the leading edge of the 

surface root chord [in]  

¶ ὅὙὉὡȢ is the perpendicular distance from the YZ plane of the remote axes to the crew centre of 

gravity [in]  

 

2.3.2.3. Volumes of Mass 

This section consists of items such as: 

a. Fuel system within the fuselage  

b. Avionics bay 

c. Furnishings  

Due to the variability of these items a decision must be made as to whether these items are used as volumes 

or point masses. Either a cylindrical shell or a solid rectangular shape can be used should volumes be 

chosen. 
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The inertial values for volumes of mass, about the remote axes, can be obtained with Equations (87)-(90) 

for a cylindrical shells and equations (91)-(94) for a rectangular solids. 

Cylindrical Shell:  

 

 Ὅ ὓ Ὑ ὓ ὤ  (87) 

 Ὅ
ὓ

ς
Ὑ

ρ

φ
ὰ ὓ ὢ ὤ  (88) 

 Ὅ
ὓ

ς
Ὑ

ρ

φ
ὰ ὓ ὢ  (89) 

 Ὅ ὓ ὢ ὤ  (90) 

 

Where: 

¶ ὓ  is the mass of the volume [lbs] 

¶ Ὑ  is the radius of the cylindrical shell [in3] 

¶ ὰ  is the length of the cylindrical shell [in]  

¶ ὤ  is the perpendicular distance from the XY plane of the remote axes to the centreline of the 

cylindrical shell [in]  

¶ ὢ  is the perpendicular distance from the YZ plane of the remote axes to the centre of the 

cylindrical shell [in]  

 

Rectangular Solid: 

 

 Ὅ
ὓ

ρς
ςὙ ςὙ ὓ ὤ  (91) 

 Ὅ
ὓ

ρς
ὰ ςὙ ὓ ὢ ὤ  (92) 

 Ὅ
ὓ

ρς
ὰ ςὙ ὓ ὢ  (93) 

 Ὅ ὓ ὢ ὤ  (94) 
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Where: 

¶ Ὑ  is the height/width of the rectangular solid [in]  

¶ ὰ  is the length of the rectangular solid [in]  

 

2.3.2.4. Point Masses 

For the calculation of inertias, point masses were considered separately. For the roll Ὅ  inertia the total 

mass of the point masses was distributed between a solid cone and a solid right circular cylinder. All 

collective point masses located within the nose or tail cone of the airframe were put in the solid cone and 

all point masses in the centre section of the airframe are put in the right circular cylinder. Ὅ and Ὅ were 

lumped at some average location. 

The inertial values for point masses, about the remote axes, within the fuselage are given by Equations (95)-

(98). 

 

 Ὅ  ὓ ὣ ὤ  έὶ Ὅ
ὓ

ς
Ὑ

σ

ρπ
ὓ Ὑ ὓ ὓ ὤ  (95) 

 Ὅ  ὓ ὢ ὤ  (96) 

 Ὅ  ὓ ὢ ὣ  (97) 

 Ὅ  ὓ ὢ ὤ  (98) 

 

Where: 

¶ ὓ  is the mass of one point mass [lbs] 

¶ ὓ  is the total mass of the point masses in the fuselage centre section [lbs] 

¶ ὓ  is the total mass of the point masses in the nose and tail cone sections [lbs] 

¶ Ὑ  is the radius of the right circular cylinder [in]  

¶ ὤ is the same definition as in §2.3.2 

¶ ὢ  is the perpendicular distance from the YZ plane of the remote axes to the point mass [in]  

¶ ὣ  is the perpendicular distance from the XZ plane of the remote axes to the point mass [in]  

¶ ὤ  is the perpendicular distance from the XY plane of the remote axes to the point mass [in]  
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2.3.3. Inertias of the Propulsive Unit 

The total mass of this group is divided by the number of engines installed on the aircraft. This is the mass 

of each individual engine as well as its accessories. 

If the Ὅs of the engine(s) on the aircraft are not known, they can be estimated by making use of a solid 

cylinder. 

The inertial values of the engine, about the remote axes, is given by Equations (99)-(102) for an approximate 

value of Ὅ. If the values of each Ὅ are known Equations (103)-(106) may be used  

╘▫ approximated: 

 

 Ὅ
ὓὙ

ς
ὓ ὣὖ ὤὖ  (99) 

 Ὅ
ὓ

ρς
σὙ ὰ ὓ ὢὖ ὤὖ  (100) 

 Ὅ
ὓ

ρς
σὙ ὰ ὓ ὢὖ ὣὖ  (101) 

 Ὅ ὓ ϽὢὖϽὤὖ (102) 

 

╘▫ known:  

 

 Ὅ Ὅ  ὓ ὢὣ ὤὖ  (103) 

 Ὅ Ὅ ὓ ὢὖ ὤὖ  (104) 

 Ὅ Ὅ ὓ ὢὖ ὣὖ  (105) 

 Ὅ Ὅ ὓ ϽὢὖϽὤὖ (106) 

 

Where: 

¶ ὓ  is the total propulsive group mass divided by the number of engines [lbs]  

¶ Ὑ is the average nacelle radius (for buried engines use the radius of the engine) [in]  
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¶ ὢὖ is the perpendicular distance from the YZ plane of the remote axes to the engine centre of 

gravity [in]  

¶ ὣὖ is the perpendicular distance from the XZ plane of the remote axes to the engine centre of 

gravity [in]  

¶ ὤὖ is the perpendicular distance from the XY plane of the remote axes to the engine centre of 

gravity [in]  

¶ ὍȟὍȟὍ  and Ὅ  are the known inertial values of the propulsive unit 

 

2.3.4. Inertias of Internal Fuel 

The fuel is split into two main groups: 

¶ Wing fuel tanks 

¶ Fuselage fuel tanks 

 

Wing Fuel Tanks 

The internal fuel present in the wings is defined in the same manner as the surfaces because of the wing 

fuel tank being a similar shape to the wing surface. It will be assumed that the wing tank is full and has a 

constant density.  

The Ὅ equations for surfaces (§2.3.1) can be used for the fuel tanks where ” (the density of fuel) is 

substituted for . 

Thus, the inertial values of fuel tanks within the wing are given by Equations (107)-(110). 
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The variables used in Equations (107)-(110) are defined as per §2.3.1, however, the variables are now sized 

for the surface fuel tank instead of the entire surface. 

 

Equation (110) is only relevant if the aircraft has any dihedral. If there is dihedral then Equations (111) and 

(112) should be used in place of Equations (108) and (109) respectively.  

 

 425% ) Ὅ ÃÏÓ— Ὅ ÓÉÎ— (111) 

 425% ) Ὅ ÓÉÎ— Ὅ ÃÏÓ— (112) 

 

Ὅ  is not affected by dihedral. Equations (107)-(112) can be used to calculate the total Ὅ for the total wing 

fuel (both the right and left wing). 

 

Once again, as was the case for surfaces (§2.3.1), the centroid of the fuel tank must be determined. The 

centroid is assumed to be approximately at the centre of volume of the tank. The centroids for the fuel tank 

are given by Equations (113)-(115). 
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 ὤὊς ὣὊρίὭὲ— (115) 

 

The variables used in Equations (113)-(115) are defined as per §2.3.1. The variables were sized for the 

surface fuel tank instead of the entire surface. 

 

The Ὅ inertial values of the fuel tank can now be translated to obtain Ὅ values. This is achieved using 

Equations (116)-(119). 
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 Ὅ  ὍὣὊρ ὓ ὤὊς ὓ ὣὊρ ὣὊς ὓ ὤὊς ὤὊ  (116) 

 Ὅ Ὅ ὓ ὢὊρ ὓ ὤὊς ὓ ὢὊρ ὢὊς ὓ ὤὊς ὤὊ  (117) 

 Ὅ Ὅ ὓ ὢὊρ ὣὊρ ὓ ὢὊρ ὢὊς ὓ ὣὊρ ὣὊς  (118) 

 Ὅ  Ὅ ὓὓ ὢὊρ ὤὊς ὓ ὢὊρ ὢὊς ὤὊς ὤὊ (119) 

 

Where: 

¶ ὓ  is the mass of the fuel in both wing fuel tanks [lbs] 

¶ ὢὊρ is the distance from the wing fuel tank leading edge at the most inboard tank chord to the 

longitudinal tank centre of gravity [in]  

¶ ὢὊς is the perpendicular distance from the YZ plane of the remote axes to the leading edge of the 

wing fuel tank at the most inboard chord 

¶ ὣὊρ is the distance from the wing fuel tank most inboard tank chord to the spanwise tank centre of 

gravity [in]  

¶ ὣὊς is the perpendicular distance from the XZ plane of the remote axes to the leading edge of the 

wing fuel tank at the most inboard chord [in]  

¶ ὤὊ is the perpendicular distance from the XY plane of the remote axes to the wing fuel tank at the 

most inboard chord [in]  

¶ ὤὊς is the perpendicular distance from the XY plane of the win tank root chord to the vertical 

centre of gravity [in] . This variable is only required if the wing has either anhedral or dihedral 

ὣὊρÓÉÎ—  

 

If there is more than one set of fuel tanks present in the wing, the procedure may be repeated for each 

subsequent set of fuel tanks.  

 

Fuselage Fuel Tanks 

The internal fuel within the fuselage is assumed to be in the shape of a solid right cylinder. For the inertial 

calculations it was assumed that the aircraft only undergoes short period rolling motions. The fuel would 

not experience any appreciable lateral motion. The inertia in roll of the fuel about its own axis is therefore 

assumed to be zero. The inertial values of the internal fuel within the fuselage about the remote axes are 

given by Equations (120)-(123). 
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 Ὅ ὓ ὢὤ (123) 

 

Where: 

¶ ὓ  is the mass of fuel in the fuselage [lbs] 

¶ ὰ is the longitudinal length of the fuselage tank [in]  

¶ ὢ  is the perpendicular distance from the YZ plane of the remote axes to the fuselage tank centre 

of gravity [in]  

¶ ὤ  is the perpendicular distance from the ZZ plane of the remote axes to the fuselage tank centre 

of gravity [in]  

 

2.3.5. Inertias of Payload 

The inertial values of the payload are estimated to be in the shape of a solid rectangular mass, or a series of 

masses as was the case for the volumes of mass in the fuselage. The inertial values of payload within the 

fuselage are given by Equations (124)-(127). 
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 Ὅ ὓ ὢ ὤ  (127) 

 

Where: 

¶ ὓ  is the mass of the payload [lbs] 

¶ Ὠ  is the width and height of the rectangular payload mass [in]  

¶ ὰ  is the length of the rectangular payload mass [in]  
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¶ ὢ  is the perpendicular distance from the YZ plane of the remote axes to the centre of gravity of 

the rectangular payload mass [in]  

¶ ὣ  is the perpendicular distance from the XZ plane of the remote axes to the centre of gravity of 

the rectangular payload mass [in]  

¶ ὤ  is the perpendicular distance from the XY plane of the remote axes to the centre of gravity of 

the rectangular payload mass [in]  

 

2.3.6. Total Aircraft Inertias  

To obtain the total inertia of the entire aircraft about the remote axes, all groups are summed together to 

achieve a complete inertia in each inertial direction. To translate the inertial values about the remote axes 

back to the centre of gravity of the aircraft, the centre of gravity location must first be calculated. This can 

be done through the use of Equations (128)-(130). 

 

 ὢ
 ὓὢ

 ὡ
 (128) 

 ὣ π (129) 

 ὤӶ 
 ὓὤ

 ὡ
  (130) 

 

Where ὢ and ὤ are the distances to the item or group centroid. ὣ is assumed to be zero due to symmetry. 

ɫὓ should equal the total aircraft mass. The masses and distances to the remote axes should be known for 

all items and groups except for the fuselage structure longitudinal distances. These distances can be 

determined with Equations (131)-(133). 
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Finally, the translation of the total aircraft inertias from the remote axes to the aircraft centre of gravity can 

be done with the use of Equations (134)-(137). 
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 ὍȢ Ὅ ὓὤӶ (134) 

 ὍȢ Ὅ ὓὤӶ ὢ  (135) 

 ὍȢ Ὅ ὓὤӶ  (136) 

 ὍȢ Ὅ ὓὢὤӶ (137) 
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2.4. Aerodynamics 

2.4.1. Lifting Surfaces Models  

Airfoils are used as lifting surfaces as they provide very high lift to drag ratios when compared to other 

shapes. A large quantity of data on the coefficient of lift, drag and quarter chord pitching moment has been 

complied by I. H. Abbott and A. E Von Doenhoff [62] for NACA (National Advisory Committee for 

Aeronautics) airfoils. This theory and data only applies to relatively small angles of attack (up to 

approximately ςπЈ). For a tumble manoeuvre, post-stall aerodynamic data is required to capture the forces 

acting on the aircraft.  

A method developed by Spera [60] was used to obtain pre-stall and post-stall aerodynamic data for airfoils 

of various camber profiles and for wings with various aspect ratios. The method was developed using an 

empirical approach where test data for a large variety of airfoils was used to model a set of algebraic 

equations. These equations were created using the best fit of the test data rather than aerodynamic theory. 

The reason being that aerodynamic theory and conventional aerodynamic models break down near and after 

stall [60]. Conventional aerodynamic theories do not extend beyond the linear, pre-stall region. Modelling 

post-stall, non-linear data is most simply done empirically, should the relevant resources be available. The 

method developed by Spera [60] was created such that the effects of thickness and aspect ratio were 

included as dependent variables. It should also be noted that the test data acquired was for static testing. 

Dynamic effects were not included.  

The Spera [60] method for obtaining pre-stall and post-stall aerodynamic data is provided in §2.4.1.1 and 

§2.4.1.2 respectively. The method combines two models together, one capturing the pre-stall regime and 

the other the post-stall regime. This is illustrated in Figure 48, where the pre-stall and post-stall models are 

used to predict the aerodynamic coefficients of (a) lift and (b) drag for a NACA 4418 airfoil. The pre-stall 

and post-stall models overlap one another and it is at this point where the two models are joined together. 

Various key model positional points are also outlined in Figure 48. Further discussion on these points is 

outlined in §2.4.1.1 and §2.4.1.2. 
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2.4.1.1. Pre-Stall Coefficients of Lift and Drag  

Reference values of aerodynamic coefficients are usually given for infinite-span airfoils, meaning airfoils 

with no tip flow effects. Data for infinite-span airfoils must be modified before it can be applied to finite-

span wings. This is done on the basis of the aspect ratio ὃὙ. The aspect ratio of an airfoil is defined as 

the ratio of its span length to its representative chord width. For a fixed wing aircraft, wingspan is equal to 

the total aerodynamic length of two wings. In the case of a tapered fixed wing, the representative chord is 

the average chord, so that the aspect ratio of a fixed wing aircraft is equal to its total aerodynamic planform 

area (or reference area) divided by the square of its span. 

Corrections for aspect ratio of finite wing sections must be determined before detailing the development of 

the equations for post-stall coefficients of lift and drag. Input data required from infinite aspect ratio airfoils 

is defined below and is illustrated in Figure 49. Parameters for infinite aspect ratio are designated by prime 

notation. The data presented in Figure 49 was generated using XFOIL software [63], which uses a high-

order panel method and a fully-coupled viscous/inviscid interaction method. The use of this method 

explains the slight undulations seen in Figure 49.  

 

Figure 48: AERODAS model for (a) the coefficient of lift (b) the coefficient of drag 
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¶ ὃπ ï angle of attack for which the pre-stall lift is equal to zero for all aspect ratios [deg] 

¶ ὃὅὒρȭ ï angle of attack at maximum pre-stall lift [deg] 

¶ ὅὒράὥὼȭ ï maximum pre-stall coefficient of lift  at ‌  ὃὅὒρȭ [-] 

¶ Ὓρȭ ï slope of linear segment of pre-stall lift curve [deg-1]   

¶ ὅὈπ ï minimum coefficient of drag at ‌  ὃπ for all aspect ratios [-] 

¶ ὃὅὈρȭ ï angle of attack at maximum pre-stall drag [deg] 

¶ ὅὈράὥὼȭ ï maximum pre-stall coefficient of drag at ‌  ὃὅὈρȭ [-] 

 

 

 

 

 

 

Figure 49: Pre-stall coefficient of lift ὅ  and drag ὅ  definitions for an infinite aspect ratio airfoil 
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The formulae to correct for aspect ratio, provided by Spera [60], are given by Equations (138) to (144): 

 

 ‌ ‌ ρψȢςὅὒρϽὃὙ Ȣ 

 
(138) 

 ὅὈρ ὅὈρ πȢςψὅὒρ ϽὃὙ Ȣ 

 
(139) 

 ὃὅὒρ ὃὅὒρ ρψȢςὅὒρ ϽὃὙ Ȣ 

 
(140) 

 
Ὓρ

Ὓρ

ρ ρψȢςὛρϽὃὙ Ȣ
 

 

(141) 

 ὃὅὈρ ὃὅὈρ ρψȢςὅὒρ ϽὃὙ Ȣ 

 
(142) 

 ὅὈρ ὅὈρ πȢςψπὅὈρ Ͻ ὃὙ Ȣ 

 
(143) 

 
ὅὒρ ὅὒρ πȢφχπȢσσὩ  

(144) 

 

Where:  

¶ ὅὒρȭ - pre-stall coefficient of lift  for infinite aspect ratio [-] 

¶ ‌ᴂ - angle of attack for infinite aspect ratio for a coefficient of lift  of ὅὒρȭ [deg] 

¶ ὅὈρȭ - pre-stall coefficient of drag for infinite aspect ratio at a coefficient of lift  of ὅὒρȭ [-] 

 

The effects of aspect ratio on the coefficient of lift and coefficient of drag are illustrated by examples in 

Figure 50. These figures were produced by making use of Equations (138) to (144). 

Pre-Stall Lift  and Drag 

With the corrections for aspect ratio accounted for, the equations for the pre-stall lift and drag coefficients 

can be developed. All equations pertaining to the coefficients of lift and drag can be found in Table 16 and 

Table 17 respectively. The coefficient of lift in the pre-stall regime can be determined using Equations 

(145) and (146). The coefficient of drag in the pre-stall regime is given by Equations (158) and (159). 

Additional values are required to determine the coefficient of lift and drag in the pre-stall regime are: 

¶ RCL1 - the reduction from the extension of the linear segment of the lift curve to CL1max and is given 

by Equation (147) 

¶ N1 - the exponent defining the shape of the lift curve at ACL1max and is given by equation (148) 
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¶ M - an exponent that can be determined by curve fitting equation (158) to test data in a graph of the 

lift to drag ratio versus the angle of attack. A value of M=2 can be used as a good first approximation 

for most airfoils in the absence of specific data.  

 

 

2.4.1.2. Post-Stall Coefficients of Lift and Drag  

To determine the coefficients of lift and drag in the post-stall regime, the maximum post-stall coefficient 

of lift ὅὒςάὥὼ and coefficient of drag ὅὈςάὥὼ must first be defined. These two maximums are given 

by Equations (149) and (160) respectively. Terms ὊρȟὋρ are empirical functions based on the thickness-

to-chord ratio ὸȾὧ and are given by Equations (150) and (161) respectively. Terms ὊςȟὋς are empirical 

functions based on aspect ratio ὃὙ and are given by Equations (151) and (162) respectively. The empirical 

functions were developed to give the best fit of the model calculations to two different types of test data, 

which included several sources. These sources are given on page 13 in Spera [60]. 

Figure 50: Effects of aspect ratio on the pre-stall coefficient of lift ὅ  and drag ὅ  
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Post-Stall Lift  

Using the coefficient of maximum lift given by Equation (149), the coefficient of lift in the post-stall regime 

can be defined using Equations (152), (153) and (154). 

Additional values are required to determine the coefficient of lift in the post-stall regime are: 

¶ RCL2 - the reduction from the extension of the linear segment of the lift curve to CL2max and is 

given by equation (155). 

¶ N2 - the exponent defining the shape of the lift curve at CL2max and is given by equation (156). 

Post-stall lift behavior at negative angles of attack is assumed (by Spera [60]) to be anti-symmetric about 

‌ ὃπ, such that the post stall lift at negative angles of attack is defined by Equation (157). 

 

Post-Stall Drag 

The coefficient of drag in the post-stall regime can be defined using Equations (163) and (164), using the 

coefficient of maximum drag from Equation (160). At negative angles of attack, the post-stall coefficient 

of drag is assumed (by Spera [60]) to be symmetrical about ‌ ὃπ and is given by Equation (165). 
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Table 16: Equations for calculating the coefficient of lift of a lifting body at all ‌ angles [60] 

 

 

Region Equation Region of Applicability 
Equation 

No. 
Notes 

Pre-Stall 

ὅὒρ ὛρϽ‌ ὃπ Ὑὅὒρ
‌ ὃπ

ὃὅὒρ ὃπ
 ‌ ὃπ (145)  

ὅὒρ ὛρϽ‌ ὃπ Ὑὅὒρ
ὃπ ‌

ὃὅὒρ ὃπ
 ‌ ὃπ (146)  

Ὑὅὒρ ὛρϽὃὅὒρ ὃπ ὅὒρ   (147)  

ὔρ ρ
ὅὒρ

Ὑὅὒρ
  (148)  

Post-

Stall 

ὅὒςάὥὼὊρὸȾὧϽὊςὃὙ ‌ τρЈ (149) 
The ‌ value at which ὅὒςάὥὼ occurs may be 

changed depending on the airfoil 

Ὂρ ρȢρωπρȢπ ὸȾὧ   (150) 
Empirical function based on thickness to chord ratio 

ὸȾὧ 

Ὂς πȢφυπȢσυὩὼὴωȾὃὙȢ   (151) Empirical function based on aspect ratioὃὙ 
ὅὒς π π ‌ ὃὅὒρ (152)  

ὅὒς πȢπσςϽ‌ ως Ὑὅὒς
ως‌

ωςὃὅὒς
 ὃὅὒρ  ‌ ωςЈ (153)  

ὅὒς πȢπσςϽ‌ ως Ὑὅὒς
‌ ως

ωςὃὅὒς
 ‌ ωςЈ (154)  

Ὑὅὒς πȢπσςὃὅὒς ως ὅὒςάὥὼ  (155)  

ὔς ρ
ὅὒςάὥὼ

Ὑὅὒς
  (156)  

ὅὒς‌ ὅὒς ‌ ςὃπ ‌ πЈ (157)  
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Table 17: Equations for calculating the coefficient of drag of a lifting body at all ‌ angles [60] 

Region Equation Use limits 
Equation 

No. 
Notes 

Pre-Stall 

ὅὈρ ὅὈπ ὅὈρ ὅὈπ
‌ ὃπ

ὃὅὈρ ὃπ
 ςὃπ ὃὅὈρ ‌ ὃὅὈρ (158) 

M is an exponent that can be determined 

by curve fitting equation (158) to test 

data in a graph of the lift to drag ratio 

versus the angle of attack. A value of 

M=2 can be used as a good first 

approximation for most airfoils in the 

absence of specific data. 

ὅὈρ π 
‌ ςὃπ ὃὅὈρ or  

‌ ὃὅὈρ 
(159)  

Post-

Stall 

ὅὈςάὥὼὋρὸȾὧϽὋςὃὙ ‌ ωπЈ (160)  

Ὃρ ςȢσπὩὼὴπȢφυὸȾὧ Ȣ   (161) 
Empirical function based on thickness 

to chord ratio ὸȾὧ 

Ὃς πȢυςπȢτψὩὼὴφȢυȾὃὙȢ   (162) 
Empirical function based on aspect 

ratioὃὙ 

ὅὈς π 
ςὃπ ὃὅὈρ ‌ ὃὅὈρ 

 
(163)  

ὅὈς ὅὈράὥὼ ὅὈςάὥὼὅὈράὥὼίὭὲ
‌ ὃὅὈρ

ωπὃὅὈρ
Ͻωπ ‌ ὃὅὈρ (164)  

ὅὈς‌ ὅὈς ‌ ςὃπ ɻ  ςὃπ ὃὅὈρ (165)  

 

 



105 

 

2.4.1.3. Coefficient of Lift and Drag Corrections for Elevator Deflection 

The method developed by Spera [60] assumes that no control surfaces are deflected on the wing. During a 

tumble manoeuvre elevator deflection is required to pitch the aircraft. Corrections to the coefficients of lift 

and drag for elevator deflections can be performed using Equations (166) and (167) respectively [64].  

 

 
ɝὅ ὥ‏ ὥ‏

ὦ

ὦ
 

 

(166) 

 
ɝὅ ρȢρÓÉÎ‌

Ὓ

Ὓ
 

 

(167) 

 

Where: 

¶ ὥ is the lift curve slope of the elevator [deg-1] 

 is the deflection angle of the elevator [deg] ‏ ¶

¶ ὥ is the lift curve slope of the trim tab [deg-1]  

‏ ¶  is the deflection angle of the tab [deg] 

¶ ὦ  is the span of the tab [m] 

¶ ὦ is the span of the horizontal tail [m] 

¶ ‌ is the angle of attack of the horizontal tail [deg] 

¶ Ὓ is the area of the elevator [m2] 

¶ Ὓ  is the horizontal tail reference area [m2] 

 

In addition to the corrections made for elevator deflection, the coefficients of lift , drag and quarter chord 

coefficient of pitching moment can be corrected for the aspect ratio of the horizontal tail. This can be 

achieved with the use of Equations (168), (169) and (170) , obtained from Selig [39].  

 

 ὅ ὅρ ύρ Ὧὅ  

 
(168) 

 ὅ ὅ ρ ύρ Ὧὅ  

 

(169) 

 ὅ
Ⱦ

ὅ
Ⱦ
ρ ύρ Ὧὅ  

 

(170) 
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Where: 

¶ ύ is a cosine weighting function and is expressed by Equation (172) 

¶ Ὧὅ is a scaling factor and is provided by Equation (171) 

 

 Ὧὅ ὅ ȾςȢς 

 
(171) 

 

 
ύ ÃÏÓ“

‌ ‌

‌ ‌

“

ς
 

 

(172) 

 

The term ὅ  in Equation (171) is a modification to the coefficient of drag at ‌ ωπЈ, accounting for 

aspect ratio and can be obtained through the use of Equation (173). ‌  and ‌  define the angle of attack 

range over which the correction applies, tapering to zero at the ends.  

 

 ὅ ςȢςρ πȢτρρ ÅØÐρχȾὃὙ  

 
(173) 

 

While these corrections are based on the ωπЈ coefficient of drag value they are applicable to the coefficient 

of lift as the relationship ὅȾὅ ρȾὸὥὲ‌ holds true at all angles of attack (see Ref [65]). The moment in 

the post-stall regime is driven largely by the drag acting on the υπϷ chord location (the centre of pressure) 

and is also applicable to the coefficient of moment.  

 

2.4.1.4. Coefficient of Quarter Chord Pitching Moment 

The centre of pressure is the point on a body about which the aerodynamic moment is zero. The coefficients 

of lift and drag described are calculated at the aerodynamic centre of the airfoil, which is the chordwise 

position at which the coefficient of pitching moment for an airfoil does not vary with varying lift (in the 

pre-stall regime). For low thickness, symmetrical profiles the aerodynamic centre and centre of pressure 

are located at the same chordwise position. For thicker symmetrical sections and unsymmetrical airfoils, 

the aerodynamic centre and centre of pressure do not coincide. An additional moment will be required to 

obtain the total moment acting on the wing. The additional moment term will be determined at the quarter 

chord position on the chord of the airfoil.  
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Spera [60] does not provide a method for determining the coefficient of quarter chord pitching moment and 

as such another reference should be used. Lindenburg [66] provides a somewhat crude method of obtaining 

the coefficient of quarter chord pitching moment by assuming that the airfoil is approximately elliptical in 

shape. The coefficient of quarter chord pitching moment developed by Lindenburg [66] is given by 

Equation (174). 

 

 
ὅ πȢςυπȢρχυρ

‌

ωπ
ὅ 

 

(174) 

 

ὅ is the coefficient of normal force of the wing. The coefficient of normal force can be obtained using the 

coefficients of lift and drag, as shown by Equation (175) 

 

 ὅ ὅÃÏÓ‌ ὅÓÉÎ‌ 

 
(175) 

 

The moment coefficient for reversed flow is calculated as if the lift and drag forces act at the χψϷ chord 

location, meaning that the coefficient of quarter chord pitching moment is anti-symmetric about ‌ ὃπ.
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2.4.2. Fuselage 

An engineering-type method was developed by Jorgensen [42] for computing the coefficients of 

normal-force, axial force and pitching moment for slender bodies of circular and noncircular cross-

sectionsm, alone and with lifting surfaces. The method incorporates a semi-empirical term that 

represents a viscous crossflow value accounting for the potential-theory crossflow. For bodies of 

revolution the data generated by Jorgensen [42] was shown to agree with measured results for free-

stream Mach numbers from 0.6 to 2.9. While these Mach numbers fall well outside the range of free-

stream velocities seen during a tumble manoeuvre the method may be applied for any free-stream 

velocity in the range of π ὓ ςȢω. The validation of this claim is justified by considering Selig [67] 

and Pamadi [41]. The method developed by Jorgensen [42] was used to develop data for the coefficients 

of normal force, axial force and pitching moment (and subsequently the coefficients of lift and drag), 

for general aviation aircraft.  

The data generated by Selig [67] was compared to static test data generated by Bihrle [68] for a general 

aviation aircraft. Both the generated coefficients and test data coefficients can be used for general 

aviation aircraft at low speeds below those presented by Jorgensen [42]. The coefficients of normal and 

axial force were used by Selig [67] to calculate the coefficients of lift and drag. Comparisons of the data 

generated by Selig [67] and the static test results of Bihrle [68] are provided in Figure 51, Figure 52 and 

Figure 53 for the coefficients of lift, drag and pitching moment respectively.  

It is evident in Figure 51 and Figure 52 that the calculated coefficients of lift and drag agree with the 

wind tunnel results at lower angles of attack ‌ ςπЈ. The results deviate at higher angles of attack, 

when compared to the data predicted by Selig [67]. The coefficients of lift and drag are both 

underpredicted. The coefficient of pitching moment results for the fuselage provided by Selig [67] did 

not match the wind tunnels results. The notable differences in results may have been due to an 

ambiguous definition of the location of the coefficient of pitching moment given by Bihrle [68]. The 

location may not have been at the centre of gravity of the model that was assumed by Selig [67]. 

Measurements obtained by Pamadi [41] indicated that the shape of the coefficient pitching moment 

follows a very similar shape to that obtained by Selig [67] and the results published by Jorgensen [42]. 
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Figure 51: Fuselage coefficient of lift comparison between Selig [66] and Bihrle 

[67] at 2 σȢτυρπͮφ, [67] 

Figure 52: Fuselage coefficient of drag comparison between Selig [66] and Bihrle 

[67] at 2=3.45×10^6, [67] 
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Results comparing predicted data and wind tunnel results from Pamadi [41] are provided in Figure 54 

for the coefficients of lift, drag and pitching moment. The predicted values for the coefficient of lift 

provided in Figure 54 illustrate good correlation with experimental data for low angles of attack 

‌ ςπЈ and very high angles of attack ‌ χπЈ. For ςπЈ‌ χπЈ there appears to be an 

overprediction in the calculated coefficient of lift when compared to the measured data. The coefficient 

of drag, shown in Figure 54 shows good agreement with static test data up to high angles ‌ φπЈ. 

The calculated data overpredicts the coefficient of drag. The prediction of the coefficient of pitching 

moment given in Figure 54 captures the basic stability trend of the test data. Static instability is evident 

up until ‌ σπЈ and subsequent stability thereafter. Differences in magnitudes are noted. The 

coefficient of pitching moment is overpredicted. This is to be expected as the coefficients of lift and 

drag were overpredicted.  

Despite the overpredictions of both Selig [67] and Pamadi [41], the data is within an acceptable range 

of agreement with test data. The Jorgensen method [42] provides acceptably accurate data for the 

estimation of fuselage aerodynamic coefficients, even at lower free-stream velocities. With the absence 

of any better prediction models and the inability to perform wind tunnel testing, the Jorgensen method 

[42] will be used to estimate the coefficients of the Extra 330 fuselage. 

  

Figure 53: Fuselage coefficient of pitching moment comparison between Selig 

[65] and Bihrle [66] at 2=3.45×10^6, [67] 
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The equations developed by Jorgensen built on work developed by Allen and Munk and incorporated a 

potential-flow solution for bodies of revolution combined with a viscous crossflow solution. These 

solutions could be used to derive the coefficient of normal force and pitching moment for bodies of 

revolution with largely constant cross-sectional area. Jorgensen [42] further generalised these equations 

by introducing an additional ratio term in both the potential and viscous crossflow components. The 

ratio relates the local coefficient of normal force per unit length (for the desired cross-sectional shape) 

to the similar coefficient of normal force for the equivalent circular shape having the same cross-

sectional area.  

For the general case of a slender body, with cross-sectional shape variation along the length, the 

coefficients of normal force, axial force and pitching moment can be obtained from Equations (176), 

(177) and (178) respectively.  

 

 

ὅ
ίὭὲς‌ÃÏÓ‌Ⱦς

ὃ

ὅ

ὅ

Ὠὃ

Ὠὼ
Ὠὼ

ς–ὅ ÓÉÎ‌

ὃ

ὅ

ὅ
ὶὨὼ  

 

(176) 

Figure 54: Fuselage coefficient of lift, drag and pitching moment comparisons between predicted and 

wind tunnel data for Pamadi [41] at 2 πȢςψψρπͮφ 
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Where:  

¶ ‌ is the angle of attack [deg] 

¶ ὃ is the reference area [m2] (in the formulation of these equations the reference area was 

typically taken as the largest fuselage cross-sectional area) 

¶ ὅ  is the cross-flow drag coefficient [-] 

¶ – is the drag proportionality factor (which accounts for 3 dimensional effects) [-] 

¶ ὃ is the fuselage area [m2] 

¶  is the ratio of the local normal-force coefficient per unit length, ὅ, for the desired 

cross-sectional shape to the similar coefficient ὅ  for the equivalent circular shape having the 

same cross-sectional area [-]. This value, for an elliptical cross-section, can be obtained using 

the slender body line provided in Figure 55. Where ὥ and ὦ are the semi-major and semi-minor 

lengths, respectively. 

¶  is the ratio of ὅ to ὅ  at each station ὼ, and is assumed to be given by Newtonian 

impact theory [-]. This value, for an elliptical cross-section, can be obtained using the 

Newtonian impact theory line provided in Figure 55. Where ὥ and ὦ are the semi-major and 

semi-minor lengths, respectively. 

 

 
#

ὅ ЈÃÏÓ‌ πЈ‌ ωπЈ

ὅ ЈÃÏÓ‌ ωπ ‌ ρψπЈ
  

 

(177) 

 

Where: 

¶ ὅ Ј is the coefficient of axial force at ‌ πЈ [-] 

¶ ὅ Ј is the coefficient of axial force at ‌ ρψπЈ [-] 

 

The ÃÏÓ‌ term is merely the ratio of the dynamic pressure in the axial direction to the dynamic 

pressure in the free-stream direction. Jorgensen [42] suggests that in general, it can be shown that for 

values of ‌ well removed from ‌ πЈ and ‌ ρψπЈ the precise prediction of the coefficient of axial 

force is not necessary in obtaining accurate values of both the coefficients of lift and drag. Equation 

(177) can be used as a rough engineering estimate for the coefficient of axial force.  

 



113 

 

 
#

ίὭὲς‌ÃÏÓ‌Ⱦς

ὃὢ

ὅ

ὅ

Ὠὃ

Ὠὼ
ὼ ὼὨὼ

ς–ὅ ÓÉÎ‌

ὃὢ

ὅ

ὅ
ὶὼ ὼὨὼ  

 

(178) 

 

Where: 

¶ ὢ is the reference length [m] 

¶ ὼ  is the axial distance from the nose to the pitching moment centre (the centre of gravity in 

this case) [m] 
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The coefficients of lift and drag of the fuselage can be obtained using the coefficients of normal and 

axial force. The coefficient of lift is provided by Equation (179), while the coefficient of drag can be 

obtained using Equation (180). 

 

 ὅ ὅ ÃÏÓ‌ ὅÓÉÎ‌  
 

(179) 

 ὅ ὅ ÓÉÎ‌ ὅÃÏÓ‌  
 

(180) 

 

The aerodynamic centre on the fuselage body can be obtained using Equation (181). Figure 56 

illustrated the positive conventions for forces and moment arms in the derivation of Equation (181). 

 

 ὰ ὼ
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(181) 

 

 

‌ 

ὅ  

Figure 56: Fuselage positive force and moment convention used by Jorgensen [42] 



115 

 

2.4.3. Propeller  

2.4.3.1. Propeller Thrust 

Aerobatic aircraft are generally power by internal combustion engines which turn propellers to generate 

thrust. The propeller thrust can be obtained using Equation (182) and can be found in reference [69]. It 

should be noted that Equation (182) is applicable for finite airspeeds and cannot be used to accurately 

predict the static thrust.  

 

 
Ὕ
–ὖ

ὠ
 

 

(182) 

 

Where: 

¶ – is the propeller efficiency [-] 

¶ ὖ is the power [horsepower] 

¶ ὠ is the airspeed [m/s] 

Propeller diagrams can be used to determine the efficiency of a propeller. The coefficient of power ὅ  

and advance ratio ὐ are required to determine the propeller efficiency – . The coefficient of power 

may be obtained using Equation (183) while the advance ratio can be calculated using Equation (184). 
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(183) 
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(184) 

 

Where: 

¶ Ὄὖ is the engine power [horsepower] 

¶ ”„ is the density correction for altitude [kg/m3] 

¶ ὲ is the propeller rotational speed [rps] 

¶ Ὀ is the diameter of the propeller [m] 

¶ ὠ is the free stream velocity [m/s] 
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Equation (182) can be used to determine the propeller thrust for in flight conditions. To determine the 

static thrust of a propeller Equation (185), presented by Roskam [70] ,can be used.  

 

 
Ὕ σσπππ

ὅ

ὅ

ὛὌὖ

ὔὈ
 

(185) 

 

Where: 

¶ ὛὌὖ is the shaft horsepower [horsepower] 

¶  is a ratio of the propeller coefficient of thrust to the coefficient of power (the value of this 

ratio is obtained using static propeller charts) [-] 

¶ ὔ is the rotational velocity of the propeller [RPM] 

¶ Ὀ is the propeller diameter [ft]  

It is important to note that the propeller diameter must be used in units of ft, as the constant value 

σσπππ in Equation (185) has been determined for the use of imperial units. The propeller charts 

required for determining the value of  can be obtained in Appendix C of Roskam [70]. An example 

is illustrated in Figure 57. It should be noted that this is a generic chart and is not specific to the Extra 

Figure 57: Hamilton standard propeller efficiency chart for a 3 bladed propeller with an 

activity factor of 100 and an integrated design ὅ of 0.7 
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330SC. The chart is, however, still applicable in predicting the static thrust for the Extra 330SC. 

Propeller charts for the Extra 330SC aircraft are not available in the public domain.  

 

2.4.3.2. Coefficient of Normal Force and Pitching Moment  

There is an absence of accurate numerical model for predicting the coefficients for a propeller at high 

angles of attack and very low advance ratios. The coefficient data provided by Yaggy [44] will be used 

as the propeller input data for the Extra 330 propeller using modified advance ratios. The forces and 

moments of the Extra 330 propeller can be obtained by substituting the propeller diameter Ὀ  and the 

operating revolutions per second ὲ of the Extra 330 propeller into Equations (186) and (187) to obtain 

the normal force and pitching moment, respectively. The propeller thrust and power need not be 

obtained using the data from Yaggy [44] as it was shown in §1.3.4.4 that the thrust coefficient and 

power coefficient (at the given advance ratio) remain almost constant for changes in angle of attack (for 

the angles of attack expected during a tumble manoeuvre). The side force and torque will not be 

included as this dissertation is limited to longitudinal forces and moments only. The yawing moments 

are assumed negligible in the absence of any sideslip.  

 

 ὔ ὅ”„ὲὈ  

 
(186) 

 ὓ  ὅ”„ὲὈ  

 
(187) 

 

2.4.3.3. Propeller Slipstream 

A formulation for the propeller slipstream is developed by Roskam [70]. In generating an expression 

for the propeller slipstream, a number of assumptions were made by Roskam. The flow through the 

propeller disk was assumed to be incompressible and irrotational. The physical propeller disk was 

replaced by a thin ñactuator disk,ò that was assumed to consist of an infinite number of blades and to 

be uniformly loaded. The inflow and outflow were also assumed to be uniform. Figure 58 illustrates 

this idealised situation. Using these assumptions and the situation depicted in Figure 58 Roskam arrived 

at an expression for the induced velocity or propeller slipstream, shown by Equation (188). 
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Where: 

¶ ὠ is the flight velocity [m/s] 

¶ Ὕ is the thrust [N]  

¶ ὃ is the propeller disk area [m2] 

¶ ” is the air density [kg/m3] 

 

Equation (188) may be used to obtain the propeller slipstream velocity downstream of the propeller 

disc. It will be assumed that the horizontal tail is sufficiently close to the propeller for the slipstream 

velocity to not have decayed by a significant amount.  
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Figure 58: Streamtube through a thin propeller disk [70] 
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3. REVIEW OF TECHNICAL INPUT DATA  

3.1. Introduction  

The input data that was generated for modelling the tumble model is discussed in this section. A 

comparison to published data is also presented for each set of input data as a means of validation. Test 

data for the tumble manoeuvre is not available within the public domain.  

Mass estimations for the Extra 330SC structure are presented. Inerital data was generated using the 

mass data.  The overall mass and centre of gravity locations were compared to data presented in the 

Extra 330SC Pilot Operating Handbook (POH) [13] as a means of validating the mass estimates. The 

inertial data was compared to the values presented in Figure 40 in §1.3.6.  

Aerodynamic coefficients of lift and drag together with quarter chord coefficients of pitching moment 

were generated for an infinite aspect ratio. This data was compared to NASA test data provided by 

Critzos [38]. Considerations for propeller slipstream were considered by dividing the wing into an inner 

wing section (exposed to the propeller slipstream) and an outer wing section (exposed to the free-

stream). Corrections were made to the inner and outer wing sections for aspect ratio and propeller 

slipstream effects.  

Fuselage aerodynamic coefficients of lift, drag and pitching moment were generated. The data was 

compared to data published by Pamadi [41].  

Horizontal stabiliser coefficients of lift and drag along with the quarter chord coefficient of pitching 

moment were generated. Corrections for aspect ratio and elevator deflection were applied to the 

coefficients.  

Propeller thrust and slipstream data was generated for the Extra 330SC engine and propeller 

specifications as provided by the POH [13]. The coefficient of normal force of the propeller was 

obtained by utilising data provided by Yaggy [44]. 

3.2. Mass and Inertia Data 

3.2.1. Mass Data 

Mass estimations were calculated using the methodologies outlined in §2.2. Where possible, data 

provided by Extra Aircraft Company for the Extra 330SC was used in place of estimated data, as this 

reduced the uncertainty. A great deal of mass data pertaining to the powerplant and the fixed equipment 

onboard the aircraft is provided by the Extra Aircraft Company in the POH [13]. The mass group for 

which little to no information was available was the structural group. As such, mass estimates of the 

relevant components contained within the structural group are provided in Table 18. For each 

component within the structural group, an average of the three methodologies was taken. Mass estimates 

that provided results that were thought to be an overestimation or an underestimation were omitted. The 
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result from the Nicolai mass estimation method for the fuselage is also presented in Table 18. While 

most variables require no further explanation, one item which warrants further discussion is the 

fuselage. The length of the fuselage required for mass estimates was specified as τȢυυ m, which is some 

way off the φȢψψ m aircraft length specified in Table 3. While the rear end of the aircraft is evidently 

allocated to the vertical stabiliser, an indiscernible loss in length of the fuselage section is at the very 

front of the aircraft. The fuselage structure does not end at the front of the aircraft as the body work 

may suggest but rather ρȢχφ m behind the frontmost point of the aircraft. This is due to the engine 

(and relevant systems) taking up the space at the front of the aircraft. This is clearly seen in Figure 59 

and Figure 60. In Figure 59, with the front bodywork removed, it is evident that the fuselage structure 

does not extend further than the engine mounting point. This point is further emphasized in Figure 60 

where the exposed fuselage structure (obtained from the Extra 330SC maintenance manual [71]) is 

illustrated. It is clear that the structure does not extend the complete length of the airframe, but rather 

terminates slightly forward of the wing main spar. As such, the fuselage structure will have an effective 

length of τȢυυ m. The mass of the ónacelleô section will be treated such that it acts at the very front of 

the fuselage sections and will be assumed to incorporate the mounting structure to the engine along with 

all affiliated parts. To account for fuselage body panels and additional components affiliated with the 

mounting of the engine, the frontmost section of the fuselage will be extended towards the front of the 

aircraft by an additional πȢςσ  m ( ρȾτ the length of the section in front of the fuselage tubular 

structure). This will increase the effective fuselage structural length to τȢχψ m in total. 

 

Table 18: Structural group mass estimations 

Component Subcomponent 
Method Calculated Mass [kg] 

Notes 
Cessna USAF Torenbeek Other Average 

Wing  113.14 88.81 73.49  91.82  

Empennage 
Horizontal Tail 

22.43 
17.09 

25.44 
 

24.95 
 

Vertical Tail 7.37   

Fuselage   66.88 82.96 74.59 74.81 

Nicolai 

method 

presented as 

alternative 

Nacelle  20.88 20.13   20.5  

Landing 

Gear 

Main Gear  
26.68 

  
26.68 

 

Nose/Tail Gear     

[72] [71]  
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Figure 59: Extra 330SC exposed engine (installed on airframe) [72] 

Figure 60: Extra 330SC steel tubular fuselage [71] 

Wing spar mounting point 
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The mass estimations for the wing are markedly different from one another. The Cessna method 

estimates ρυ kg more for the wing mass than the USAF method. The USAF estimates a wing mass of 

ρυ kg more than the Torenbeek method. The methods all utilise different inputs to generate the mass 

estimates and it may not be completely unexpected that the various methods provide different results 

given that the wing was designed specifically for aerobatic flight. Aerobatic aircraft wings are generally 

shorter than most general aviation aircraft, experience far higher loads and experience higher loads far 

more frequently. Wing mass data presented in Figure 41 was normalised with respect to the wing 

reference area to obtain a better understand of the expected wing mass. The wing mass per unit of 

reference area ὓ ȾὛ  for various general aviation aircraft is provided in Figure 61. The first seven 

aircraft listed in Figure 61 show a wing mass per unit of reference area of between φȢυ kg/m2 and 

χ kg/m2, with the last three providing much higher values of between ωȢυ kg/m2 and ρπȢυ kg/m2. It was 

expected that the Extra 330SC should have a wing mass per unit of reference area closer to the last three 

aircraft presented in Figure 61 as these aircraft have a wing loading similar to that of the Extra 330SC. 

The Extra 330SC was expected to have a wing mass per unit of reference area of between ωȢυ kg/m2 

and ρπȢυ kg/m2 and possibly higher due to the loads aerobatic aircraft wings are exposed to. The 

Torenbeek method provides an optimistic ὓ ȾὛ  of χȢτω kg/m2. The Cessna and Torenbeek methods 

provide values of ὓ ȾὛ ρρȢυσ kg/m2 and ὓ ȾὛ ωȢπυ kg/m2 respectively. Taking an average 

of the mass estimates provides a mass of ωρȢψς kg and ὓ ȾὛ ωȢσφ kg/m2. This value compares 

well with published data. A wing mass of ωρȢψς kg was used.  

The mass estimates for the empennage and nacelle were approximately identical for the various 

methods. The fuselage mass estimates illustrate a similar issue to that of the wing mass estimates. An 

average of the fuselage masses was used, with a similar argument to that of the wing driving this 

decision. 
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The published empty mass of the Extra 330SC is υωπ kg [13]. A summation of the estimated structural 

mass components with all available mass data (including all avionics, engine and affiliated components, 

sensors, etc) provided a mass of υυτȢυ kg. Given that the published mass data is completely known, the 

only discrepancy possible was the structural component mass estimations. It was found that an increase 

of ρυϷ of the mass of the wing, fuselage and empennage groups provided a very close approximation 

of the empty mass at υψψȢσ kg. The landing gear mass was not increased as the landing loads were not 

expected to be any higher than conventional general aviation aircraft. The increases in structural mass 

for the various components can be seen in Table 19. The results see the wing mass increase to ὓ

ρπυȢυω kg and increasing ὓ ȾὛ ρπȢχφ kg/m2, which is on the higher end of the published data.  

A comparison of the Extra 330SC structural masses is presented in Figure 62, together with the 

structural component masses from Figure 41. It is evident that the structure of Extra 330SC is lighter 

than the other general aviation aircraft presented. This is to be expected as the Extra 330SC has a short 

wingspan and length, with a shorter landing gear. Two very noticeably lighter areas are the fuselage 

and landing gear. The gear is expected to be far light given that the Extra 3330SC is a tail dragger and 

has a very small rear gear set when compared to the other aircraft presented. The main gear is also 

significantly different in design to the other aircraft presented. It comprises of a fibreglass spring as  
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Figure 61: Mass per unit of wing area of various general aviation single engine propeller driven aircraft 
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Table 19: Structural component mass estimate corrections 

Component 
Original Mass 

Estimate [kg] 

Additional Mass 

( Ϸ Original 

Mass) [kg]  

New Component Mass 

[kg]  

Wing 91.82 13.77 105.59 

Horizontal Tail 17.09 1.11 8.48 

Vertical Tail 7.37 4.58 21.67 

Fuselage and 

Nacelle 
95.31 14.3 109.61 

 211.59 33.76 245.35 

 

compared to a full suspension design for all other aircraft provided. The lighter gear may also be due to 

the experience levels required to fly aerobatic type aircraft. Generally aerobatic aircraft are flown by 

more skilled and experienced pilots that are capable of precision flying. This means that lighter and 

shorter gear may be used as landings are expected to be accurate. The fuselage mass deficit of the Extra 

330SC when compared to the other listed aircraft is also not completely unexpected as the Extra 330SC 

seats a single occupant, whereas the other aircraft provided seat between 2 and 4 occupants. Being an 

aerobatic aircraft, the Extra 330SC is also not expected to carry any additional mass such as baggage, 

whereas the other aircraft are. Some listed aircraft have a high-wing configuration, meaning that the 

fuselage structure will need to be stronger and heavier in the case of a roll over, further increasing the 

fuselage mass. 

A more informative comparation of the various mass components can be done by finding the ratio of 

each component mass to the overall structural mass. This is illustrated in Figure 63. The ratios of the 

wing and empennage mass to the overall structural mass seems to be fairly consistent across all aircraft 

illustrated in Figure 63 (including the Extra 330SC). The exception is the Beech S-35 where it is likely 

that part of the fuselage group was included in the wing structure of the Beech S-35 since wing carry-

through given that the fuselage group of the Beech S-35 is far less than any other aircraft provided. The 

fuselage of the Extra 330SC seems to show a smaller ratio of the overall mass than any other aircraft 

shown (excluding the Beech S-35 for the previously stated reasons). Once again this is to be expected 

given the passenger number and cargo requirements of the fuselage. The nacelle group ratio shows the 

Extra 330SC with a far greater portion than the other aircraft provided. This can be justified as aerobatic 

aircraft have far more powerful engines than most general aviation aircraft and thus require stronger 

and heavier mounting structure.  

 



125 

 

 

0

50

100

150

200

250

300

350

400

450

500

M
a

s
s
 [
k
g
]

Landing Gear Group

Nacelle Group

Fuelage Group

Empennage group

Wing Group

Figure 62: Comparison of structural component masses for various general aviation single engine 

propeller driven aircraft and the Extra 330SC 

0.0

0.1

0.2

0.3

0.4

0.5

0.6

0.7

0.8

0.9

1.0

C
o

m
p

o
n

e
n

t 
m

a
s
s
 c

o
m

p
a

re
d

 t
o

 o
v
e

ra
ll 

s
tr

u
c
tu

ra
l 
m

a
s
s
 

[-
]

Landing Gear Group

Nacelle Group

Fuelage Group

Empennage group

Wing Group

Figure 63: Comparison of structural component mass ratios for various general aviation single engine 

propeller driven aircraft and the Extra330SC 



126 

 

Further justification of the mass estimates of the Extra 330SC is provided in Figure 64, where the mass 

per unit length is provided and the mass per unit of wingspan (width) is provided. The Extra 330SC is 

seen to have a mass per unit length close to the lower end of the values illustrated for the given 

generation aviation aircraft. The mass per unit length falls within the range of values. This illustrates 

that the structural mass per unit of length of the aircraft is within reason. The mass per unit length of 

the Rockwell 112TCA and Cessna 210J are likely higher than the other aircraft provided due to both 

aircraft having a much larger and heavier engine than the other aircraft listed. The mass per unit 

wingspan shows the Extra 330SC tending towards the higher values presented for the given general 

aviation aircraft. The value obtained for the aerobatic Extra 330SC is well within the range of values 

and is likely correctly placed towards the upper end of the values presented. Despite the various 

differences, the Extra 330SC is not overly dissimilar to the general aviation aircraft provided and thus, 

the mass estimates for the structure of the Extra 330SC are acceptable. 

 

 

Figure 64: Comparison of mass per unit length and per unit span of various general aviation single engine 

propeller driven aircraft and the Extra 330SC  
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With the unknown mass components estimated, a complete list of the masses of the Extra 330SC was 

completed and can be seen in Table 20. The summation of all the components contained within Table 20 

provides the maximum take-off mass of the aircraft. The shortfall of ρȢχς kg of structural mass estimates 

was carried over to the maximum take-off mass, providing a mass of ψφψȢςψ kg. It should be noted that the 

landing gear mass of ρρȢψτ kg presented in Table 20 is the mass estimated from Table 18 less the masses 

of the main wheels, the main tyres, the front brake assembly and the front brake cylinder. Thus, the term 

ñlanding gearò in Table 20 essentially refers to the fibreglass spring.  

 

Table 20: Complete list of Extra 330SC component masses 

Item 
Mass 

[kg] 

Actual (A) or 

Estimation (E) 

% Total 

Weight  
Group 

Wing 105.59 E 12.16 Wing 

Horizontal Tail 21.67 E 2.50 
Empennage 

Vertical Tail 8.48 E 0.98 

Fuselage 86.03 E 9.91 Fuselage + 

Nacelle Nacelle 23.58 E 2.72 

Engine (AEIO-580-B1A) 191.80 A 22.09 

Engine and 

Systems 

Inverted oil pickup; VAC-2/6 0.31 A 0.04 

Governor 1.10 A 0.13 

Alternator SD-8 (14V, 8 Amps) 1.32 A 0.15 

Single Oil Cooler Rear, 8000353 1.65 A 0.19 

Fuel Injector 3.90 A 0.45 

Starter 4.63 A 0.53 

Engine Oil 1.20 A 0.14 

Engine Electrics 0.50 E 0.06 

Acro Tank 6.50 A 0.75 

Fuel 

Front Centre Tank 38.90 A 4.48 

Rear Centre Tank 29.50 A 3.40 

Smoke Tank 19.60 A 2.26 

Wing Tanks 86.40 A 9.95 

Propeller, MTV-9-B-C/C 198-25 (3 Blade) 30.50 A 3.51 

Point 

Masses 

Spinner, P-810-2 0.80 A 0.09 

Exhaust System "6 in 1" (incl. Silencer) 8.48 A 0.98 

Battery  10.52 A 1.21 

Oil Temp. Probe 0.08 A 0.01 

Oil Press. Sender 0.12 A 0.01 

Fuel Qty Probe Front Centre Tank 0.184 A 0.02 

Fuel Qty Probe Rear Centre Tank 0.184 A 0.02 

Fuel Qty Probe Wing Tank 0.12 A 0.01 

Altimeter 2 0.61 A 0.07 

Main Wheel Tyre L 2.447 A 0.28 
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Item 
Mass 

[kg] 

Actual (A) or 

Estimation (E) 

% Total 

Weight  
Group 

Main Wheel Tyre R 2.447 A 0.28 

Point 

Masses 

Wheel Fairing L 1.50 A 0.17 

Wheel Fairing R 1.50 A 0.17 

Bottom Fuselage Cover (Belly Fairing) 5.20 A 0.60 

Instrument Panel 0.40 A 0.05 

Single Pump Smoke System 4.591 A 0.53 

Safety Belt Assembly (Seat Belts w. single 

ratchet, shoulder harness and crotch strap) 
3.30 A 0.38 

Throttle Control 0.42 A 0.05 

Single Oil Cooler Rear 1.65 A 0.19 

Additional Oil Cooler System 2.00 A 0.23 

Landing Gear 11.84 E 1.36 

Electric Actuator Pedal Adjust. 3.25 A 0.37 

Magneto L/H 2.30 A 0.26 

Magneto R/H 2.00 A 0.23 

Shock Mounts L1 0.425 A 0.05 

Shock Mounts L2 0.425 A 0.05 

Shock Mounts R1 0.425 A 0.05 

Shock Mounts R2 0.425 A 0.05 

Main Wheel L 4.00 A 0.46 

Main Wheel R 4.00 A 0.46 

Brake Assy 1.40 A 0.16 

Brake Cyl., front 0.55 A 0.06 

Tail Wheel 5" 5.50 A 0.63 

Seat Rear Standard 2.70 A 0.31 

Canopy 10.00 A 1.15 

Pilot + Parachute  99.00 A 11.40 

Surface Controls 3.00 E 0.35 

Other Electrical  1.00 E 0.12 

Avionics 6.334 A 0.72 

TOTAL MASS [kg]  868.28    
 

The single largest contributor to the total mass is the engine, contributing ςςȢπωϷ of the total mass, 

followed by the wing ρςȢρφϷ and then the pilot and parachute ρρȢτπϷ-assuming a pilot and parachute 

mass of ωω kg . A visual representation of the contributions of each group can be seen in Figure 65. While 

the landing gear and affiliated components have been grouped in the point masses (as per the POH [13]) in 

Table 20, the main landing gear and its components have been separated out of the point masses to better 

understand the mass contribution of the landing gear system and structural system. The largest contributing 

group to the aircraft mass is the engine and systems group with a contribution of around ςτϷ. The entire 
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structural group, consisting of the wing, fuselage, empennage and landing gear contributes just under one 

third of the mass at σρϷ.  

 

 

The mass centroid locations in the X and Z direction for each component were determined using the mass 

components. These mass centroid of the various components can be found in Table 21. The surface controls 

and electrical components within the fuselage were combined in a distributed fuselage mass group. The 

avionics component was placed in a fuselage volumes group. The fuselage structure and nacelle were 

combined in a single component termed ñfuselage.ò The components making up the engine and systems 

group were placed into a single group termed ñpropulsion.ò These changes were done to simplify the inertial 

calculations in §3.2.2. The values of the X and Z distances are measured relative to the front most part of 

the aircraft (the nose of the propeller spinner) and follow the conventions outlined in Figure 44.  

All component masses provided within the POH [13] were accompanied by a distance (in the X direction), 

given relative to the firewall of the aircraft. These distances were then determined relative to the apex point 
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Figure 65: Extra 330SC component mass portions for maximum take-off mass 
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of the aircraft spinner. While the POH [13] did provide distances in the X direction, no values were provided 

for the Z direction. As such, each of the Z values presented in Table 21 were estimated and the ñactual or 

estimatedò column is only for values in the X direction. Centroids that were estimated were all obtained 

using the methods outlined in §2.3. 

 

Table 21: Extra 330SC mass component centroids 

Item Mass [kg] X[m]  Z[m]  
Actual (A) or 

Estimation (E) 

Wing 105.59 2.323 1.088 E 

Fuselage 109.61 2.814 1.100 E 

Horizontal Tail 21.67 5.983 1.501 E 

Vertical Tail 8.48 6.280 1.900 E 

Fuselage Distributed Masses (Surface Controls 

and Electrical) 
4.00 2.810 1.100 

E 

Fuselage Volumes (Avionics) 6.23 2.920 1.200 E 

Propulsion 206.41 0.75 1.130 A 

Acro Tank 6.50 1.802 0.870 A 

Front Centre Tank 38.90 1.782 1.000 A 

Rear Centre Tank 29.50 2.230 1.000 A 

Smoke Tank 19.60 2.210 0.870 A 

Wing Tanks 86.40 1.846 1.088 A 

Propeller, MTV-9-B-C/C 198-25 (3 Blade) 30.50 0.395 1.219 A 

Spinner, P-810-2 0.80 0.345 1.219 A 

Exhaust System "6 in 1" (incl. Silencer) 8.48 1.155 0.827 A 

Battery  10.52 1.720 1.130 A 

Oil Temp. Probe 0.08 1.435 1.000 A 

Oil Press. Sender 0.12 1.585 1.219 A 

Fuel Qty Probe Front Centre Tank 0.18 1.765 1.088 A 

Fuel Qty Probe Rear Centre Tank 0.18 2.245 1.088 A 

Fuel Qty Probe Wing Tank 0.12 1.825 1.088 A 

Altimeter 2 0.61 2.825 1.400 A 

Main Wheel Tyre L 2.45 1.655 0.174 A 

Main Wheel Tyre R 2.45 1.655 0.174 A 

Wheel Fairing L 1.50 1.705 0.240 A 

Wheel Fairing R 1.50 1.705 0.240 A 

Bottom Fuselage Cover (Belly Fairing) 5.20 2.107 0.910 A 

Instrument Panel 0.40 2.845 1.400 A 

Single Pump Smoke System 4.59 2.15 0.783 A 

Safety Belt Assembly (Seat Belts w. single 

ratchet, shoulder harness and crotch strap) 
3.30 3.495 1.088 

A 

Throttle Control 0.42 1.595 1.310 A 

Single Oil Cooler Rear 1.65 1.325 1.040 A 
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Item Mass [kg] X[m]  Z[m]  
Actual (A) or 

Estimation (E) 

Additional Oil Cooler System 2.00 0.745 1.040 A 

Landing Gear 11.84 1.845 0.522 A 

Electric Actuator Pedal Adjust. 3.25 3.150 0.000 A 

Magneto L/H 2.30 1.395 1.090 A 

Magneto R/H 2.00 1.395 1.090 A 

Shock Mounts L1 0.43 1.255 0.805 A 

Shock Mounts L2 0.43 1.255 0.805 A 

Shock Mounts R1 0.43 1.255 0.805 A 

Shock Mounts R2 0.43 1.255 0.805 A 

Main Wheel L 4.00 1.719 0.174 A 

Main Wheel R 4.00 1.719 0.174 A 

Brake Assy 1.40 1.719 0.174 A 

Brake Cyl., front 0.55 1.719 0.174 A 

Tail Wheel 5" 5.50 6.505 0.957 A 

Seat Rear Standard 2.70 3.635 1.044 A 

Canopy 10.00 3.375 1.610 A 

Pilot + Parachute  99.00 3.445 1.000 A 

 

Using the values provided in Table 21, centre of gravity locations were obtained for different mass 

configurations. The various mass configurations that were considered, were chosen such that they aligned 

with the sample centre of gravity locations provided in the Extra 330SC POH [13]. Centre of gravity 

locations for various mass configurations were obtained and compared with the values provided in the POH 

[13], as seen in Figure 66. This comparison of mass and corresponding centre of gravity locations served 

as a form of verification for the mass component estimates and corresponding mass centroid estimations.  

The estimated mass and centre of gravity locations were overlayed on the mass and centre of gravity 

locations provided by the Extra 330SC POH [13]. This is shown in Figure 66. The calculated forward centre 

of gravity locations are indicated by the blue dots while the aft centre of gravity calculations are shown by 

the orange dots. The changes in mass and centre of gravity location were obtained by adding various mass 

components and using the centre of gravity locations, both provided in Table 22. Using the empty mass of 

the aircraft, the pilot and then fuel masses for the different fuel tanks were added. Corresponding moment 

arms were used to calculate the centre of gravity for each additional mass component. All points on Figure 

66 were compared with those given in the Extra 330SC POH [13], with the exception of step 6. This step 

was omitted as the additional mass provided in Table 22 did not correspond with the mass increase 

presented in Figure 66. The estimated results show a good correlation with the data provided by the Extra 

aircraft company. These results may not necessarily mean that the component masses and mass distributions 

are entirely correct. The correlation should suggest that the overall mass distribution of the aircraft is likely 
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near those of the actual aircraft. The results show a mass that is slightly less than the values provided by 

the Extra 330SC POH [13]. This mass deficit is equal to the missing ρȢχς kg of structural mass.  

Using the comparisons and conclusions drawn from mass and centre of gravity estimates provided 

throughout this section, the mass estimates and corresponding centroid locations are acceptably defined. A 

layout of the centroid locations of the structural group components and engine is provided in Figure 67 

along with the empty mass centre of gravity. Excluding the empty mass symbol, the size of each ñbubbleò 

present on Figure 67 indicates the mass of each component relative to the other listed components. The 

larger the bubble the larger the mass of the component compared to the other components. It is evident that 

the wing and engine bring the mass of the aircraft forward and counteract the rearward mass shifts of the 

fuselage, vertical stabiliser and horizontal stabiliser. 

While most component masses are fixed, some masses such as the pilot (and parachute), the fuel tanks and 

the smoke tanks may be altered. Various combinations such as pilot (and parachute) mass and pilot seat 

locations as well as fuel mass can be obtained, along with various centre of gravity locations to provide a 

mass against the centre of gravity envelope. This envelope is illustrated in Figure 68. The values of ρȢχ m 

and ρȢω m in brackets of the legend indicate the pilot seat location. The extremities of the mass and centre 

of gravity combinations have been used to create the boundaries of the envelope. The cases that form the 

boundary of the envelope will also serve as the test matrix to compare tumble manoeuvres for various mass 

and centre of gravity locations. Inertial values for the mass and centre of gravity combinations will also be 

included.  
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Table 22: Extra 330 loading weights and moment arms for centre of gravity calculations [13] 

 

 

Position 

on Figure 

66 

Pilot & Parachute 
Fuel in Acro 

Tank ■ 
Fuel in Rear C. 

Tank ( ■ 
Fuel in front C. 

Tank ■ 
Oil in Smoke 

Tank ■ 
Fuel In Wing 

Tank ■ 

Mass 

[kg]  
Moment 

Arm [cm]  

Mass 

[kg]  
Moment 

Arm [cm]  
Mass 

[kg]  
Moment 

Arm [cm]  
Mass 

[kg]  
Moment 

Arm [cm]  
Mass 

[kg]  
Moment 

Arm [cm]  
Mass 

[kg]  
Moment 

Arm [cm]  

1 69 170/190 - 25.8 -  - - - - - - 

2 69 170/190 6.5 25.8 -  - - - - - - 

3 69 170/190 6.5 25.8 29.5 68.5 - - - - - - 

4 69 170/190 6.5 25.8 29.5 68.5 38.9 23.7 - - - - 

5 69 170/190 6.5 25.8 29.5 68.5 38.9 23.7 19.6 66.5 - - 

6 69 170/190 6.5 25.8 29.5 68.5 38.9 23.7 19.6 66.5 86.4 33 

7 99 170/190 - - - - - - - - - - 

8 99 170/190 6.5 25.8 - - - - - - - - 

9 99 170/190 6.5 25.8 29.5 68.5 - - - - - - 

10 99 170/190 6.5 25.8 29.5 68.5 38.9 23.7 - - - - 

11 99 170/190 6.5 25.8 29.5 68.5 38.9 23.7 19.6 66.5 - - 

12 99 170/190 6.5 25.8 29.5 68.5 38.9 23.7 19.6 66.5 86.4 33 
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Figure 66: Extra 330 mass and corresponding centre of gravity location calculation chart [13] 
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Figure 67: Extra 330SC main component centre of gravity locations and empty mass centre of gravity location  

Wing (2.41, 1.68, 1.05) 

Fuselage (2.81, 0.00, 1.25) 

Horizontal Stabiliser (5.88, 0.53, 1.48) 

Vertical Stabiliser (5.99, 0.00, 1.84) 

Engine (0.76, 0.00, 1.13) 

Centre of Gravity Items (X, Y, Z) Location: 

Empty Mass C.G (2.17, 0.00, 1.08) 

The ñbubbleò size indicates the relative mass of each 

component in relation to the other mass components 
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3.2.2. Inertial Data  

Using the mass and centroid data generated for the Extra 330SC in §3.2.1, inertial values were obtained 

utilising the equations provided in §2.3. In addition to data obtained from the Extra 330SC POH [13] 

various input variables required for each inertial group were obtained through measurement off the 3-

view as well as various component images provided in the Extra 330SC maintenance manual [71]. 

The input variables for the inertial calculations of the lifting surfaces are presented in Table 23. The 

span, ὦ, root thickness, ὸ  and root chord, ὧ  of the various lifting surfaces were measured from 

the point at which the lifting surface attaches to the fuselage. The vertical stabiliser was modelled by 

setting the dihedral angle to — ωπЈ. It should also be noted that the values provided for the wing and 

horizontal stabiliser were calculated for a single wing and horizontal stabiliser surface. 
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Figure 68: Mass vs centre of gravity envelope 
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Table 23: Lifting surface inertial estimation input variables 

Item Wing Horizontal Stabili ser Vertical Stabili ser 

☻╛  [deg] 4.00 8.00 22.50 

☻╣ [deg] -10.00 -6.50 -16.50 

╫ [m] 3.32 1.22 1.22 

╬ [m] 1.66 0.96 1.39 

◄► [m] 0.27 0.09 0.22 

◄◄ [m] 0.10 0.06 0.09 

╧╢ [m] 1.70 5.45 5.35 

╩╢ [m] 1.00 1.48 1.40 

╨╢ [m] 0.44 0.00 0.00 

Ᵽ [deg] 2.50 0.00 90.00 

╥ [m3] 0.79 0.07 0.19 

╜ [kg] 105.59 17.09 7.37 

 

The variables required for inertial modelling of the fuselage are presented in Table 24. The input 

variables presented are for the structural group, the distributed contents group and the avionics group. 

The structural group and distributed contents group have been combined as these two groups share a 

number of variables. The point mass group has not been included as all necessary information for the 

point mass inertial calculations has already been defined in Table 21.  

Once again, the fuselage variables require some explanation, as some variables have not been measured 

exactly as they appear in the 3-view. The length of what is defined as the ñnoseò section of the fuselage 

in §2.3.2.1 has been set to a value of π mȢ The reasoning behind this decision stems from the argument 

made in §3.2.1, where the front section of the aircraft is occupied by engine and affiliated systems only 

and not by fuselage structure. The inertial estimates of the fuselage were made using an open-ended 

right cylindrical shell and a tail conical shell. The length of the fuselage structural group totals τȢχψ m 

with the structure being split into two sections. The first section (the open-ended right cylindrical shell) 

has a length of σȢψς m and the second section (the tail section conical shell) has a length of πȢωφ m. The 

radius of open-ended right shell and base of the conical shell were set to πȢυς m. These values were 

determined by overlaying the open ended right cylindrical shell and the conical shell on the structural 

illustrations. The shapes were sized to match the area of the structure with the shapes. An approximation 

was required as the open-ended right cylindrical shell does not taper, unlike the fuselage. The conical 

shell also does not follow the profile of the side view of the rear end of the structure. To accommodate 

these issues, the shapes were overlayed such that the area lost to taper was accounted for by having a 

smaller shape radius at sections where the fuselage structure did not taper. This is illustrated in Figure 

69. Note that the open-ended right cylindrical shell extends slightly beyond the front of the structure, 

as discussed in §3.2.1. 
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Table 24: Fuselage inertial estimation input variables 

 Fuselage 
 Item Value 

Structure 

and 

Distributed 

Contents 

■▪ [m] 0 

■╬ [m] 3.82 

■◄ [m] 0.96 

╡ [m] 0.52 

◑╫ [m] 1.26 

╦▼ [kg] 74.81 

╒╡╔╦╬ Ͻ▌ [m] 3.45 

╧╢ [m] 2.51 

╧╢╗╣ [m] 5.45 

Avionics 

╦○▫  [kg] 6.23 

╡○ [m] 0.61 

■○ [m] 0.15 

╧ [m] 2.92 

╩ [m] 1.20 

 

 

Figure 69: Fuselage inertia estimation shape approximations 



139 

 

The propulsive group input variables for inertial calculations are provided in Table 25. The propulsive 

group was modelled as a solid cylinder. A single engine is presented on the Extra 330SC and is situated 

in the nose of the aircraft. The length and radius of the cylinder were approximated using data provided 

by the engine manufacture (Lycoming). 

 

Table 25: Propulsion group inertial estimation input variables 

Propulsion 

Item Value 

╡▄ [m] 0.41 

■▄ [m] 1.00 

╧╟ [m] 0.75 

╧╟ [m] 0.00 

╨╟ [m] 0.00 

╨╟ [m] 0.00 

╩╟ [m] 1.09 

╩╟ [m] 0.00 

No. of Engines [-] 1 

╦▄ (Per Engine) [kg] 206.41 

 

The input variables for estimation of the inertial values of the fuel contained within the fuselage are 

presented in Table 26. The fuel in each tank was assumed to be in the shape of a rectangular prism. The 

volumetric shape of the fuselage fuel tank was determined by inspecting the drawings provided in the 

Maintenance Manual of the Extra 330SC [71]. An image of each fuel tank contained within the fuselage 

is illustrated in Figure 70. It was assumed that there were no components contained within the tanks 

and as such, the fuel was assumed to take the shape of its container. The mass and density of the fuel 

for the engine fuel and smoke fuel was provided by the Extra aircraft corporation in the POH [13]. 

These values were used to estimate the dimensions of the various fuel tanks.   

 

Table 26: Fuselage fuel inertial estimation input variables 

Item 

Value 

Acro 

Tank 

Front Center 

Tank 

Rear Center 

Tank 

Smoke 

Tank 

╦██ [kg] 6.50 38.90 29.50 19.60 

╛█ [m] 0.31 0.30 0.22 0.23 

ⱬ [kg/m3] 722.22 722.22 722.22 850.00 

╧ [m] 1.80 1.78 2.23 2.21 

╩ [m] 0.87 1.00 1.00 0.87 

◌ [m] 0.17 0.60 0.60 0.45 

▐ [m] 0.17 0.30 0.30 0.23 

■ [m] 0.31 0.30 0.22 0.23 
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Input variables for the inertial estimations of fuel contained within the Extra 330SC wings are presented 

in Table 27. The wing fuel tanks take the same shape as the leading edge of the wing. This can be seen 

in Figure 70. The variables for the wing fuel are similar to those of the wing. The span ὦ, and the 

chord ὧ, of the tanks are shortened as the wing fuel tanks only stretch τσ Ϸ of the length of each 

wing and ςσ Ϸ of the wing chord. The wing fuel tanks do not extend over the entire span of the wing 

and terminate inboard of the wing tip. 

  

Firewall 

Figure 70: Extra 330SC fuselage and wing fuel tanks 
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Table 27: Wing fuel inertial estimation input variables 

Wing Tanks 

Item Value 

☻╛ [deg] 4.00 

☻╣ [deg] 0.00 

╫ [m] 1.50 

╬ [m] 0.41 

◄► [m] 0.27 

◄◄ [m] 0.17 

╧╕ [m] 1.70 

╩╕ [m] 1.00 

╨╕ [m] 0.50 

Ᵽ [deg] 2.50 

╧ [m] 1.87 

╩ [m] 1.38 

ⱬ [kg/m3] 722.22 

╥ [m3] 4.18 

╦◌█ [kg] 95.24 

 

Using the data provided in Table 23-Table 27, the inertia of each main group was determined. The 

inertial estimations for the main component groups of the Extra 330SC at maximum take-off mass are 

provided in Table 28. The pilot and parachute mass were set to ωω kg. The inertial values of the lifting 

surface group and the propulsion group would remain unchanged throughout flight and through 

configuration changes. The fuselage structural, distributed contents and avionics groups would also 

remain unchanged. The point mass group would change depending on the mass and position of the pilot. 

The fuel group inertial values would change throughout flight with fuel burn and depend on the 

configuration chosen. For instance, if the aerobatic configuration is chosen, the aircraft would fly 

without any fuel in the wing tanks.  

Figure 71 illustrates the inertial contributions of each component group for (a) empty mass, (b) an 

aerobatic configuration (in which the front, rear, aerobatic and smoke tanks would be filled to capacity) 

and (c) the maximum take-off mass in SI units kg.m2 . The pitch and yaw inertias Ὅ and Ὅ  are 

evidently higher than the roll inertia Ὅ . This is plausible given that the Extra 330SC can achieve roll 

rates of up to τςπ Ј/s [73]. The pitch and yaw rates observed from video footage (no published values 

for pitch and yaw rates were available), are noticeably slower. This is likely due (in part) to higher 

inertial values in the pitch and yaw directions. The addition of a ωω kg pilot and parachute at the most 

rearward seating position increases the fuselage contribution to the pitch and yaw inertias by a 

considerable amount. This is not unexpected as the pilot is located a fair distance aft of the centre of 

gravity of the aircraft. A lighter pilot should allow for greater pitch and yaw rates, but perhaps not by a 

significant amount.  
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It has been assumed that the tumble manoeuvre is purely in the longitudinal plane and as such, the only 

significant inertial value is the pitch inertia Ὅ . Given the importance of this inertial value in particular, 

the pitch inertia has been plotted together in Figure 71 for three configurations about the remote axes. 

It is interesting to note is that the fuel in the wings does not impact the pitch inertia of the aircraft 

significantly. This can be seen by comparing the pitch inertia of the aerobatic configuration and 

maximum take-off mass configuration. This result seems feasible as the wing fuel is located very close 

to the centre of gravity of the aircraft and as such should not influence the pitch characteristics 

significantly. 
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Table 28: Inertial estimation of the Extra 330SC in the maximum take-off mass configuration 

Inertia  

Component 

[lbs.in2  

Lifting Surface Fuselage Propulsion Fuel Tanks 

Wing 
Horizontal 

Stabiliser 

Vertical 

Stabiliser 
Structure 

Distributed 

Contents 
Avionics 

Point 

Masses 

Engine 

and 

Systems 

Acro 
Front 

Tank 

Rear 

Tank 

Wing 

Tanks 

Smoke 

Tank 

Ὅ  8.45E+05 2.36E+04 7.45E+03 5.66E+05 3.13E+04 3.20E+04 8.12E+05 8.97E+05 1.692E+04 1.38E+05 1.05E+05 3.59E+05 1.69E+04 

Ὅ  2.68E+05 1.72E+04 1.57E+04 2.03E+06 1.49E+05 2.13E+05 7.06E+06 1.32E+06 8.916E+04 5.60E+05 6.04E+05 3.69E+04 3.79E+05 

Ὅ  1.11E+06 4.07E+04 2.32E+04 1.63E+06 1.27E+05 1.82E+05 6.32E+06 4.85E+05 7.235E+04 4.24E+05 5.03E+05 3.95E+05 3.28E+05 

True Ὅ 8.45E+05 2.36E+04 7.45E+03 

N/A N/A N/A 

3.59E+05 

N/A True Ὅ 3.16E+05 1.72E+04 2.32E+04 5.41E+04 

True Ὅ 1.12E+06 4.07E+04 1.57E+04 3.97E+05 

Ὅ 1.71E+06 1.51E+05 8.79E+04 5.66E+05 3.13E+04 3.20E+04 8.12E+05 8.97E+05 1.69E+04 1.38E+05 1.05E+05 6.49E+05 1.69E+04 

Ὅ 2.53E+06 2.15E+06 9.98E+05 2.02E+06 1.49E+05 2.13E+05 7.06E+06 1.32E+06 8.92E+04 5.60E+05 6.04E+05 7.54E+05 3.79E+05 

Ὅ 3.40E+06 2.05E+06 9.10E+05 1.63E+06 1.27E+05 1.82E+05 6.32E+06 4.85E+05 7.24E+04 4.24E+05 5.03E+05 1.07E+06 3.28E+05 

Group Ὅ 1.95E+06 1.56E+06 8.97E+05 
9.25E+05 ï With wing tanks /  

2.76E+05 ï Without wing tanks 

Group Ὅ 5.68E+06 1.03E+07 1.32E+06 
2.38E+06 ï With wing tanks /  

1.63E+06 ï Without wing tanks 

Group Ὅ 6.36E+06 8.94E+06 4.85E+05 
2.40E+06 ï With wing tanks /  

1.33E+06 ï Without wing tanks 

Total Ὅ 5.33E+06 

Total Ὅ 1.97E+07 

Total Ὅ 1.82E+07 
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Figure 71: Extra330SC inertial component contributions for (a) empty mass (b) aerobatic mass and (c) maximum takeoff mass about the remote axes 
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To validate the numbers presented in Table 28, the overall pitch inertia Ὅ values of the Extra 330SC were 

compared to the values presented in Figure 40 from §1.3.6. This comparison is presented in Figure 73. The 

estimated inertial value for the aircraft empty mass appears to correspond quite well with data presented 

for other aircraft in the same mass range. The aerobatic and maximum take-off configuration pitch inertia 

estimations are a fair amount lower than published data for aircraft of a similar mass. This result does not 

appear to be incorrect as aerobatic aircraft are designed to be very manoeuvrable and as such are expected 

to have lower inertial values. Aerobatic aircraft such as the Extra 330SC are also far more modern than the 

aircraft listed in Figure 73 and as such, should have composite material incorporated into the design. This 

then implies that the aircraft may have lighter components throughout the airframe, leading to lower inertial 

values. The Extra 330SC is also a shorter aircraft than those provided in Figure 73. This should result in 

the longitudinal mass distribution being distributed nearer to the C.G than the other aircraft listed.  

While the empty mass has provided some insight in validation, experimental test values used within the 

modelling of a tumble manoeuvre would consist of pitch inertias that fall within the values between the 

aerobatic and maximum take-off mass configurations. While there is a difference in mass between these 
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two configurations, there is not a significantly large difference in the inertial values. This would suggest 

that the pitch inertia of the aircraft does not change significantly during an aerobatic display sequence. This 

is a favorable outcome for an aerobatic aircraft as the control characteristics of the airframe remain 

consistent throughout an aerobatic display sequence. The same logic should apply to fuel being used up 

during a display, considering the proximity of the fuel tanks to the centre of gravity of the aircraft.  
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3.2.3. Test Matrix  

Using the envelope created in Figure 68 the mass values were used to obtain corresponding inertia and 

centre of gravity values. These values are presented in Table 29 and will serve as the test matrix data. A 

tumble manoeuvre will be assessed for each of the cases presented in Table 29 at various manoeuvre entry 

velocities. 

 

Table 29: Test matrix for various aircraft configurations 

Case Number Mass [kg]  ╘◐ [kgĀm
2] ╒Ȣ╖● [m]  

1 690.53 981.99 2.168 

2 742.88 975.26 2.170 

3 781.78 1040.5 2.151 

4 781.78 990.25 2.125 

5 759.78 961.76 2.093 

6 730.28 979.41 2.087 

7 668.53 929.83 2.103 

8 668.53 961.30 2.126 

 

3.3. Aerodynamic Data 

Using the methods outlined in §2.4 aerodynamic data was generated for the wing, horizontal stabiliser, 

fuselage and propeller.  

3.3.1. Lifting Surface Infinite Aspect Ratio Coefficients 

The AERODAS model [60] and Lindenburg model [66] allow for the generation of aerodynamic data for 

any aspect ratio. Li terature on high angle of attack aerodynamics does not exist within the public domain 

for a finite ratio wing the size and planform of those seen on aerobatic aircraft. Aerodynamic coefficient 

data from wind tunnel testing exists for symmetrical profiles of infinite aspect ratio with thickness-to-chord 

ratios of between 12% and 15%. The coefficients obtained from the Spera method [60] and the Lindenburg 

method [66] were compared to wind tunnel test data. This comparison provided the validation of the 

generated aerodynamic coefficients prior to any additional corrections that were made for aspect ratio, 

blown air effects or dynamics.  

The Extra 330SC wing makes use a of MA 14.9 S profile at the root and a MA 12 S profile at the tip. While 

the aerodynamic data for these profiles was not readily available, the airfoil properties are expected to be 

similar to the NACA0015 and NACA0012. Both sets of profiles are symmetrical and have the same 

thickness-to-chord ratios. While it was not clear as to the position along the chord at which the maximum 

thickness-to-chord occurs, it was assumed that the two sets of profiles were similar enough to be 

comparable. The coefficients of lift and drag in the pre-stall regime are similar enough for the NACA0015 



148 

 

and NACA0012 that the values of a single profile can be used. The comparison of the coefficients of lift 

and drag between the two profiles is presented in Figure 74. 

[74]  

 

With the selection of the NACA0012 profile for the Extra 330SC, aerodynamic coefficients were generated 

for an infinite aspect ratio and compared to wind tunnel test data produced by NASA for the same profile. 

The test data can be seen in §1.3.4.1. A plot of the coefficient of lift for both the generated data and wind 

tunnel test data can be seen in Figure 75. The data shows good correlation across the entire angle of attack 

range, capturing the changes in gradient and axis intercepts while showing little deviation from the test 

data. A slight mismatch in the data occurs when σσπЈ‌ στυЈ. The test data appears to have lower 

(less negative) values than the predicted data. The predicted data was mirrored and negative about the 

πЈȾσφπЈ angle of attack. This assumption seemed logical given that the airfoil is symmetrical. The lift 

values when the airfoil is pitched downwards were expected to be identical in magnitude to the lift values 

when the airfoil is pitched upwards. This notion does appear to hold true for the values obtained from the 

wind tunnel test data when the trailing edge is the front-most section. The lift values appear to be mirrored 

and negative about the ρψπЈ angle of attack line. It is unclear as to why this discrepancy exists when the 

airfoil profile is pitched downwards. It is thought that stall effects may have influenced the results as the 

inconsistencies occur near the stall point.  
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The coefficient of drag for the generated data and wind tunnel test data is presented in Figure 76. The two 

sets of data show very good correlation throughout the angle of attack range with only minor differences 

being noted. The changes in gradient that occur between the different regions are adequately captured by 

the data generated using the AERODAS model. The peak values and angle of attack at which these peaks 

occur are accurately captured by the generated data. The peak values for both the coefficients of lift and 

drag are pre-set and warrant some additional discussion.  

The angle at which the maximum coefficients of lift and drag occur in the post-stall regime and the angle 

at which zero lift occurred in the post-stall regime were given by Spera [60] without much explanation. 

However, given that the values obtained in the modelling developed by Spera [60] were based on empirical 

data, it was assumed that the angles of the maximum post-stall coefficients and the angle of zero lift in the 

post-stall regime were obtained from this same empirical data. Spera [60] provides the reader with mean 
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deviation of the model developed from test data, as well as mean deviations for other existing models from 

the same test data. The data for a large number of airfoils of different aspect ratios and thickness-to-chord 

ratios was provided. The results of the model developed by Spera [60] provided accuracy which is 

equivalent or better than comparable models, particularly for finite length airfoil data. The mean deviations 

also illustrate that the model developed by Spera [60] predicts maximum post-stall coefficients with 

acceptable accuracy for a wide range of airfoils and airfoil conditions. Based on this information, the angle 

given for the maximum coefficients of lift and drag and the angle of zero lift in the post-stall regime were 

deemed acceptable.  
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The coefficient of quarter chord pitching moment for the generated data and wind tunnel test data are 

presented in Figure 77 for the NACA0012 airfoil. The two sets of results do not show good correlation in 

the pre-stall and transition regions for both forward (leading edge into the wind) and backward (trailing 

edge into the wind) orientations of the airfoil. While the post-stall regime does provide a better correlation 

of the data, the results do not match as well as the coefficients of lift and drag. The method developed by 

Lindenburg [54] is far less developed than the Spera method [60] as elliptical data is used rather than 

empirical airfoil data. It is more of an approximation. In the absence of any other methods the Lindenburg 

method was used.  

During a tumble manoeuvre the angle of attack is not expected to reach ‌ ρυπЈ. This is illustrated in 

Figure 7 in §1.1.1. At no point during the tumble manoeuvre does the aircraft reach a pitch angle of greater 

than ωπЈ. Thus, the deficiencies of the model in predictions for ρυυЈ‌ ςρπЈ should not hamper the 

overall modeling of the manoeuvre. The inaccurate modelling of the coefficient from πЈ‌ ςπЈ should 

be corrected. This can be achieved by using test data in place of generated data in this angle range.  

 

Figure 77: Comparison of the coefficient of quarter chord pitching moment for estimated results 

(produced using the Lindenburg model [65] )and wind tunnel test data for a NACA0012 from πЈσφπЈ 
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3.3.2. Inner Wing Aerodynamic Coefficients 

While the wing is one complete surface it is exposed to two separate flows, both with differences in angle 

and velocity. The inner wing surface is exposed to the propeller slipstream and at times a combination of 

the propeller slipstream as well as the free-stream velocity. The outer wing section is exposed to the free-

stream velocity only. The rotational rates experienced during a tumble result in an additional velocity 

component. This rotational velocity component is expected to be small compared to the free-stream and 

propeller slipstream velocities. While the rotational rate may be high the moment arm is small enough that 

the rotational velocity component is small. The close proximity of the aerodynamic centre of the wing to 

the centre of gravity results in a small moment arm. This does not imply that dynamic effects can be ignored.  

In splitting the wing into inner and outer sections, the wing area, wingspan and aspect ratio may no longer 

be used. Each wing section will therefore have specific wing area, effective span and aspect ratio. The inner 

wing section was extended to the edges of the propeller slipstream ótube.ô It was assumed that the propeller 

slipstream did not contract. The ótubeô diameter would be the same diameter as the propeller. In reality, this 

may not be the case. The short distance from the propeller to the wing of the aircraft means that the 

contraction effects over this distance would be negligible. The span of the inner wing section will thus be 

twice that of the propeller radius, giving an inner wingspan of ὦ ς m. The reference area and aspect ratio 

were calculated as Ὓ σȢσς m2 and ὃὙ ρȢς, respectively. The remaining wingspan was allocated to 

the outer wing section. A comparison of various specifications for the inner and outer wing sections is 

provided in Table 30. These values were used as the input values in generating the various aerodynamic 

coefficients for both the inner and outer wing sections. 

 

Table 30: Inner and outer wing specifications 

Specification 
Inner Wing Section 

Value 

Outer Wing Section 

Value 
Units 

Airfoil  ὔὃὅὃππρς ὔὃὅὃππρς - 

═  π π deg 

═╒╛ȭ ρτȢσȟρπ ρτȢσȟρπ deg 

╒╛ □╪●ȭ ρȢσσȟπȢχχ ρȢσσȟπȢχχ - 

╢ȭ πȢρρυȟπȢρρ πȢρρυȟπȢρρ ρȾЈ 
╒╓ πȢππφȟπȢπρτ πȢππφȟπȢπρτ - 

═╒╓ȭ ρτȟρπ ρτȟρπ deg 

╒╓ □╪●ȭ πȢππψȟπȢπρω πȢππψȟπȢπρω - 

╫ ς υȢυ m 

═╡ ρȢς τȢφφ - 

╢ͅ►▄█ σȢσς φȢτω m2 

╒╛♪◌░▪▌
 0.102 0.102 ρȾЈ 
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The effects of aspect ratio on the static aerodynamic coefficients were introduced using the methods 

provided by Spera [60] and Lindenburg [66]. Including the effects due to rotational dynamics was a greater 

challenge, particularly at low airspeeds. Published data and methods used to predict dynamic coefficients 

usually do not consider the effects of a finite wing and only considers oscillations. An additional shortfall 

in the literature is the lack of data for the coefficients of drag and pitching moment. Determining the 

complete effects of dynamics on the aerodynamic coefficients of the wing was beyond the scope of this 

dissertation. While a fully validated dynamic model was not produced, the effects due to dynamics were 

crudely included by increasing the maximum coefficient of lift and drag and delaying the stall point of the 

coefficient of lift. Hysteresis in the lift curve was not considered as the aircraft only pitches upwards during 

a tumble. Based on the discussions presented in §1.3.5, the static aerodynamic coefficient of lift values will 

be multiplied by 1.2. The stall angle for the coefficient of lift was increased by υЈ. The static coefficient of 

drag values (corrected for aspect ratio) were multiplied by 1.3. A value of 1.3 was used instead of 1.2 to 

factor in interference effects from the wing-fuselage joint. This value was an assumption and was based on 

an evaluation of the model results. The coefficient of pitching moment was calculated based on the 

coefficient of normal force which was corrected for dynamic effects based on the coefficient of lift and 

drag. The coefficient of pitching moment illustrates the changes that have been included in the coefficients 

of lift and drag by increasing the pitching moment values across all angles of attack.  

The coefficients of lift, drag and quarter chord pitching moment are presented in Figure 78, Figure 79 and 

Figure 80 respectively. For each coefficient, three cases are presented: the coefficients for an infinite aspect 

ratio (obtained from wind tunnel test data), the coefficients for a finite wing without any consideration for 

dynamic effects and coefficients for a finite wing with consideration for dynamic effects. While the angles 

of attack experienced during a tumble manoeuvre are expected to be within the bounds of ςπЈ‌

ωπЈ, the aerodynamic coefficients corrected for aspect ratio and with dynamic considerations have been 

provided across the entire angle of attack range ρψπЈ‌ ρψπЈ for completeness.  

No additional smoothing was implemented for the data in Figure 78. This was because the curve presented 

for the coefficient of lift (corrected for aspect ratio and with dynamic considerations) is already smooth and 

cannot be smoothed much further.  
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It is evident in Figure 78 that the influence of the very low aspect ratio removes the first stall point of the 

wing and lowers the lift values at all angles of attack up until ψυЈ. The wing then effectively has only a 

single stall point at around σπЈ. The slope of the lift curve slope is shallower for the low aspect ratio wing 

in the pre-stall regime. The consideration given to dynamic effects increases the coefficient of lift values 

such that the new curve is similar to the infinite aspect ratio curve in the post-stall regime. This finding was 

purely coincidental.   

Figure 78: Coefficient of lift for an infinite aspect ratio wing, an aspect ratio of 1.2 with and without 

dynamic effects 
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The coefficient of drag is presented in Figure 79. A reduction in the magnitude of the coefficient of drag is 

shown for the low aspect ratio wing without dynamic considerations. Subsequently this reduction is seen 

for the curve where dynamic effects were considered, albeit to a lesser extent. The most notable difference 

in the shape of the curve corrected for aspect ratio from that of infinite aspect ratio is in the pre-stall regime. 

The curve that is corrected for aspect ratio appears to produce higher values of drag throughout the pre-stall 

regime. This might be attributed to the óstubbinessô of the wing, where 3D effects may result over a much 

larger section of the wing given the small aspect ratio. The curve for a finite wing also does not show the 

same sudden change in slope when transitioning from the pre-stall to the post-stall regime. This is probably 

due to the gentle stall of the lift coefficient for the finite wing.  

  

Figure 79: Coefficient of drag for an infinite aspect ratio wing, an aspect ratio of 1.2 with and without 

dynamic effects 
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The coefficient of quarter chord pitching moment is presented in Figure 80. As discussed in §3.3, the 

method provided in Lindenburg [66] is an approximation and does not capture the finer details of the 

pitching moment curve. This is evident for the coefficient values presented in the pre-stall regime where 

the coefficient of quarter chord pitching moment is far greater than it should be. The curve that is corrected 

for aspect ratio and considers dynamic effects crosses the infinite aspect ratio curve at ‌ ρυЈ. The curve 

that is correct for aspect ratio and that considers dynamic effects used the data provided for an infinite 

aspect ratio for all angles less than ρυЈ. Coefficient values for angles greater than ρυЈ used the data as 

presented in Figure 80. 

  

Figure 80: Coefficient of quarter chord pitching moment for an infinite aspect ratio wing, an aspect ratio 

of 1.2 with and without dynamic effects 
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3.3.3. Outer Wing Aerodynamic Coefficients 

The outer wing section is outside of the influence of the propeller slipstream. The specifications of the outer 

wing section are shown in Table 30. The considerations made for dynamic effects for the inner wing section 

were also applied to the outer wing sections. That is, the coefficient of lift, once corrected for aspect ratio, 

was multiplied by 1.2 and the stall angle shifted by υЈ. The coefficient of drag was multiplied by a value of 

1.2 instead of the 1.3 multiplier used for the inner wing section as the outer wing section is not expected to 

see any interference from the fuselage. No corrections were made to smooth out the data as the outer wing 

sections are not influenced by the propeller slipstream.  

The coefficients of lift, drag and quarter chord pitching moment are provided in Figure 81, Figure 82 and 

Figure 83 respectively. Once again curves are provided for an infinite aspect ratio profile, a wing corrected 

for aspect ratio and a wing correct for aspect ratio and including considerations for dynamic effects. 

The predicted coefficient of lift for the outer wing sections is provided in Figure 81. The correction for 

aspect ratio reduces the peak value of lift both in the pre-stall and post-stall regimes. At this aspect ratio a 

lift recovery is not seen in the post-stall regime but rather a further reduction in lift is postponed. The 

consideration for dynamic effects increase the initial peak to a value close to that of the infinite aspect ratio 

profile albeit at a higher stall angle. The values present on the curve for the outer wing sections are higher 

than those present for the inner wing section due to the higher aspect ratio. As the outer wing sections are 

not influenced by the propeller slipstream no additional smoothing was done to the curve.  

The coefficient of drag for the outer wing section is provided in Figure 82. The curves illustrate the same 

characteristics discussed for the inner wing section. The magnitude of the coefficient is different due to the 

different aspect ratio. The transition from the pre-stall to the post-stall regime is sharper for the outer wing 

section than it is for the inner wing section. This difference can be attributed to the difference in the first 

stall present in the coefficient of lift figures. The stall for the outer wing section is far steeper than that of 

the inner wing section, resulting in a larger change in the lift-induced drag. 

The coefficient of quarter chord pitching moment follows a similar trend to that of the inner wing section. 

This is shown in Figure 83. The most notable difference is in the region where the flow transitions from the 

pre-stall to the post-stall regime. The change at this point is far smoother for the inner wing section than it 

is for the outer wing section. This difference is due to the type of stall seen in the coefficient of lift for each 

wing section.  
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Figure 81: Coefficient of lift for an infinite aspect ratio wing, an aspect ratio of 4.66 with and without 

dynamic effects 
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Figure 82: Coefficient of drag for an infinite aspect ratio wing, an aspect ratio of 4.66 with and without 

dynamic effects 
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3.3.4. Fuselage Aerodynamic Coefficients 

The aerodynamic coefficients for the fuselage were generated using fuselage geometry obtained from an 

aircraft 3-view. While cross-sectional areas are not available for the Extra 330SC, the fuselage-cross 

sectional geometry were approximated using the 3-view provided in the POH [13]. The fuselage cross-

sections were approximated as elliptical sections. The semi-major and semi-minor lengths that make up 

each ellipse were measured at various stations as half of the width of the fuselage top and side views. These 

measurements are illustrated in Figure 84. The measurement (ὥ represents the half widths measured off 

the top view, while the measurement (ὦȟ represents the half heights measured off the side view. The 

lengthwise distributions of the variables ὥ and ὦ are provided in Figure 85.  

The distribution of ὥ and ὦ were used to obtain the cross-sectional area distribution of the fuselage. 

The resulting distribution of the fuselage area was then used to find a distribution of the radius of equivalent 

circular sections along the fuselage. Both distributions have been plotted in Figure 86. It is evident that a 

very large portion of the fuselage area is located at the front of the Extra 330SC. This is because the engine 

is located at the front of the fuselage. This forward bias in fuselage area results in the aerodynamic centre 

Figure 83: Coefficient of quarter chord pitching moment for an infinite aspect ratio wing, an aspect ratio 

of 4.66 with and without dynamic effects 
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of the fuselage being located further forward, near the centre of mass of the aircraft. This minimises pitching 

moment effects of the fuselage. 
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Figure 84: Fuselage width and height measurements at various lengthwise stations 
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The distribution of the width-to-height ratio ὥȾὦ of the Extra 330SC fuselage is provided in Figure 87. 

The distribution in Figure 87 was used to obtain the distribution of the ratio of the local normal-force 

coefficient per unit length ὅ  for an elliptical cross-sectional shape to the similar coefficient ὅ  for 

the equivalent circular shape having the same cross-sectional area. This applies to both slender body theory 

as well as Newtonian impact theory. Figure 87 indicates that the fuselage is wider than taller in the front 

sections and then gradually transitions to having a larger height than width, at the cockpit and continues to 

the rear of the fuselage. The distributions for the slender body coefficient of normal force ratio ὧȾὧ  

and Newtonian coefficient of normal force ratio ὧȾὧ ratio are provided in Figure 88. 

The distributions for the slender body coefficient of normal force ratio and the Newtonian coefficient of 

normal force ratio are a function of the ratio width-to-height ratio. The width-to-height ratio does not have 

any large bias in either width or height at the front of the fuselage for the Extra 330SS. The differences in 

the values of the slender body coefficient of normal force ratio and the Newtonian coefficient of normal 

force ratio are small. Moving rearward from the start of the fuselage cockpit, the height begins to outweigh 

the width of the fuselage, implying that the width-to-height ratio becomes less than unity. For values of 

width-to-height ratio less than 1, the differences in slender body coefficient of normal force ratio and 

Newtonian coefficient of normal force ratio are minimal. Given the larger height over width from the start 
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of the cockpit, the values of slender body coefficient of normal force ratio and Newtonian coefficient of 

normal force ratio for the Extra 330SC fuselage are very similar in magnitude. This is illustrated in Figure 

88 rearward of ὒ ςȢς m.  
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The cross-flow coefficient of drag ὅ , required as input to Equations (176) and (178) from §2.4.2, was 

obtained using Figure 89. The low-speed nature of the tumble manoeuvre ὓ πȢς would 

indicate that a coefficient of ὅ ρȢς would be applicable to cylinders of all sizes. While the chart does 

not extend to a Mach number of near zero, the data towards zero can be extrapolated and the conclusion 

that ὅ ρȢς is correct.  

[75] 

 

The drag proportionality factor – required for Equations (176) and (178), was obtained through the use 

of Figure 90. The length-to-diameter ratio of the cylinder in question was required to obtain a value for the 

drag proportionality factor. The data presented in Figure 90 was generated for a constant cross-sectional 

area. The fuselage of the Extra 330SC is constantly varying and an average diameter was taken from the 

distribution of the radius of an equivalent circular cylinder (Figure 86). The average diameter was calculated 

to be Ὀ πȢχπχ m. The length of the Extra 330SC fuselage was taken as ὒ υȢυωυ m, giving a 

Figure 89: Drag coefficients of circular cylinders of various sizes as a function of Mach number [75] 
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length to diameter ratio of ὒ ȾὈ χȢως. Using this length-to-diameter ratio, a value of – πȢφυυ 

was obtained. 

 

 

An attempt was made to recreate the fuselage data provided by Pamadi [41] to ensure that the method 

provided by Jorgensen [42] was correctly applied. While not all input data was clearly given, sufficient data 

was provided in the report to reproduce the curves for coefficients of lift, drag and pitching moment. A drag 

proportionality factor of 0.85 provided good correlation in results. This can be seen in Figure 91 and Figure 

92, where the coefficients of lift and drag have been reproduced for the fuselage data. The slight mismatch 

in the curves is thought to be as a result of an area distribution that was not completely representative of the 

one used by Pamadi [41]. An area distribution was approximated based on limited data. While an area 

distribution is provided in Figure 21 of Pamadi [41], the values presented appear to be incorrect, which 

results in an incorrect distribution for the derivative of area with respect to length. It may be that the area 

distribution that is provided was that of the scale test model instead of the full-scale aircraft. The report also 

states that an óidealisedô rear fuselage was used in place of the actual geometry. The results from the 

coefficients of lift and drag were acceptably close to conclude that the model presented by Jorgensen [42] 

Figure 90: Ratio of the drag coefficient of a circular cylinder of finite length to that of a cylinder of 

infinite length, –, as a function of the length-to-diameter ratio Ὑ ψψ πππ [75] 
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was being applied correctly. The coefficient of pitching moment was also reproduced. Using the geometry 

and variables derived for the coefficients of lift and drag yielded a curve that had an identical shape to that 

provided by Pamadi [41]. The magnitude of the two curves was marginally different. The difference arose 

as a result of the location of the centre of gravity. Using the centre of gravity location provided by Pamadi 

[41] (ὼȢ ρȢωρ m  resulted in a curve that had a greater magnitude, than the curve provided. This 

difference occurred from ‌ σπЈ onward. Using a centre of gravity location of ὼȢ ρȢτ m provided very 

good correlation between the two sets of results. The location about which the pitching moment was taken 

is not explicitly stated by Pamadi [41] and a location may have been selected to match that of the wind 

tunnel test data. It was assumed that the curve was obtained about a location that is approximately ρȢτ m 

from the nose of the aircraft. As with the coefficients of lift and drag, the slight differences in the coefficient 

of pitching moment are likely due to an area distribution that is not identical to that of Pamadi [41].  
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Figure 92: Fuselage coefficient of drag, reproduced for data provided in Pamadi [41] 
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It is possible that the changes in area along the fuselage result in a cylinder that has a greater length-to-

diameter ratio than that predicted by simply taking the average diameter of the body. Jorgensen [42] 

strongly recommends obtaining the values of the drag proportionality factor and cross-flow coefficient of 

drag through experimentation. Such data is not available for the Extra 330SC geometry at the time of writing 

and as such the values of the drag proportionality factor and cross-flow coefficient of drag that are discussed 

in this section were used.  

A summary of the input data for the estimation of the aerodynamic coefficients of the fuselage of the Extra 

300SC is presented in Table 31. The relevant figure for each input variable is provided.  

 

Table 31: Summary of fuselage aerodynamic coefficient input data 

Input  Variable Value/Figure Units 

╛█◊▼▄ȟ╧ υȢυωυ m 

═► πȢφωτ m2 

Ɫ πȢψυ - 

╒▀▪ ρȢς - 

●□ ρȢυφχ m 

▀═Ⱦ▀●  - 

► Figure 86 m 

     
╒▪
╒▪ ╢║

 Figure 88 - 

         
╒▪
╒▪ ╝▄◌◄

 Figure 88 - 

 

The predicted coefficient of lift for the Extra 330SC fuselage is plotted in Figure 94 along with the 

coefficient of lift presented by Pamadi [41]. The NASA GA aircraft fuselage coefficient of lift is presented 

for calculated values using the method developed by Jorgensen [42] and for static wind tunnel test data. 

While each data set follows a similar trend the magnitudes show very large disparities. The calculated 

NASA data and the estimated Extra 330SC coefficients follow a similar shape both peaking at ‌ υυЈ. 

The wind tunnel test data peaks at ‌ φπЈ following a similar trend. Pamadi [41] states that a constant 

value of slender body coefficient of normal force ratio ρȢρω was used. A constant value of Newtonian 

coefficient of normal force ratio ς appears to have been used but is not explicitly stated. A potential 

contributing factor to the difference in magnitudes could be due to the assumed shapes of each of the 

fuselages. The NASA GA fuselage is more ósquareô in cross-sectional shape when compared to the more 

elliptically shaped Extra 330SC. The elliptical cross-section has a lower cross-flow coefficient of drag 

value. While Pamadi [41] did not clearly indicate the value of the cross-flow coefficient of drag it would 
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appear that a value higher than ρȢς was used. Increasing the assumed value of the cross-flow coefficient of 

drag for the Extra 330SC fuselage to a value of ς provides a much closer match of the data. An additional 

contributing factor to the difference in values could also be due to the area distributions between the two 

fuselages. The fuselage area of the Extra 300SC is less than that of the NASA GA fuselage along the entire 

length. This resulted in a lower coefficient of lift.  

Notable differences are seen in Figure 94 between the two sets of calculated values. The estimated Extra 

330SC values and the wind tunnel test data illustrate a good correlation in magnitude up to an angle of 

attack of συЈ. The coefficient of lift of the fuselage for all data sets is relatively small when compared to 

those of the wing. These values are not expected to influence the overall results significantly. This does not 

imply that the forces can be omitted from calculations. Particularly because the fuselage is constantly being 

blown by propeller slipstream effects throughout a tumble manoeuvre. The presence of propeller slipstream 

implies that the angles of attack seen over the fuselage should be relatively low ‌ σπЈ, unless a 

strong headwind exists. The noted differences in results are likely due to different cross-flow coefficients 

of drag and areas. The coefficient of lift data estimated for the aircraft was deemed acceptable due to the 

relatively good correlation between static test data and estimated Extra 330SC fuselage data along with the 

expected low angles of attack.  

 

 

Figure 94: Comparison of the coefficient of lift for the Extra 330SC fuselage and a NASA GA aircraft 

fuselage presented in Pamadi [41] 
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The coefficient of drag for varying angles of attack for the Extra 300SC fuselage is plotted Figure 95. The 

coefficient of drag values for a NASA GA aircraft provided in Pamadi [41] are also plotted. Calculated and 

wind tunnel test data were provided for the NASA GA aircraft. As with the coefficient of lift large 

discrepancies exist between the data for each fuselage. The same arguments made for the differences in the 

coefficient of lift may be applied to the coefficient of drag. Similar curves exist between the Extra 330SC 

fuselage data and the calculated NASA data. The differences in magnitude are due to a lower cross-flow 

coefficient of drag and a lower overall fuselage area for the Extra 330SC. A notable difference does exist 

between calculated and test data. The calculated NASA data follows the static test data more closely at 

lower angles of attack than the Extra 330SC. This is likely due to the differences in the cross-flow 

coefficient of drag value and fuselage geometry. Despite these differences, the values calculated for the 

Extra 330SC were used as is for the same reasons as those provided for the coefficient of lift.  

The magnitude of the coefficient of drag of the Extra 330SC fuselage is not dissimilar to those of the 

coefficient of lift for angles of attack up until υπЈ. A key difference exists for angles of attack υπЈ 

where the coefficient of lift decreases while the coefficient of drag continues to increase. This illustrates a 

shift in direction of the fuselage forces at higher angles of attack. The coefficient of drag of the Extra 330SC 

fuselage, much like the coefficient of lift, has magnitudes lower than that of the wing and are not expected 

to alter the results by a significant amount. Their inclusion is still necessary.  

 

Figure 95: Comparison of the coefficient of drag for the Extra 330SC fuselage and a NASA GA aircraft 

fuselage presented in Pamadi [41] 
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The coefficient of pitching moment for both Extra 330SC fuselage and the NASA GA fuselage presented 

by Pamadi [41], are given in Figure 96. The coefficient of pitching moment for the NASA GA fuselage is 

presented for static wind tunnel test data and calculated data. The only correlation in data can be seen 

between the wind tunnel test data and the estimated Extra 330SC data up to an angle of attack of σπЈ. 

This correlation is likely purely coincidental. The coefficient of pitching moment is a function of the 

distribution of the fuselage area and the location of the centre of gravity of the aircraft. The area distribution 

determines where the aerodynamic centre of the fuselage forces is located. This location relative to the 

centre of gravity provides a pitching moment.  

The fuselage of the Extra 330SC illustrates a forward cross-sectional area bias. This bias results in a 

difference in shape of the pitching moment curve when compared to the NASA GA fuselage. The large 

portion of area at the front of the Extra 330SC fuselage suggests that the aerodynamic centre of the fuselage 

would be located near the front section of the fuselage. This results in a fuselage force that is forward of 

the centre of gravity of the aircraft. The forward force creates destabilising, nose-up moments across a large 

angle of attack range. The different shape seen in the coefficient of pitching moment for the NASA GA 

aircraft is due to a different area distribution and centre of gravity location with respect to the aerodynamic 

centre of the fuselage.  

The magnitude of the coefficient of pitching moment is small, with the Extra 330SC fuselage providing a 

nose-up moment until an angle of attack of ψςЈ. The small values seen in Figure 96 are due to the close 

proximity of the aerodynamic centre of the fuselage and the centre of gravity. This feature may have been 

intended by the aircraft manufacture to limit the effects of the fuselage in pitch throughout a wide range of 

angles of attack. The position of the aerodynamic centre as a function of the normalised Extra 330SC 

fuselage length is provided in Figure 97. It is clear that the aerodynamic centre of the Extra 330SC fuselage 

is located near the front of the aircraft. The large areas seen on the front and side view of the fuselage 

suggest a forward bias in aerodynamic centre. While the area distribution of the side of the aircraft seems 

to be split almost evenly about the half length of the fuselage, the top view provides a significant bias in 

area towards the front of the fuselage.  

Without any directly comparable test data available for the Extra 330SC the coefficient of pitching moment 

curve provided in Figure 96 will be used in analysing a tumble manoeuvre. It should also be noted that the 

coefficient of pitching moment was presented for a single centre of gravity location. Since the centre of 

gravity is changed for different aircraft configurations, the coefficient of pitching moment was recalculated 

for each aircraft configuration. It is likely that the aerodynamic coefficients of the fuselage will have a 

minor influence on the results and the disparities noted should not alter the results significantly.  
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Figure 96: Comparison of the coefficient of pitching moment for the Extra 330SC fuselage and a NASA 

GA aircraft fuselage 

-0.4

-0.3

-0.2

-0.1

0.0

0.1

0.2

0 10 20 30 40 50 60 70 80 90

C
o

e
ff

ic
ie

n
t 
o

f 
p

it
c
h

in
g
 m

o
m

e
n

t,
 C M

[-
]

Angle of attack, Ŭ[-]

NASA Test Data Extra 330SC NASA Calculations

Figure 97: Extra 330SC fuselage aerodynamic centre as a function of normalised fuselage length 
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3.3.5. Horizontal Stabili ser Aerodynamic Coefficients 

The coefficients of lift and drag for the horizontal stabiliser were calculated using the method outlined in 

§2.4.1 and are presented in Figure 98 for an infinite aspect ratio. Test data for the coefficient of lift of a 

NACA0009 (infinite aspect ratio) is presented in Figure 98 alongside the calculated values. The values 

presented in Table 32 were used as the input values in generating the coefficients of lift and drag for the 

Extra 330SC horizontal stabiliser. From the test data, the estimated coefficient of lift shows acceptable 

correlation with some minor overpredictions near the first and second stall points. An interesting feature of 

the NACA0009 is that the second coefficient of lift peak is higher than the first. This suggests that the shape 

of the profile is tending towards that of a flat plate, while still retaining the traits of an airfoil profile. The 

coefficient of drag follows a similar trend to those seen in §3.3.1, with a high peak value of ςȢπψ. 

 

Table 32: Summary of horizontal stabliser aerodynamic coefficient input data 

Input  Variable Value/Figure Units 

Airfoil  ὔὃὅὃπππω - 

═  0 deg 

═╒╛ȭ [12, 12] deg 

╒╛ □╪●ȭ [0.8, 0.8] - 

╢ȭ [0.1, 0.1] 1/° 

╒╓ [0.0055, 0.005] - 

═╒╓ȭ 13 deg 

╒╓ □╪●ȭ [0.009, 0.019] - 

╫╗╢ 2.66 m2 

═╡╗╢ 3.32 - 

╢╗╢ 2.13 m2 

╢▄ 1.04 m2 

╒╛♪◌░▪▌
 0.102 1/° 

╪  0.6ὅ  - 

╪  0.6ὥ - 

♪
╗╢

 0 deg 

♯▄ -25 deg 

[75] 


























































































































































































































