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Abstract

An intelligent fault-tolerant control system for ammanned aerial vehicle was developed that was
designed to be capable of tolerating a numberfédrént control actuator faults. The development o
the control system focused on the simulation ofdgtem using a nonlinear flight dynamic model
with the aim to implement this control strategyain operational UAS in the future. The nonlinear
flight dynamic model was a high fidelity, six-degref-freedom model that made use of available
wind tunnel data. The model considered the gersgahtions of motion of an asymmetric rigid
aircraft within the troposphere and also considemsotor, and control actuator dynamics. The
proposed control strategy consisted of a modekeafse fuzzy logic adaption algorithm combined
with a daisy chain allocation algorithm. An equerd desired first order behaviour was used to
generate an ideal response to a control input @ed as a reference for the adaption algorithm to
follow. The allocation algorithm made use of seamydand tertiary control effectors that were used
only after the primary control surface reachedpibysical limits of travel. A number of control
actuator failures, of varying severity, were moe@lthat included elevator failures, aileron faiture
and combined aileron and elevator failures. Thmilte showed the proposed control system was
better able to tolerate the simulated failures wbempared to the unmodified autopilot. For more
severe failures it was found that the control atmmn algorithm was a necessity and in some céses t
adaption algorithm when used in isolation, inducedtrol instability. Tuning of the adaption ratds o
the adaption algorithm was found to have a sigaificeffect on the performance of the system. In
some cases the incorrect adaption rate caused déegreontrol performance. It was, however,
concluded that the proposed control strategy davide a degree of fault-tolerance for the failure
scenarios considered. It is recommended that nedseato the effects of adaption rates, auxiliary
control functions (such as feedforward loops) amel ise of health monitoring be considered for a
more practical system. It is also recommended eRtgnsive testing be conducted with hardware in

the loop simulators before this system be implesant



Scope and Contribution

The scope of this dissertation involves the initedearch and design of a fault-tolerant contrstesy

for a UAS. A detailed high fidelity flight dynamimodel is used to simulate and test the proposed
control strategy under a number of control actutddures. The scope is limited to control actwato
failures and in particular to aileron and elevd#lures. The system is to show fault tolerancéhm
longitudinal axis and lateral axis in isolation w&ell as show tolerance in both axes combined.

Limitations of the flight dynamics models valididye recognized, these include:

*  Subsonic flight
* Flight within + 30° sideslip angles
*  Flight within -10°,+ 20° angle of attack

* Flight within the troposphere with no turbulence

This research has contributions in the developrnoéra high fidelity flight dynamic model for the
simulation of the fault tolerance control systerac&dly, there is little research to the effectusihg
fuzzy logic as a method of control adaption forhotite longitudinal and lateral axes. This research
also has contributions in combined failures of oonactuators and this research also contributes to
the understanding of combining two fault-toleracoatrol techniques namely, control adaption and

control allocation.
Published Work

As yet, this work remains unpublished. At the tiofewriting a journal article, tittedDesign of an
intelligent fault-tolerant control system for an MA had been written and submitted to the Royal

Aeronautical Society of South Africa for considérat
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1 Chapter 1 - Introduction

1.1 Research Background

The first rudimentary, but functional, autopilotsign was first developed as early as 1914 by
Lawrence Sperry, the son of gyrocompass co-inveriitmer Sperry [1]. He demonstrated his
autopilot to an air show crowd by flying his Curs2 “hands free”. While basic, it provided a
demonstration of what was to follow. Autopilotsveaevolved into complex control systems that
have the ability to optimise aircraft performanmuce pilot work load, reduce airspace congestion
and improve flight safety. Autopilots range in qaexity from simple wing levelling systems in
small general aviation aircraft to complex systerapable of controlling unstable military fighter
aircraft, such as the Euro fighter shown in Figutke

Figure 1.1: Euro fighter performing a high G mangey2].

Advances in autopilot design and an increasing rieedystems capable of laborious or dangerous
flight missions led to the development of Unmanrfegtial Systems (UAS). UAS aircraft are

particularly useful in the military context as theffer a safer platform for reconnaissance and
observation, and more recently, attack. Aircraithsas the Northrop Grumman Global Hawk and
General Atomics Predator drone, shown in Figurgd)2nd (b), have been actively used by the U.S.

Air Force in recent engagements.

The capabilities of UAS in the civilian context aepidly becoming apparent. The interest shown by
law enforcement, border patrol, research groups gemeral interest groups has seen the rapid
development of small UAS. These systems have beade possible through the increasing

miniaturisation of electronic components and adeario energy storage capacity.

The research into control of an UAS is extensive aidely varying and, in particular, the field of
fault-tolerant control is equally extensive. Varsotechniques have been developed to ensure a fault
tolerant system. These include the use of reduwydarobustness, adaptability and artificial



intelligence, all of which will be described in neodetail in the chapters that follow. All of these

techniques have some merit and their suitabilitydly depends on the application.

(a) (b)

Figure 1.2: Typical UAS: (a) Northrop Grumman Globiawk [3], (b) General Atomics Predator Drone [4]

1.2 Types of Fault-Tolerant Control Systems
Fault-tolerant control techniques fall into a numbgclasses some of which are:

* Redundancy
» Fault detection, diagnosis and isolation
e Adaptive control (Indirect or Direct)

» Reconfigurable control

These categories are further subdivided into an ieeeeasing series of techniques that all have the
advantage and disadvantages. A summary of theustechniques examined and how they relate to
each other in the fault-tolerant control designbtem is given in Figure 1.3. While the diagram sloe
not hope to include all possible methodologies approaches, it does show the basic ideas around
fault-tolerant design techniques.



Fault Tolerant

Figure 1.3: Diagram indicating an overview of fatalerant controller design
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1.3 Challenges Associated with the Design of Fault-Talent Control Systems

There are a number of challenges associated watldelsign of a fault-tolerant control system. These

include, but are not limited to[5]:

» Early and successful detection of faults (in theecaf a FDD system)

* Uncertainty within the modelled plant and robussnesunknown disturbances

» Ensuring simplicity and integration into existingntrol system architectures

* Ensuring that the fault-tolerant system is ablatsgmptotically track the desired set
point.

» Fault-tolerant systems may be controlling a nominglant that behaves linearly at
the operating point. In the event of a failureréhmay be a shift in plant dynamics to
the extent that the system must control a highlflinear system. [6]

» Designing a system that is able to detect faultsead world environments where

faults and uncertainties are mixed (defined asRubustness problem") [7]

The first challenge for any fault-tolerant systesnthe identification of a fault. This may be done
actively, as is the case with detection systembkisrmay be done passively, where the system simply
reacts to the disturbance as in model based systAmsbust system is also required, as a systain th
is too sensitive to uncertainties, in both the afipg environment and discrepancies in modelled
behaviour will result in a system that triggersséalalarms or unnecessary changes in control
behaviours that may lead to unstable system pediocen Of great difficulty is the ability of the
fault-tolerant system to maintain stability aftefaalt has occurred as well as ensure that ingiakil

are not created during normal operation of theesyst



1.4 Literature Review

1.4.1 Artificial Intelligence Techniques
Fuzzy Logic

Fuzzy logic was first theorised by Lotfi Zadeh [8]he idea of fuzzy logic is to allow a computer,
which operates on 1's and 0’s to have an abilityettson and think based on data which is flawed and
inherently ill defined. Fuzzy logic is used to gia computer the ability to reason by making a
judgement of how true a condition is. The analofign given to explain fuzzy logic, as outlined in
[9], is that of temperature. One would generaltgatibe temperature as cold, cool, mild, warm ar ho
and a person’s decision is based on a number tfrfasuch as temperature, wind chill and humidity,
but importantly, it is not a definite answer of lawtcold as there are subdivisions in-betweerthdf
temperature was 23°C, one may say that the temperat warm but on the colder side of warm.
Fuzzy logic tries to emulate this process of reagphy creating a set of rules that can be followed
obtain an answer of how hot the temperature istia@d determine an action to perform based on this

information. Fuzzy logic follows five basic steps outlined in [10], which are the following.
* Pre-processing

This is the manipulation of the measured data sscfiltering, averaging, differentiation, integuati
or normalisation. It is simply used to obtain teta desired for use in the fuzzy logic controller.
While not unique to fuzzy logic controllers, it m@netheless important, particularly in fault-tolgra

controller design.
* Fuzzification

Fuzzification is the process of taking the crispadfrom the pre-processing, for example, a
temperature, and converting it into degrees of mesitip. The process starts with the creation of a
membership set made up of linguistic variableshisTs a purely subjective process based on expert
opinion from a knowledgeable person in the fielthgecontrolled. In keeping with the temperature
example, a membership set could be the definitfofCold”, “Cool”, “Mild”, “Warm”, and “Hot”.

The membership sets typically have the form shawfigure 1.4; however, their shape may vary.
The shape may be triangular, trapezoidal, or Gansdilowever, it is common to use triangular
membership functions due to the reduced computati@guirement. Typically, there would be some
overlap of the membership set to avoid a measuagdhle being in no membership function. The

fuzzification process is illustrated in Figure 1.4.
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Figure 14: Diagram showing an example of membership functfonshe fuzzy logic process th an exampl
(23°C) of how to derive the degree of membershimforisp numb

The grajhical exampl depicted inFigure 1.4 shows the determination of the degree of membe
for an arbitrary input Table 11 shows the complete degree of membership for eachb@eship se
for the chosen example temperature of 2. While it has occurred in this case, it is not auisgment

for the degree of membership to sum tc

Table 11: Degree of membership for each membership set femperature of 23'

Membership se Degree of membershi
Cold 0
Cool 0.4
Mild 0.€
Warnr 0
Hot 0

* Rule Base

Once the data has been fuzzified, it can be af to a set of rules. These rules, the rule basey:
the controller to determine the correct responsapfady. The rules may have a single input asim
example or they may have multiple inputs thus alawuzzy logic controllers to be used wittulti
input and ingle input systems. Typica in fuzzy logic controller, the error from a set point and t
rate of change of error are used to control theuuf the system. However, an accumulated ¢

can also be used, in essence emulatiPrgportiona-Integra-Derivative (PID) controller.

The rule base is typically formulated through tree wf linguistic rules In other words, “If the

temperature is COLD THEN the heater is turned anaximum” or “If the temperature is HC



THEN the cooling is turned onto maximum”. Thestesuare then tested based on the degrees of
membership described above. Again for completeadgpical rule set for the temperature example
is given in Table 1.2. It is noted that the rudes deliberately "Fuzzy", that is, the use of wasdsh

as "slightly" are encouraged.

Table 1.2: Rule base for the temperature exampie t@keep temperature "Warm®™)

Rule number If Temperature Then
1 Cold Heating on maximum and cooling off
2 Cool Heating on slightly and cooling off
3 Mild Heating off and cooling off
4 Warm Cooling on slightly and heating off
5 Hot Cooling on maximum and heating off

A rule is said to fire when its condition is mehus following with the above example, rule number 2
and 3 are met to a certain degree. Thus rule Bad said to fire with a firing strength of 0.4ah6

respectively.
* Inference Engine

In the case of a single input system, there is eedrfor this step as a rule has fired with a certai
firing strength. At this point a single input st would proceed to defuzzification, described Wwelo
For a multi input system where, for example, eaod rate of change in error are used, an additional
step before defuzzification is required. If, fosaenple, the rule is,If the temperature is hot AND the
temperature is decreasing THEN apply slight codlirape needs to determine the degree to which
each part of the rule contributes to the outputusl if the temperature was “Hot” to a degree 6f O.
and temperature was “Decreasing” to a degree o¢fithchn be seen that the “Hot” is more dominant
and should have more prevalence. In practicalyflzgic algorithms, this is typically done usingeth
AND and OR operators which correspond to minimurd eraximum operators respectively. Thus,
the firing strength of the example would be 0.9 ant 0.1. This would force more cooling to occur

until the correct temperature is attained.
» Defuzzification

Defuzzification is the process of converting theutes of the rules into a crisp output to be appbg
the control actuator. In the example used, thigldite the air conditioner/heater. Several methods

exist for calculating the required output, these ar



1. Centre of gravity metho

This method is the one of the simplest and mostngonly used and looks at the degree
membership of each membership set and converttotlis area as shownFigurel.5. This isthen

converted to a single output value using a forroesftre of gravity of the arec
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Figure 15: Diagram showing the centre of gravity met
2. Bisector ofarea metho

This method finds the midpoint ofe relative areas under the two graphs and usegoattiad the
output requirec The method is computationally intense and can baiguous in the case of discre

values (singleton<10].
3. Mean of naxima metho

This methodlooks at the rules which fire with the highest sg#h and uss these to influence tr
output; however, this can lead to ambiguities.dadtthe mean of the maxima is used. This me

ignores the shape of the membership functions &siréduced comgational complexity[10].
4. Left most maximum and right most maxim

This method chooses the left most maximum or thghtrimost maximum but is more suited

robotics where a simple left or right decision mostmade



Neural Networks

Neural networks were inspired by the structures @ogesses found in the bra The brain consist
of billions of neurons which respond to inptL These inputs are processed and passed along tr
synapses to the next neut Artificial Neural Networks (ANN)have a comparable structure ¢
work in a similar mann«to the brai. Inputs are passed to nodes and given weight From this,
they are generally passed onto another level oésu Each node sums the inptit receives until
certainthreshold valu is reached. nce the threshold value has been reached, the witidénen
output a predefined value, commonly “: The basic structure of a neural network is giveFigure
1.6.

Qutputs

Hidden
Layer

Figure 16: Basic structure of an artificial neural netw

The weightings and threshold values give the ANi\tltaracteristics and determine the output ve
from a set of inputs Thus in order to obtain an ANMat is usefi, these weights and threshc
values need to be “learned” by the A; for simple problems this can be done manui In general
ANNs will have far more nodes and layers than degidn Figure 1.6. This means that tr
“teaching” of an ANN needs to be automated. Thisghieved through various techniques suc
back propagation, the use of genetic algorithmadignt descent, amongst ott[11]. With these
technigles,there are two ways to teach an AN The first is incremental teaching, where some e
data is presented to the ANN and the weights agfjlistnd the second is batch learning, where
the data is presented to the ANN and the weighjissteti. There are problems in the training
ANNSs in that the process is generally quite slowhis can be influenced by the type of learr

mechanism and the rate at which the weights angstad]. If the adjustment rate is |, the learninc



process will be slow, and if the learning rateighhthe values of the weightings may diverge. sThi
presents a problem with regard to aircraft andtfimlérant control, as a quick and reliable chaimge

control parameters is required.
» Back Propagation

Back propagation is a learning mechanism that alldve ANN to tune its threshold and weighting
values based on the inputs and required outpuask Bropagation starts with a random set of weights
assigned to each of the hidden layers. The ingrgsthen inserted into the ANN and the outputs
compared to the desired outputs. The weights hrekholds are then adjusted by looking at the
effect of each node on the outcome. A learning imtalso specified that determines how quickly the
ANN will adapt its weights. The higher this isgtlfaster the ANN will learn; however, if it is too
large the weights will diverge. This process isgaigated backward and a number of iterations run
until the desired state is reached [11]. Therevarmus back propagation algorithms such as gnadie
descent, conjugate gradient descent, Broyden-Fef@loldfarb-Shanno method, quasi-Newton, one-

step secant, Levenberg-Marquardt and Bayesianaggation as described in [11].
1.4.2 Fault-Tolerant Design

Fault-tolerant design has seen much attentiondertetimes [12] due to the drive for safer and more
reliable systems. Fault tolerance is particulamyportant where people’s safety is concerned, being
particularly true in the aviation, nuclear and pebtremical industries [12]. The use of a more
advanced control system would have undoubtedlyltesbun a better outcome in many of the
engineering failures of recent history. Perhas rtiost famous example of where a fault-tolerant
control system would have changed the outcomearitigal situation is the case of United Airlines
232, a McDonnell Douglas DC-10 flying from Denv@glorado to Philadelphia, Pennsylvania. The
aircraft suffered a catastrophic failure of the l@m2 engine, mounted at the rear of the aircrélfte
failure of the stage 1 fan disk resulted in theslo$ hydraulic fluid in all three of the hydraulic
systems, due to the engine fragments leaving tigghercowling. This resulted in the loss of the
actuation of all control surfaces and subsequess & traditional control [13]. An off-duty traimg
pilot provided assistance to the on-duty pilots asnhg differential thrust with the remaining erggn
was able to navigate to Sioux City Airport and peri a landing. Unfortunately, the right wing
dipped moments before landing resulting in theraftdumbling on impact. 111 people were fatally
injured but 185 people survived [13]. An almostntieal situation developed on the 22 November
2003. An Airbus 300 cargo aircraft was departingtBtad airport and was struck by a surface to air
missile. Using a similar technique to the UA232e;abe pilot was able to land the aircraft without

casualty, however the aircraft was severely damgt¢d. Due to accidents similar to this, a great

10



deal of attention has been given to fault-tolesystems that could prevent a situation similahie t

occurring in the future.

Fault-tolerant design can be considered as a fér8ystems Engineering, where a failure analysis of
the system, coupled with good engineering practidkresult in a design that is tolerant to fautlisa
certain degree. This may include a system thedmgpletely fault-tolerant, or simply a system tisat
failsafe. Thus the subject of fault toleranceésywbroad and encompasses a variety of disciplmes

order to achieve a truly fault-tolerant design.
1.4.3 Redundancy

Redundancy is simply the duplication of criticahmgmonents and systems to ensure that a single point
of failure cannot occur. Redundancy can, in gdnbeasplit into hardware redundancy and analytical

redundancy.
Hardware Redundancy

In the areas of human safety, hardware redundamgyimclude redundancy of actuators, sensors and
systems. For example, on many commercial airctath @s the McDonnell Douglas DC-10, there are
multiple hydraulic systems to ensure that should egpstem be compromised the aircraft is still
controllable and safe [13]. Many aircraft also malse of multiple control actuators and various
backup instruments and sensors to ensure thatilueef of one component cannot cause the unsafe
operation of the aircraft. Unfortunately, not@dissible faults can be accounted for and manyadircr

accidents have been caused when all of the redaiesamave failed.

The main drawback of hardware redundancy is; howéhe increase in hardware complexity, weight
and in general a large financial implication. Heee there are many advantages to hardware
redundancy. This is commonly seen in modern fighteraft to increase manoeuvrability by using
redundant control actuators in combination with ¢tessical control actuators. In less safety aaiti
industries, hardware redundancy is generally cdetiteough the use of redundant sensors which are
less costly rather than more expensive systemsetugtors, with the aim of minimising production
losses [12], in essence creating a system thaaiisséfe, rather than fault-tolerant. Hardware
redundancy, in some form, will always be requiredorder to achieve fault-tolerant design for
systems that interact with a real world environmefihus the use of hardware redundancy will be a

vital aspect of the fault-tolerant UAS design.
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Analytical Redundancy

Analytical redundancy is the use of software anchmatational techniques that check the system or
make adjustments to the control laws to achieveeeia fault-tolerant system or a failsafe system.
Analytical redundancy can be as simple as sensorfuwhere two separate sensors are used in

combination to act as a check of sensor accurafiynationality, or it can be more complex.

Analytical redundancy can be achieved either palsiby having a set of pre-programmed actions to
perform should a failure be detected, or activeing artificial intelligence techniques to identdnd

make decisions about what actions to make [12]datain the system performance. Active methods
are generally considered superior to passive msthsdhey can potentially accommodate any fault
of the system, whereas a passive system is lintélde number of faults that have been designed for

and programmed.
1.4.4 Fault Detection, Diagnosis and Isolation

Fault detection, diagnosis and isolation is a sgyatto give the controller some information abdt t
status of the system as a whole. The strategyviesdhree steps as indicated by the title. Fyirstie
controller needs to determine that a change irchiagacteristics of the controlled device has oezlrr

or a component failure has occurred (DetectionhceéXthis has been established, the fault or change

needs to be identified (Diagnosis). And finallye taction to take needs to be enacted (Isolation).

There are multiple methodologies that can be usexthieve fault detection diagnosis and isolation.
In the simplest case, it may be possible to meadiveetly the area of interest. For example, ascar
engine temperature can be easily measured andtaéermined if that temperature is too high. The
control actuator of the plant can directly be meagdwand compared to the output of the controller an
simple thresholds used to determine that the pdurictioning correctly. In the case where a direc
measurement cannot be easily made, for exampleutpait of a sensor, other techniques need to be
used. These include model-based approaches, shdvigure 1.7, where the output of the controlled
device is compared to a set of fault models. Shtha output match one of these models, a fault can
be deemed to have occurred and preset action takmitigate the fault. Hypothesis testing can also
be conducted to determine whether a fault has cedubifficulties arise in successfully detecting a
fault as uncertainties within the analytical modetl faults are difficult to differentiate in reabvid

environments. [7]
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Figure 17: Example of a mod-based approach to fault detection, diagnosis afdtisr

Applications of Fault Detection, Ciagnosis and Isolatiol

In [15], a fuzzy logic system was developed to detecgraiae and then apply corrective action
petrochemical process. The autl of this researc suggest that because of the inhe
characteritics of fuzzy logic, it can be applied fault detection and diagno. It also has th
advantage of being able to capture expert knowleagkthus it has a clear decision making pro
that can be followed by the user. A mcbased approach was u in [15] to determine the state
the plant and whether a fault had occurred. Glatsnethods to do this exist and are used; how
they generally rely on very accurate models ofghacess to create residuals thatw the contro
actuator response to be modified. [15], it is propose that in order to overcome the need fc
highly accurate model, that the algorithms useddbeist against disturbances and uncertaintie:
sensitive o faults. "he authors propose that a m«-based technique be used, where the mode
fuzzy model for th process in normal operationin other words, the predicted behaviour of
system is formulated using the-then” rules of fuzzy logic. Theesearch was successful in the
fuzzy model of the process as created using realt glata that may or may not have had any fi
and then applied to the systel Two faults were introduced and detected by the yfultgic

algorithms
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1.4.5 Adaptive Control Techniques
Model Reference Adaptive Control (MRAC
e Overview

Model reference adaptive control is a control téghe that is closely based on system identifice
techniques. MRAC attempts to adjust the outpuhefcontroller in such a way as to fothe plant
to have certain dynamic characteristics. Thisoisedby estimating the dynamic characteristics e
system based on the inputs supplied by the coetrtdl the system and the measured response

system. There are two primary technic used in MRAC. The first is indirect MRAC, whereet
model parameters are explicitly determined and ftbese results the control laws are adapte
obtain the desired plant transfer functic The second method is the direct methohere the
parametes of the plar are not explicitly determined but, rat, the control law is adapted to force |
output of the plar to match that of a reference mot The difference is sitle; however, the indirec
method is more closely relatedsystems identificson techniques, wheas the direct method mak
use of numerous minimisation technig. Model reference adaptive control consists of dl
fundamental components. The first is the referenodel which describes the ideal behaviour of
plant to an inp.. The second is the controller itself and the fioampoient is the adjustme;
mechanisr [16]. The adjustment mechanism changes the paramettre obntroller using numero
numerical techniques such as the "MIT" rule, Lunov theory, and augmented error the[16]. The

basic idea of MRAC is shown Figure 1.8

Adaptive
Controller

Desired Plant
Dynamics

X(t} E(t}) Ut} Plant Dynamics ¥Y(t}

(Aircraft)

Set point /Input

Feedback Gain If

Figure 18: Control structure of a pical model reference adaptive control sy

14



Model reference adaptive control has two distimstastages. Firstly, MRAC can be used as a method
of self tuning. The controller tunes the PID gaimslrive the plant to a desired reference modeiis
property also gives MRAC another advantage ovemaditional controller in that should the plant
change, due to wear, actuator failure or structananges, the MRAC will adapt the PID gains to
achieve the desired performance. This has beecessitilly demonstrated in the adaption of an
autopilot to changes in airframe. In particulapexments with quad-rotor aircraft losing a frantiof

one propeller blade have proved the ability ofrtiedel reference adaptive control technique to adjus

the control laws to accommodate changes in airfsgihg].
* Applications
Model reference adaptive control has successfidgnhused in numerous instances including UAS.

In [16] a model reference adaptive controller waliad to a second order system using the MIT rule
and Modified MIT rule. The study varied the adapti@ates of the controller and found that the
selection of the adaption gain was important irating a system that performed adequately. They
found that by incrementing the adaption rates #@opmance of the system could be improved to a

point, where after the performance degraded.

In [18], a model reference adaptive control wasettgyed that made use of adaptive algorithms in
both the feed forward and feedback paths. Thewato control a not explicitly known system and
force it to behave to a certain reference mod&IPID controller, with adaptable gains, was plaited

the feedback path of the system. The PID gain® wadjusted online to minimise the tracking error
between the ideal behaviour and the actual behavibwas concluded that the MRAC control used
was able to track the reference model and was asyicgdly stable. It was thus concluded that the
same controller could be successfully used in pleltsystems as the system tracks to a desired
performance. Thus in theory this could also beluseadapt should the system change, such as in the

case of a fault occurring.

In [19], the issue of stability in the adaptive mmiwas considered. In this research, the authors
highlight the fact that, in a PID system with uriaetties, simple adaptation techniques may notitresu
in the convergence of the PID gains to their idedlies, but instead the values may converge to an
unknown and unpredicted value due to the inhereisienand time variance of the system. This may
also result in a system where the PID gains doconverge at all but rather the adaptive controller
may become unstable. The work presented in [19fdito investigate this phenomenon. The
research concluded that the adaptive gains “. otwerge to those bounded steady-state valuesithat f
the particular input commands used in the speaffiglication to guarantee perfect tracking.” They
found that generally the PID gains were lower tivarthe linear time invariant case and that this

warranted future research.
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Fuzzy logic controllers

Fuzzy Logic Control(FLC) can be used as a means of direct controlmr@aonly, this is simph
another form of the classic PID controller; howevastead of using gains, a fuzzy inference sys
is used as shown iFigure 1.9 In oher words, the input to the FLC is the error, m@tehange o
error and sum of error, from a desired set poinkzly logic is then used to make a decision aba
size and direction of the output, as previouslycdbsed inChapterl.4.1. In many cases this h
proved to be highly successfi While a direct adaptation mechanism is not expigitresent, the

FLC is more robust than PID control and is mordipient in handlingnonlinea dynamic systems.

Fuzzy Logic Controller

X(t)

Wy

Inference Engine

Figure 19: Block diagram showing the basic process of ayfuagic controlle

In [20], a fuzzy logic controller was designed, simulated amompared to a Linear Quadre
Regulator (LQR) ontroller. It was found that the FLC had margipddetter performance; howewvi
the main advantage was that an explicit mathematicalel of the system was not required as
actions of a human operator were modelled. Thiammedhg, in the presencof uncertainties @

changes in the syst, a FLC would perform better than a LQR controll

In [21], a flight model, based on the Aerosonde UAS, waatetkand used in the development
FLC for the UAS. The aim was tcfly accurately a Standard Instrument Departure {SAbd s
Tactical Air Navigation (TACAN) approach. 1[22], the work was extended to include

autonomous landing of the Aerosonde UAS. The satedl results were highly ccessful and sho

that these manoeuvres could be successfully flasimgua FLC.

In [23], a FLC was used to control the orientation andgsion of a simulated UAS. This prov
successful; however, it was found that llations in altitude were present. It was thoutitet this
was as a result of the membership functions defingtie simulations and that they were bases
pilot experience rather than flight performancedmtons. Their work continues into methoogies

for improving these membership functions throughuke of genetic algorithm
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In [24], a controller was required to control the longifadl motions of two different general aviati
aircraft, over their entire flig envelope. Typically classic PID controllers uséngscheduling tc
achieve thi; howeve, when moved from one aircraft to another, -tuning of the control gair
would be required. The aim of this research wagdoce/eliminate the need for gaining betweer
aircraft models and reduce the need for gain sdimedthrough the application of fuzzy logic.

fuzzy logic controller was developed and succebssimulated on a Beech Bonanza type aircraft
on a small business jet type aircraft. as found that the controller performed br on the pistot
driven aircraft howeve, the performance of both simulations was satisfgctmer the entire fligh
envelope and in different aircraft configuration®. note by the author was made regardine
process followed in the design of the FLC. It wasnd that the procedure to develop the F
closely resembled the manner in which pilots anglhé&to fly. This hows the purpose of fuzzy lo
in trying to create a system that mimics the wawlimch a human operator would think. The wor}

[24] was then expanded to also include lateral motini[25] and was also highly success
Adaptive PID controllers using Fuzzy Logit

Fuzzy logic ha also been implemented as a means of-tolerant control. In a similar methodolo
to model reference adaptive control, the gains dbasic PID controller are adapted in real timeal
fuzzy logic control system as shownFigure1.10 The fuzzy logic system allows for a r-based
adaptation which is more intuitive and more tramgpathan model reference adaptive control.

use of fuzzy logic in this system also allows floe inclusion of other inps that can aid in adaptit

the PID gains of the controller.
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In [26], a fault-tolerant fuzzy logic controller waesigned for a quad-rotor UAS. The UAS made use
of classical PID control to maintain position, origtion and altitude. A fuzzy logic system wasithe
used to adapt the PID gains to achieve a requbetta performance in a similar manner to model
reference adaptive control. The quad-rotor UAS hwd faults to adapt to, namely, the loss of
effectiveness of all actuators (rotors) and the loiscontrol effectiveness in one actuator. TheSUA
was tested using a Gumstix microcontroller at 2Q0#zwas observed that the fuzzy adaptive PID
controller reacted faster than the PID controlterdturn the UAS to the desired set point after the
fault was introduced. The fuzzy PID controllercalequired less tuning as the gains were adapted

real time by the fuzzy logic system.

In [27], the development of a fuzzy logic systemitar to the type in [26] was developed. However,
this system focused more on a reduction in gaisgdb@n sensor measurements that indicate a fault.
Thus the system was designed to protect the aigfrahould a fault occur by ensuring that the
controller’'s outputs are more conservative. The&yeasuccessful in their design and noted that the
algorithms were not computationally intense andwsh favoured miniaturisation. They also noted
that a hybrid neuro-fuzzy control system would 8eal; however, because of the uncertainty as to
how neural systems obtain their decisions anddhbethat the training of neural networks can be too

slow for online applications, they concentratedyam the fuzzy logic system.
Fuzzy Model Reference Learning Control (FMRLC)

The next advancement in fault-tolerant control isnachanism where the control algorithm can
“learn” based on the outputs it sends and inpuescieives. A typical block diagram of this is givie
Figure 1.11. This is in essence the same as #h@ous model reference controllers; however, the

adaption controller changes the membership sdtedfLC in real time.

In the research conducted in [28], a fuzzy modigreace learning controller was developed for an F-
16 fighter aircraft. This controller was used ¢ézanfigure the F-16 flight controller after a fah#d
occurred. The research was extended to include datection and diagnosis which improved the
overall performance of the system by reducing teggomance capabilities of the aircraft when a
fault was detected. This ensures that while pafrthe mission are compromised, the aircraft i sti
safe to fly and can return to a safe airfield. fdllows a similar methodology to that of model
reference fuzzy control, where a reference modelised to adjust the controller performance;
however, the difference is that the controller fazzy logic controller. Thus the controller isitaing

and adapting to achieve a desired, preset perfareakVhile the simulations proved successful, the
authors noted that more work needs to be conductetbn-linear models, that a comparison between
these techniques and conventional model refereeceniques should be conducted and that the

stability of the system should be tested.
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In [29], afuzzy model reference learning cont(FMRLC) technique was developed that changec
values and ranges of the fuzzy logic controller merslip functions based in the inf-output
relationship of the controller. The controller thieied to minimise the difference between the at
of the system and a predetermined reference m The aim was to create a controller capabl
adapting to echange in the system propertii This controller was then applied to a time vary
rocket velocity control problem and a multi inputiithoutput two degre-of-freedom robotic arm.

was found that the advantage of the FMRLC technigas that a detied analytical model of tF
plant was not a requirement and it provides theaathge of having an expert knowledge base v

ensuring the required performance of the system.
Neural Networks in Adaptive Control

In [30], research was conducted into control of a formation of quarotor UAS aircraft. The
methodology used is that of a lee—follower, where one UAS is deemed the leader amedothers
maintain their position relative to the leader UAS neural nework, consisting of two hidden layel
was used to control this simulated formation. Til& hidden layer consisted of randomly assig
weights, while the second layer consisted of tuwwvedyhts. Unfortunately, no mention of the tun

procalure was rade as only the frarwork was presente

In [31], the design of a fai-tolerant UAS making use of neural networks was stigated. Ir
particula, it was desired to have a system that could accorateadl loss in propulsiornd by using

the remaining propulsive thrust maintain safe ofpema The research was based on previous wo
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the field of fuzzy logic, where fuzzy logic was ds@ the simulation of formation flight of a paif
UAS. The research i[31] proposed a neu-adaptive contrc system that could accommoc
“...fading je-engine power, while still maintaining desirable fpemance and stability properties
This would be conducted using a neural network whlee weights are justed in real time based
the faults detected. The research showed promigsgits in that the simulations were reason
successful. It was noted by the author that thecegfeness of the controller was improved w
more than 15 input nodes ve used and increasing this resulted in better pedoc.. However,
when more than 25 nodes were used, chatteringeodahtrol outputs started to occur. This rese
demonstrated the ability of a neural network tareim real time and adapt to a It in a UAS.

However, no mention was made about the computdtieqairements for such a syste
1.4.6 Reconfigurable Control - Control Allocation
Overview

Reconfigurable control differs from adaptive cohtrothat control for one objective is apportiorto
several control effectors. In the case of an aftcfor example, ailerons are traditionally usedrbll
control; however, the use of differential flapsdder and differential elevator can be combine
create a more effective roll command. earch into reconfigurable control began as a met
increasing manoeuvrability of advanced fighter raiftcand has developed into an extensive are
research with many differing opinions and techngyu@he technique identified as being the n
promising with regard to actuator faults is that ohtol allocation. The control allocation proble
as it is known, essentially involves the determarabf control deflections to create a desired mioir
about a particular axis. This is generally acplished by placing the control allocation algorit
between the controller and the actuators as showFigure1.12 Thus no change to the control |
is made. Instead the output of the control lawissridbutec through the control allocation mechani
to all of the control effectors

X(t) uit) Y(t)

WM
m

Figure 112: Block diagram showing control allocation andréation to aircraft contr

20



Several control allocation techniques exist. Thase classified into non-optimal and optimal

techniques.

The non-optimal techniques include:
* Generalised inverse
» Daisy Chaining
» Cascaded Generalised Inverse

e Multi-pass Inverse Methods
The optimal techniques include:

* Facet Searching
« Edge Bisector

* Optimisation techniques
Non- Optimal Techniques
* Generalised Inverse

The generalized inverse technique is the simpleghematical approach used and is essentially the

solution to the state space problem
Ya = Bu (1.1)

wherey, is the output of the control law, B is the conteflectiveness matrix andis a matrix of

individual control actuators [32]. Thus the gefieesl inverse method simply solves fousing
u=B"ly, (1.2)

This assumes that there are no bounds on the t@uneators and that the relationship is linear.
While this method is relatively straight forwart réquires that the control effectiveness maBike
known to a reasonable degree of accuracy. Itl@sahe disadvantage that no allowance is made for

control actuator saturation in a practical system.
» Daisy Chaining

Daisy chaining is a priority driven control alloat technique where the control effort is assigted
all of the control actuators through a prioritisedier. The control effect receives a desired obntr
effort which is distributed to the primary contiadtuators for that command until either the control
effort is obtained, or until the control actuatatwsates [32]. Should the primary controls sag)rtite
secondary control actuators will be activated thieace the balance of the control effort required.

This continues until either the control effort istained, or all of the control actuators are saéara
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e Cascaded Generalised Inverse

The cascaded generalised inverse is similar tqy#imeralised inverse; however, it takes the idea of
daisy chaining and assigns the desired controlteffothe primary actuators and then assigns the

residual control effort, given in (1.3) [32], toetimext set of control actuators.

Yresidual = Ydesirea — B1U1 1.3)

This continues until the residual is driven to zerdm essence this technique is a more formalised
approach to daisy chaining. However, again, therob effectiveness matrix is required in order to

distribute the control effort effectively.
e Multi-pass Inverse

The multi-pass inverse technique is a combinatiothase techniques described above. The control
effort is distributed to the controls through a getlized inverse method; however, should the contro
surface saturate the next set of control actuamesincremented until the control effort required i

achieved. It was suggested in [32] that the use difect measurement of control deflections would
aid this method as the deflection of the controfasre would be known and would not need to be

inferred.
Optimal Techniques

The optimal techniques are based on the deterramaif a solution within the control actuator
deflection space. The idea is to map the possiblaetion space of all control effectors to am
dimensional volume, whema is the number of control actuators. The optinwdlition then occurs
on the surface of this volume [33]. The optimalhteiques attempt to determine this point for any

required control effort.
* Facet Searching

This is a direct allocation technique that attentptBnd the optimal solution to the control alltioa

by brute force [33]. The technique develops edgefined by two controls and then attempts to
determine whether the edge intersects a line witlensolution volume that is in the direction oé th
desired moment [33]. This method then iteratesufh numerous combinations until a solution is

obtained. Thus this method is very computationalignse [32].
» Bisecting edge search
This method was developed in an attempt to redheecomputational requirements of the facet

searching method. Essentially it attempts to fandolution that converges onto the edge of the
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solution volume but over a fixed number of itera8d32]. It does this in a similar way to that of
facet searching but instead of examining the ersolition space, the direction generated by the
developed edge is noted, thus allowing for a quickavergence to the optimal solution. In [32], it

was noted that this method was up to four timeefahan the facet searching methods.
* Optimisation Techniques

Other optimisation techniques such as quadratigraroming and linear programming have also been
used to minimise a secondary objective relatedotdrol the deflections such as structural loadings,
as seen in [34]. Normal optimisation techniquesLailised to solve the generalized inverse problem
with the added constraints imposed, thus creatisglation that is simpler to understand and more

optimal than the non—optimal techniques [32].
1.5 Identified Gaps in the Literature

There is a fair amount of research that exists robgg the adaption of PID gains using either

conventional techniques or artificial intelligeichniques. However, there are relatively few cases
where these have been applied to an operational. UABthermore, in many circumstances where
aircraft are used, only one axis is considered.usTlongitudinal and lateral motions are viewed

separately. Another gap identified is in the usa oombined fault-tolerant strategy, where mudipl

fault-tolerant technigues are used in combination.
1.6 Rationale and Motivation

The loss of an UAS, while not as critical as theslof a manned aircraft, is highly undesirableisTh
may be due to the high cost of the UAS itself, tost of the payload it may carry, the loss of
confidentiality of the UAS or the information it e@ined, or, in the civilian context, the safetgks

for people on the ground. UAS aircraft are oftarbjected to harsh and hostile operating
environments which put the airframe at risk. Theseironments may cause a variety of faults that
include sensor failures, actuator failures andmiore extreme cases, combat damage. A current
limitation of UAS comes from the inability of theitpilot systems to accommodate for these faults
or uncertainties in the system performance. Sicanit effort is made in the design of a robust rant
system that is insensitive to a certain degreaitire, but there is still a desire to have a systieat

can tolerate more significant faults. It wouldcalse desirable to have a system capable of opgratin
outside the current limited flight envelope andhtive a system capable of recovering from unusual

attitudes.

In many commercial autopilots used in UAS, fliglointrol is achieved through the use of classical
control methods such as Proportional-Integral-Caiise (PID) control. This control system, also

found in many other commercial and industrial systeis highly effective in basic UAS control.
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However, two main drawbacks are evident with PIDtoa systems, the first being the tuning of the
PID gains used in the control loop and the secaingathe inability of PID control to cope with l&rg

changes in the system performance. These changgstem from differences in UAS geometry or
from a failure of any number of systems on boael WAS, and, if large enough, may result in the

inability of the PID controller to control the UARIequately.

The proposed research is to explore various metbgits of fault-tolerant control design, including
the use of artificial intelligence techniques folUAS aircraft. The aim is to develop a control
strategy that makes use of artificial intelligeteehniques and apply this strategy to a known UAS.

the first instance, the control strategy will besté&l through simulations with the intention of

implementing this research into an UAS in the fatur

Fault-tolerant systems are not entirely unique sewkeral systems been successfully demonstrated. A
noteworthy example of this is the work conductedRxyckwell Collins. They have successfully
flown a model of a Boeing F-18 UAS and ejected a@@% of one wing in one test and 60% of the
wing, 30% of the horizontal tail and 30% of thetie tail in another. The UAS recovered from the
flight surface loss in both cases and performedfa mnding [35]. Other successful demonstrations
of fault tolerance have been conducted on smallks by a number of universities and research
groups [17], [36].

1.7 Research Objectives

The problem statement for this research topic ®ksns.

Research, develop, simulate and test a fault-toletlAS autopilot system for use on the CSIR’s
Modular UAS.

Due to the nature of the work at the CSIR, the nsostmon fault expected is that of control actuator
failure. This may be due to a malfunction with g&rvo motor, electromagnetic interference, an
oversight in assembly or the disconnection of e in flight. Another area of concern is in the
loss of a control surface, due to flutter, or otstenctural damage. Thus this will be the primiagus

of the research. However, as a secondary objedtiieedesirable to have a system that is capable
tolerating changes within the aircraft as in mangtances the UAS is modified for a particular
mission. Finally, sensor failure is of concernwewer, this is not considered the primary focuthef

project, but will be borne in mind during the reséa

The objective of the proposed project is thus seaech, design, simulate and then, should thetsesul
be successful and time permitting, apply a fauktfent system into a commercial autopilot system.
The detailed objectives of the proposed researeht@aidevelop an autopilot that is tolerant to the

following.
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e Actuator failure
« The loss of a control surface

* Uncertainties within the aircraft model

It is desirable to focus on artificial intelligentechniques as; in general, they are more suitethe
linearity and uncertainties within the system beiogntrolled. However, more conventional

technigues will not be ignored where they are atersid to be superior.
1.8 Research Scope, Strategy and Methodology

The methodologies proposed in this dissertationewenhosen based on the advantages and
disadvantages of the various techniques describdakei aforementioned sections, while being aware
of the limitations of the chosen autopilot andrainfie. The strategy proposed for this research is t
combine several of the ideas of previous work ia toybrid of all of the main techniques. However,
because of the limited processing power of theplatp many of the techniques proposed are not in
their most advanced form, as in general these Haen found to be highly complex and

computationally expensive. Thus a more practicathmdology is proposed.

The methodology proposed is a three pronged apprimatault-tolerant UAS controller design. The
start of this is simple robust design. This wiltlude both software and hardware redundancy. This
is already catered for in the design of most aintea in the form of multiple control actuators and i
the case of the airborne platform modelled in tieisearch; this will include 7 independent control

surfaces and 2 independent engine controls.

The second part of the strategy involves the ideaeconfigurable control and, in particular, in
control allocation techniques. At this stage, a-nptimal technique, such as daisy chaining or a
weighted inverse approach, will be used. Becauséhefuncertainties in the aircraft, a robust
technigue that can be easily interfaced with theezu controller will be chosen. This robustness i
also required to accommodate unknown actuatorréslas well as uncertainties in the resulting
control effectiveness matrix. The non-optimal wges have been compared in [32] and found to
have a good performance when compared to the dptmethods. In [32], it was stated that no
noticeable difference was seen in the non-optimal @ptimal techniques. A non-optimal solution
can also be motivated for because the project sedan fault-tolerant UAS design rather than the
optimisation of control deflections for manoeuvidpipurposes. The computational requirement

must also be considered to ensure a rapid respomskilure.

The third part of the control strategy is the mooeplex of the strategies and includes a fuzzyclogi
adaptation mechanism of the PID gains of the ctiatroThis will increase the reaction time shoald

fault occur and help to maintain the desired penfoice. This will be based on an ideal reference
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model for the aircraft to follow. This also impes/on the current system in that the PID gains
be agusted to optimise the controller performance dyritormal flight. It is expected that tf
system will be the most computationally expensiseaduzzy logic inference system will need tc
developed for roll, pitch and yaw axes as well aading, aispeed and altitude contrc The high

level diagram indicating the proposed control siyg for this dissertation is shown Figurel.13.

Figure 113: Propose solution to fau-tolerant UAS controlle

This particular approach, although using the bakjorithms of each fai-tolerant area, is unique
that it will apply a variety of different technigei¢o create a system that is tolerant against et
faults, and possibly to a certaextentstructural damage. The advantage of this appriathe
modularity that it gives. This will allow for thenprovement of each individual module as
autopilot hardware develops and an understandinghef comptational requirements of ea

technique is gainec
1.9 Research Contributions
Novelty for this research exists

1. The high fidelity of the simulation model to be ds&Vind tunnel data of the UAS will k
used with a full 6 Degre-of-Freedom, model that acunts for asymmetries in the aircr
size and mas

2. The fuzzy logic adaption algorithm will simultaney be applied to both longitudinal a
lateral aircraft motiot
A combined system of control allocation and conaadption will be use
Faults in allaircraft axes will be generated, both singularlg @ombined. Thus the contt
system will be required to not only tolerate fauhisthe longitudinal axis and lateral a

singularly, but for all axes collectivel
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1.10 Layout of Dissertation

This dissertation has the following structure:

* Chapter 2 - Development of a high fidelity, 6DOBnlinear flight dynamic model.
» Chapter 3 - Development of a Autopilot model

« Chapter 4 - Development of fault-tolerant contraldal

» Chapter 5 - Simulation of Control actuator faults

e Chapter 6 - Discussion of Results

» Chapter 7- Conclusions and recommendations

This dissertation covers the initial design andwation of a fault-tolerant control system of a UAS
It begins with the development of a high fidelity,degree-of-freedom (6 DoF), nonlinear flight
dynamic model of the CSIR's Modular UAS. This nmladea time domain based model that makes
use of the wind tunnel data of a full scale mode¢he UAS. This is followed by the development of
an autopilot model, based on the Ardupilot Megaigecture but simplified to extract the necessary
control laws. The development of the fault-toléraystem follows. The use of fuzzy logic in PID
adaption as well as the reconfiguration of conswifaces is outlined. A detailed simulation of the
system is conducted and the results and presemt€dapter 5. The results will be further discussed
in Chapter 6 and finally a conclusion as to thecess of the fault-tolerant control system is presgn

in Chapter 7. Additional flight dynamic detailscamodels are described in Appendices A and B and
the full simulation code, fault-tolerant controldepand a full set of results can be found in thygtali

Appendix C.
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2 Chapter 2 — System Description and Mathematical Moelling

2.1 Chapter Outline

Typically, when performing research into controlpkant is identified and the development of a
physical model representing the system is develofdils model is created by first finding a poibt a
which the system is in equilibrium and then examgnihe changes in these forces due to the
dynamics of the plant. This results in a set afatipns that, when linearised, provide a relatively
easy way of obtaining the response of the systemn disturbance or change in set point about the
equilibrium condition. This works well for manystgms, as their behaviours are often close torlinea
for small accelerations, angles and control inpitswever, for this research the assumption of kmal
accelerations, small control inputs and small aaginnot be guaranteed due to the very naturesof th
problem under examination. Thus, the developméatraodel that considers non-linearity is vital to
determine the ability of the control algorithms dimped to handle various faults. This chapter
outlines the development of such a model. The enapitl start with a brief overview of the intended
aircraft to be modelled, the CSIR’s Modular UASdanill then follow with the simulation strategy
and detail the various techniques and methods instigk flight dynamic model. The relevant wind

tunnel data will also be presented.
2.2 CSIR’s Modular UAS Airframe

The airborne platform to be used in this reseasctiné CSIR’s Modular UAS, shown in Figure 2.1.
The airframe was developed with the intention dhdeused for control research and, in particular,
fault-tolerant control research. Its configuratimas thus tailored to provide multiple redundancies
The airframe consists of two fuselages joined w&itentre wing section and a payload pod suspended
beneath the centre wing. There are two elevatuitesfons and two rudders that are all driven

independently. Flaps inboard of the ailerons btboard of the fuselages are also present.

Figure 2.1: The CSIR's Modular UAS on final apptoac
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A significant advantage of using this airframe motly lies with the multiple control surface
redundancies, but also in the set of wind tunn& daailable. This allows for the development of a
high fidelity flight dynamic model that accounts the non-linear effects seen at high angles atlitt
and high sideslip angles. Unfortunately, the dyicacharacteristics of the aircraft were not obtdine
in the wind tunnel, and as such will be derivedha sections that follow. The geometry and key

specifications of the Modular UAS are provided @ble 2.1, for reference.

Table 2.1: Table detailing the geometry of the CSNRodular UAV

Parameter Symbol Value | Unit
Mass and Inertia
Mass MTOW 26.382 kg
Moment of inertia about x-axis L, 11.106 kg.r
Moment of inertia about y-axis I, 7.900 kg.r
Moment of inertia about z-axis I, 18.455 kg.rh
Product of inertia about x and y axes Ley 0.000 kg.m
Product of inertia about x and z axes Ly 0.836 kg.m
Product of inertia about y and z axes Ly 0.000 kg.r
Wing
Area Ser 1.482 M
Root chord W 0.359 m
Tip chord Cw., 0.359 m
MAC Cw 0.359 m
Span by, 4.130 m
Aspect ratio ARy, 11.509 N/A
Oswald’s factor ew 0.85 N/A
Horizontal Tail
Area Sur 0.200 M
Root chord CHTR 0.200 m
Tip chord Cyr, 0.200 m
MAC Cur 0.200 m
Span byr 1.000 m
Aspect ratio ARyr 5.000 N/A
Oswald’s factor eur 0.9 N/A
Vertical Tail
Area Syt 0.1689 x2 m
Root chord CyTp 0.2735 m
Tip chord Cyr, 0.210 m
MAC Cyr 0.243 m
Span by 0.348 m
Aspect ratio ARyr 0.717 N/A
Oswald’s factor eyr 0.9 N/A
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2.3 Flight Dynamic Simulation Model Strategy

In essence, the approach for this model is religtisienple as is shown iFigure 2.2; however, the
complexity presents itself in t detaileddevelopment of the model The high levelstrategy is tc
determine all of the forces acting on the airc at any given sta. Based on these forces, 1
acceleration of theaircraft about all three ax will be determined. The accelerations arthen
integrated over a small timincremen andthe state of the aircraft is updat¢ This process is the
repeated, storing the results of the state, uhi time period of intest has lapsed This
methodology, similar to that used by real time Htigsimulators, has several advantages

traditional control theol method. This mehod allows one to model the r-linear behaviour of th
aircraft and contro, as well as incolorate a more realistic representation of autopilot con
strategies and additional control strategies, sashhe control strategy to be developed for

dissertatior

Figure 22: High{evel flight dynamic model stratey

2.4 Coordinate System

Traditionally in flight dynamic analyses, there #nieee main coordinate systems used. The use ¢
over another is largely dependent on the aspectrupgamination. For this simulati, three
coordinate syster will be required. Firstly, an Eart-fixed coordinate system will be us, as showr
in Figure2.3. This coordinate system will assume a flat eartld, witl be centred about an arbitre
locationon the earth surface, with it-axis positive to the Nort y-axis positive to the Ee and z-
axis pointincdownwards. This system will be used to descrileedtientation of tr aircraft relative

to the earth, and will provide a reference fortlagigational algorithms of the autcot.
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Figure 23: Diagram showing tt conventions used for the ee-fixed coordinate syste

The second as system to be used is the b-centred axis syste, shown inFigure2.4. This set of
coordinates is fixed to the aircra The aigin of this axis system is located at the airccentre of
gravity, with the -axis being positive towards the fore of the aircr The yaxis is positive to th
starboard side of the aircr and, to maintain consisten the z-xis is positive towards the floor
the aircraft Thisis the primary axis through which the accelerations aterdeined and upon whic

the equations of motion are ba.

Figure 24: Diagram showing te conventions used for the b«-fixed coordinate syste

Lastly, a wind axis system is also used throughioeiflight model. This is needed as the wind tun
data available is referenced to the d tunnel axis. The wind axis has a similar sign convention
that of the bod-centred axis and is centred about the aircraftreenit gravity, but is rotated awi
from the body axis by the angle of attack sideslipangle, resulting in a system that is aligned \

the lacal flow direction.

During the flight simulatio, transformatio from one axis system to the other will be requirEdese
transformatios are well understood and are formulated by rotat@imsut each of the axes in tu
The order in whictthis occurs s crucial to the transformation. The tranmations use, obtainec

from [37], are presented Egs.(2.1) and (22).
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| ——

-Transformation from wind axis system to b-fixed axs systerr

Xp cosacosf3 —cosasinf —sinajrX,,

Y, | = [ sin 3 cosf 0 YW]

Zy sinacosf —sinasinf cosa 117, (2.1)
-Transformation from ody-fixed axis system to Ea-fixed axis syster
Xg cosPcosO cosyPsinBsing —sinypcos¢p cosysinbcosy + siny sin p1X,
Ye | = [simpcose siny sin@sin¢ + cospcos¢ sindsinBcosd —sinPcosd||Y, (2.2)
Zg sin® —cosBsin¢ cos 0 cos ¢ Zy

2.5 Aircraft Equations of Motion

The equations of motion for any rigid body abostagntre of gravity and with no plarof symmetry
aregiven inEgs. @.3) to (2.8) These equations were developed from first pries in[37], and

form the backbone upon which the flight dynamic elogas crated.

m(U—rV+qW)=X (2.3)
m(V —pW + r) =Y (2.4)
m(W —qU +pV) = Z (2.5)
Lp — (I, — L)qr + L, (pr — @) — L, (pq +7) + I,,(r* —q*) = L (2.6)
Lyg + (I = I)pr + 1,,(pq = 7) + L;(p* —1%) = Ly (qr +p) = M 2.7)
L = (I, = L,)pq = L, (pr + ¢) + L, (qr —p) + Ly (q* —p?) =N (2.8)

where, U,V andWW represet the inear velocities in the x, y antaxes, respectivelandp, g andr are
the rotational velocities of roll rate, pitch rated yaw rate, respectively. The positive directid

eachis indicated irFigure2.5.

Figure 25: Diagram indication the positive sign conventi@ed in the flight dynamic moc
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In the case of an aircraft, the forcesy andZ, and momenté, M andN can be broken down into

Egs. (2.9) to (2.14), as indicated in [37]; ag&i@ $ign convention shown in Figure 2.5 applies.

X = Xuero + Xrnrust + Xeravity + Xpisturbances (2.9)
Y = Yaero + Yrurust + Yeravity + Ypisturbances (2.10)
Z = Zpero t Zrhrust * Zgravity T Zpisturbances (2.12)
L = Laero + Lrnrust + Leravity t Lpisturbances (2.12)
M = Myero + Mrnrust + Mgravity + Mpisturbances (2.13)
N = Naero + Nrprust + Neravity + Npisturbances (2.14)

Typically in aircraft control analyses, an assumptis made that the aircraft is symmetrical abbat t
x-z plane, which aids in reducing the coupling kestw these equations. However, to allow for the
possibility of asymmetry of an aircraft due to alfeor failure, this assumption has not been made
here, and the further development will continuehaitt this simplification. From these equations the
accelerations of the aircraft in all directions d@ndetermined by rearranging Egs. (2.3) - (2.8) in

the following form and then solving the differemmuations numerically.
x=f(UV,W,p,q,r)
X in the above equation represents the time rathafge of the state vector of the aircraft and is
given by:
x=[UVWpqr]”

Equations (2.3), (2.4) and (2.5) can be easilgdformed into this form by inspection and aresthu
presented as Egs. (2.15) - (2.17) respectively.

. X
U =E+rV—qW (2.15)
.Y
%4 =E+pW—rU (2.16)
. Z
w =E+qU—pV (2.17)

However, Egs. (2.6) - (2.8) require a fair degmdemanipulation to achieve this form. The
development of these equations is presented in WgipeA, with the results of the manipulation
presented as Egs. (2.18) - (2.20):
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(L = B L+ (I = 1) qr = Lypr + Lpq — L,,(r% — q2) + L, Al + B(Ly 1, + I 1,,)}

2.18
(Isz - I%z)(ly - I}%z) - (IxyIz + Ileyz)(lleyz + IxyIz) ( )
. Iszyz + IxyIz R
LI, — 12, (2.19)
I,,q L.,p
r'=A+y%q+xILp (2.20)
z z

where A and B are given by Egs. (2.21) and (2.28pectively:

A= N + (Ix - Iy)pq + Iyz(pr) - Ixz(qr) - Ixy(qz - pZ)

I (2.21)

B = IZ(M — Iy = I)pr — Iyz(pq —A) = L,(p* -1 + Ixyqr) (2.22)
LI, — 132,2

The equations of motion presented describe thelexation of the aircraft in all directions and
rotations about the body axes. From these equxtibie state of the aircraft can be estimated by
solving the equations simultaneously, over a vemalstime interval. A fourth-order Runge-Kutta

method was used to achieve this. It is used teduist order differential equations of the for88] :

x=f(x1)

where the initial conditions are known. The methisda multistep method, i.e. the function is
evaluated multiple times for a single time step.hil/ this is computationally more intense, the
accuracy of the solution is improved over singpanethods, such as the Euler method, for the same
time step size [38]. Assuming that a process Wldhe form given above with initial conditions
X, att,, the Runge-Kutta method then estimates the sfafé at the next intervat,.,, using Eq.

(2.27), from [38], after the Runge Kutta estimatéts,,, are determined using Egs. (2.23) to (2.26):

ki = hf (tn, Xn) (2.23)

1 1
ke = hf (ta + 50 Xy + 511 (229

1 1
ks = hf (tw +5h X + 5Ky (229
ky = hf(ty + h Xn + k3) (2.26)

1

Xn+1 =Xn + 5 (k1 + 2ky + 2k3 + ky) (2.27)

This process is continued until the desired time leen reached. This process can be extended to a
set of first-order simultaneous equations by caliing a set of estimatork,_,, for each set of

eqguations in sequence [38]. This is done forfiilght dynamic model where a set of 9 simultaneous
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equations are solved!,V,W,p,q,r,®,0 and Altitude are solved simultaneously using tberth
order Runge Kutta method. Heading and geodetictipnsare simply determined using numerical

integration techniques.
2.6 Atmospheric Modelling

The atmospheric model used in this fight dynamimusation is the International Standard
Atmosphere (ISA) model. Turbulence has not yenhbmedelled; however, allowance has been made
for constant translational winds. The primary liegment for this model is to provide the air deypsit
variation with altitude for the simulation. Forighsimulation, the atmosphere will only be modelled
to the top of the Troposphere. The propertiehefdtmosphere used in this simulation are given in
Table 2.2.

Table 2.2: Atmospheric Properties used in the flaymamic model

Description Symbol Value Units
ISA Temperature at S.L ol 288.16 K
Environmental Lapse Rate L -0.0065 K/m
ISA Pressure at Sea Level o P 101325 Pa
Universal Gas Constant R 8.31447 J/mol
Molar Mass M 0.0289644 Kg/mol
Air Density at Sea Level Po 1.225 Kg/m

The temperature at any altitude based on the I®%bedound using Eq. (2.28):

T =T,+ hL (2.28)

whereh is the height above sea level in m.

This is then used to determine the pressure @tdirat temperature using Eqg. (2.29):

gM
Lh\RL
p=p, (1 + —) (2.29)
To
And finally, the air density ratio can be found using Eq. (2.30):
_ PM
7= RTp, (2.30)

The air density ratio is used to calculate the dyinapressure of the air and hence affects all

aerodynamic force calculations.
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2.7 Force and Moment Modelling

2.7.1 Gravity

Gravitational forces are relatively easy to underdtand model. For the case of a UAS, which
primarily operates near the earth’s surface, omencake the assumption that the gravity force vector
acts towards the centre of the Earth, or in a ppesitense in the earth fixed z-axis. This forcgiven

by the well known Eq.(2.31):

Fg =mg (2.31)

wherem is the mass of the aircraft agdis the gravitational acceleration due to graviithva value

of 9.81m/4.The equations of motion are derived in the boshgdiaxis coordinate system, which is
free to rotate and translate relative to the Efixd axis system. Thus all that remains is togfarm
the gravitational force vector from the Earth-fixaxis to the body-fixed axis. This is accomplished
using Egs. (2.32) - (2.37):

X}, = F sin(6) (2.32)

Y, = F; sin(@) cos(6) (2.33)
Zy, = Fg cos(8) cos(®) (2.34)
L,=0 (2.35)

M, =0 (2.36)

Ny, =0 (2.37)

2.7.2 Aerodynamic

The aerodynamic modelling for the flight dynamimslation will be done through a coefficient build
up method, based on experimental wind tunnel datiaeged at the CSIR’s 7m wind tunnel. In order
to use this data, the translational and rotatiseldcities determined through the equations of amoti

need to be converted into the wind axis systemusTthe velocitied/,V andW are converted into

Ve, @ andp using Egs. (2.38) to (2.40), these can be diffiated to gett and S .

Vpa = U2+ V2 + W2 (2.38)

a = arctan (2.39)

)
) (2.40)

B = arctan
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Using these equations, as well as the rate of eghamgngle of attackd(), roll rate, pitch rate and yaw
rate p, g andr) and the deflections of the control surfacgs(the force and moment coefficients are
built up using (2.41) to (2.46):

() + AC at ACLp(a)(g)p + ACLq(a)(B)q + AC,,

=C
Loy

Fa @@
FACL oo’ (2.41)
€ = Coyyi F BCo, gy T BC0 0000 + Aoy gya + ACh, gy
D omirot @ sconeron® (2.42)
Cu = Cotooipy + Al + Alpipp T AMa@pa T Al w7
A M canerot ) oconcron)? (2.43)
G = A0 T Al e T Al T ACpwa T AlugpwT
FAC, e (2.44)
Cy = CYO(B)(a) + ACYd(B)(a)d + Al p T ACYp@a T A @
FBCY neror®@ (G coneron® (2.45)
Cy = CNO(ﬁ)(a) + ACNc’:(ﬁ')(a)d + ACNP(B)(a)P + ACNq(B)(a)q + ACNr(ﬁ)(a)T
+AC (2.46)

NControl(ﬁ)(“)(‘SControl) 8

where the first subscript refers to the paramedesing the change in coefficient and the subscirpts
brackets refer to value of the change in coefficena particular angle of attack and sideslip angl

and control deflection.

The coefficients are determined from wind tunnébdaThe wind tunnel data for each aerodynamic
coefficient has been characterised by a set ofnpohyals which are selected based on the angle of
attack and sideslip angle for that aircraft statd mterpolated. The details of the wind tunnetada
and interpolation process is described in moreildieta&Chapter 2.8.5. The forces in the wind axis

system can thus be found using Eq. (2.47) to (2.52)

1

L= EPOO'VM%aSRefCL (2.47)
1 2

D = Epoo-vwaSRefCD (2.48)
1 ) _

M = EpOO-VWG,SRefCCM (249)

1 2

Y = Epoo-VwaSRefCY (2.50)
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1
L= 5 Po0VyaSrerbCi (2.51)
1 2
N = EPOO-VwaSRebeN (2.52)
where, p, is the air density at sea level,is the air density ratio, which varies with altiey as

already definedy,, is the velocity of the UAS in the wind axis afyg r is the wing area of the UAS.

These forces are then transformed into the body-aystem using the wind axis to body axis

transformation described in Chapter 2.4.
2.7.3 Power Plant Modelling
Propeller Modelling

The characterisation of the propeller is achievamugh the use of a non-dimensional parameter
which relates the velocity of the propeller throubh air with its rotational velocity. This paramet
known as the advance ratio, allows a propellere@Hharacterised independently of forward velocity

and is given by [39]:
J=—= (2.53)

Typically, propeller data is in the form of a sétcoefficients that vary with advance ratio. These
coefficients, the thrust coefficient, torque coafint and power coefficient, allow the determinatio

of the thrust and torque generated or absorbetdpriopeller.
The thrust coefficient is used to determine thashgenerated;, by the propeller and is given by:

T = pon®D*Cy (2.54)

The torque@, can be determined using (2.55).

0= pan?D5Cp

o (2.55)

whereC; andC, are the thrust and power coefficients respectjvelis the diameter of the propeller,

and n is the rotational speed of the propeller.

To model the thrust and torque, all that remainti®btain an expression to describe and Cp
variation with the advance ratio of the propelléFhis can be achieved in a number of ways that

include wind tunnel testing and analytical analysior the propellers used on the CSIR’s Modular
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UAS, no propeller data was alable and thu a blade element analysis was perforn This blade

element analysis mo, used for small propelle can be found in Appendix.

The mode described in Appendix was rut for a number of model propells for which data wa
availabl¢ in order to validate the model and ensure an accuratgt.r The results of the Vlidation
showed th¢, while the hrust coefficient agreed closely with wind tunnatal the power coefficiel
was approximately 35% lower than measured in thedviunnel. This may be due, in part, to tl
errors associated with wind tunnel testing andreremd simplifications made in the blade elen
codeor the aerofoil data used in the anal. It was decided to use the blade element, as i, as
the thrust model domates in theflight dynamics of the aircraft anthe error associated with t
different power coefficient willonly affect the mcor dynamics, and current drawn. In icontext of

aircraft motior, these differenctare considered sm:

The blade elemeninalysis was conducted for the propellers used erMbdular UAV, namely th
Xoar 23x10 propellet The physical geometry of ttpropelle was determined by Mr N Moore at t
CSIR and the blade angle was estedby assuming that the propeller had an | pitch distribution.
The results of the blade element analysis on thar 28x10 propeller and the propeller used in

flight dynamic model are shown Figure 26.
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Figure 26: Estimated performance characteristics of the Xoal@®ropelle

The flight dynamic model made use of a polynomiablel of these curves to determine the thrust

power coefficients. The coefficients of the polyral® used can be found Table2.3.
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Table 2.3: Table indicating the polynomial coeffideensed to describe the thrust and power coefficerves
of Figure 2.6

Polynomial - -

coefficient Thrust Coefficient Power Coefficient
a0 0.1058065026 0.0762913734
al -0.0885243513 -0.0686730689
a2 0.6233706854 0.2752244756
a3 -1.9470978824 -0.4741954619
a4 2.0325856787 0.2018584708
ab -0.7329001868 0

Motor Modelling

The motor model used for this study is the welired “Three Constant” model, shown in Figure 2.7,
which makes use of three main parameters to desarlirushless electric motor. These are the motor

constant kv), the no load curreni) and the internal resistance of the motor windiffi}s).

SN

Figure 2.7: Diagram showing the main parameteth@three constant model adapted from [40]

Using these parameters and drawing the simplifiexit, the following can be derived from [40].

The torque produced by the motor is given by:

O = L0 2.56
and the rotational velocity is thus:
Wy = (Vo — iRy kv (2.57)
The output power is then:
Pshast = Qmwm (2.58)
and the input power is:
Prput = Vol (2.59)
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Through some manipulation, the torque generatethdynotor for any RPM and input voltage can be

expressed in a more useful format given as:

(o -%3) _

l
R 0 (2.60)

Qm = kv

This equation allows the determination of motogta for any given voltage input and thus is useful

in the flight dynamic model.

The control of an electric motor is accomplisherbtigh the use of an electronic speed controller
(ESC). The speed controller synchronises the bimigcof the motor windings and, through the use
of PWM control, the effective voltage{) seen by the motor. The autopilot will provide tircraft
model with a % throttle setting which will then benverted to a voltage based on an assumption that

the voltage is proportional to the throttle setting
Combined model

The purpose of the power plant modelling is to imbtlae forces and moments in the body axis system
for a given power setting. However, there are dyinaffects of the motor and propeller combination

that must be accounted for. Thus, the motor anggdier were modelled together.

This was accomplished by setting the throttle t@goitrary starting point and crudely estimating th

RPM at that throttle setting using:
RPM = vykv (2.61)

The accuracy of this is unimportant, as all thaeuired is a starting point. With this startpgint,
the advance ratio of the propeller in this statdegermined. This allows the determination of the

thrust and power coefficients and hence the tlpreiuced and the torque absorbed by the propeller.

Again, using the starting RPM, the torque provittgdhe motor is determined. Because the RPM is
unlikely to be at equilibrium, there will be a difence in torque, resulting in an angular accetarat
of the motor propeller combination. This angulacederation is determined in the main solver block
using (2.62).

AQ

Apmotor = )i
Motor

(2.62)

where,AQ is the difference in torque produced by the matad that absorbed by the propeller and

Jmotor 1S the second moment of inertia of the motor amgbeller combination.
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Finally, all that remains is to resolve the thrasid torque into components along the body axis

coordinate system. Thus the forces and momentgieea by Egs. (2.63) to (2.68).

F, =T cosk cos kg (2.63)

E, =T cosksin kg (2.64)

F, =Tsink (2.65)

M, = —F,h — E,w + Quotor COS k COS Kk (2.66)
M, = Feh — F;l + QpotorCos k sin kg (2.67)
M, = —-Fw + E)l (2.68)

where, k is defined as the thrust line angle in the X-Znpld, is the thrust line angle in the X-Y
plane,h is the distance of the thrust line from the cewfrgravity along the Z-Axisy is the thrust
line offset from the fuselage centreline dnid the distance of the motor from the lateral aXisese
terms and their positive directions are define&igure 2.8. It is noted that the propellers in tase

rotate in the same direction with is clockwise whieawed from the cockpit.

A

Figure 2.8: Definition of thrust lines on a fictmintwin fuselage aircraft design similar to thattbé CSIR's
Modular UAV
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2.8 Wind Tunnel Data

2.8.1 Introduction

One of the Modular UAVs manufactured was used indwiinnel testing in order to characterise the
airframe. This testing was done by Mr. Peter 8&inat the CSIR 7m Wind tunnel in 2009. The
wind tunnel tests measured the lift, drag, pitchimgment, side force, rolling and yawing moments of
the aircraft for different angles of attack, angidéssideslip and control deflections. All of thatd
was collected statically and hence no dynamic databeen obtained. The data was also collect with
no power added. Thus the dynamic stability denreat will be determined using fundamental
principles of stability analysis and the static @vitunnel data, where possible. That process is

described in Section 2.8.6. The static wind tumla¢h is presented in the sections that follow.
2.8.2 Data Processing

The wind tunnel data had to be processed in omebtain the required parameters. This involved

several separate steps to condition the data apately.

The data for Dcontrol deflection form the basis upon which dltle other data is referenced. The
data set consisted of multiple sets of coefficientangle of attack data for different sideslip laag
Thus, for the parameters that varied with anglattdck, the procedure was relatively simple as a
simple regression could be performed. However,tlier lateral coefficients which vary primarily
with sideslip angle, an interpolation was requitedbtain constant angles of attack across the data
sets. Once this was completed, a regression coelgdsformed with sideslip angle being the

independent variable.

For the control surface deflection data, a simgescess was conducted. A test was run for each
control surface deflection increment. As an examnfir a 4° aileron deflection, a data set of ladl t
coefficients as a function of angle of attack waseagated for each increment in sideslip angle. To
compare the values and obtain a change in coefficen interpolation between angle of attack
measurements was done so as to obtain consistglet ahattack values across the entire data set.
After the interpolation, the data was subtracteminfrthe zero reference condition and a change in
coefficient generated. This was then collected taadsposed to generate a data set with the control
deflection as the independent variable. There tivas a data set for each coefficient, at 5 differen

angles of attack, for 6 sideslip angles.
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2.8.3 Baseline Result
Lift C urve slope (Cy,)

The lift coefficient variation was as expected dodnc to be that typically present aircraft as
shown inFigure 2.9 The lift curve slope was found to be linear upnglas of approximately 10°
which point ¢ reduction in lift curve slope was note A maximum lift coefficient of 1.46 wa
recorded for the condition of (sideslif angle.

My

Lift coefficient (CL)

4
T

15 -10 -5 0 5 10 15 20 25
Angle of attack {c} [°]

Figure 29: Lift coefficien variation with angle of attack for sideslipangle (B)

Figure 2.10 (a) to(f) show the lift coefficient variation with anglef attack for differenisideslip
angles. The lift coefficient variation for isideslif angle is included on these figures to highlight
variation of tht lift coefficient with sideslipangle. As can be seen in the figures, the lifffadent is
typically lower for increasesideslif angle. A 3“-order polynomial was found to fit the d:
satisfactorily and the results of this regressienpesentecn Table2.4.

Table 24: Polynomial coefficients for the lift coefficieMariation with angle of attack for differesideslip
anglesas presented iFigure 2.10a) to (f)

Coefficient | =-30° Bp=-20° | B=-10° B =0 B =10° B =20° B = 30°
a0 0.24669 | 0.3182¢ 0.3437: 0.3801 0.3444! 0.33062 | 0.28692
al 0.07436 | 0.0894 0.0981( 0.09663 0.0948t 0.08405 | 0.07307.
a2 0.00036 | 0.0003: 0.0003° | -0.0001t | 0.0004 0.00021 | 0.00012
a3 -6.518E-05 | -0.000:1 | -0.0001: | -0.000:1 | -0.00012 | -0.00008 | -5.763E05S
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Drag Coefficient Variation with Angle of Attack (Cp_)

The drag coefficient variation with angle of attackied in a largely parabolic manner, as show

Figure2.11, with the presence of a slight “drag bucket” nta lower angles of attk. This was

expected based on the charactecs of the aerofoil used on theodular UAV.
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Figure 211: Dragcoefficien variation with angle of attack for (sideslipangle {3)

25

The drag coefficient incased bt the shape widenewith increasingsideslif angle as shown i

Figure2.12 (a) to(f). A least squares liiar regression was performed, the results of whiehgaren

in Table2.5. As can be sei by the coefficient, the polynomial is somewhat over fitted an3®

order polynomia would be better in this rega howeve, the %-ordel polynomial was requireco

capture the presence of the drag bt.

Table 25: Polynomial coefficients of the drag variation hvangle of attack for differeisideslif angle:

Coefficient| p=-30° | p=-20° | B=-10° B =0 B =10° B = 20° B = 30¢
a0 0.1326! | 0.0825¢ | 0.0348! | 0.0273. | 0.03354 | 0.07664 | 0.1329
al 0.00072. | 00007¢ | 0.0005! | 0.0010¢ | 0.00095 | 0.00028 | 0.0003!
a2 0.00044: | 0.0002° | 0.0002¢ | -3.306E-06 | 0.00016 | 0.00023 | 0.0004!
a3 -9.024E06 | -3.42E06 |5.1819f-06 | -1.788E-06 | 7.175E-06 | -7.669E-06| -1.234E05
ad 1.5635E0€ | 1.7554F-06 | 1.9301[-06 | 4.744E-06 | 3.7827-06 | 3.1323E0€ | 1.6155E06
a5 -2.717E08 | -3.741F-08 | 6.195(-08 | -1.505E-07 | -1.072E-07 | -8.195E-08| -2.64E08
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Pitching Moment Coefficient Variation with A ngle of Attack (Cy,)

The pitching moment variation with angle of attac#s found to be largely linear at small angle

attack;howeve, a reduction in slope occurred at higher angledtatk as shown iFigure 213.

Pitching Moment Coefficient (CM)

-15 -10 -5 0 5 10 15 20 25
Angle of attack {a) [Deg]

Figure 213: Pitchingmoment coefficient variation with angle of attack 0° sideslipangle ()

The pitching moment variation with angle of attaekluced as thsideslif angle ncreased and mo
scatter was noted sideslipangles of 30°, as shown Figure2.14(a) to (f). It was found that a"-
order polynomialfit adequately described the pitching moment variatod the results of tr

regressiorare showtrin Table 26.

Table 26: Polynomial coefficients of the pitching momentiation with angle of attack for differeisideslip

angles
Coefficient p=-30° B =-20° p =-10¢ p=0° p =10 p =20° B =30°
a0 0.17601 0.1197- 0.1004: 0.0637( 0.0937!¢ 0.10991 0.14429
al -0.01911 -0.0191¢ -0.0234. -0.0236: -0.0224: -0.01876 -0.0187:.
a2 -0.00035 -0.0003 -0.0005: -0.0003t -0.0006t -0.00045 -0.0000¢
a3 0.00002 0.000: 0.0000: 0.0000: 0.0000: 0.00002 0.00002
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Side Force Coefficient Variation with Sideslig Angle (Cyﬂ)

The side force coefficient variation wiisideslit angle was four to vary linearly at low angle:
However, at high angles the slope of the line dsa@alightly, as shown iFigure2.15 There wa:
very little varation for slight changes in angle of attack; howewat larger angles there was a rs
change in slope, with the side force variation vsideslif angle becoming flat near stall angle
shownin Figure 216 (a) to (f).It is speculated that this change in slope at high angfledtack may
be due to a blanketing effect of twings; however the direct cause is not knao This is a concern ¢

at high angles of attack the negative slope sugdleat the aircraft will be slight unstable.

Side force coefficient{CY}

40 30 20 -10 0 10 20 30 40
Sideslip angle (1]

Figure 215: Side force coefficiervariatior with angle of attack for Csideslif angle )

A 3“-order least squares regression was found to fitddwa satisfactorily The results of th

regression and hence the coefficients used inigjiet filynamic program are given Table 27.

Table 27: Least squares regression results for side forefficient variation withsideslic angle for differen
angles of attac

Coefficient a=-10° a=-5° o =0° a=5° a=10° a=15° a=20°
a0 -0.007114 | -0.001815' | -0.001990. | 0.0073471 | 0.0104292 | 0.0154161 | 0.0120009
al -0.007085 | -0.008939' | -0.009144 | -0.007048 | -0.003243 | 0.0002727 | 0.0007858
a2 -6.959E4C | 6.2803E06 | 5.2861F-06 | -3225E-06 | -3.97E-06 | -1.245E-05| -9.902E08
a3 1.3179E0O6 | 2.4308E06 | 2.817E-06 | 1.7791F-06 | 6.7076F-08 | -1.084E-06| -3.796E07
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Rolling Moment Coefficient Variation with Sideslig Angle (C,ﬁ)

The rolling moment coefficient followed a primariljnear trend with negative slope, indicatin
stable tendency as shownFigure2.17. It was also noted th, at higher sidslip angle, a reductior
in slope occrred. With an increase in magnitude of angle of attabkrd¢ was a steepening of
curve in the linear region as well e more pronounced decrease inpe at highsideslipangles a:
seen inFigure2.18(a) to (f). It was nded tha, at an angle of attack of Z, there was a dip in rollin
moment for large negativsideslif angles. The cause for this is unknown, but may be due

blanketing effect of the fuselages.

Rolling moment coefficient{CR}

----------------------------------------- 6:02-

0 o 10 20 30 40
Sideslip angle (1]

-40 -30 -20

Figure 217: Rollingmomen coefficient variation wittsideslif angle at an angle of attack of

A 3“order linear regression was found to fit the datdl \andwas used to describe the rollir
moment behaviour The results of this regression and hence coefficients used in the flig
dynamic program are given Table2.8.

Table 28: Least squares regression results for rolling mdmanation withsideslipangle for different agle of
attack

Coefficient a=-10° a=-5° a=0° a=5° a=10° o=15° a =20¢
a0 0.0052841 | 0.0040797 | 0.0024022 | 0.0019293 | 0.0018544 | -0.0095291| -0.008315
al -0.000646' | -0.00111 | -0.001076. | -0.001442. | -0.001406' | -0.0019763| -0.00243;
a2 -9.049E06 | -3.741E06 | 1.616E-06 | -1.999E-06 | -1.742E-07 | 2.0831E05 | 1.5522EP5
a3 1.3842E07 | 4.6779E07 | 2.354E-07 | 1.0894F-06 | 7.3168E-07 | 1.8134E06 | 2.3682E06
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Yawing Moment Coefficient Variation with Sideslig Angle {CNﬂ)

The yawing romentcoefficientvariationwith sideslipangle, shown itFigure2.19, was found to b

linear for small angles csideslif. Asthe magnitude of thsideslipangle passed approximately |,

there was a reuction in yawing moment and the slope became negye Thereafter, there was

recovery of yawing moment and the slope becamdipes This trend was evident at low angles
attack but diminished at high angles of attacheas snFigure2.20(a) 1o (f).

Yawing moment coefficient{CN}

Sideslip angle (1]
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Figure 219: Yawing momencoefficien variation withsideslif angle at an angle of attack of

To capture the dip in yawing moment at hsideslipangle;, a 8"-order polylomial was chosen. Tt

results of theregression are shown Table2.9.

Table 29: Least squares regression results for yawing moweedtion withsideslipangle for different ang

of attack

Coefficient a=-10° a=-5° a=0° a=05° a=10° a=15° a =20
a0 -0.001732 | -0.000230 | -0.000280. | -0.000829 | -0.001426' | -0.0011462| -0.003502
al 0.0017837 | 0.0020225 | 0.0018981 | 0.0018714 | 0.0018501 | 0.0014876 | 0.0014954
a2 -5.126E06 | -4.633E06 | 9.679E-07 | -2931E-06 | 4.82¢E-07 | 1.768E-06 | 3.949E06
a3 -2.483E06 | -2.72E06 | -2.57/E-06 | 2.33'E-06 | 1.69¢E-06 | 7.055E-07 | 1.743E06
a4 3.871E0S | 4.209E09 | -1.50(E-11 | 3.02¢E-09 | 1.22¢E-10 | -2.553E-09| -5.651E0¢
a5 1.579E0¢ | 1.669E0S | 1.63@&-09 | 1.51'E-09 | 1.03¢E-09 | -8.433E-10| -1.556E08
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2.8.4 Control Effects

The effects of the control surfaces were also destatically at each angle of attack and sidesigiea

in increments of 2 From this data, the effect of each control stefaould be determined by
comparing each data set to that of the baseling winnel results previously presented. A set of
polynomials were created that best representedethdonship between the aerodynamic coefficient
and the control deflection at each angle of attwt sideslip angle. This resulted in a numberdf 3
lookup tables containing the coefficient of a sintgrm of the polynomial for a number of different
sideslip angles and angles of attack. This mdaatt the coefficients of the polynomial would be
found in a set of lookup tables and then the costidface deflection, being the independent vagiabl

would be used to determine the extent of the chang# coefficients.

The number of relations and trends associated alltlof the controls at all angles of attack and
sideslip angles is considerable. For each costrface, using angle of attack increments ‘oarad
sideslip angle increments of L@®10 trend lines are generated. Thus, for threestygf control
surfaces, a total of 630 different curves, withitthmlynomial coefficients, are required to deserib
fully the effects of controls on the aircraft. Oniunately, the majority of the control data only
extended to a control deflection of + 15°. Thiglanwas well within the linear region, and as such
the majority of polynomials are first-order. It #@so noted that this lack of data will limit the
maximum and minimum allowable deflections set ia flight dynamic model, as extrapolation of
data was not conducted at any point in the fligitasmic code. All of these relations cannot be
included in this dissertation for practical reasdmswnever, the full set of control data can be fbim
Appendix C. The primary effects, and in some cdlsessecondary effects, of controls are, however,

presented in the figures that follow.
Elevator

The primary effect of elevator deflection is to sawa change in pitching moment of the aircraftisTh
trend was largely linear as demonstrated by Fi@quP4& (a) to (e), with large variations in pitching
moment seen at large angles of attack and sidastiies. The secondary effects, while present, were
small and are thus not included here. However, thene implemented in the flight model, the details

of which can be found in Appendix C.
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Figure 221: Change in pitching moment coefficientth elevator deflection, for vaing angles of attack a
sideslipangle:

Aileron

The primary effect of the ailerons is to cause ange in rolling moment coefficient; however
significant pitching moment and change in lift daeént werealso present The change in rollin

moment, presented Figure 222 (a) to (e) is largely linear, with some deviation in thea noted at
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high angles of atta.. Of nde is the large change in slope sat high angles of aick andsideslip

angles, indicating the necessity of detailed maaglbf the control effects.
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Figure 222: Change in rolling moment coefficient with deflectiof a single aileron, for varying angles
attack ancsideslipangle:

The change in pitching moment coefficient with @ile deflection i presented irFigure 223 (a) to

(e). The figures indicate a trend that is largatgdr with a sudde change in contrccharacterisics
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being seent an angle of attack of *. This is likely to be caused b a stalled wing condition At
lower angles of atta,, a first order polynomii was found t describe the effect of the ailel on

pitching moment adequat.. However, at large igles of attack, a higher order polynomial was u
the details of which can be found in the ht dynamic cod in Appendix C.
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Figure 223: Change in pitching moment coefficient with defleatiof a sinle aileron, for varying angles
attack ancsideslipangle:
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The change illift coefficient causd by the ailerons was also found to vary with a lgrdieear trenc
as shown irFigure2.24 (a) to(e). Similarly to tte pitching noment case, a fir-order polynomia
was used to describe the change in lift coefficfensmall angles of attack; however, at largerles

of attack an increase in polynomial terms was meguThe details can be found Appendix C.
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Rudder

The primary effect of rudder was to create a changawing moment coefficient which w largely
linear across the entire range ideslip angle, asshown inFigure 2.25 (a) tc (e), although mino
variations existed at very hicsideslif angles. In the case of ying moment coefficient, a fir-order

polynomial wis used for all flight condition:
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Figure 225: Change in yawing moment coefficient with deflectioha single rudder, for varying angles
attack ancsideslipangle:
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The rudder also produced a pronowd change in side force coefficier This was also found to t
largely linea with a subtle change in slope notice;, as shown irFigure 2.26(a) through (e. This
was capture in the flight dynamic cod by using a furth-orderpolynomial Again, the details of thi:

can be found in the flight dynamic code presem Appendix C.
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2.8.5 Data Retrieval

Each aerodynamic coefficie, whether itbe for the badine aerodynamic characteristics or

control date varies with either ane of attack or sicslip angle or botl The data was reduced intc

set of pohnomials, the coefficients of which were tabulatéehr the control characterist, the table

was of the formshown in Figure 2.27, while a simplified table was required of the s

aerodynamic characteristics. Because ontrol tabulation and interpolation was the mosnptex,

it will be described in more detail, while the base results are interpolated using a simplit

process to that described belc

Array Position

X— 0 1 2 3 4 5 6
'f a=-10° a=-5° a=0° a=5" a=10° a=15 a=20°

B=-20"

B=-10°

B=20°

Array Position
sy w [\] = (@]

Figure2.27: Diagram indicating the arrangement of the aerodyoaata arrays used in the simulation ¢

To find the correct polynomial trend, the angleatihick ancsideslif angle were entered into the d

retrieval algorithm. This was used to determinefositions of thecorrect polynomiacoefficient: to

use in the interpolation of the d. This is done, aided kFigure 227, using Eqs(2.69) to (272).

x1 = RoundDown(0.2a + 2)
X, = RoundUp(0.2a + 2)
y1 = RoundDown(0.18 + 2)
y2 = RoundUp(0.18 + 2)

(269)
(2.70)
.79
272

Once the polynomial coefficients have been fc for all terms of the polynomi, four different

values of aerodynamicoefficient are determin( using:

— 2 6
Claero = a116Control + a126Control +t a16660ntrol

C2 aero
C3aero

63

— 2 6
= a216Control + azzacontrol + a266Control

— 2 6
= a316C0ntrol + a326Control +-+ a36660ntrol

279
(2.74)
(2.75)



C4gero = a410contror + a4‘2630ntrol +oet a466gontrol (2.76)

whereal; refers to the coefficient of the first term of ghelynomial, at C1.

A simple linear interpolation is then used, firstlyetween C1,.,, and C2,.., and then

betweerC3,.,, andC4,.,, using:

(c2 —-C1 )
CAgero = — 5 2 (@ — ag) + Clgero (2.77)

(ca - (3 )
CBaero = 2 5 e (@ —ap) + C3gero (2.78)

Finally, interpolation is conducted betwe@#,.,, and CB,.,,, resulting in the final coefficient to be

used in the coefficient build up equations descriipeSection 2.7.2.

CB —CA
Caero = =2 10 e (B = Bo) + CAgero (2.79)

This process was repeated for all baseline chaistite and all control characteristics, the detaif

which can be found in Appendix C.
2.8.6 Dynamic Effects

Unfortunately, the dynamic effects were not dingatleasured in the wind tunnel. However, they are
extremely important in describing the dynamic bébawof an aircraft. In order to determine these

characteristics, a number of different techniquesawsed as outlined in the preceding sections.

Ultimately, the variation of all the aerodynamicefficients, with pitch rate, roll rate, yaw rateyda
rate of change of angle of attack are required. &aihthese can be neglected as they can be

considered to be negligible when compared to theraffects.
Aerodynamic Variations with Pitch Rate (q)

The aerodynamic variations with pitch rate stengéfr from the effects of the horizontal tail, with
some contribution from the wings and fuselage. @l@nge in lift coefficient can be determined by

examining the change in flow pattern at the t&igwen in Figure 2.28.
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wa

Figure 228. Diagram showing the change in local flow at thiEliased on a pitch r:

The change in flow around the results in a change in total and changen pitching moment
which can benondimensionalied to a change in lift coefficient and chai in pitching momen
coefficien. Thechange in lif coefficientis given, approximate, and assuming that the majority

the change in lifts generated due the tail, by41]:
AC, = AC, =T
L= Al Sker nr (2.80)

The change in tail coefficient is determined basedhe change in angle of attack at the as showr

in Figure2.28. The change in angle of attack of 1tail is given approximately I

Arqi = at+a (2.81)
, leq

where a' = arctan | —— (2.82)
Wa

andl; is the tail moment arm

To determine the chan in lift coefficient correctly,a lookup function to determine the lift cur

slope athe modified ail angle of attack is require

lrq
ACyy = @raily,, . arctan (V—) (289

wa

Finally, the change in lift coefficient due to pitch rate de determineas follows

AC, = ap,; arctan lT—q> St
Lq Tall@(a+al) Vwa SRef r]T (284)
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whereS; is the tail area angl; is a tail efficiency factor. From this and assugnihat the change in
pitching moment with pitch rate is also primarilyedto the horizontal tail, we can deduce that the

change in pitching moment can be given as [41]:

l l S l
ACy, = AC,, L=gq arctan (T—q> e — (2.85)

¢ To(a+a’) Vipa Sref | €

wherec is the mean aerodynamic chord of the wing. #ssumed that the change in drag with pitch
rate is negligible and can be ignored. Similatysiassumed that there will be no real changeéda s

force, rolling moment and yawing moment with pitelte. Thus these have been set to zero.

In summary, Egs. (2.86) to (2.91) are used to deter the change in the aerodynamic coefficients

due to pitch rate.

ACLq =ar ,, arctan (lT—q> o7 nr (2.86)
@(a+a’) Viva’ Sref '

ACp, =0 (2.87)

ACMq = aT@(a+a’) arctan (Il/:,_Z) SSR:f UT% (2.88)

ACy, =0 (2.89)

AG, =0 (2.90)

ACy, =0 (2.91)

In order to use this, the properties of the horiabtail are required. The properties of the hamizd
tail were extracted from the wind tunnel data blirtg the sum of moments about the centre of

gravity, Eg. (2.92) [37], as shown in Figure 2.29.
Uspe Meg =My, + Lyg(h —ho)c — IrLy + My, (2.92)
whereh refers to a percentage chord position of the eenftigravity andh, refers to the percentage

chord position of the aerodynamic centk.and L refer to the moments and lift generated by the

various surfaces and are defined in Figure 2.29.
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Mg My

Figure 2.29: Force diagram of the forces in the Klahe of a typical aircraft configuration

The wind tunnel data records total lift. Hence, ve@ break up the lift into components due to the

wing and to the tail, using [37]:

Tyve Lrotat = Lwp + Lt (2.93)
“Lwp = Lrotar — Lt (2.94)

Substituting this into the moment equation abogsulits in:
M.y = My,,, + Mo, + Lrotai(h — ho)T — ((h = ho)T + 1)Ly (2.95)

Converting to coefficient form and rearranging tesin an expression to convert total lift and

moment coefficients to an estimate for tail lifefficient, we obtain

_ CmO + CLTotal(h - hO) - Cm

g

Cy,

T

(h — hy) SS_T U, (2.96)
Ref
Using the results from this equation, one can ektrae wing-body lift coefficient variation, using

S
Clyy = Cipotar = Cloc— (2.97)
W ota. SRef .

If this equation is used for each wind tunnel dadint, the tail lift characteristics, shown in Figu

2.30, can be determined.

67



o

0
|

]
|

-
»

iy
o

c.
@ @ o
) B G
\[l\
cL
9 o g
] =g
!

-10 -5 0 5 10 15 20 25 -10 -5 o] 5 10 15 20 25
Angle of attack (a) [] Angle of attack (u) []

cL

-10 -5 . 0 5 10 15 20 25 -10 -5 Q 5 10 15 20 25
Angle of attack (a) [] Angle of attack (u) []

4 4o
LT &
4 . * 4 . ®
1 0 1 ®
- .
-5 . Y
0:5

L
@

5 'S
K
CL
) @
.} S
"\

-10 -5 0 5 10 15 20 25 -10 -5 0 5 10 15 20 25
Angle of attack (o) [] Angle of attack (a) [*]

(e) {f)

Figure 230: Horizontal ail lift coefficient variation with angle of attack at vari sideslif anglesas extracte:
from the wind tunnel da

68



Aerodynamic Variations with Roll Rate (p)

The aerodynamic variations with roll rate are venportant to describe the roll damping of the
aircraft. It is also more difficult to determinénen compared to the effects of pitch rate and yates r

as the roll rate causes a change in velocity thaes across the wing span. This in turn causes a
change in angle of attack which varies along thegvgipan. Thus, in order to determine the effect of
roll rate, a strip theory approach was used as shiowFigure 2.31. The wing was divided into
chordwise strips of widtdy, and the change in angle calculated at each staflitne change in lift
was then determined for each station and a nuniéniegration performed to estimate the changes in

lift and rolling moment.

o ————— _)

Figure 2.31: Diagram showing the nomenclature amentions used in strip theory to determine theéatian
on aerodynamic coefficients with roll rate

Examining the aerofoil section at a point y, aswai@ Figure 2.31, it can be shown that the aeltofoi
already at an angle of attaegk experiences a change in angle of attack. Asgyhie roll is to the

right and looking at the right wing, the changeaingle of attack, from Figure 2.32, is given by:

Aa = a+ o (2.98)
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where,

- by
a’ = arctan V_ (2.99)

wa

a
\L py Vwa

Figure 2.32: Side view of an aerofoil section uigdéng a roll, or downward velocity

Once this change in angle has been determineaghtimgges in lift coefficient and rolling moment can

be determined using Egs. (2.100) and (2.101) addipten [37]. In these cases the drag term was
neglected.

—1 ol by vy
6, = < tan (72 cos aretan () + Gy, sin (aretan (7)) ay 2
Lp SRef -f—b/Z Cawb@(am,) arctan o cos | arctan - + Dy sin | arctan v, y (2.100)

a

=

b
2 L6 () o8 etn i) + oy in (ot ()
= ca , arctan (=——)cos|arctan | ——| | + Cp_sin|{arctan (—-— d 2.101
Sref J-b)2 WPa(ata!) Vwa Vwa by Vwa yey ( )

This is then integrated, numerically, along thenspbthe wing using Simpson's integration. A simila

process was followed for the change in side foomdficient, with the assumption that the majorify o

the change in side force is generated by the @brt&il. Thus the integration is performed from the
base of the fin to the top of the fin.

The change in side force coefficient is given byl(2) also adapted from [37].

1 (" ph (2.102)
=— | (&7 tan (—)) dh
Sker fo (C"t“”@(m') arctan (Vwa))
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Aerodynamic Variations with Yaw Rate (r)

The aerodynamic variations with yaw rate stem lgrfrem the vertical fin and wings. It is assumed

that the effect of the fuselage is negligible. &hmain changes occur with yaw rate: first, theicar

fin causes a change in side force which, in tuesults in a yawing moment change. In a similar
manner to that of pitch rate, the angle of theigartfin changes with yaw rate and there is also a
rolling moment change due to the difference in i¢yoalong the span of the wing. It is assumed that
there is no contribution to drag, lift and pitchimpment. The change in side force with yaw rate is
largely due to the vertical fin, with some effefitsm the fuselage. However, it is thought that the
effect of the vertical fin far outweighs that ottfuselage. Thus, the effect of the fuselage iseaéep

for this case. The change in side force can bemeated with the aid of Figure 2.33.

wa

Figure 2.33: Diagram showing the effect of yaw m@tethe local flow direction at the tail

A positive yaw to the right results in a movemehthe vertical tail to the left when looking at kirg
2.33. This increases the local angle of attacthattail, resulting in an increase in lift force ttee
right, as well as inducing a yawing moment thadiio align the aircraft to the wind vector. Thiues

side force is positive, while the yawing momeninishe negative sense.

71



In a similar manner to the pitching moment deriesi the lift curve slope of the vertical tail bet
increased angle is examined, but the total corttdbus limited by the change in angle due to the

yawing moment.

Thus Svr

ACy = ACy,, _SRef Nvr (2.103)

and the angle at the tail is:
Brau = B+ P (2.104)

where,

lyrr
B = arctan(&T ) (2.105)

wa

This allows the determination of the change in $mtee coefficient using,

ACYT =a

lVTr) Syr

arctan (
Vwa S Ref

VT a(p+p") Nvr (2.106)

From this and assuming that the change in yawingnemd with yaw rate is also primarily due to the

vertical tail, we can deduce that the change iniggunoment coefficient is given by

lyrry Syr lV_T
Viu 5. vry (2.107)

lyr
ACy. = —AC, 2= —
Nl" YT b SRef

WT o547 arctan (

Similarly to the pitching moment equation, the duderistics of the vertical tails are required.sThi

was achieved by following a similar procedure te thorizontal tail data extraction. Instead of
examining lift and pitching moment, the data paiteg to the side force and yawing moments of the
aircraft were used. The detailed procedure is mbtikd here; however, the characteristics of the

vertical tails are presented in Figure 2.34.
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Aerodynamic Variations with Rate of Change of Angleof Attack (¢)

The aerodynamic variations with rate of changengle of attack stem primarily from a time lag
effect of the downwash at the tail. This is deterdi using (2.108), as outlined in [41].

AC, =2 (lt)( 2CL ) St )
The change in pitching moment is then given by(Q2)141].
It\N> / 2CL \ { Sy '
ACy = 2araqn (E) (nARe) Sker nra (2.109)

The variation of the other aerodynamic parametétts rate of change in angle of attack is considered

negligible and has been excluded from the flightadgic analysis.
2.9 Navigation

The navigation model used in the flight dynamic elodrovides two outputs that are useful in
following the flight path of the aircraft. The $irmodel is centred about an arbitrary point on the
Earth's surface and assumes that the Earth isdihtthat the distance travelled in the time step is
small. This is useful to examine the actual gropath taken by the aircraft. The second navigation
model calculates the latitude and longitude akefdircraft were actually flying. This is then s&m

the autopilot for its navigational algorithms.

To determine the distance travelled from an anbitiarigin, the ground velocity in the north and
easterly directions is required. This is determitierough an axis transformation as discussed in

Section 2.4, from which the velocity in the noriledtion can be derived. This is given as :

U, = cos@)cos(0)U, + (cos()sin(8)sin(¢) — sin(h)cos(p))V, (2.110)
+ (cos(lp)sin(e)cos(w) +sin(1,b)sin(¢))Wb + Vnwind

The velocity in the east direction is given as:

V, = sin(y)cos(0)U, + (sin(lp)sin(G)sin(qb) +cos(lp)cos(¢))Vb

+ (sin(p)sin(8)cos(¢) — sin()cos(P))Wy + Ve wina (2.111)

Using Egs. (2.110) and (2.111) the distance froigimis simply determined using
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Dnorth = Dnoren + f Uedt (2.112)
Dgast = Dgast + f Vedt (2.113)
Equations (2.112) and (2.113) when plotted, proadéndication of the ground track followed by the

aircraft.

For the autopilot, the latitude and longitude @& #ircraft are required. This is determined uging.
(2.114) and (2.115), as developed in [42].

D D
Latitude?2 = arcsin (sin(Latitudel) cos (ﬁ) + cos(Latitudel) sin (ﬁ) cos (Track) (2.114)

D D
Longitude2 = Longitudel + atan2(sin(track) sin (ﬁ) cos(Latitudel), cos (—)

ER (2.115)

— sin(Latitudel) * sin (Latitude?2))

where, for the equations abové) is the distance travelled (in kmJR is the radius of the earth,

which has a mean value of 6371km.

To use the above equations, the distance travafiedell as the bearing are required. These arly easi
calculated using Egs. (2.116) and (2.117), respelgti

D =jGSdt (2.116)

Track = atan (7) (2.117)

e

The ground speedS in Eq. (2.116), is given by:
GS = /ug + V2 (2.118)

2.10 Auxiliary Functions

2.10.1 Servo Model

The servo model attempts to simulate very basich#ylag of a servo motor. This adds to the figtelit
of the flight dynamic model, as the servos typicadire slow in comparison to the autopilot
computations. Servos, typically, have a speedifspation that is dependent on voltage and spetifie

as a single value of number of seconds to travel &0r the servo model, a simplistic approach was
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used where the position of the control surface hmaised at each time stebased on the speed of 1
servoand the maximum position that could be achievetiiwithe time stefg The logic employed b

the servo model can be seerFigure2.35.

Is
abs
{Command
No - Yes
Last
Position)
>
neremen

Is
Command
> Last
Position

3 Servo Position
Servo Position Servo position =
= = Last Position +
Command Last Position — Increment
Increment

A

Return Servo
Position

Figure 235: Program logic of the servo motor mc

2.10.2 Clip To

The 'clip to" function is a simple functic developed tcprevent a variablerom exceeding variou
limits. This functior is usedas a form of physic limit for the control surface where despite th
command received by the autopilot, the control famsiwill not exceed the maximum and minimi

parameters The logic used for this function is givenFigure2.36.
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Clip To Function
called
Input arguments:
Parameter
Maximum
Minimum

Is
Parameter
>

No

Yes

Maximum

Is
Parameter
<
Minimum

Parameter = Parameter = Parameter =
Parameter Minimum Maximum

A
Return Parameter
Value

Figure 236: Program logic for th"Clip to" comman

2.10.3 Wrap

The "wrag" function was developed primarily for the navigatfanctions. It is desire( for the correc
functior of the autopilc to have the heading of the aircraft be constrainech f€° to 359 before it is
parsed to theutopilot model. The program logic is shown Figure2.37. This function works wel
for small increments or increments where theding change is less than the maximum annimum
values for that parameter, but is unable to todelatge changes in heading, where a° rotation is
made within one time step. This limitation is nonsidered significant, as is not envisaged tha
case would be physically possik
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Is
Parameter
<
Minimum

Parameter =
Parameter

Wrap Function called
Input arguments:
Parameter
Maximum
Minimum

Is
Paramater
>
Maximum

No

y

Yes

Parameter= Max +
(Parameter + Max)

A

Parameter = Min —
(Parameter - Max)

A

Return Parameter
Value

Figure 237: Program logic for th"Wrap" functior

2.11 Concluding Remarks

The full simulation code consists of a number afdlions and classes. The flight dynamiodel
described in the sections ab indicate the basic ideas used in the code. The @, however, fal

more extensive than can be described here. Failglen the flight dynamic model, please refe

the "Nor-Linear Aircraft" class of the simulati code, found irAppendix C.
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3 Chapter 3- Development of Autopilot Model

3.1 Chapter Outline

The Ardupilot Mega 2. was chosen as ttplatform or which to base this researc This autopilot
was chosen for its low cost € oper-sourcesoftware codeThis allows for tht complett modification
and examination of the current control lav This dapter wil briefly review the hardwarand
provide an overview of the autopilot and controlisture to provide context within which to descri
in more deta, how eich individual control loop works to control the @aft. The chapter will the
developa simplified version of the autopilot code that wased to test t proposed fau-tolerant

control strateg.
3.2 Ardupilot Hardware

The Ardupilot ;, shown inFigure 3.1, has at its core an ATmega 2560 Microprocessor [43].

This is the primary processor that stores the fiamand catrols the outputs to the sen based on
the inputs it receives from therious sensors. The sens used on the autopilot inclt a MPL-6000
3-axis gyo and accelerometer, an MS56larometric pressure sensor, a Mediatek z GPS
receiver, and a HMC5883L agnetometer. Other components of importance ircluBPM encode
SD cad writer to store data anc 2.4 GHz Xbee wireless modem to connect to a gratation
remotely. A differential pressure sensor (MPXV7D®2 is also included to measure idynamic

pressur and hence determine the airspeed of the U

Figure 31: Ardupilot mega 2 circuit board retriev and modifie( from [43]

79



3.3 Ardupilot Control Structure

The Ardupilot Mega makes use of cascading PID cofiets to achieve the desired flight control.
This starts with the inner PID loops which contie elevators and ailerons to achieve a desireti pit
and roll angles. The rudder is used to controll#teral acceleration of the aircraft, ensuring a co
ordinated turn. The pitch and roll angles, usedhim inner loop as set point values and termed
NavPitch and NavRoll, are controlled through ano®k controller that makes use of airspeed and
heading as set points. Thus the elevator is usedritol airspeed via a pitch angel and bank aisgle
controlled based on the desired heading. Finaltitude and airspeed are used to control theipasit

of the throttle. A block diagram showing the cohstructure is given in Figure 3.2.

Outer Loop @ 10Hz

|
I | Waypoint ||<

I Inner Loop @ 50Hz

|
|
Lateral PID
Middle Loop @ 30Hz ! Acceleration Controller

Rudder Mix

PID
Controller

PID
Controller

Ailerons

Plant
Dynamics
(Aircraft)

Pitch
Compensation

o | o | Eevator |
Controller || Pitch Angle Controller Elevator
N\

A 4

PID
Controller

|
1 I
I Throttle
I
I Throttle
I I Compensation
|
|
i

Figure 3.2: Block diagram showing the control stimwe of the Ardupilot mega
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3.4 Autopilot Flight Modes

The Ardupilot has a number of flight modes. Thdgght modes are as follows.

» Stabilise

e FBWA

« FBWB

 Auto
o Circle
o Loiter
0 Takeoff
o Land

Of importance to the control laws are the firstrfotihe last four flight modes are all essentially

"Auto" mode, with navigational macros being rurthie background.
3.4.1 Stabilise

The "Stabilise" flight mode is the most basic flighode available other than manual. This flight
mode, when engaged, returns the aircraft to Idightf This flight mode is thus often used to irai
new pilots. This flight mode only makes use of itteer control loop with the NavRoll and NavPitch
set points being set to 0. If a non-zero commanigkéeived from the RC transmitter, the autopilot
uses that command. Hence, this mode is a fornssi$t@d manual flight. Throttle management and
navigation is performed by the pilot.

3.42 FBWA

The "Fly by Wire A" flight mode is similar to "Stdise" as only the inner loop is functional.
However, in this case, the set points, NavPitch ldadRoll, are set to a value other than 0 by the RC
transmitter. The position of the RC transmittedidates a proportional bank angle or pitch angle,
based on the maximum allowable pitch and roll sgttf the autopilot. For example, if the maximum
bank angle of the autopilot is 45moving the aileron control stick to the far lefould result in a
bank angle of 45 while moving the stick to the half way point wdukesult in a bank angle of 22.5
Thus "FBW A" gives a form of angle control. Thiskes the aircraft particularly easy to fly as the
aircraft will maintain a turn with a single stickowement. However, throttle management and

navigation is still performed by the pilot.
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3.43 FBWB

The "Fly by wire B" flight mode is similar to "FBW" in roll control but starts to include the middle
loop for airspeed and altitude management. ThePNelv set point is no longer controlled by the
pilot but, rather, by the airspeed while throtdecontrolled by the autopilot using both kinetieeyy
and potential energy obtained from airspeed aritiddt measurements. Thus all the pilot is required

to do is navigate the aircraft.
3.4.4 AUTO

The "Auto" flight mode incorporates all control fmand only requires the operator of the system to
enter waypoints and commands such as take off, laitdr, or circle. In this case, the heading is
controlled by examining the current position of Hieraft and calculating the heading to fly to et

the next waypoint.
3.5 PID Controllers

The Ardupilot makes use of a common PID contratlass that searches for the correct proportional,
integral and derivative gains depending on the Rttroller called. There are also built-in
integration wind up protectors in this class. Thedified implementation of this class found in the

Ardupilot code [44] is presented below.

PID control can be separated into its three compisnand then simply summed together; thus each

section of the PID controller will be presentedividially.
The proportional control is based on the error ftbmdesired state and is generally given by:

Error = Setpoint — Measured (3.1)

The error is then used to determine the outptii@proportional controller. This output is gives a

Output = Kp X Error (3.2)
The integral controller examines the time histofyhe error and attempts to reduced the past lyistor
to a minimum. This is simply done by performingi@merical integration of the error at each time

step. This is given by:

1
Integral = Integral + 5 (Error + PreviousError) X dt (3.3)
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The output of the integral controller is then giv®n

1
Output = Ki X Integral = Ki X |Integral + E(Error + PreviousError)dt] (3.4)

A form of integral wind up protection is includea ithe integral controller. This is simply

implemented by setting a maximum output value.

The derivative controller aims to reduce overshpoexamining the rate of change of error. This is
given by:

Error — Previous Error

Derivative =
erivative 7t (3.5)

The output of the derivative controller is thenagivby:

o Error — Previous Error
Output = Kd X Derivative = Kd ( It ) (3.6)
The output of the completed controller is finajiyen by:
Output = Kp X (Setpoint — Measured)
1
+ Ki [Integral +3 (Error + Previous Error) X dt (3.7)

+ Kd

(Error — Previous Error)
dt

The full implementation of the PID controllers cha found in the "PID" class of the simulation

program, found in Appendix C.
3.6 Inner Loop

The inner control loop, shown in Figure 3.3 , opesahe control surfaces and throttle directly.e Th
loop runs at approximately 50Hz depending on tligiired processing time of the ATmega Chip.
However, for the simulations it has been assumad tthis 50Hz is consistent and accurate. The
ailerons and elevators are controlled by the Nav&uad NavPitch variables which are set points for
the aircraft to fly to. A standard PID feedbaclopois used to achieve the desired response
characteristics. In addition to the PID loop, glevator control is complimented with a feedforward
command based on bank angle. The rudder is ctadraking a PID loop with a set point of lateral
acceleration, the lateral acceleration being s€, to achieve a coordinated turn. The ruddetss a

complimented by a feedforward command based omoaildeflection. The throttle control is fed
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from the medium speed loop and is hence more oédium loop control, but it does receive a fi

forward command based on pitch angle and hencbdwsincluded her:

In the implementation of the inner loop, ttitch error used to corol the devator i, from [44], given

by:
€g =0 — (NavPitCh + (;bPitChRollComp + 87hrottie X NThrottl 2 Pitch Compensation) (3.8)

While the oll and yaw errors arrespectivelygiven by:

€4 = ¢ — NavRoll (3.9)

ey =0—a, (3.10)

These errors are fed into the inner loop PID cdletr®and the outputs sent to the contrafaces

Figure 33: Detail ofFigure3.2, showing the control logic of the inner contrabfoof the Ardupilot
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3.7 Middle Loop

Themiddle control loop is run at approximately 3C. This Icop is used to control t NavPitch anc
NavRoll angles m the inner loop and provide input for throttle control In this loop, airspeed

used through PID controller to control the Naitch, which in turn controls the elevator anglehanit
the inner loop The headin controlled by the outer loc is used to determine a bank ar which in
turn controls the ailerons and rudder within theeinloop. Finally, airspeed and altitu (in the form

of energy are used tdetermine the throttle pition.

PID
Feadi N
9“ Controller

PID :
- Cantroller Inner LOOD > Aircraft
Altitude
PID
Controller

Figure 34: Detail ofFigure3.2, showing the control logic of the middle contrebp of the Ardupilot

The airspeed error is given by E(3.11) which is then used in a PID controller to deterenthe

NavPitch angle.

€airspeed = Alrspeed — Set Airspeed (3.11)

The throttleposition isdetermired usingspecificenergy error, given I Eq. (312), with the altitude

error used itEq. (312), given by

— 2
€specificEnergy = €aAltd — €airspeed (312

Eartitude = Set Altitude — Altitude (3.13)

The headincerroris simply given a:

€Heading = Set Heading — Heading (3.14)
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3.8 Outer Loop

The outer loop simply consists of the calculatiéihe heading to fly waypoints. The equation used

to find the bearing between two waypoints is, fri@2], given as:

Set Heading = atan2(sin(®yp — Ocurrent)c0S (Pwp), cos (Weurrent)Sint(Pwp)

. (3.15)
- Sln(lPCurrent)COS(LPWP)COS(CDWP - cI)Current))

This forms the last part of the simplified autopibode. There are, however, many nuances and subtle
logic implementations. These have not been inclubere, but the full autopilot code can be

examined in the "Autopilot Class" of the simulatimogram, presented in Appendix C.

After a brief trial and error tuning process, aidattory set of PID gains were determined for the
autopilot This process was conducted due to tffeeulties associated with tuning cascading PID
controllers. The process followed was as suggesjethe developers of the Autopilot code, and
involved tuning the Inner loop PID controllers, nheining the middle loop controllers and finallyeth
outer loop controllers in turn. A set point was sl for each PID controller and the response to a
disturbance observed. The gains were then adjusitidthe response was deemed satisfactory. The
gains as determined through this process and Usedghout the remainder of the simulations are

presented in Table 3.1.

Table 3.1: PID gain settings used in all controlidations

PID controller Proportional Gain Integral gain Derivative Gain
Pitch PID 0.8 0.3 0.1
Roll PID 0.6 0.2 0.1
Yaw PID 0.0 0.0 0.0

Airspeed PID 0.1 0.1 0.15

Energy PID 0.03 0.005 0.01
Heading PID 1.0 0.05 0.0
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4 Chapter 4 — Development of Adaption Algorithm

4.1 Chapter Outline

This chapter forms the backbone of the design ohgelligent, fault-tolerant control system for an
UAS. As such, the chapter will outline the progbsentrol strategy and the reasoning behind the
decisions made in the design of the fault-tolereomtrol system. This will be followed by the
development of the fuzzy logic adaption algorithnithwthe membership functions, rule base,
inference engine and defuzzification process regtband the implementation thereof detailed in full.
This is followed by the development of the allooatialgorithm with attention paid to the

practicalities of this system. Verification of takocation algorithm's function will be performed.
4.2 Proposed Control Logic

The strategy to be developed is a two pronged agprehat includes the use of a model reference
fuzzy logic adaption algorithm as well as a contatibcation algorithm. Figure 4.1 shows the
proposed strategy and how the strategy relatdeetexisting autopilot structure. The model refeeen
fuzzy logic adaption algorithm is the primary foafghis research and allows the autopilot system t
become “Intelligent”. As outlined in Chapter 3,etlautopilot makes use of a number of PID
controllers to control the aircraft. Each of thesatrollers (pitch, roll, airspeed, altitude arehting)
will be assigned to a fuzzy logic adaption algarithas indicated in Figure 4.1, with each module
tracking a specified ideal model. The adaptiorodigm will then adjust the gains of each PID
controller based on the feedback from the airctafgnsure that the response of the aircraft matche
the defined ideal model. It was hypothesised thiatwill create a system that is tolerant to cheng
in aircraft behaviour due to numerous failures @tutbances. It is intended that the adaption

algorithm will be able to maintain the control pmrhance of the aircraft for the tested failures.

The development of a control allocation algorititiensmed from some of the preliminary simulations
conducted which showed that, under certain circantss, the aircraft was incapable of meeting the
desired flight path as the controls had reachedt thieysical limits. In these cases, there was
insufficient control authority remaining to contrtthe aircraft adequately and, had an adaption
algorithm been implemented in isolation, no positilifference would have been made. It is possible
that, in some cases, an adaption algorithm maycmdhstabilities into the system rather than previd
fault-tolerance. Thus, it is the opinion of theter that some form of control allocation is vii@lany
fault-tolerant system. The chosen control allasatlgorithm is the Daisy Chaining method which
distributes the required control authority to nulti control effectors as required, as indicated in
Figure 4.1. It is theorised that it will aid thezky logic adaption algorithm in correct trackingda

prevent instabilities arising due to insufficienintrol authority.
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4.3 Fuzzy Logic Adaption Algorithm

Fuzzy logic, developed by Lotfi Zadeh [8], essdhti@reates a form of artificial intelligence by
allowing a computer to determine the extent to Whaccondition is true. Based on this condition, an
output can be given. Fuzzy logic makes use of different processes that were discussed in Section

0, but are summarised for convenience below. Theseesses are as follows.

Pre-processing
Fuzzification
Rule Base

Inference Engine

a > v nhoE

Defuzzification

Typically, fuzzy logic is used to describe a datb@ to control a system directly. In this cdsezy

logic will be used to adjust the values of the gaiheach PID control loop of the autopilot.
4.3.1 Ideal Model Development

It was decided to make use of a form of model eefee control to determine the desired behaviour of
the system. This required a simple but effectivethod to determine the change in a controlled
parameter that is a realistic response to a commamdideal response was generated that is loosely
based on a first-order system. To achieve thisimgple model that is proportional to the error
between the command and current measured valugeofdntrolled variable was developed. This
ideal model is given by (4.1). This determinesribgt value of the commanded variable based on the

previous state of the variable, the size of therdvetween the ideal and command and the step size.

Ideal;,, = Ideal; + etdt (4.1)

where,t is a constant that increases or decreases thenssgime of the ideal behaviour and the

difference between the ideal variable and the conaingiven by:

& = Command — Ideal; 4.2)

The first-order behaviour described above was ahase typically, it is desirable to have littlerio
overshoot in flying operations while still maintaig a reasonably quick response. The selectian of
is critical to the systems performance and itsctiele results in a method to tune the adaption
algorithm. Typical responses to a step functionvarious values of are shown in Figure 4.2.
Intuitively, higher values of provide a faster response and are more approgaagrcraft control

when compared to lower values, as the ideal regpbasomes too slow to be effective.
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Figure 42: Typical ideal model response for various values

With the establishment of the ideal behaviour, determination of error and rate of change in €
can bedeterminec It was require, however, to be able tdistinguish an overshoot or undersh
from the ideal. This was determine using simple subtraction that varied depending bether the

command was greater than the id Thusthe model error was find using

Command > Ideal Ideal — Actual
Model Error = (4.3)
Command < Ideal  Actual — Ideal

A similar technique was used to determine the s&thenge in model errcbut it was desired to hay
the ability to recognise if the error was decregsinincreasin. The rate of change in model errol

thus determined usir:

Previous Error — Current E rror\

{Model Error >0

. dt
Model Error = (4.4)
Current Error — Previous Error )
kModel Error <0 It )

The use of conditional equations for error and oditehange in rror allow for the use of a consiste

set of rules that is not influencby the direction of the commar
4.3.2 Fuzzy Membership Functions

Fuzzy logic is based on the abilityreceivedata,which is a concrete numt, and transform this da
into fuzzy daa. In order tc do this, membership functics are require. The development of the:

membership functior allow thecontrol algorithm tcexamine the input and make a decision i in
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which category the input fall: The size and shape of the memberstunction:, along with the rule

basedetermine te behaviour of the fuzzy syste

For the PID adaption fuzzy control, two inputs are required, namehhe erro and the rate ¢
change in error This in essence creates a Proportic Differential fuzzy conroller, with the idea
modelbeing the set pot to which the fuzzy controracks. Twosets ofmembership functions a
thusrequiredin order to describe the error and the rate of ghan error. The membership functic
can be ay shape desir¢ by the designer; however, commc in control applications the
membership functions are trapezoidal, with triaaguhembership functions being a special ¢ As
a starting pointit was decided to have the membership func as shown inFigure4.3 andFigure
4.4 . The triangular nature weinitially chosen for simplicity In fact, th¢ values were found t

produce satisfactory results after a brief trial amror period

| ——Negative ——NegtiveSmall Zero ——Positive Small ——Positive

Degree of membership

-10
Model Error

Figure 43: Membership functions for model error for the moaderence adaptive control

Degres of membership

-10 2
Rate of change in error

Figure 44: Membership functions for rate of change in maatebr for the model referce adaptive controll
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4.3.3 Fuzzification

Fuzzification is the process of converting a fixadueto adegree of fulfilment of the memberst
functiors. Essentially this process is a simple lindnterpolatior between the peaks of es
membership functic; however, careful considerati, to ensure an efficient and speedy comput;,

is requirec This is particularly tru for autopilots which may be limited by computatibpawer.

In the practical implementation of the fuzzificatiprocess, an array wased to define the three
four points of each membership functic A set of simple ‘[:-Then’ conditional statements were tt
used to determine the value of the degree of fméiit of that membership functio To provide ar
example of the implementan of the fuzzification process, an arbitrary tragpdal membershi

function is shown itFigure 4.5

4 [ .
a e | —Positive Small
=
2 17
2 08 4
g .
= 0.6
@ 0.4 1
)]
= 0.2 ~
@
O T T D T T T T T T T
-5 -3 -1 1 3 5 7 9 11 13 15

Error or Rate of change in error

Figure 45: Positive small rembership function used in exarr

FromFigure4.5, the array, given a Eq.(4.5, can be generateUsing this array and the logic outlin
in Figure4.6, a decision is made as to whether theut to the fuzzification proce falls within the
definition of a membership function. If the valisefound to fall outside of the membership functi
then a decision is made as to whether the memipefishction is a shoulder function or not, in wh
case the degree of membershiceives a value of 1 or 0. If the value falls instite membershi
function, a linear interpolation between the appaip arrayentriesis performed usir Eq.(4.6). For
further details, please refer to the "Fuzzify" ftioc located inthe fuzzy adaption class of tt

simulation code. This can be foundAppendix C.

Postive Small = [0.0 2.0 2.0 5.0] (4.5)

Input — Membership Array(n]
DOM = - — T - (4.6)
Membership Array[n — 1] — Membership Array|[n]
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Figure 46: Logicused in the fuzzification of the error and ratelodngen erro

4.3.4 Fuzzy Rules

The fuzzy ule set is the defining feature ouzzy logic. The rule set is where thdesigner:
knowledge is conveyeto the system in the form of -Then’ rules. Because two parameters are u
to determine the state of the sysi the most convenient method of conveying the rutésstihrougl
the use of inxn matrix, wheren represents the number of membership functi In the case of thi
research project, there are five membership funstielating to an eor and rate of cinge of errol
making 25 combinations of membership funci thatneeds tcbe accouned fol. However, becaus
the fuzzy logic controller must control the propamnil, irtegral and derivative gains o PID
controller, 75 rules are required in tot To de\elop the rule base, a review of the behaviour &f
controllers was examined and the characteristiosach element reviewe Based on this, a logic

approach was take
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Proportional Gain

The proportional controller is arguably the mospartant in a PID controller as it initiates primary
corrective behaviour of the system after a distuckaor set point change. In order to establish the
correct rules to follow, a series of step inputswansidered. When the proportional gain is teg lo
the response is typically slow with little to noesshoot of the controlled parameter. When the
proportional gain is high, the rise time is redudeawever, there is generally an overshoot of tte s
point, often resulting in a damped harmonic typdiom If the proportional gain is increased furthe
the damping of this harmonic motion reduces andesadly becomes undamped, eventually resulting
in a dynamically unstable condition. The fuzzy itog@daption rule base needs to consider the

following features of a typical response to a $tgut:

» Undershooting behaviour
* Overshooting behaviour

e Steady-state error

These features will be identified by examining thiesction of the input to the system and the
resulting error from the ideal model. If the respe is slower than the ideal model, this represamts
undershoot condition. If the response is greatan the ideal model then this represents an ovetshoo
condition. If the error is non-zero and the rateclofnge of error is zero then there is a steadg-sta

error.

The rule base was formulated with the aid of Figliie In the figure, a series of step functioresl (r
line) have been used to generate a typical respofise black line indicates the response of a ipic
system, while the blue line indicates the ideal etdd be followed. At the first step function, the

ideal model responds faster to the step changetiigareal model, indicating an undershoot condition
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Figure 47: Diagram indicating the typical response of a sydtem step inpt

For this portion of the respor, it would be desirable to increase the proporti gainto track the
ideal mode more closel. However, at a ctain point, the actual respot matches the ideal mot
and,in the simplest sen, the proportional gain is at its ideal ve. Following this pointthe actua
response exceeds the ideal aoes into an overshoot condition suggesting thaptbeortional gair
should be reduced ianattempt to track the ideal response once r This provides the basis fro
which to start generating the rule base; howeves, woulc be likely to yield an oscillatory effec
around the ideal model respon: Initially, the proportion: gain would inrease to meet the ide
respons but thiswould be likely to lead toan overshoc conditionand a corresponding reduction
proportiona gain. This would continue as no consideration is givenhtmv quickly the actue
response is reaching the ideal rense. To improve the rule base, the rate of change aireg
required.If the rate of change in error is decreasing, theiproportiona gain could be kept consta
increase only slightly, or even decrease depenainthe magnitude of the rate of ngein errol. If
the rate of change in errorincreasing, then depending the conditiol of the erro, the proportions
gain may need to tincreased or decred. Following this logit, the full set of rules for the adapti

of theproportiona gair was developed alis presentedn Table 4.1.
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Table 4.1: Table indicating the rule base for thgprtional gain constant

Error
N NS z PS P
. Decrease . Decrease

N No Change Increase Slightly ) Decrease slightly )
5 Fractionally Fractionally
(0 Increase Decrease
s | NS No Change _ No Change _ No Change
° Fractionally Fractionally
2 Decrease Increase
c | Z _ No Change No Change No Change _
5 Fractionally Fractionally
rs) . Decrease Increase .
o | PS | Decrease Slightly _ No Change _ Increase Slightly
= Fractionally Fractionally
o ) Increase

P Decrease Decrease slightly _ No Change Increase

Fractionally
Integral Gain

The integral gain behaves differently to the preipoal gain. When the proportional gain is used in
isolation, it will be observed that a steady-seter is present. This is inherent in any propoio
controller as an error is required to initiate anocoand. The integral part of the PID controller
examines the past history of the error throughube of the integral and thus provides a correcting
output that reduces the steady-state error to@ezotime. The higher the integral gain, the fadie
steady-state error is reduced. However, if thegral gain is too high, the contribution to thepuuit

by the integral portion of the controller will b&cessive and it is likely that there will be exdess
overshoots. The rule base of the integral gain dea®loped with the aid of Figure 4.8 which shows
the typical behaviour of a system without any in&kggain: again, the red line indicates the
commanded step input while the blue line indicabesideal behaviour of the system. In contrast to
the proportional gain adjustment, which tracksitieal model, the integral rule base essentiallgkisa
the original set point of the PID controller. Thencept of ideal model tracking or set point tragkin
for this ideal model, are equivalent as the stestdie of the ideal model should equate to thd fieg

point of the system.

It is clear in Figure 4.8 that a steady-state eexdsts which is confirmed by examining the rate of
change in error. Thus the integral gain needstmbreased for the system. To determine when this
steady-state point has occurred, the rate of chahgeror is examined. When the rate of change of
error approaches zero the integral gain can bedsed to force the system to reach the ideal model.
The integral gain, however, should not remain srge as this may cause instability in the systeth an
thus a method of gain reduction should be consilet¢éowever, this should be considered carefully
as, once the ideal model has been tracked, thgrattgain cannot be lowered as this will impact on

the ability of the system to maintain the desiretipoint. The potential exists to decrease theghat
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gain at a very slow ra after the system has achieved the ideal modelitrgckhus ensuring that tt

integral has time to build up, compensatinc the decreasing ge. The integral gain should also

reduced during any overshoot peri Following thislogic the full set of rules for the adaption of -

integral gain was developed and is presentiTable 42.

A

-
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erroris 0

Rate of change in

4 Undershoot

v

o

Figure 48: Diagramindicating the typical response of a system tcep stput highlighting the need for integ

gain

Table 42: Table indicating the rule base for tintegral gain consta

Error
N NS z PS P
Increase
N No Chang No Chang No Chang No Chang _
5 Fractionally
L Increase
« | NS No Chan No Chan No Chan Increas Slightl
8 g g g Fractionally gnty
= Decreast _
g | Z _ No Chang No Chang IncreaseSlightly Increase
) Fractionally
5 Decrease Increase i
o | PS Decreas ) No Chang , Increas Slightly
= Fractionally Fractionally
o . Increase
P Decreast Decreas Slightly No Chang No Chang )
Fractionally
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Derivative Gain

The derivative gain is used to prevent overshodhefcontrolled parameter. Thus, unlike the integra
gain which was modified when the rate of changerior was low, the derivative gains should only
be adjusted when the rate of change in error gelarThus when an overshoot condition is present
and the rate of change in error is to increase thésderivative gain should be increased to redhise
overshoot; conversely, when there is little ratelwdinge in error, then no change should be made to
the derivative gain. Should the derivative gaingseaa lag in the ability of the system to reachde
state then the gains should be reduced. The ade,las used in the simulation code, is presented i
Table 4.3.

Table 4.3 Table indicating the rule base for thevégive gain constant

Error
N NS z PS P
Decrease . . Increase

5| N _ Decrease Slightly Increase Increase Slightly i
thJ Fractionally Fractionally
= Decrease . Increase
© | NS No Change . Increase Slightly _ No Change
g Fractionally Fractionally
3 Increase Decrease
£ | Z , No Change No Change No Change .
o Fractionally Fractionally
8 . Increase . Decrease .
< | PS | Increase Slightly i Increase Slightly i Decrease Slightly
o Fractionally Fractionally

P Increase Increase Slightly Increase Decreaséatfig Decrease

The details of the implementation of the rulesthiéy are desired, can be found in the "PID tune"

function in the simulation code. This can be foiméppendix C.
4.3.5 Inference engine

The inference engine makes use of the AND operdtois operator was defined making use of a

conditional function that examined the followingrte
AND(a,b) = (a = b)

If the statement was true, then the output of &@selt would bé and, if the statement was false, the
output would ber. This essentially created a function that deteemithe minimum of two numbers.
In the proposed adaption algorithm, the resulttheffuzzification process were used as inputs into
the AND operator and combined with the rule basédtermine the strength with which each rule
fired. The details of this can be seen in the "RIBe" function of the simulation program, includad

Appendix.
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4.3.6 Defuzzification

The defuzzification process is concerned with cotmnvg the results from the inference engine and
converting these results into a crisp number thathe applied to the PID gain adjustment. The firs
process was to define a set of weightings thatdcbalused to describe the terms used in the rtde se

numerically. These terms as well as the weightiurggs] are presented in Table 4.4.

Table 4.4: Weighting used to defuzzify the resuttthe rule base

Change in PID gain Weighting
Decrease (D) -1
Decrease Slightly (DS) -0.25
Decrease Fractionally (DF) -0.15
No Change (NC) 0
Increase Fractionally (IF) 0.15
Increase Slightly (1S) 0.25
Increase (I) 1

This allowed the results of the rule base to beeliged into a single crisp number for each gain

using:

Again= (—1D + —0.25DS + —0.15DF + ONC + 0.15IF + 0.25IS + 1I) 4.7)

The adjustment of each gain was then performedyusin

Gain = Gain + Aggin€m (4.8)

wheree is an adaption rate used to tune the speed ahvthé adaption algorithm adjusts the gains

andm is a modification factor that was used to scakeamount of change between the proportional,
integral and derivative gains.

The factorm was required as it was desired to have a diffecdr@inge in gain change for the
proportional, integral and derivative controllefiie modification factor used was found to yield

satisfactory results after some trial and error tiedvalues used are presented in Table 4.5

Table 4.5: Value of modification factor for the pooponal, integral and derivative gains

Controller Modification factor
Proportional gain 0.1

Integral Gain 0.01
Derivative Gain 0.001
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The final process in the defuzzification was tlmmstraint of the gains to preset maximum and

minimum values.

These maxima and minima were found to yield satiefs results without causing large instabilities

within the system and are presented in Table 4.6.

Table 4.6: Maximum and minimum allowed gains for pn@portional, integral and derivative controlleirgs

Controller Maximum gain Minimum gain
Proportional 10.0 0
Integral 2.0 0
Derivative 1.0 0

The main aspects of the fuzzy logic adaption systewe been presented; however, the complete

adaption algorithm can be found in the simulatiodecof Appendix C.
4.4 Control Adaption Algorithm Testing

The adaption algorithm was tested by providingréeseof pitch angle step inputs. The control gains
for the autopilot were set to zero as a startinigtpoTwo different ideal model time constants were
used to determine if the algorithm was indeed attarg to track the ideal model behaviour. Figure
4.9 shows the results of the low time constant edsiée the high adaption rate case can be seen in
Figure 4.10. It can be seen by comparing the éigtinat the adaption algorithm is attempting tokra
the ideal model, albeit with some difficulties. eTlfigures clearly show a difference in response
between the two cases, with a slow response tirsereéd in Figure 4.9 and a faster response time
observed in Figure 4.10. The figures show thatetla@e discrepancies between the ideal model and
the actual pitch angles attained. This is likedysed by the aggressive nature of the manoeuvees an
the fact that the PID gains were set to zero.s ltnlikely that perfect tracking could be achieved
immediately and it may take a number of manoeutoreshieve better tracking. The results may also
be improved somewhat by the tuning of the adaptfgorithm adaption rates and modification

factors, but this will be conducted during the dimtion of more realistic flight conditions.

The change in the PID gains can be seen in Figrk @nd Figure 4.12. The figure shows that the
proportional gain changes frequently and fairly reggively, particularly for the high time constant
case at the moment of a set point change. It Wwasreed that the integral gain steadily increases i

both cases which would be expected as the pitcle &yjcally showed a small steady-state error.
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4.5 Control Allocation

One of the problems that is envisaged when a faibacurs is the saturation of a control surfacanin
attempt to stabilise the aircraft or even maintittimmed position for extreme control failured. |
this saturation occurs, the ideal behaviour wilt he able to be maintained, creating a number of
potential problems some of which have been consitipreviously. A limit on the PID gain values
was set, as mentioned in Chapter 4.3.6, to prabenPID gains from exceeding a certain value and
causing the instability of the control system. Heemr this potential for the adaption algorithm to
cause unstable behaviour highlights the need tgleotwo control methodologies together. A
method of control allocation is proposed that afider the increase of PID gains to become more
effective by transferring the control authoritydtiner surfaces in the event of control saturatidhis

is an auxiliary feature and, as such, a simple omtitnal control allocation method will be selecte
robustness and fast computation time rather thaimigation is required. The chosen control

allocation technique to be implemented is the delsin control allocation method.
4.5.1 Daisy Chain Control Allocation Algorithm

The daisy chain control method is a simple methbdlistributing the remaining control effort
required amongst different control surfaces. Edotrait axis is assigned a primary, secondary and
tertiary control surface. The primary control swg is deflected in the normal direction until the
command exceeds its limit of travel. Once thisnpdias been reached, the remaining control effort
required is sent to the secondary control surfezsigaed for that control direction until it too

saturates. Finally, any remaining control effedquired is assigned to the tertiary control surface

Two difficulties arise during the control allocatioThe first is that the effectiveness of the seleon
and tertiary control surfaces differs from thattloé primary surface: typically, the effectiveness i
lower. Thus to induce the same control commargteater deflection will be required. This has the
consequence that, if not properly tuned, the perémce of the PID controller will degrade unless an
adjustment is made. This is easily accomplishdl thie use of a control effectiveness matrix which
essentially describes the effectiveness of a cbsatndace in all axes. However, this can only bedu
effectively if all of the characteristics of thentmol surfaces can be determined, either througtdwi
tunnel testing or empirical methods. If the aifcraas fully functional, this may prove to be a
reasonable approach. However, in this researcmuit be assumed that the aircraft is not fully
functional. An assumption has to be made regartliegeffectiveness of the control surface for any
given direction. Ideally, this assumption shouldcbaservative in nature and allow the PID controlle
to correct any discrepancy or, in the case withptida, allow the adaption algorithm to adjust the

PID gains to achieve the ideal behaviour.
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The second difficulty results from use of the othentrol surfaces. It is conceivable that the afse
the non-primary control surface will result in tiegradation of control authority in the other cohtr
axes. For example, if differential elevator cohimused to supplement roll to the extent that the
pitch control authority is compromised, then thecraft may become unable to maintain stable and
controlled flight altogether. To solve this prefl, two techniques were applied. The first wahen
selection of secondary and tertiary control effextolt was decided to limit the secondary control
effectors to those not responsible for any prin@mytrol action, as far as was practical. Secorttlly,
status of each control surface was examined befgp/ing the secondary and tertiary control inputs.
The residual control authority was determined fache control surface after the primary deflection
was applied and then used in the secondary arndriegontrol allocations, thus giving the primary

control direction priority over the secondary aadiary control directions.

The control allocation assignments used in the emgintation of the control allocation algorithm are
presented in Table 4.7. The table shows that flapsassigned to be secondary control effectors in
the pitch and roll directions thus ensuring that éiierons and elevators are not the secondaryatont
effectors for any control direction. Throttle isad to supplement yaw control as the aircrafttgia-
engined aircraft with the motors offset from thatce line. The effectiveness weightings provided i
Table 4.7 were determined partly through the ussiraple estimates and then fine tuned by running
multiple simulations and adjusting the values gligto achieve a control performance similar to the
performance with the primary effectors.

Table 4.7: Control allocation assignments and affeness weighting as used in the implementatiothef
control allocation algorithm

Control axis Primary Secondary Secondary Tertiary Tertiary
Effectors Effectors Effectiveness Effectors Effectiveness
, . . Ailerons in
Pitch Elevator Flaps in Unison 2.0 _ 2.0
Unison
. Differential Differential
Roll Ailerons 2.0 3.0
Flaps Elevator
Differential
Yaw Rudder 0.0555 N/A N/A
Throttle
Thrust Throttle N/A N/A N/A N/A

The allocation algorithm is a multistep proces® Ibgic of which is detailed in Figure 4.13 that
begins with an input from the autopilot of the riegd elevator, aileron, rudder and throttle
deflections. Based on the limits of control defi@as set in the autopilot, the allocation algoritfirat

determines if any additional control effort is regd for each of the primary effectors.
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Figure 413: Overall controallocatior logic

This is simply achieve by comparing the maximum and minimum control ddftets available witt
the commanded coni deflections from the autopilot, a process whishshown inFigure4.14. If
additional control effort is required, the remamircontrol effort of the secondary control
determined Figure4.14 showshow this is then checked to determine whether ¢neaining contro
effort of the secondary control surface is suffici®o resolve the initial control effort require If it is,
then the contrc deflection is calculated usi Eq. (4.9. Ctherwise the remaining control effort
provided and the remaining control effort transddrto the tertiary control surfa where a simila

process, detailed iFigure4.15 is performed

Secondary control defelction
= Additonal control ef fort required (4.9)

X Secondary control ef fectivenss
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4.6 Control Allocation Algorithm T esting

The control allocation system was tested, by rumniihe simiation with the autopilot in th
"stabilice” flight mode. Thisflight mode attempts to maintain wings level wittpiéch angle of °.
This typically results in small deflections of elevator, ailerovd audder to achieve this trim positi
for a given throttle settir. Figure4.16(a) to (d)shows the required control deflection: maintain
this flight conditior and showshat indeed some elevator deflection, aileron déflacand rudde
deflection are require The rudder deflection stems from aileronrrudder mix used in the autopilc
The allocation algorithms can be easily tesy reducingthe primary control surfie maximum anc
minimum deflectios to 0. The autopilot would be forced to make use of the seapndnd tertian
surface. Should the tertiary actuators not be used, then decondary actuator maximum

minimum/limits can be reduce
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Figure 416. Simulated time history celevator (a), aileron (b), rudder (c) and flap deflections required t
maintain level flight with default limitations orl @ontrol surface

The first control direction to be cheed was pitch. The maximum and minim elevato control
deflections were set tc°. Figure4.17(a) to (d showsthe required control defections athat there it
a large flap deflectic® (Figure4.17 (d))that occurs to generatepitching moment to compensate

the lack of elevatol The flap authority in the pitch direction is relagly small when compared to t

elevator authority and thus it can be seen thatatlegons are also required to achi the desirec
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pitch control effort. Of note is the offset in ade deflection that is maintained throughout

simulation, indicating that roll control is not to
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Figure 417: Simulate( time history o'theelevator (a), aileron (b), rudder (c) and flag deflections required t
maintain level flight with no elevator actuat

The simulation was -run with maximum and minimunelevator deflections restored but nc
reducing the aileron deflections t°. Figure4.18(a) to 9d showsthe required deflection and tr
that without the ailerol, the flap: (Figure4.18 (d))are used to achieve the desired roll effort.

noted that more flap deflection is required to ackithe same roll effo This makes physical sen
in that the flaps are inboard of the ailerons aedce have a reduced moment upon which to In
order to check the tertiary control surface actn in the roll directio, the simulation warun with
aileron and flap maxima and minima set °. This simulation, shown iFigure4.19(a) to (d, shows
that the elevator(Figure 4.19a)) are now use differentially to generate the required roll effc It is
also noted that there is an offset abouich the elevators are deflect that is, the are not deflecte
equally from the neutral position. This is required generate the required pitchincoment tc

maintain ¢ pitch angle
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Finally, the yaw control direction \s tested. The maximum and minimiruddervalues were set 1
0° after having restored the aileron and flap maximed minima.Figure 420 shows the offset i

throttle positions induced in orderachievethe required yaw effor
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Figure 420: Simulated time history of the motor response ireguto maintain level flight with no aileron
flap actuatio

In all of the above cas, the desired set point values of bank angle andh angle were achieve
While not included he, the plots of pitch angle and bank angle can bedin Appendix C. In all of
the above results, it can be seen that the secpadhalr tertiary control actuators are working in
correct sense and when rered and thus it can be concluded that the allocadtgorithm is

functioning as intendec
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5 Chapter 5 — Simulation

5.1 Chapter Outline

This chapter begins with the verification of thigliit dynamic model through the use of a linearised
static flight model as well as through the use eflwefined and understood performance indicators.
This is only a verification that the simulation edd running correctly and only serves to confihatt
results obtained are a realistic reflection of thal aircraft. After this verification, a report the
failures modelled and the testing procedure folidwl be outlined. This chapter's primary concern
is to test the adaption and allocation algorithmdan a variety of flight conditions and with a \syi

of aircraft failures to determine if these algomithare tolerant to certain control actuator faBurehe
results for the inner loop simulations, middle l@mulations and, finally, the outer loop simulato

of the autopilot are presented.
5.2 Flight Dynamic Model Verification

The flight dynamic model makes use of the fundaalezquations of motion of a rigid body about all
axes. The forces are resolved using a coeffidaiitl up method which when used in the equations
of motion allow the accelerations of the aircrdipat all three axes to be determined. The flight
model can be verified, in the sense that key peréoce indicators can be checked, to determine that
the behaviour of the aircraft is reasonable and #flaintegrators and estimators are functioning

correctly.

Firstly, the longitudinal trim position was vegtl by running the nonlinear flight dynamic codehwit

the autopilot in the "Stabilise" flight mode, eqalient to the methods outlined in [45]. This flight
mode would maintain level flight and allow the a&ft to be trimmed. Once this trim position was
established this could be checked against a wiglbkshed static trim calculation. The performance
of the aircraft with respect to lift and drag ratielevator angles, and angles of attack to maintai

level flight can then be compared.

A form of lateral verification can also be condutteThis was achieved by running the simulation
with the autopilot in the "FBW A" flight mode andducing a constant banked turn. Using simple
turn radius indicators and by examining the grotnagk, the performance of the nonlinear flight

dynamic code can be verified.

It must be stressed that this does not validatetiiegamodel will behave exactly as the real aitcaaf
this can only be done after flight tests. But dted provide a means to determine whether the

simulation results are reasonable.
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5.2.1 Longitudinal Verification

A three degree of freedom nonlinear trim equatiaas wleveloped with the aid of [37]. This code
essentially determines the longitudinal trim pasitfor an aircraft given linearised approximatiafis
various aerodynamic properties. The code, deatiibenore detail in [37] and found in Appendix C,
examines the lift, drag and thrust forces actinghencentre of gravity and simultaneously solves th
three nonlinear equations of motion for the aitctaffind the trim condition. The linear model asliv
as the nonlinear model was run at the same altdandespeed. The elevator angle to trim and resgultin

angle of attack were used as the primary focusofparison and are presented in Table 5.1.

Table 5.1: Table comparing the results for longitatimm of the simple linear model and the nonlingight
dynamic model

Performance indicator | Trim calculation @ 25m/s Simiation .Percentage
Difference (%)
Velocity 25.000 m/s 24.996 m/s -0.016%
Elevator angle -0.896 ° -1.214 ° 1.39%
Angle of Attack 1.166 ° 1.509 ° 2.28%
Pitch angle 1.166 ° 1.489 ° 2.28%
Required Thrust 17.65 N 14.16 N 19%

It was observed that there were some differencéschnis understandable based on some of the
assumptions made in the simplified model. In paléicthe large variation in the required thrustisTh

is largely attributed to the use of the paraboliagdcurve in the simplified trim model. Upon
examination of the drag coefficieat this angle of attack it was found that an eob26.2% was
present between the parabolic drag curve and thd tvinnel data. The small differences in elevator
angel to trim and angle of attack errors can bebated to similar assumptions made in the trim
analysis. The results show that the nonlinear kitimns are similar to the trim analysis and thnm t
simulation code is functioning correctly. It is adthowever, that this is not a validation of the
simulation code, simply verification of correct fitioning. A true validation would require the

comparison of actual flight data, which is not greailable.
5.2.2 Lateral Verification

The lateral verification of the flight dynamic mads more difficult than the simple trim equation.
The verification of the dynamic response in patticus very difficult. However, the general

behaviour can be checked by commanding the airorfta set bank angle and observing the track

! Based on full elevator deflection of°30
2 Based on stall angle of 15
% Based on stall angle of 15
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followed by the aircraf First the track should be circu and,making use of the following equati,

the madius of the circle should be check

V3
R=—rn—
gVyn?z —1 ®-1)
where, n = cos(¢) (5.2)

The simulation was ruin FBW A flight mode, whichadjusts theelevator and ailerons to maintair
constant pitch and bank angle. With some experiatiem, it was found th, to maintain ébank angle
of 30°al an altitudeof 1524mat 25 m/, a pitch anglecof 2.2° and « throttle setting of approximate
38% was requirecto maintain a constant turn at constant altit Using Eq. 5.1) and (52), a turn
radius of approxintely 110mis expectedas shownin Table 5.2 The nonlinea flight dynamic
simulation resulted in slight differenc:in turn radiu of 107m, an error of approximate2.€%. The
resulting flight path wasound to be circular as expec with a variation during the initial phases

the turn,as would be expecteas the aircraft started from level fli¢seen inFigure5.1.

Table 52: Table comparing the results for the lateral vertf@aof thenonlinea flight dynamic mode

Turn Conditio ns
Flight speec Vwa 25.00( m/s
Bank angle 0] 30.00( °
Load factor n 1.15¢ g
Results
Prediction Simulation
R 110.35( m 107.140 m
D 220.70( m 214.280 m
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Figure 51: Ground track of aircra with a canstant bank angle of 30°
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5.3 Faults Scenarios Considered

The failures modelled stem from the objectiveshi$ tesearch as described in Chapter 1.7. These
failures are considered representative of typic&BUailures that one may expect in the operation of
a research UAS. Severe structural damage wasomsidered but, with some modifications to the
flight dynamic code, this could be achieved andswah, will be included in the recommendations for
future work. For this research, the failures mtmdepertain primarily to actuator or control sudac

failures. The failures tested were as follows:

e 0 deflection of one or more control surfaces
« A 50% of full deflection failure

* A hard over failure, where (servo moves to eithéregne position)

Specifically the controls to be failed are the tiglevator and right aileron. The left elevator deid
aileron were not failed in these tests as they shionar results to the failure of the right cortro
surfaces and provide no additional insight. Differeombinations of left and right control surface

failures could be modelled, but have not been satedl This will be recommended for future work.
5.4 Procedures Followed

A cautious approach was adopted in testing therighgo and, as such, the recommended method of
autopilot tuning by the Ardupilot developers wa®pigtd. This involved first testing the autopilot's
inner loop controls, in "Stability" or "FBW A" fligt mode. Once satisfied with the results, the feidd
loops are then tested by switching the autopilai FBW B" flight mode. Finally, the outer loops
are tested in "Auto" flight mode. Initially, thelacation algorithm was disabled to gain an
understanding of the behaviour of the adaptionrélyn; this was later introduced for more sever

failure cases.
5.4.1 Inner Loop Testing

The flight mode chosen for this simulation was tRBW A" flight mode as it provided a means to
determine the suitability of the adaption and atemn algorithms during two common flight
manoeuvres. While many combinations of manoeusoedd be performed, the manoeuvres chosen
were to maintain level flight and to roll to andintain a constant bank angle. This could be viewed
at a system's level as the bare minimum for therafirto return to a "Home" location and loiter ove
the home location should a failure occur. Thesaoravres also provide insight into the suitability
of the proposed algorithms to achieve the desiredl @nd to determine any shortcomings or

enhancements required. It is also important te rib&t, for the inner loop tests, the set point is
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unchanging and thus the tests will show the ahilftthe adaption algorithm to track a fixed setrpoi

value.

The high level procedure to test the inner loops wmestablish the throttle and pitch settings to

maintain level and constant banked flight. Usingse settings, two simulations per failure were run

One simulation was run with the unmodified autapdode in operation and one simulation with the

adaption algorithm enabled. The allocation al¢ponitwas only used if it is found that it is required

and for the more severe control failures. A dethpprocedure to test the inner loop is outlinddwe

1.

a > 0N

Find the correct pitch angle and throttle settmgnaintain altitude for the manoeuvre
being tested.

Set the throttle position found in 1.

Set NavPitch to the pitch angle found in 1.

Set NavRoll to 0° for the level flight case or 26f the banked flight case.

Determine the failure to be modelled from the tastrix, Table 5.3, and set up the
aircraft failure algorithm to apply the desiredlda¢ at 20 seconds after the start of
the simulation.

Run the simulation for a period of 120 seconds with adaption and allocation

algorithms disabled.

Rerun the simulation with the adaption algorithnmalded, observe the results to
determine if the allocation algorithm is requirédit is required, rerun the simulation

with both adaption and allocation algorithms endplénot required, proceed to the

next test point in the test matrix, Table 5.3.

Table 5.3: Inner loop simulation test matrix

Test Control Surface L ) _ _
_ Direction Failure Adaption Control Allocation
Number Failed
Control None N/A None On & off Off (unless requije
1 Right elevator N/A 0° On & off Off (unless reqeidl)
2 Right elevator Pitch up 50% hard over On & off f @inless required)
3 Right elevator Pitch up 100% hard over On & off ff @nless required)
4 Right elevator Pitch up 100% hard over On & off N O
5 Right aileron N/A 0° On & off Off (unless reqai)
6 Right aileron Roll right 50% hard over On & oft  ff@Qunless required)
7 Right aileron Roll right 100% hard over On & off Off (unless required)
8 Right aileron Right roll 100% hard over On & of ON
Right elevator & right| Pitch up and .
9 g _ g _ P 0° On & off Off (unless required
aileron right roll
Right elevator & right| Pitch up and
10 g _ g _ P 50% hard over On & off Off (unless require(
aileron right roll

)
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Right elevator & Pitch up and .
11 ) ) ) 100% hard over On & off Off (unless require
Right aileron Right roll
Right elevator & right| Pitch up and
12 ghtetev 'ghty Fieh tp 100% hard over|  On & off on
aileron right roll
Right elevator & right| Pitch up and| 50% & 100%
13 _ _ On & off On & off
aileron right roll hard over

5.4.2 Middle Loop Testing

The flight mode used to test the middle loop is'tRBW B" flight mode. This flight mode adjusts

the pitch angle and throttle to achieve a constarspeed and altitude. This will determine two

important characteristics of the adaption algorittime first being the ability of the adaption aligfom

to track a constantly changing set point and, sdlgorto determine the interaction between two

coupled adaption controllers. A similar procedtodhat outlined in Section 5.4.1 was performed,

again for level flight and banked flight, but wite test matrix presented in Table 5.4.

Table 5.4: Middle loop simulation test matrix

Test . L . . Control
Control Surface Failed Direction Failure Adaption _
Number Allocation
Control None N/A None On & off On
1 Right elevator N/A 0° On & off On
2 Right elevator Pitch up 50% hard over On & off n O
3 Right elevator Pitch up 100% hard Over On & off n O
4 Right aileron N/A 0° On & off On
5 Right aileron Roll right 50% hard over On & off nO
6 Right aileron Roll right 100% hard ovey On & off On
_ _ _ 50% hard over
Right elevator & right Pitch up and
7 _ , and 100% hard On & off On & off
aileron right roll over

5.4.3 Outer Loop Testing

The flight mode to test the outer loop is the "Auflight mode. Here, the autopilot is running is it

most advanced form. This provides insight into abdity of the adaption algorithm to undergo a

number of manoeuvres.

Again a similar procedureoatiined in the previous sections was

undertaken. However, only one flight manoeuvre fi@sn, that being waypoint following. A set of

three waypoints were defined to form a triangulight path as shown in Figure 5.2. The test matrix

used to test the outer control loop is presentélchble 5.5.
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Figure 52: Waypoint:«used to test tt outer control loog
Table 55: Outer loop simulation test mat
Test _ L _ _ Control
Control Surface Failec Direction Failure Adaption _
Number Allocation
Control None N/A None On & off On
1 Right devator N/A 0° On & off On
2 Right elevator Pitch p 50% tard ove On & off On
3 Right elevator Pitch p 100% tard Ove On & off On
4 Rightaileron N/A 0° On & off On
5 Right cleron Roll right 50% lard ove On & off On
6 Right cleron Roll right 100%hard ove On & off On
. . . 5C% hard ove
Right elevator & righ Pitch up anc
7 _ _ and 100% ard On & off On & off
aileron right roll

over
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5.5 Results

5.5.1 Inner control loop testing

The inner loop of the autopilot was tested fir§the autopilot was “flown” in FBW A mode as
described in Section 5.4.1 and the trim positiotedeined. The pitch angle to maintain level flight
was found to be 1.25° and a throttle setting of 3846 found to maintain a speed of approximately
25m/s. The tests were also run with the wings bdnkt 20 and the pitch angle set to 1:8®
maintain altitude with the same throttle settingedis These settings were then applied to the

simulation and the test matrix followed.

To display the results of all aircraft state datauld be considerable: hence for each test in this
section, the primary point of interest will be tp#ch and roll angles as these are the controlled
parameters of the inner flight modes. The cordedlection data as well as the PID gain coefficient
data will also be supplied when relevant. Wheng @her data is of interest, it is included; howgve
the full set of results is found in the summaryvided in Appendix C. The simulation code, also

found in Appendix C can be re-run to obtain an esitee set of results.
Control - No Failures

The simulation was run without inducing any faiireéoth with and without the adaption algorithm
for commanded level flight. Figure 5.3, which slsotlie time history of the pitch and bank angle,
shows that a slight overshoot in the set pitch eragicurred for both the case with the adaption
algorithm enabled and disabled. The overshodightsn both cases (less thaf) &nd is unlikely to

be noticed in flight. It can be seen that the $ation with the adaption mechanism enabled has a
slightly smaller overshoot which indicates that #uaption mechanism is working to some degree.
Figure 5.4 (a) shows the variation in PID gain ¢ans and shows that, initially, there is a rapid
increase in the pitch proportional gain, followedérapid decrease as the adaption algorithm detect
an overshoot condition. There is also a very sligbrease in integral gain and derivative gain.
However, these are very minor. As previously dised in Section 4.3.6, the adaption rates for the
integral and derivative gains are low to avoid ahkt and rapid changes in theses parameters as this

was found to cause unstable control of the comsigseem.

The roll angle in Figure 5.3 is seen to have audimnce from level flight attributed to a slight
asymmetry in the wind tunnel model. This is coreectoy the autopilot with a slight aileron
deflection. The response is somewhat oscillatany foth cases with and without the adaption
algorithm enabled indicating that perhaps the prigual gain in the roll direction is slightly too

high. However, the oscillations are small and hemualifications to the base PID gains are not
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warranted and the tests were continu The adaption algorithm attempts toduce the higl

proportional gai while increasing the integral gain slightly, aswhan Figure5.4 (b).
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enabled no failures) in level fligr

It can be seen frorFigure 5.3that the autopilot achievede desired pitch and roll ang almost
exactly within 40 seconds and 20 seconds respec! andthis peformance is consider for the

purposes of this research to be satisfact
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The simulation was run amn without inducing any failure both with and withouithe adaptio

algorithir for constantly banked fligt The time history of pitc and roll angls ae presented i
Figure5.5 which show: a similar trend to the level flight cas The pitch angl did, however, extbit

a more oscillatory respor but the magnitude of the oscillations was mir Only a slight differenc
existedbetween the case with the adaption algorithm edabted with it disabledFigure 5.6 (a)
shows the gain adjustint for the pitch PID controlliand shows an itial spike in proportional gai
followed by a rapid decree back tc base levels. There is then an oscillatory behavasirthe
adaption algorithm tempts to track the ideal mo until the control set pointas been achieved. O
may argu that the performance of the pitch cwol system has degraded somev in that tte

behaviour is more oscillatol however, it can be argued that the time to reaehd#ésirecset point

has been slightly reduced and that the increaseditiations is minor
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Figure 55: Simulated time istory of pitch and bank angles (no failures) dgrinconstant banked tt

Figure5.5 shows more clear the overshoot of e roll angle from the set po although it is only o
the order of 2.° for the case where the adaptimechanism is disabled. When the adap
mechanism is elbled, this overshoot is reduced by approximatelj and the time to reach stea
state is approximately the sar The adaption algorithm increased roll proportional gai while not

modifying tre integral or derivative gains significantly, a®wi in Figure5.6 (b).
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Figure 5.6: Simulated time history of the pitch (a) aroll (b) PID constants with tl adaption algoritm
enabled (o failures) during a constant banked

It can be seen frorFigure 5.5that the autopilot was able to acte the set pitch and roll angl
satisfactoril with a slight performance advantage being gainet thie adption agorithm enablec
This indicates th: for constant set point commai, the adaption algorithm apars to be functionin
correctly and that it does not inhibit the correcieration of the autopilot system but imprc control

behaviour very slightl under normal operating circumstance
Right Elevator Failure - 0° Deflection (Test 1)

The simulation was run with & right elevator deflection failur¢ That is, the elevator moves from
current position, at the time of failure, to itsub@l pcsition. For this flight position and aircra
configuration, a sligl down elevator trim is required. Hencas the elevator returns to its neu
position, a nose up and right roll disturbanccreated. Figure 5.7clearly $iows the point at whic
the elevator faile and shows thahe failure causta nose up pitching moment coupled wi rolling

moment to the rigl which is seen by the positive diversion in botleipiand roll angles

Figure 5.7 showsthay, with the adaption algorithm disabled, the pitchraje is of the order of °.
This pitch change is the followed by a rapid decrease in pitch angle asathtepilot corrects with th
remaining elevatolA slight oscillationoccursbefore the esired set point is -established With the
adaption algorithm enabled, an improvement in admterformance inoted. The initial disturbanc
causes a smaller change in pitchle and fewer oscillations ex with a more stable path to t
desired st point. Figure5.8 (a) shows a rapid increasepitch proportional gai after the failur to
aid in reducing the overshoot conditic This is thel followed by a minr decrease in proportion
gain to prevent the overshoot ilhe negative sensi Little change was made to the integral .

derivative gains in this case.
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Figure 57: Simulated time history of pitch and bank anglsri{ght elevator deflection failure) ievel flight

Figure5.7 also shows the rodisturbanc created as the elevatmoved to the neutral positio The
effect was sme and little difference can be obser between the case with the adaption algori
enabled and dabled.Figure 58 (b) shows a slight increase in roll proportionalh at the moment c
failure. This is reduced back to base le shortly afte the failure. A slight increase in roll integr:
gain isnotec with no increasen derivative gain It is hypothesise that the integral gain has incred
slightly as the fuzzy controll may havi interpreted the error as a steady state due to thesize of

thedisturbance create

Figure5.7 shows that the autopilot algorithms and gain tunsngobust enough toleratethis faul
without the use of the adaption algorithr However,some minor control performanimprovemen

was noted with the adaption algorithm enat
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enabled (0° right elevator deflection failure) @vél flight

Due to the nature of the failure and the dion of the turn, no significant result was obtaif@dthe
case of a constant banked turn wi° elevator deflectio as the trim condition had the elevator v
close to . The results have not been included as they offer no insight into the betour of the

system They canhoweve, be foundin Appendix ¢, if desired
Right Elevator Failure - 50% Hard Over (Test2)

The simulation was rt with a more severe failure, namely a 50% up elevaédiection. Figure5.9
shows he results of this simulation in the form of a tifmstory plot of pitch and roll angl¢ It can
be seen irFigure 59 that the elevator failure cawd ¢ large pitch change in the nose up direc
coupled with a slight roll tthe right. In the case where the adaption algorithm was dis, the pitch
error reached a maximum of approxtely 8° after which there were fc oscillations around the s
point before the set point was reach This was significantly reduc: in thecase with theadaptatior
algorithn enabledo approximately 5.%, equating to a reduction in error of approxima@&hpo. This
reduction in error was coupled with a lackoscillation: about the set poi. Figure5.10 (a) shows
that th¢ adaption algorithm increased the pitch proportiogalr rapidly to accommdate the
increasing pitch ern after which there is a slight decrease in propoaiayain until the error he
reduced At this poini, the proportional gain remains cornt. Little change in the integral ai

derivative gains was notec
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Figure5.9 also shows that the autopilot was able to toldteeroll perturbation without the adaptic
algorithm but it was noted that there va marginal increase in control performanFigure5.10 (b)
shows that the proportional gain rose rapidly, tmatrginally, with a slight increase in the intec
gain. Little change in derivative gain occurred tfog roll PID controller
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Figure 510: Simulatdd time history of the pitch (a) anwoll (b) PID constants with the adapti@algorithm
enabled (right elevator 50% hard over failure aagisi nose up pitching moment) in level fli

Figure5.11 (a) to (d) show the time history of the control deflections during the siatidn. As can

be seen irFigure 511 (a) the right elevator moves to an angle of 7.5° (58f%945°) and remains

124



that position for the duration of the simulationiketithe left elevator deflects to redc the change i
pitch angle in the opposite directic A new equilibrium is reachethat is within the control limi set
in the autopilc. Figure5.11(b) shows a change in aileron deflection asautopilothas to find ¢
new trim positior howeve, this is easily achieved with only a minor changeéfiection. The slight
rudder inpL seen i1 Figure 5.1 (c) is as a result of the ailer-rudder mixing used in a feforward

loop to improve the ability of the awpilot to fly coordinated turns

The results of this simulation clearly show that #utopilot is able to tolerate this fail without the
adaption algorithi, although possibly only with a reduced flight elope. However, great gains |

control performance can be achieved with the preg@siaption algorithm.
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Figure 511: Simulated time history of thelevator (a), aileron (b), rudder (c) and flag deflections with the
adaptionalgorithmenabled (right elevator 50% hard over failure cagigi nose up pitching moment) in le
flight

The simulation was run agi but with the aircraft at a constant bank angle@f Figure 512 shows
the disturbance in both tch and rol anglesand shows a similar trend to the level flight c:
Initially, there is a rapid change in pitch angle whicbrought under control by trautopilot. The
case witlout adaptiol, again,showsa higher pitch errc with an overshoot on the return to the
point. When the adaption algorm is enabled, the pitch error isducec by approximately 35% In
addition, here is amore rapid return to thset point valu with no oscillation observed. The roll

perturbation was minor but with the adion algorithm disabled, there weminor oscillatiors before
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the set point was reache With the adaption algorithm enabled, the error weduced and n

oscillation was observed.
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Figure 512 Simulated time history of pitch and baangles (right elevator 50% hi ovel failure causing nos
up pitching moment) during constant banked fi

Similarly to the level flight case, the pitch profonal gain ose rapidly and then dropy slightly
before reaching a stable value, as showFigure 513 (a). The integral and derivative gains w
marginally changec The proportional gain for the roll PID controlleasrincriaset slightly after the
failure but remained constant shortly theree¢ as seen itFigure 513 (b). Little to no change wa

observed for the other gain const..
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Figure 513: Simulded time history of the pitch (a) anoll (b) PID constants with the adapti@algorithm
enabled (right elevator 50% hard over failure aagisi nose up pitching moment) during constant bafiight
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Right Elevator Failure - 100% Hard Over (Test 3)

The sinulation was run for a 100% hard over elevator fail Figure5.14 shows the time history «
pitch and roll angle for this simulatiol. It shows that, for the case where the adaption mestm
was disabled, the aximum pitch angle attained was approximately75°. It was also noted tF
there was a significant overshoot on the returtihéoset point valu Again,a number ooscillations
occurret about the set point val as was seen in the 50% elevator fa case. However, instead ¢
the autopilot returning the aircraft the set point valuea state of oscillatory behavic was see.
The case where the adaption algorithm was enalgigdalted in &far lower maximum pitch angls
approxmately 9°, with a smill overshoot on returning to the set point andgaiicantly faster retur
to a pitch angle close to the ¢point; howeve, the oscillatory behavio noted in the nc-adapted
casewas still presentFigure 515 (a) shows that there is a rapid increaspitch proportional gain a
the adaption algorithm attempts to prevent theeiase in pitch errol This is followed by a sligh

decreas and then a stepped increasproportional gains during the oscillatcperiod.
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Figure 514: Simulated time history of pitch and bank anglaght elevator 100% hard over failure causing r
up pitching moment) in level flig

After the failure of the elevator, there ilso corresponding roll to the rig as can be seein Figure
5.14. The case without adaption is slightly more delain returning tcthe set poinwith a marginally
higher overshoot than the case with adaj; however, in practic. terms the differences betwe
adaption and non adaption is sli. Figure5.15 (b) shows that the proportional gain increasesha

failure occur but then reduces tc value lower than the starting base valt
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Figure 515: Simulated time history of the pitch (a) aroll (b) PID constants witlthe adaptionalgorithm
enabled (right elevator 100% hard over failure tapa nose up pitching moment) in level fli

The oscillatay pitch behaviour noted iFigure5.14 can be explained | examiningFigure5.16 (a).
In the figure, the right evator moves to its extreme value of °, theleft elevatormoves in the
opposite direcon as controlled by the autopilot and quickly reac-15°. At this poin, no remaining
control authory in the pitch direction exis and the aircraft is now subject to its n stick-fixed
dynamic behaviol which is a long damped phugoid motion, as in Figure5.14. Figure5.16 (b)

to (d) show that no other control limits were e
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Figure 516: Simulated time history of thelevator (a), aeron (b), rudder (c) and flap deflectionswith the
adaptionalgorithmenabled (right elevator 100% hard over failure taus nose up pitching moment) duri
constant banked flig
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The simulation was rt againbut with the aircraft at a constant beangle of 20, the results of whicl
are presented iFigure5.17. Figure5.17 showsthat he pitch angle increases raly as the elevaitc
fails, similarly to the level flight case, aragain the case vh no adaptio results in a large pitc
error, followed by a number of oscillationsfore returnincgradually to a valuelose to the set poil
value. The @se with adaption shows that ower pitch error was achiev (a reduction of °)
although it is nteresting to note a slight behavioural change wdwempared to the level flight cas
The return to the set point valis not as abrupt and a gradual return to the sat occurs. Similarly
to the level flight case, control saturation isateed; howver, the oscillatory behaviour is minor &
occurs significantly later than shownFigure5.14indicating that a different manoeuvre may vyiel
drastically different result Again, the oscillatory behaviour that develops tods the end othe
simulation can be explain by examiningFigure5.18 (a). The left elevator reaches its maxim
value more wowly than the level flight ca: and at approximately 80 seconds control surface
saturate and theoscillatory behaviour begin: Similarly to the level flight case the other cof
surfaces did not approach their limits of travelsagn inFigure5.18 (b) to (d). Figure5.17 also
shows the roll dturbance generated by the elevator faill As can be seen in the figure, the c
with the adaption algorithm enabled shows imprccontrol performanc
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Figure 517: Simulated time history of pitch aniank angles (right elevator 100% hard over failresing nos
up pitching moment) during constant banked fi

Figure 5.19 (a) shows a rad increase in proportional gi which then maintains a reasona

constam value. Again a slight increase is notecwards the end of the simulat as the elevaitc
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control saturates Little change is observed in the integral and ddne gains. At the point of

failure, the roll PID proportional gain increasesg Quickly establishes a constant ve, as shown i

Figure

20

5.19 (b).
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Figure 518 Simulated time history of tl elevator (a), aileron (b), rudder (c) and flap deflections with the
adaption mechanism enabled (right elevator 100% beer failure causing a nose up pitching momeuijng
constant banked flig
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Right Elevator Failure - 100% Hard Over (Control allocation enabled) (Test )

The simulation warun with a 100% hard over failure of the ricelevato as conducted previou;
howeve, in this cas, the allocation algorithm was enable As can be seen iFigure 52C, much
improved behaviour was observe The maximum pitc error induced was similar to the previc
test; however, the oscillations seen were not eviderhis case, as the control allocation algori
made use of the secondary control surface to peotrid remaining pitch control required. The fl.
were usd to provide a slight nose down pitching momentcas be seen iFigure5.21(d) after the
elevators had reached their travel limits, showFigure5.21 (d). In Figure 521 (d)an initial flap
deflectior is observecto aid in reducing the maximurpitch error. This is followed by a rapi
reduction in flap deflection as sufficierlevator authority was availat and then a subsequent bt
up in flap deflection as more pitauthority was requirec Figure 521 (d) shows thathe flaps do nc
providea great deal of pitch author and a large flap deflection is required to achiavamall pitck
change There was no lack of roll authority for thisst anc the results obtained in the roll directi
are very similar to those obtained in the previtests This is confirmed byFigure5.21 (b) and (c)
which shows that the ailerons and rudder were singjtly deflected.
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Figure 520: Simulated time history of pitch and bank angléght elevator 100% hard over failure causing r
up pitching moment) in level flight with controllatation enable

The increase in control alority has improved the stability of the PID gairaoges Figure5.22 (a),

shows a rapid inease in pitch proportional gi which stabilises ga constant level just under as
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opposed to the previous cawithoul the allocaticn algorithn which showed a steady increase
proportiona gain. This indicates the importance of using the allapatlgorithm and the mitigatic
of the potential risk of the adaption algorithm siag unstable behaviour. There were mi
differences resent inFigure 522 (b) when compared tFigure 515 (b) in that the increase seen

Figure5.15 (b)after the failure was not evidentFigure5.22 (b).
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The simulation was -run but with the aircraft in a banked tu This yieldedvery similar results ti
those obtained iFigure5.17. There were minor differences due to the inclusibfiap deflection tc
assist with the correction of ttpitch errol. The saturation of the elevatorwards the end of tr
simulatior which resulted in a slight oscilion about the set poi in Figure5.17 was not eviden
when the allocation algorithm was enabl Theresults have not been included here as the diites

were mino; however they can be found Appendix (, if desired.
Right Aileron Failure - 0° Deflection (Test 5)

The simulation was run with a° aileron deflection failure at 20 seconaftel the start of the
simulation Figure 5.23 shows the there wa little change in pitch and noiscernable differenc
could be made between the case where the adapgioritlam was enabd ordisabled. The effect or
roll was more pronounced but only a st bank angle errc (0.5°) was induced This is to be
expected for level flight with thonly rolling moment being generated by tasymmetries of th
aircraft. Figure 523 does show :slight difference in control performance in rc with a more rapic
response being generated whenadaption algorithm was enabl This washowever followed by
a slight oversho, not seen in the case without adap In practical terms the difference

negligible.
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Figure 523: Simulated time history of pitch and bank ang0° right aileron deflection failure) in level fli¢
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Figure5.24 (a) and (b’'show a small change in the proportional gain fahhmtch and roll controller
with a slight gain in the inteal gain for the roll controllt due to he small nature of the errc

induced by the failur Little other change was note
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Figure 524. Simulated time history of thpitch (a) and oll (b) PID constants with tl adaptionalgorithm
enabled (° right aileron deflection failure) in level flig

Only a small effect was noted during the simule of a banked tur. The aircraft was at steady st
at the time o failure andso only a small ileron change wainduced at the moment of failu
Because of this,he remaining results have been excl as they add little insight into ttbehavioui
of the adaption algorithn It was note, however, thathe autopilotis tolerant to this failur and there
is little need for an adaption algorithm in 1 case. Should the results of this test be required they

be found irAppendix C.
Right Aileron Failure - 50% Hard Over (Test6)

A 50 % hard over failure of the right aileron wasdslled with and without the adaption algoritt
the results of which ci be found inFigure5.25 (a) and (b. Figure5.25 (b) shows thatwith the
adaption algorithm disabled, there is a large apidrincrease in bank angle to approximate®.
This is followed by a steiy and equally as rapid return to level flight as daéopilot compensates f
the error. When the adaption algorithm is enabled, the maximbenk angle | reduced t
approximatel 5°. The return to level flight also noted to take marginally longerth & slight
oscillatory behavioubeing present Upon examination oFigure 5.26 (b), it can be seen that t
proportional gain rises rapidly to mitigate the mpa in bank angle It then decreases in a sligh
stepped mannelt is theorisedthat the step changes in proportional gain haveezhthe oscillator

behaviour of the bank angle Figure5.25
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Figure 525: Simulated time history of pih (a)and bank angle« (b) (right aileron 50% hard over failure caus
rolling moment to the right) in level flig

A pitch error was also induced by the failed elevaas seen Figure5.25 (b) and it was observe
that the smulation withthe adaption algorithm enab performed better than the simulation with
the adaption algorithn There was a smaller induced error and a fastes,dssillatory return to th
set point value It was noted irFigure5.26(a) tha, like many of the other failures, there was a s
proportional gain to account for the increasinglpierror The proportional gain was then reduced

the pitch error reduce Little change was observed for the integral ancvative gains
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Figure 526: Simulated time history of the pitch (a) aroll (b) PID constants with the adapti@algorithm
enabled (right aileron 50% hard over failure cagsirrolling moment to the rigt in level flight

Figure5.27 (b)shows thathe right aileron moves to © and remains at that position until the enc
the simulation while the left aileron moves to carsate the induced rolling mom: and achieves &
angle #ightly higher than the right ailero This is due to the trim offset due to the asymrastdf the
wind tunnel mode A small rudder inpt, shown inFigure 5.27 (c), is also generated due to t
feedorward aileron rudder mixsed in the autopilo Of interest i Figure5.27(a) where change ir
elevator anglis observecas a new trim position has been created with tlieat®n of the aileron

No flap deflection was generated as showFigure 527 (d). It is noted that the autopilot wable to
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accommodate this failu but the control performance wigenerallyenhanced by the use of t

adaption algorithm.
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Figure 527: Simulated time history of thelevator (a), aileron (b), rudder (c) and flap deflectionswith the
adaptionalgorithmenabled (right aileron 50% hard over failure cagsrrolling moment to the right) in lev
flight

The simulation was rerun but er having commanded a constant bank angle This resulted ir
the time history shown iFigure 5.28 which shows that the aircri, after achieving a steady ba
angle of 2¢, increased its bank angle at the moment of thaced failure. Without the adaptio
algorithm the maximum bank angle reached was appairly 2¢ whereas the maximum bank an
with the adaption algorithm was approximately, a reduction in bank angle error of 5. It was
noted,howeve, that the adetion algoithm increased the time to return the bank angtéd set point
valueby a considerable amol.. Thus there is a trade off between a quicker respans reduce
initial error. A large number of itch oscillations were observ for both the cse with and withou
adaption an, although the pitch oscillations were slightly reddavith the adaption algorithm, t

difference would be likelto beunobservable in flight
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Figure 528 Simulated ime history of pitch and bank angles (right aile&@%6 hard over failure causing
rolling moment to the right) during constant banKeght

Figure 5.29 shows the PID gain changes made by the adaptiarithlign and shows the excted

trend of in increase in proportional gi with little other change in other gain constanténGte was

the oscillatory behaviour inducedFigure5.29 (a).
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Figure 529: Simuated time history of the pitch (a) anoll (b) PID constants with the adapti@algorithm
enabled (right aileron 50% hard over failure cagsolling moment to the right) during constant bedklight

Figure 5.30 (a) to (d, which shows the control deflections of the simulatigith the adaptiol

algorithm enable. It shows a similar response to thaiFigure 527; howeverthe elevator respon
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(Figure5.30 (a)) ismoreoscillatory. Thisis unexpecte but explains the oscillations in the pitch tii
history. The cause of theelevator oscillatio, stem from the oscillation seen in thech PID
proportional gain chanc howeve, the cause of the oscillatory behaviour in theportional gait is

asyet unknowr
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Figure 530: Simulated time history of thelevator (a), aileron (b), rudder (c) and flap deflectionswith the
adaptionalgorithmenabled (right aileron 50% hard ovailure causing a rolling moment to the right) dgr
constant banked flig

Right Aileron Failure - 100% Hard Over Failure (Test 7)

The simulation was run for a 100% hard over failof¢he right aileron The failure causes a ong
rolling moment to te right with a small nose up pitching moment created du¢hé change i
effective wing camber Figure5.31shows the time histo of the pitch and roll angl and show:
that,for the case where the adaption algorithm was led, there was a large roll error induc This

was then reduced with overshoot in the returi
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Figure 531 Simulated time history of pitch and bank anglegh{ aileron 100% hard over failure caus
rolling moment to the right) in level flig

The ability of the autopilot to tolerate the fagwvas surprising as it was anticipated that thieraté
might be stopped but that the bank angle would not hened toa level attitude. It is hypothesied
that theautopilotwas able to level the win of the aircraftbecaus of the rudder mixincusec«. The

control authority in the roll sen is supplemented by tt rudder mi; by the addition ofrudder

deflection that aids in returning the wingsa level attitude. Of concern was the failure of tl

simulation with the adaption algorithm enabled. @en be seen iFigure 5.31 the roll angle
undergoes an abrupt oscillatory behaviour, although the maximum roll error is redu, the roll
control is highly unstable Eventually at approximately 45 seconds the simuais stopped as tt
sideslip angle exceeds°. The simulation is stopped automatic by the simulatio code as the
wind tunnel dat is only available up to adeslip angle of 3°. Once his angle is surpassed,

extrapolatiorof the data would be requir. This would be unwise as the aerodynamic effectisese
large angles are highly nonline The cause of this instability can be determinedekgmining

Figure 5.32 (b). In the figure it can be seen that there is a rdmid oscillatoy increase ir

proportional gairto the maximum allowable gain of 1 This gain is far too high and causes the
instability. However, of greatoncern areghe large sideslip angles induce These large sislip
angles wre generated by the rudder fforward loop. ExaminingFigure5.33(a) to (c) one can se
that all of the control surfaces undergo large oscillatioThe rudder deflectior, in particular are

fairly large and oscillate creating a dynamicaligrieasing ideslip angle as shown iFigure 5.34.
139



The high rudder deflections seen are as a restiftecincrease in commanded rolurrently the limit
on aileron command is set by the "Clip to" functaescribed in Sectio2.10.2 Thus the PID loop
output an ever icreasing aileron output comm: which is fed into the rudder feedforrd loof to
the pointthat the ruddeinduces large and unstable sslip oscillations. Srprisingly, the pitct
behaviour is not as extreme as the roll behaviotiisstill oscillatory. This may also be attributed
the rudder deflections causing a cke inthe aerodynam characteristics of pitching moment a
lift.
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Figure 532: Simulated time history of the pitch (a) aroll (b) PID constants with the adapti@algorithm
enabled (right aileron 100% hard over failuausing a rolling moment to the right) in level i
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Figure 533: Simulated time history of thelevator (a), aileron (b), rudder (c) and flap deflectionswith
adaptionalgorithmenabled (right ailerc 100% hard over failure causing a rolling momenthi® right) during
constant banked flig
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Figure 534: Simulated time history of angle of attack esideslif angle with the adaptioalgorith enabled
(right aileron 100% hard over failure causing a rglimoment to the right) during constant banked f

Based on the previous simulat, the rudde-aileron mix was disablec This test showed that tl
rudder did indeed create the instabilities seethé previous simulatic. Figure5.35shows the the
roll angle increases but does not recc as it did previously. In both the case with andhwitt
adaption, the angle reaches approximate® before recovering slightly to estesh a constant bar
angle of approximately . The roll angle change was slightly slower w the adaption algorithr
enablec This slightly improved responis a function of the increase in proportional ( (se¢ Figure
5.36 (b). However, it is also noted that the proportionahgaiFigure5.36 (b) reaches a value of :
which is the maximum allowable gain set in the pang Thus, left uncheckg, this would result in ¢
continuous gain rise This is as expecte¢ and highlights the limitations of an adaption aitjon to
cope with this form of failure without some othenrrh of intervention. The aircraft rached ar
equilibrium bank ang which was not the desired set pt and,as suc, the adaptioialgorithn began
to increase the integral gain in an attempt to cedine steey-state error. This obviously was r

possible due to insufficient control autho and a runaway conditicoccurred.
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Figure 535 : Simulated time history of pitch and bank anglaght aileron 100% hard over failure caus
rolling moment to the right) in level flig

The changes in pitch were evideniFigure5.35and were relatively minor in compson to the rol
change. However, a small improvement was gained throughude of he adaption algorithm. (
noteis the oscillatory behaviour of the proportionaingan Figure 5.36 (a)towards the end of tt
simulatior. Thisoccurs as both elevators reached their maximunecteshs, observed iFigure5.37.
The adaption algoritm perceived this to be a ste-state error and subsequently incrd the

integral gain. Little change was made to theivative gain in this case
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Figure 536: Simulated time history of thpitch (a) and oll (b) PID constants with tl adaptionalgorithm
enabled (right aileron 100% hard over failure cagsi rolling momnt to the right) in level fligt
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Figure5.37 (a) to (d shows the time history of the control deflectioasthe simulatin. Figure5.37
(b), in particular, shows tl right aileron failur¢ which i< closely followed by left aileron deflecticin
an attemy to prevent further tnk angle. This was unachieva as no more control auttity in the
roll direction existe. Hencethe aircraft begins an ever increasing sp The elevator incread to

full deflectior, shown inFigure 5.37 (a), to mantain the required pitch an¢ but is ultimately

unsuccessfu
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Figure 537: Simulated tim history of theelevator (a), aileron (b), rudder (c) and flap deflectionswith the
adaptionalgorithmenabled (right aileron 100% hard over failure cags rolling moment to the right) in lev
flight

The results for aileron failure in the bankeight case are not presented as they were foune
almost identical to the level flight case, as ifisignt roll authority was unable to return thecraft

to the correct bank ang howeve they can be found iAppendix C.

Right Aileron Failure - 100% Hard Over (Control Allocation E nabled - Rudder Mix
Enabled) (Test )

This simulation was -run with control allocation enable This yieldec in a very different resu
from those¢ of Figure5.31 toFigure5.34. In the previous te, with the control adaption algorith
enabled, there was a rapid rise in proportionah gdiich led to an unstable roll oscillatic This was
exacerbated by tl aileror-rudde mix that causd large sidslip angles, causing the flight dynan
model to terminate prematurely. In this ¢, however, this instability has not been crea Figure

5.38(a) and (b) sho that there waan imgovement in conol performanc and that for both the in
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adapted and adaptecasesthere was successful-establishment of level flight, the adapted c
having less of an overshoot in both roll and pitch
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Figure 538: Simulated time history of pit« (a) androll angle: (b) (right aileron 100% hard over failure caus
rolling moment to the right) in level flight withoatrol allocation enable

In Figure 5.32, it was obsend that there was rapid increase in both pitch asitd RID gains
ultimately leading to a runaway condition that eadighe oscillatory behaviour and the failure of
simulation In this simulatiol, this did not occur, as shown Figure5.39. The figure sows a stead
rise in the pitch roportional gail closely followed by a large number of oscillatiahat ultimately
decrease the proportional gain to a steady le The roll proportional gain undergoa rapd rise
followed by a steady decrease, again, until a gteatle is attainec There was alson increase i

the roll integral gain tha attempted to decrease the ste-state error morquickly; however, it is
theorise( that his was overshadowed by tdecrease in proportional ga

Figure5.40(a) to (d)shows the reason for the lack of build up of Plihgz In Figure5.40(d), it can
be seen that there are momeniapplications of differential flap that aid the adas in restoring th
aircraft toa levelattitude. This prevents the build up in commanded ailergrut and hence the bui
up in rudder deflection As a resu, the sideslip angles do not approach large angles seen
Figure5.34 but instead remain reasonably small, as sedrigure5.41. It can te seen that there
now a sidslip angleoffset thatis generatedy the rudder deflectio Of concern was the observ
chattering of the sideslip angle. In essence tmralber is reducing the inherent directional sk&i
of the aircraft which is highly undesirable. Ittisought that this would improve by removirhe

Rudder to aileron mixing and controlling the ruddathout interference from the aileron commai
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Figure 541: Simulated time history of angle of attack esideslif angle with the adaptioalgorithr enabled
(right aileron 100% hard over failure causing dimglmoment to the right) in level flight with cawnt allocation
enabled

The simulation was ri for a constant banked tur Unlike the case without control allocation, thet’
showed that the autopilot was able to control tineraft and r-establish the desired set point
shown inFigure 542. In the figure, it can be seen tt, even without the control adaption, 1
autopilot is capable of maintaining the requiredlbangle; howevs, with the adaption algorithr
enabledthere is an improvement the control performan. The maximum error seen was uced;
however, it did take longer to reach the desiredktmgle than the non adapted ¢ Figure5.43 (a)
and p) show the change in PID ga and show that there is a more pronounced increa
proportional @in that aids in reducing the maximum erromn indicatior at the cause for the delay
returning the aircraft to the set point value isegi in Figure 543 (b), which shows ver slight
reduction in integral gn. This is likely caused by the rule e of the fuzzy logic controll in an
attempt to reduce the oversh and may indicate that a review of the rule basetlier adaptiol

algorithmshouldbe undertaken.

146



45

40

oo
[$)]

=
[S)]

Pitch and roll angles [°]
=]
(=]

=
(=)

o : : : ; ;
20 10 60 80 100 120

Time [s]

Figure 542 Simulated time history of pitch and bank angleght aileron 100% hard over failure caus
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Figure 543. Simulated time history of thpitch (a) and oll (b) PID constants with the adaption algorit
enabled (right aileron 100% hard over failure cagsi rolling moment to the right) in level flighittv control
allocation enable

The simulaion for banked flight was -run with the rudder mix disabl« as this was the only way
full result could be attainefor the case withoucontrol allocation The previous resu, shown in
Figure 5.35 toFigure 5.37,showed that the aircraft w unable to achieve level flig although the
rolling moment was neutralise Theflight path was a tight descending spiral that wasontrollable
After the control allocation gorithm was enabl¢, a different result was obtaine The result showe
that the aircraft was able to return saircrafi to the correct bank an¢ even without the rudder mi

Figure 5.44, which shows the pitchnd roll angle time histories, shows a similar regal those
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obtained inFigure5.42. However, a subtle difference is noted in that theillations seen after tt

initial failure are less prevaler The priman difference is however observed when examirFigure

5.45and comparing it tcFigure 5.41. InFigure 5.45, the sideslip angle turns to the initial trirr

position, albeit with a small oscillation about th@m positior, whereas when the rudder 1
included, as irFigure5.41, the sidslip angle finds a neitrim positior. Hence,the aircrat is in a
crabbing conditiorwhich, while not unmanageabis undesirable
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Figure 544: Simulated time history of pitch and bank angleght aileron 100% hard over failure caus

rolling moment to theight) during a constantly banked flight with corntedlocation enabled but without tl
aileron rudder mixin
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Elevator and aileron combined failure- 0° deflection (Test €)

The 0° deflection failure was amn induced but in this case failing both the righéran and righ
elevator. The result of this simulation was a conation of the two previous cas there was

change in both pitch and roll as seerFigure5.46. Similatly to the cases above, the aircraft \
returned to the desired set point without the dithe adaptioralgorithm howeve, the performanc
was improved by the adaption algorithi Again, the proportional gain for the pitch PID raderply
with a sligh decrease to a stable level as showFigure5.47 (a). The response to multiple cont
surface failure was almost identical to the caseratihe elevator alone was faile The roll PID
followed the same trends as the ain failure case; however, the magnitudes of the gydiffered
slightly. It is observed that the autcot was tolerant to this failu but improved performance w

shown when the adaption algorithm was enab
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Figure 547. Simulated time history of thpitch (a) and oll (b) PID constants with the adapti@algorithm

enabled (0° right elevator and right aileron deftecfailure) in level fligh

Little difference was observed for the banked fligase, and tlseresults, can be found Appendix

C.
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Elevator and aileron combined failure - 50% hard over (Test 10)

The simulation was run,ut with a 50% hard over failu of both the right aileron and right elevat
Figure5.48 (a) and (b shows the time history of the pitch and rolgles for tke level flight case ar
shows a largepitch and roll disturbanceThe pitch disturbanc (Figure 5.48 (a)) was found to b
larger than the elevator failure ¢ (11.5 vs. 7°) for the case without the adaption algorithm rugn
There are also a number of oscillations toccurredbefore reaching the set point valt The roll
angle Figure5.48 (b)) shows that the adaption algorithm was able to thebmaximum bank ang
disturbance by approximately 50 however, the return to level flight was more grddhan the cas

without the adaption algorith
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Figure 548 Simulated time history of pitc(a) and bank angl (b) (right elevator and aileron 50% h over
failure causing pitching moment in the nose updio® and a rolling moment to the right) in levigffit

Figure5.49 (a) and () show the chansin PID gains for thepitch and roll PID loog and show th;,
for the pitchPID the proportional gain rose shar| with a slight oscillation down to a margina
lower value. This was then stak for the rest of the simulatic howeve, this wasthe largest chanc
yet seen in the simulation: The integral and derivativegains were hardly affected. The rc
proportional gain was also increased rapi but reduced to a greater extent after the ir
disturbance This may account for the ability of the systemrb the maximum bank angle er but

retun more slowly to the s point. An increase in thintegral gain was also note
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Figure 549: Simulated time history of thpitch (a) and oll (b) PID constants with the adapti@algorithm
enabled (right elevator and aileron £ hard over failure causing a nose up pitching monasrdt a rolling
moment to the right) in level flig

Figure 5.50 (a) to (d shows the control deflections during the simulateord shois the point a
which the eevatorand aileron failed. It also shows a slight oscillatory response in riii@aining
aileron with a positive elevator corrective acti- Again the presence of the rud deflection stem

from the feeforward rudde-aileron mix.
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Figure 550:Simulated time history of thelevator (a), aileron (b), rudder (c) and flap deflectionswith the
adaptionalgorithmenabled (right elevator and aileron 50% hard om#urle causing nose up pitching mom
anda rolling moment to the right) in level flic

The simulation was run ag:i this time in the banked conditio Thisyieldeda different set of resu,
shown inFigure 551, but with similar trends tthoseof Figure 548 (a) and 9B. The pitch without

adaption reached a higher maximum error again underwenta number ofoscillation: before
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returning to the set point valu The pitchwith the adaptio showed a lower maximu pitch error but
for this cise there wre anumber of small oscillations induced in the retiorthe set point valut The
cause of this can be seerFigure5.52 (a)where a number of oscillations in the proportiageh are
evident. The results fc bark angle show the ability of the aption algorithm tcinduce i faster
corrective actio; howeve, Figure5.51, shaws more clearlythe delay irthe return of the bar angle
to the desired set point valu This is attributed to tt slight reduction in integral gain as seer

Figure 5.52 (b). The figurealso shows a larce increase in proportional g with no subsequel
reduction, a:sseenn the other simulations.
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Figure 551: Simulated time history of pitch and bank angieght elevator and aileron 50% hard over fail

causing pitching moment in the nose up directiod arrolling moment to the right) during constantked
flight
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Elevator and aileron combined failure- 100% hard over (Test 1)

The simulation was run on this occas inducing a 100% control deflection failure for bdkte right
aileron and right elevato A similar trend to he previou 100% hard over failure cases was note
thatthe autopilot was unable to-establish contri with the adaptin algorithm enabled or disabl
as shown irFigure5.53. It was noted that the case h the adaption gorithm enable was less
oscillatory an, in the case of pit¢, the initial response was very much better thanctme withou

the adaption algorithm
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Figure5.54 shows the rapid increase of proportional gain fier pitch and roll PID controllers This
is in response to the insufficient roll authori Once the roll angle has been stog, it can be see
that theadaption algorithm perceives s & a steadystate error and tries to increase the roll inte
gain. However,this is a futile attempt to remedy the situationl &ime resulting flight path is a tig
spiral dive.Figure 5.55 (a)interestingly shows a number aggressiv elevatoroscillations tha
eventually reach the maximum allcble elevator deflection This corresponds to the rapid pi
oscillations seen iFigure5.53 Once the remaining elevator saturates, the pitsharse is that ¢

the natural dynamics of the aircre
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A similar result was obtained after the simulatiwas r-run with a constant bank turn set as
manoeuvre to fl. The results provide litt insight into the behavia of the adaption algorithm a,
as suchare not presented here. Suffice to say that thétmeg flight path resulted in the same tic
spiral dive seen in the previosimulatior, the results of which, if required can be founAppendix
C.

Elevator and aileron combined failure - 100% hard over (control allocation enabled)
(Test 12)

The inability of the aircraft to tolerate the 100%rd over failure successfull is unsurprisin and
was the primary reason that the control allocasitgorithm was dveloped. Accordingly the 100%
hard over failures were repeated with the col allocation algorithm enabl to demonstrate th
necessity ¢ having control adaption coupled with control allbea. Figure 556 (a) and (b shows
that the performance is greatly improved with tldeligon of the allocation algorithir The bank
angle Figure5.56 (b)) is easily returnedo level flight with andwithout the adaption algorithm au
therewas a generaimprovenen in control performance in the case with adapti However, it is
noted that an uncontrolled oscillatory responséhefpitch angl (Figure5.56 (a)) developed The
cause of this is seen Figure5.57 (d) which shows the use flaps in the control of both roll an
pitch. The figure shows that tiHlaps while enough to level the win, cannot provide the require
control authority to maintain ttrequired pich angle. A slight offset is seen irthe flap deflections t
maintain th: wing-evel attitude. The aircraftundergoes phugoid motio due to the lack of contr
authority in pitch. The saturation of the flaps and the inability oé thystem cause the adapt
algorithm to increase the ph proportional gain to its limit; howevt the roll PID gains ar

reasonably well behaved as showiFigure5.58.
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The simulation was also run for the constant bartked anc showed a similar set of resul The

rolling moment caused by the failed ailercs easily overcome, as seen Figure 559, by the

application of differential fla shownin Figure5.60 (d) This is ale aided by the rudd-aileronmix,

shown by the ruder deflection irFigure 560 (d). Thee is still in oscillatory respons in pitch as the

flap control reaches itphysicallimits. It is noted inFigure 5.59that the ontrol performance wa

generall improved by the adapin algorithm. (f conceri, however was the delay in returning tl

bank angle to the desired set polt was also noted thahere was a large offsand a large amou
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of chattering in sideslip are due to the application of rudder, as showFigure5.61. This resultec
in an undesirable flight condition that was resdiM®/ removing the aileron to rudder mi The
results of thissimulation showed that the sslip anglewas restoreco the trim position as expect:
howeve, it was noted that there was a slightly improvedfggenance of the systen Figure5.62,
shows that thoscillations in pitch ha\y been resolve and no reduction in roll pformance betwee
the two cases is noted. Ithypothesise that this stems from a more stable control of wéthout the
influence of the rudde hencemore control authority remains for the pitch cohtkvhile promising.
Figure5.63 (d)shows that all that has occurred is a delay in $kapration. The figure shows a m

gradual increase in flap deflection t, shortly after the simulation ends, will reach satian and the
oscillations will again become appare
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Figure 559: Simulated time history of pitch and bank angléght elevator and aileron 100% hard over fail

causing pitching moment in the nose up directiod arrolling moment to the right) with the airci in a
constant bank turn with the control allocation aiton enable
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Comparison betweenUnmodified Autopilot and Autopilot with all P roposed Control

Algorithms Enabled (Test 13)

In order to show the full effect of the proposedtcol system, a simulation was run with a full edle
deflectionfailure and a 50% failure of the right elevator wthe unmodified autopilot syste and
then again wit the adaption algorithmnd allocation algorithm enable A dramatic improvement |
seen between these two simulations as shovFigure5.64 The figur¢ shows that the unmoced
autoplot fails to level the aircra but instead the bank angle settles at approxim#&t°. When all
fault-tolerant algorithms are enabled, the simulationwshthat the autopilot is able to return

airaraft to level fligh quickly and maintainhe required pitch angleFigure 565 shows the chare in
PID constants and shows initial increase in proportional gain for both pitand roll PID
controllers. The proportional ga for the pitch PID controlle then undergo¢ a number of sma
oscillations but stabilises at constant level thereafter. Tiroll PID proportional gain decreases ¢
steady rate and at the same ', the integral gain rise: This is due to a perceived ste-state error

However, at approximate 35 seconds all gains have stabilise
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Figure 564: Simulated time history of pitch and bank angleght aileron 100% hard over failure and ri
elevator 50% deflection failure causing rolling narhto the right and a pitching moment nose up) in i
flight, with the autopilot unmodified and with tlaglaption and allocation algorithms enal
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Figure 565: Simulated time history of the pitch (a) aroll (b) PID constants with tt adaption and allocatior
algorithmsenabled (right aileron 100% hard over failure aightr elevator 50% deflection failure causl
rolling moment to the right and a pitching momeosa up) in level fligt

The success of tt simulation isdue tothe control allocation algorithn In Figure5.66 (a) to (d, it
was observed that additional pitch and roll autijorias required at the moment of control failt
This can be seen as the elev, Figure 566 (a), and ailero, Figure5.66 (b), both saturate briefl
after the failure. The control allocation algorittmmpnsates through the use of fl, Figure5.66
(d), which provide an additional pitching moment and rolling mome The additional pitchin
momen required isobservedn the simultaneous deflection of the fl, moments after the contr
failure. However, as the pitch angle is regained, the ebesare able torovide enough contro

authority tcreturn the aircraft to a level attitt.
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Figure 566:. Simulated time history celevator (a), aileron (b), rudder (c) and flap deflectionswith the
adaption mechanis and control allocation enabled (right aileron 100%d over failure causing a rollil
moment to the right) in level flight with no ruddmiix

5.5.2 Middle Control Loop Simulation

The middle control loop was tested in "FBW B" flight mode. This flight moc controls airspee
through the use of pitch an and altitude through a form of total energy errerdascribed in mor
detail in Sectior3.7. For these tests, the aieed was set to a value of 25 and the altitude set !
1524mabove mean sea leve This altitude and airspeed was chosen as it wasi@ated that thi
would be the primary flight condition should expeental testing be conducte The bank angle i
still controlled ty the pilot in this flight mod. For theseteststwo case were rui, namelylevel flight
and 20°bank anglgurn. For the cases without adaption, all adaptiveorithms were disabled, th
is, the inner and middle loops were disabled. Wherattaptive algorithm was enabled, all ative

loops were enabled, nam pitch, roll, airspeed and energy.
Control - No Failure

A contro simulatior was run to determine the response of the aircrafeuthese conditio, with no
failures. The simulation was run with andithout the adption algorithm;, the results cwhich are
promising. Figure5.67 (a)shows that, without the adaption algorithms englileel airspeed follow

a damped oscillation to the set point val The decay is fairly rapid but a number of illations
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exist. When the adaption algorithm is enabled, the adapigorithm tends to increase the ini
overshoot in airspeed, but brings the airspeed batke desired set point more quickly, with fe

oscillations.
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Figure 567: Simulated time history of airspe (a), altitude (b) and the ground track (c) of aircraft with the
adaptionalgorithm enabled and disab with no failure: (control’

Figure5.67 (b) $iows far better control performance with regard to atté control. The altitude is
controllec more tightlywith the adaption algorithm enabled than disal It must be kept in min
that airspeed and altitude controllers are stroncoupled and theiinfluence ol each other i
significant The ability of the adaption algorithm to improve tbontrol performance of the airspe
and altitude tracking is encouraging t shows that initial concerns ab the interaction of twi
adaption algorithms wereot founded. Figure5.67(c) shows thi the aircraft follows a fairly straigl

flight path with no noticeabldifferencesobservecbetweel the two cases.

Figure5.68 shows the variation in PID gainnstants for all control loop: Figure5.68(a) shows thi
change in PID gains for the NavPitch (or airspeastitoller. This control loop ontrols airspeed b
lowering or raising the nose of the aircra It can be seen iFigure5.68 (a)that there is a rapi
increase in proportional gain which levels off ddycto a stable value There is alson increase ir

the energy gain, shown Figure5.68 (b). This is as one wouldxpec as,because the aircraft is ti
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slow initially andthe autopilot tries to lower the nose to attaindbeect airspeed, this in turn cas
a loss of altitude which is catered for by the ggd?ID which will detect a negative energy errod
increase the throttle Some increase in integral gain for both the NavPaed energy PID controlle
is noted and this is thought to occur because efsthall oscillations around the set po Thus the
adaption algorithm is detecting this as a steadie error. Figure5.68 (c) shows a different patte
compare to behaviour observed in the inner loop simun control. There is a spike inroportional
gain followedby a decrease and then incre¢to a stable leve The reaon for these changes becon

apparent irFigure 569.
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Figure 568: Simulated time history of the PID gain changethvihe adaption mechanism enabled, for i
flight with no falures

Figure 5.69 shows the commanded pitch angle (NavPitch), thaliehaviour, which tracks tt
NavPitch command very closely, the actual pitctthef aircraft and the pitch er. At the start of the
simulation the pitch arle briefly undershoots the desired perform:. This accounts for the increa
in proportional gain It then oveshoots during the next peak, but is quickiturned to the ideal pitc
angle & which poin, after some minor modifications to the integrnd propotional gainthe ideal
pitch behaviour is indeed well tracke This is an important resul In the inner loop simulations,

constant NavPitch was set and the ability of thepéidn algorithm to track a transient value was
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seen. Figure5.69 show: clearly that the adaptive algorithm is able to track a mgwet point valu

to an acceptable leve

The simulation was run for a banked flight conditihbowever, the only significant differences in
results occurre for the roll angles As this has been tested extensively in the inngpdphe result:
offer no added vall as the middle loop has rmajorinfluence on the roll angle and no coupl
exists.Accordingly the results of the simulations for banked fl, while provided irAppendix (, are

not displayed or discuss herefurthel.
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Figure 569: Simulated time history of theommanded pitch, ideal pitch and actual pitch fer drcraft in leve
flight with no failures
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Right Elevator Failure - 0° Deflection (Test 1)

The simulation was run inducing ¢ right elevator failure To maintain consisten with the innel
loop simulations, the failure was induced a second. The results for the wings lel case ar
presented in the figures that follo Figure5.70 (a)shows the time history of the airspeed, the re:
of which are almost identical to that of the cohtrase A similar result was obtained for the altitu
plot and track of the aircré, shown inFigure5.70 (b) and (c respectivel. In fac, the only rea
change in the results was a subtle change in thlk phgle, shown iFigure 571, and,subsequently
a mnor change in the proportional gain of the pitdb ontroller, shown irFigure5.72(c). The
reason for thidack of changemay have been due inrt to the timing of the failur and that the mai

controlled parameters of gpeed and altitude are reasoty tolerant to small changes in eleva

angle.
r \\
25 / X, =
/ 562 T
7 20 z
= )
> = Y B . B = —
£ 2 15 \/ P
Q = rd
o < g
> 10
5
0 T T T T T 1448 T T T T T
0 20 40 60 20 100 120 Q 20 40 60 80 100 120
Time [s] Times]

(a)

South- Narth distance [m]

-2300 -1800 -1300 -800 -300 200 700 1200 1700 2200
West - East distance [m]

{c}

Figure 570: Simulated time history of airspeed (a), altitudgdbd the ground track (c) of tlaircraft with the
adaption Igorithm enabled and disabled, with ° failure of the right elevat
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Right Elevator Failure - 50% Hard Over (Test 2’

The simulation was rt inducing a 50% hard or failure of the right elevat causing a no-up
pitching moment coupled with a roll to the rig Figure5.73 (a) showsthe failure and shows th
inability of the adaption Igorithm to tolerate this fat whereas the simulation without adaption \
able to maintain stable fligh Figure5.73 (b) shows a sinlar result for altitude contr in that ar
unstable and erratic altitude ntrol occur: with the adaption algorithm enabl The track of the

aircraft, shown irFigure5.73(c), show a slight change in flight pg which is reasonably straigt
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Figure 573 Simulated time history of airspeed (a), altitfteand the round track (c) of the aircri with the
adaption algorithm enabled and disabled with a 5@%d over failure of the right eleva

The cause of this failure of the adaption algoritismaigely unknown, but some insight is gair
when examinincFigure 5.74 (a) which shows thePID gain constant variation of trPID controller
responsible for airspeed cont Theproportional gai rose rapidly after the failu to the maximun
allowed level set in the progrime which explails the erratic behaviour of the systeThe integra
gain also increas which is surprising as a steestate error is not observe The oscillations i the
airspeed would have induced the ostions seen in the altitude plot Figure5.73 (b)in two ways
First, the attitude is being commanc to tre extreme limits of pitch an¢ thus causig the loss an

gain in altitude bu secondly, the oscillations also cause proportional gain of the energy PID
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increase, shown iFigure 5.74(b), thusexacerbating the altitude fluctuatic Consequent|, the
inner loop PID gains also undergo a series of @latbns that do not help to mitigatee erratic resul
obtained. The roll PID, which is not as strongly coupled te tother PID controller respot, is
somewhat better beha\ although in comparison to the inner loop t, the change in gains are -
more aggressive and oscillato Figure 575 sheds some light on the failure of the system $olve
the failure It is noted that the NdPitch command reachethe prescribed maximum and minimt
values. These were initially set in the autopilot to cukzessive chnges in pitch But as seen in tt
inner loop cases, when the method of control stddya runaway condition of the proportional F
gain was observe! It wastheorised that increasing the allowable pitch knmitay resolve somef the
problems seen; lwever, this wasubsequenthfound to create greater instability within the syst
Another contributing factor could be the size of #daption rats; thus, the mspeed adaption ra

was reduced by a factor of. The results of this simulation areesented ifFigure5.76.
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Figure 574: Simulated time history of the PID gain
flight with a 50% hard over failure of the rigelevato
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Figure 575: Simulated time history of the commanded pitcleaidpitch and actual pitch for the aircraft in le
flight, with a 50% hard over failure of the righeeatol

The results presenten Figure5.76 show that the instabilities have been removed farge exten
and now the adaption algorithm is able to tolethie failure. However, the control performance
controlling airspeed has reduced to some degr¢ shown inFigure 5.76 (a). The airspeed has
larger overshoot when comparecthe simulation without adapti although the time to return to t
set point value is perhaps marginally quick The altitude plot, shown iFigure 5.76 (b), shows
improvec performanc although the gains are sme Little change was observed in the ground ti

of Figure5.76 (c).
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adaption algorithm enabled and disabled, with a B@% ovr failure of the right elevator but with a reduc
airspeed PID adaption ra

Improved results a observed in the change in PID gains for this sitimtaas shown ilFigure5.77.
In all of the figures, (ato (d), there is a fi more stable change in the gain va. The gains do nc
rise to the extent seenFigure5.74 and there are fewer oscillations. It is noted thktrge overshoc
is observed for the pitch tracFigure5.78 in trying to return the measured ch to the ideal pitclk
This is likely to be the causeof the reduced performance in tolerating this failtHence, a
modification of pitch PID adaption rate was tested it was found that improved performance -
attained when increasing tladaption rate by a factor of | Decreasing the adaption rateelded a
reduction in performance Interestingl, increasing the adaption rate of the airs| PID controller
back to thelevelsof the first simulatio yielded a greateimprovement in contr performance. As

result,the simulation warun with the oriinal airspeed adapti rate but with an increased pitch P!

adaption rate, the results of which can be fourFigure5.79.
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Figure 578: Simulated time history of the comnded pitch, ideal pitch and actual pitor the aircraft in leve
flight with a 50% hard over failure of the right elevabot with reduced airspeed PID adaption
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Figure5.79 (a)shows that the response of the airspeed hproved from that oFigure 576 (a) in
that the overshoot and time to return to the settp@lue is now better than then adapted cas:
Similarly, Figure 576 (b) shows that the altitude responsalso improved when compared to then
adapted cast Figure5.76(c) again shows little difference in ground tra Some concern lies in tr
high values of PID gains seen for the airspeedpaticti controllers as seen iFigure5.80(a) and (c
respectively. In particular, th pitch PID gain achieve a maximum value above ei¢ which was
found tha, in generg, for the inner flight mode resultecin poor performance of the syste Of note
was the imroved tracking performance of the measured pitchpared to the ideal pitch, as seel
Figure5.81, when compared to the resultsFigure 578. After the failure has occurred, there is

overshoot irthe measured pitch compared to ideal pitch anddted pitch is tracked very well.
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Figure 579: Simulated time history of airspeed (a), altitudgdbd the round track (c) of the aircri with the
adaption algorithm enabled and disabled, with a 5@% ovr failure of the right elevat but with an increase
pitch PID adaption ra
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The results fothe simulation of banked flig for the most successful configurat are presentein
the figures that follov The results of the banked flight case for the mresiconfigurationhave been
exclude( in this dissertation (But are available Appendix () as the results obtained gener:
followed apatternsimilar to the level flight cse. The results for the adaption algorithm in itsst

"tuned" form are presented as these (the most insigh

Figure 5.82 (a) shows a slightly different result from the leveigft case in that the contr
performance ga is marginal. While the set point value is attaimadre quickly than in the ca
without adaption, there is a far higher overshatig. A similar result is obtained for the altitL
plot which shows a large tial disturbance but a rapid-establishrent of the set point valu Again,
of some concern is the high proportional gain valakieved irFigure5.83(a) and (c respectivel.
This approached e maximum allowable value of 10 for the airspeed and reached the maxum
value of 10 for the pitch PIC The concern is th, if the flight manoeuvre was more aggres, the
systemcoulc become unstable. Similarly to the level flight &, the throttle and roll PID gain
shown inFigure 583 (b) and (dl respectivel, did increase but not to the extreme levels seFigure
5.83(a) and (c
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Figure 582 Simulated time history of airspeed (a), altitU#®¢ and the grouncrack (c) of the ircraft in a
constant bank tu with the adaption algorithm enabled edisabledwith a 50% hard over failure of the ric
elevator but with an increased pitch PID adaptae
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Figure 583: Simulated time history of the PID gain changethwhe adaption mechanism enabled for
aircraft in a constant bank tu with a 50% hard ovr failure of the right elevat and an increased pitch P
adaption ral

Some of the reduced control performe noted in the results may be attributed to thécdify
encountered by the autopilot in tracking the ideedh value as seen Figure 584 which shows the
the pitch angle tracking was poorly achiewntil approximately 1:seconds after the failur After
this time, a reasonable degree of tracking was achie Also of note was the introduction of fli
deflection, shown iiFigure 585 (d), to aid in pitch control, previously unseen in tbeel flight case
The flap deflections are momentary the elevator control satura and indcate that the autopilc
may have failed to resolve this failure without #ilcation algorithm in operatio It also highlights
that the PID gains have risero hich as the autopilot should not require that amourtooitrol effort

to maintain levellight as the elevator failure was only a 50% déitecfailure.

177



Figure 584: Simulated time history of the comnded pitch, ideal pitch and actual pitor the aircraft in leve
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Right Elevator Failure - 100% Hard Over (Test 3

The simuation was ru on this occasion inducin¢ 100% hard over elevator faill causing a no-up
pitching moment oupled with a roll to the righ The higher pitch PID adaption setting as determ
in the 50% hard over faire was maintained for all of the simulations whichow, unless otherwis
stated. Figure 586 (a) shows that the adaption algorithm performedrlyom re-establishing th
desired airspeed valu The figure shows a large odation immediatly after the failure is induct
followed by an attempt to regain airspeed conttier which there is a large divergence in airsp
This finally settles to the t point valut 100 seconds after the failure has occur In compariso,
the nonadapted ca: has reestablished the set point value, after approximad€l seconds Thus
there is a large degradation in control performamnben the adaption algorithm is enable Figure
5.86 (b) shows slightly betr behaviou for altitude than airspee although erratic behaviour

altitude control is notec While Figure5.86(a) and (b) do show erratic behaviour, the aircra$ nof

lost. The change in heading was lower with the ada algorithm enable:
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Figure 586: Simulated time history of airspeed (a), altity#®¢ and the ground track (c) of the aifft in a
constant bank tu with the adaption algorithm enabled and disableth a 100% hard ovr failure of the righ
elevatorbut with an increased pitch PID adaption
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The cause of the erratic behaviour can be seeFigure 5.87 which shows the saturation of b
airspeed and pitch proportional gainhis was expected based on the concerns raised BO#b harc
over failure tests The energy proportional g¢ is reasonaly well behave, although it more tha
doubles. The roll PD proportional gain was four alsc to be errati' althougl, once a more able
flight path was established, this erratic behaveubsided. In all biFigure 5.87a), there is a (neral

increase in integral ge with little to no change in derivative ga
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Figure 587: Simulated time history of the PID gain changethwhe adaption mechanism enabled for
aircraft in a constant bank tu with a 100% hard o failure of the right elevat and an increased pitch P
adaption ral

Upon examination cFigure 588, it was noted that there was a large divergenceeaasured pitch t
ideal pitch an, for a large portion of tirr, the maximum allowable pitch angle was commandeid.
thought that this is ultimately the mechanisrat returned the aircraft normal flight control. Hac
this limit not been enforcy, it is thought that the aircraft may have becomecioverableFigure5.89
shows that there was a large over control of pitctiat both flapsand ailerons were used to cont
pitch. The flaps are the secondary consurface for the pitch directii while the ailerons are tt

tertiary control surface Up until this poin, the use of the tertiary surface has not yet been.
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Right Aileron Failure - 0° Deflection (Test 4)

The simulation was run inducing an aileron failtimat moved the aileron to the neutral positior
seconds into the simulatio As mentione in the elevator failure cases, the higher pitchptida
settings were maintaine Only minor differences were observed, showrFigure 5.90 (a) to (c)
when compared to the control c¢é However, it was noted that there wasmall disturbance in ro
and pitchangles as seen Figure5.91. The roll angle disturbance was almost identicahtise see
in the inner loop simulation: This is largely due to the fact tl, essentiall, roll control is dill only
controlled by the inner loop: Hence,any roll disturbance will only be marginally affedt by the
middle control loops It is noted that the pitch angles have significanted#hces compared to t

inner loop simulations but only minor difences to the middle loop control simula.
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Figure 590: Simulated time history of airspeed (a), altit{dg and the ground track (c) of the aircraft indk
flight, with the adaptio algorithm enableand disable with a 0° deflection faure of the right ailerc but with
an increased pitch PID adaption
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The adaption algorithm generally improved the awnperformance, as was seen in the elev
failure cases Of note, however, is the minor improvement in airspeed dtitude control with the
higher pitch PID adaption re without ingabilities developing. It is notecowever, that theitch PID
proportional gain rose to a fairly high value asrsén Figure 592 (c). The roll proportional ga
showed spike at the moment of faill followed by a reductioro levels below that set at the star

the simulation. There was also a slight increagetagral gain

Little difference was observed in the fully bankae, and hence the rlts have not been include

here;they can be found iAppendix C.
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Figure 592: Simulated time history of the PID gain changethviihe adaption mechanisrnabled aircraft ir
level flight with the adaptio algorithm enabled and disab with a 0° deflecon failure of the rigt aileror but
with an increased pitch PID adaption

Right Aileron Failure - 50% Hard Over (Test 5

The simulation was rtinducing a 50% hard over failure of the right aleicausing a rolling mome
to the right. Figure5.93 (a) shows that the adaption algorithm was able-establish the set airspe
valueang, althaugh the overshoot was initia higher,the overshoot after the failt was lower anc
the time to return the airspeed to the set valug faster. Figure5.93 (b) shows a much impved
result in altitude trackir with less overshoot and a significantly faste-establishment of the corre
altitude. Finally, great improvement was seenFigure5.93 (c)where the change in heading w
found to be considerably less with the adaptiowr@tigm enabled Again, the improved performanc
in these cases is prinily due to the inner loc roll control which has already been shown to
improved performanc with adaption enabled. However, these results show that adaptiol

algorithm is functioning in the middle loops cortigc
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Figure 593: Simulated time history of airspeed (a), altit{dg and the ground tra (c) of the aircraft in leve
flight with the adaption algorithm enabled and disabldth 80% hard oer failure of the right ailerc but with
an increased pitch PID adapt

Figure5.94 (c) again shows the rapid change in piproportional gain de to the high adaption rz
set; however, the roll proportional gain, seenFigure5.94 (d),is reasonably well behaved witl
peak forming at the moment of failure. The gaimtiheduces to a value still eve the original bas
value. There is alscn increase in integral gain which aids in returnihg toll angle to the set vali
more quickly. The airspeed and energy gain constant show in@eéadaeoth proportional gain ai

integral gaii, however, only mrnor changes from the cont simulatior were observec
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Figure 594: Simulated time history of the PID gain changethviihe adaption mechanism enabled aircra
level flight, with the adaption algorithenabled and disabled, with a 50% hard over faitdrde right aileron

but with an increased pitch PID adap

Similarly to the inner loop simulatio, the maximum error seen in the bank angle aftefaihere was
significantly reduce with the adaptin algorithm seen irFigure 595). The pitch angles age differ
from the inner loop simulation cas but that is to be expected as a constant pitcheasghot being

commandec Howeve, it is noted thathe pitch angle reach a stead-statevalue more quickly tha

the nonadapted cas:
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Figure 595: Simulated time history of pitch and bank angk3% right aileron hard over failure) in level flig

The simulation was -run bu for the aircraft in a constant bank tu Figure5.96 (a) and (b) shov
similar 1esults to the level flight ca with the response of altitu, in particular, showing excelle
performance The ability of the adaption algoritt to correct the rolling moment more quickly a
results in an improved ground track as showiFigure 5.96 (c¢). At the moment of failure, it i

observed that the flight path is diverted some' but little other effect is not.

Similar results were obtained for the changes [ §dins seen iFigure5.97(a) 1o (c) while the roll
proportional gain, shown iFigure5.97 (d),showed that the proportional gain did not redur value
after the failur as with the level flight ca but instead remained at a higher level. Little otteange

was seen in the remaining results and thus theg havbeen included he. (SeeAppendix Q)
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Right Aileron Failure - 100% Hard Over (Test €)

The simulation was rt inducing a 100% hard over failure of the right mile Similarly to the 50%
hard over faure simulation, the results show that there wasrgroved control performance wh
the adaption algorithm was enabled. °, coupled with the use of the control allocation ailigpon,
allowed the aircraft to resume the desired flight- more quickly wih a smalle change in headin
as seen irFigure 598 (c). Figure5.99 (a) to (d)shows the importance dhe control allocatior
algorithm in returning the aircrato level flight as the flaj, Figure 5.99 (d), are used to roll th
aircraft after the saturation of the ailerorFigure 599(b). Without the allocation algorithm, ¢
unsuccessful flight wou have resulted Figure5.10Q shows a similar trend to that observed in

50% hard over cas
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Figure 598: Simulated time history of airspeed (a), altit{dg and the ground track (of the aircraft in leve
flight with the adaption algorithm enabled and disabled, wit@%4 hard oer failure of the right ailerc but
with an increased pitch PID adapt
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The simulation was -run for the banked flight ca, which showed almost identical results to th
obtained in the 50% deflection e, with minor changes in ground track seeiFigure 5101(c). The

remainirg results can be found Appendix C, as no additional insight is gaine
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Figure 5101: Simulated time history of airspeed (a), altitudg &hd the ground track (c) of thircraft in a
constant bank tu with the adaption algcthm enabled and disab with a 1(0% hard oer failure of the righ

aileronbut with an increased pitch PID adap
Comparison between Unmodified Autopilot and Autopibt with all Proposed Control

Algorithms Enabled (Test )

A simulation was ru inducing a combined failure of two control surfac A 50% hard over failur
was applied to the right elevator and a 100% haet tailure was applied to the right aileron. list
test, a comparison between the unmodified autopildhout the adaption and allocation algorithr
and the proposed control strategy are demonsttFigure5.102shows that the unmodified autopi
fails to maintain controlled flight with a rapid lossadtitude coupled with a rajd increase in airspet
and a spiral dive to the grour In compariso, the proposed control strategy ise to tolerate thi
failure anc, although threis a large upset in airspe and altitud, the autopilot is able to restablish
the desired set pcts. The track shows a significant change in headingitheapidly brought unde

control and straight and level flight is resum
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The cause of this success can be sedigure5.103which shows the use of flap to control roll €
to aid in pitch control when require This is complmented by the adjustment of the PID gains

the inner loop and middle loop controllers as da¢Figure5.104(a) 1o (c).
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A similar result was obtained for the constant baurk flight case The unmodified autopilot vs

unable to tolerate this failure, resultinga spiral dive towards the ground ¢, ultimately the los:of

the aircraft. With the proposed control strategy, the autopsotlle to tolerate this fault particrly

well and excellent airspeed ¢ altitude tracking are achieved as showiFigure5.105(a) and (b). I

is also noted that the flight path obtained id siittular and controlled, shown Figure 510E (c).
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5.5.3 Outer Control Loop Simulation

The adaption and allocation algorithms were tesiethie fully autonomous flight mode and a set of
three waypoints, the coordinates of which wereteably chosen. The aircraft is initialised atpeed
slightly below that set in the autopilot but at trarect altitude at the starting waypoint. Theraift
then flies to waypoint 1 which is approximately AD@rom the initial way point and to the port side
of the aircraft. The second waypoint is to thetsiard side of the aircraft and is approximatel@rb0
away. The last waypoint is the starting waypoimdl ahus a triangular flight path is intended. The

waypoints are flown in turn until the simulatiomt has lapsed.
Control

A simulation, without inducing any control failuregas run both with and without the adaption
algorithms enabled. This allowed the establishnodéra control that could be used to compare the
performance of the autopilot system to the failulese modelled. The control simulation also
provided a test of the adaption system under noopealating conditions to determine whether the

adaption system would cause instabilities to drighe control of the aircraft.

During the simulations it was found that, for therent adaption settings of the inner loop roll PID
controller, the simulation with the adaption algfmm enabled, failed. This failure was caused loy to
rapid a change in the roll PID controller and thiduced large accelerations. This placed theafircr
out of the known flight envelope. The aerodynarwcti@racteristics of the aircraft were described
using a set of polynomials. Once the aircraft lexseeded the known flight envelope, the
polynomials are no longer a reliable source of dad may produce unrealistic results. In this case,
one of the aerodynamic parameters became largeaanghaway condition, to infinite levels,
developed. While this is not physically possiliteJoes show that the adaption algorithm would be
likely to have exceeded the structural or aerodyoaapabilities of the aircraft, causing the logao
airframe. The roll PID adaption rate was thus ceduby a factor of 10. Again this caused a
divergence that resulted in the termination ofdimeulation. Again, the adaption rate was reduced b
a factor of 10 and this simulation yielded a higs&tisfactory response for the control of airspeed

altitude and a slight improvement in waypoint tiagk

In Figure 5.106, it can be seen that, with the &damlgorithm disabled, there is a large variation
airspeed each time a manoeuvre was induced, texteait that a stable airspeed at the desired set
point was never achieved. The simulation with Huaption algorithm, however, shows great
improvements in control performance over the nompéeld case. Figure 5.106 shows that after an
initial overshoot in airspeed, the airspeed quidkbbilises to the set point value and only vergani
disturbances in airspeed during each manoeuvrés vBniation is very slight and the set point value

is quickly re-established.
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Figure 5106 Simulated time hiory of airspeed of the aiiaft in the fully autonomous flight mor with a high
pitch adaption rate and a low roll adaption rateféilures induced

A similar set of results was obtained for the atté control,(se¢ Figure 5.107). During eact
manoeuvr there is a large variation intitude for the no-adapted case. This eriis highly reducet
when the adaption algorithm is enabl Similarly tc airspeed, a minor change in altitude is noted
it is of the order olonly a few meter. The desired ltitude is againvery quickly reestablished
Figure 5.108 shows the track followed by e aircraf during the simulations and shows a cl
correspondence to t tracks for the adapted and 1-adapted cases initiall' Improvemmnt is see
after the first manoeuvre in that the turn radiuthwadaption enabled is reducet This is seen durin
all changes in direction and shows the adaptiooridhgn is improving the wypoint following to

some extent
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Figure 5.109 shows areas of concern. An examinatidtigure 5.109 (a) shows that, initially, these i

a large increase in the airspeed proportional daliowed by a stepped increase in this and the
integral gain every time a manoeuvre is performethis may result in an unstable condition
developing should the flight continue. This comces especially true of the pitch PID shown in
Figure 5.109 (c), which has a very large increasproportional gain followed by a rapid reduction
but then an increase again, during each turn mameeurhe magnitude of the change does decrease
during each successive manoeuvre, suggesting Heatgain may reach an equilibrium point
eventually. However, the change is still to insedhe proportional gain. The energy, roll and
navigational roll PID gains are reasonably welldedd and do increase slightly; however, it is noted

that an equilibrium point, other than for the eryelRiD, is not attained.

Figure 5.110 shows that the measured pitch valgédlaiss around the ideal pitch value. This is
thought to occur due to the high pitch PID promoél gain and the high frequency oscillations
observed in Figure 5.109 (c). Towards the endhef mhanoeuvre, this oscillatory behaviour did

reduce and the ideal pitch behaviour was more lgldskbowed.
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Right Elevator Failure - 0° Deflection (Test 1)

The simulatin was rui with the arcraft in fully autonomous mor with a (° deflection failure of ths
right elevator. Unfortunate, the results, shown in the figures that foll indicate that the adagon
algorithm wa very sensitive to this failu and that the failre induce: largely erratic behaviour. Th
can be seen in airspeeFigure 5.112 and altitude,Figure 5.11Z, which both show this erra
behaviour. The nc-adapted ca: did not yield much improved sults however, the results were mc
closely related to the results obtained in the rabn The tracl was, however, largely unaffected |
the airspeed and altitude disturbances and theoved waypoint following of the adaption algoritt

was maintained as seenFigure5.114.
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Figure 5112 Simulated time hiory of airspeed of the aircr. in the fully autonomouslight modewith a high
pitch adaption rate and a low roll adaption ra° deflection failure of the right elevat
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An examination o Figure 511t showsthai, in Figure 5.115 (a), the airspeed proportionalin
reached it maximum allowable value of 10 very rapi and maintained approximately this hi
value throughout the simulatio There was also an increase in integral ¢ There wa, howeve, a
large and highly unstable oscillatory variationpitch proportional gain, as seen Figure5.115 (c).
These results a highly undesirable as they show that the adaptligarighm is not tolerant to thi
failure in autonomous moc Based onFigure 5.115 (a), it was decided to decrease the airsy
adaption rate by a fa«a of 10 to determine if this mig improve the performance of the system,

results of which are shown Figure5.116to Figure 511¢€.
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Figure 5115 Simulated time history of the airspeed PID (aergy PID (b), pitch PID (c), roll PID (d) ai
navigational roll PID (e) gain changes with the@@m mechanism enabled for fully autonor flight
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Figure 5.116 shows that the airspeed tracking has oved for the case with adapt and now
demonstrates that the adaption algorithm improves dontrol performance of the syste The
overshoot is generally smaller n the case ithout adaptio and the time to reach the set point ve
is lower. This is also seen iFigure5.117which shows far better altitudeacking when compared
the nonadapted case Thus, again, it is noted that tladaption rates have a large impan the

performance of the systc¢and the ability of the adaption algorithms to copth a failure
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Figure 5116 Simulated time hiory of airspeed of the aircr. in the fully autonomous flight moc with a low
airspeed adaption rate and a low roll adaption(@fteleflection failure of the right elevat
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Figure 5117 Simulated time hiory of altitude of the aircre in the fully autonomous flight mode with a Ic
airspeed adaption rate and a low roll adaption(Giteleflection failure of the right elevat

Figure5.118shows the response of the PID g. It is observed that the large pretional gain see!
in Figure5.115(a) is no longer present Figure5.118(a). It is also noted theFigure 511¢ (c) has
far fewer oscillations and is generally more st; howeve, large oscillations and extreme values

still present The PID gains for the remaining controllers aresosably stable and well behawv:

By reducing the adaption rate of the airspeed, stablity to the system was restol but this will
conpromise the control cas The controlled case w run and checked and it was nd that the
performance seen Figure 510€ andFigure5.107was degraded somewh. The performance we
still satisfactay and the results were far better than the-adapted case As a resu the reduces

adaption rate was maintained throughout the remgigimulations
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with a low airspeed adaption rate and a low rodiabn rate (0° deflection failure che right elevato

Right Elevator Failure - 50% Hard Over (Test 2|

The simulation was run with the introduction ofG@&hard over failure of e right elevator causing
noseup pitching moment and a rolling moment to the tir A similar result to th 0° deflection cas
was observed It was found thg, with the adaption enabled, there was a generalawgmnent ir
control of airspeed and altitu with the overshoot following a steady decay fromnoeuvre tc

manoeuvre, as shn in Figure5.119 andrigure5.12Q The case without adaption shows a cons
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pattern of overshoot and oscillations that is imegal larger than the case with adap Small
changes were noted in ' track followed by the airaft in that the adaption algorithm seemec

induce a slight overshoot in head although the turn radius in each turn was genesathaller a:
shown inFigure 5121.
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Figure 5119 Simulated time hiory of altitude of the aircre in the fully autonomous flight mode with a Ic
airspeed adaption rate and a low roll adaption(&Q2&6 deflection failure of the right elevai
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Right Elevator Failure - 100% Hard Over (Test 3

The simulation was run with and withc the adaption algorithm enab and with the introduction ¢
a 100% hard over failure of the right elev;, this causing a no-up pitching moment and a rollir
moment to the rigk Figure 5122 (a) shows thi, while the adaption algorithm was unable to ret
the airspeed to the set point v¢, the overshoot was typically lower than the casdovit adaption
Figure5.122 (b) shows a similar trend with the altitude «ol. The altitude control wi, however
generally better in achieving a more consisteriudie. The track results have changed only sligt

with slightly closer colelation between adapted and -adapted cases.

35 860
z —
g E
oy 1 1524
g = T
3 £
g <
0 T T T T T 1445 T T T T T
o] 20 40 60 30 100 120 Q 20 40 60 30 100 120
Time[s] Time [s]
(a) 50 {b)
)—mﬂh
""""" i a —
|
E ******* 300
v
@
5
3 SR EERRERER R \ Ny --200- -
=
£ \
. A
1 -
= (4
F \ Vi
[
-4p0  -300 -200 -100Q 10¢
—————————————————————————— =400

We?t‘— East distance [m]

{c}

Figure 5122 Simulated time history of airspeed (a), altitt® and the ground track (c) of the aircraft in
fully autonomous flight mode with a low airspeedhption rat and a low roll adaption rate (0% deflectior

failure of theright elevator
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Right Aileron Failure - 0° Deflection (Test 4)

The simulation was run inducing ° deflection failure of the right aileron. This faikishowed little
effect on the performance of the aircraft to mamthe waypoint following and ma no significant
difference to the airspeed and altitude trackirsgslzown irFigure5.123 which compares well wit
the revised control resu. This is unsurprising as any rolling moment indubgdhe neutral ailero
position would be sma and because the contrallocation algorithm is enable any additioial

control effort is easily attained for this flighasx (Figure5.124).
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Figure 5123 Simulatd time history of airspeed (a), altitude (b) and ¢round track (c) of the aircraft in t
fully autonomous flight mode with a low airspeedaption rate and a low roll adaption rate (0° deftec
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Right Aileron Failure - 50% Hard Over (Test 5

The simulation was run with the introduction of @& hard over failure of the right aileron, induc
a rolling moment to the righ Again, similarly to the ° deflection cas, little variation was observe
for this failure. This is promising in that the resuexhibiil no significant difference when compai
to the revised control. There, however, a control performance gain whee adaption algorithm |
enabledwith the hulk of the fault tolerance being provided by thetrol allocation algorithm. Aga
Figure5.126shows the impornce of the allocation algoritt as the flaps are deflected to ensure

the required control authority is m
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Figure 5125. Simulated time history of airspeed (a), altitt® and the ground track (c) of the aircraft in
fully autonomous flight mode with a low airspeechption rate and a low roll adaption r{50% deflectior
failure of the right ailerot
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Right Aileron Failure - 100% Hard Over (Test 6

The simulation was again r this time inducing a 100% haover failure of the right aileron. Agai
the proposed system whighly tolerant to this failuiwith little change in the airspeed, altitude tra
and little variation in the track followr as shown irFigure5.127.The remaining esults show little
difference fron those observed in the previous casShould they be desir, the remaining resull

can be found iIAppendix C.
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Figure 5127: Simulated time history of airspeed (a), altitudg gdhd the ground track (c) che aircraft in the
fully autonomous flight mode with a low airspeedhption rat and a low roll adaption rate (0% deflectior
failure of the right ailerot
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Comparison between Unmodified Autopilot and Autpilot with Proposed Control
Algorithms Enabled (Test 7)

The simulation was rt inducing a combined failure of two control surfacas50% hard over failur
was applied to the right elevator and a 100% haet tailure was applied to the right aileron. list
test, a comparison between the unmodifiutopilot (without the adaption and allocation altfuns)
and the proposed control strategy are demonstfateitie most complex flight modi The result,
presented irFigure 5.128 to kgure 5.133 shov that, for this failure, the umodified autopilot is
unable to tolerate the failur There is a rapid increase in airsp, Figure 5128 a rapid loss i
altitude Figure 512€, and a spiral dive is eblished,Figure5.13Q which would result in the loss
the aircral. In stark contra, the proposed fat-tolerant controlstrategy shows the successt

tolerance of this control failur
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Figure 5128: Simulated time history of airspeed of the airciaftthe fully autonomous flight showing tl
difference between the -modified autopilot and the proposed control strategth a combined failure of tr
right elevator and ailion
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The pitch and roll angles, shownFigure5.131, of the adapted case are also controlled andm
acceptable limits unlike the n-adapted ase. In the non adapted case, the roll angle digeanc
undergoes a series of violent oscillations. Thehp#angle also shows this oscillatory tendency.

allocation and adaption systems work together, seFigure5.13Z (a) to (d), which shows that tl

flaps ailerons and elevators are being actively asecontrol pitch and roll angle
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Figure 5131 Simulated time history of pitch and bank ancfor the aircraftin the fully autonomous fligh
showing the difference between the-modified autopilot and the proposed control stratedth a combinec
failure of the riglt elevator and ailerc

Of great importance is the stability of the PIDmgashown irFigure 5.133which indicates that thi
flight pattern could be repeated indefinitely asréhis no significant build up in any controllerirga
This test clearly shows the difference between pgheposed fau-tolerant control system and t
unmodified control system and shows that the propasstem is able to tolerate significant con

actuation failures and maintain the safety of tineraft.
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Figure 5132: Simulated time history oelevata (a), aileron (b), rudder (c) and flap deflections for the
aircraft in the fully autonomous flight showing the diffecen between the -modified autopilot and th
proposed control strategy with a combined failuréhe rigtt elevator and ailerc
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6 Chapter 6 — Discussion of Results

6.1 Chapter Outline

This chapter presents a review of the objectivethefresearch as well as the results of Chapter 5.
The success or failure of the proposed fault-tofecantrol strategy is discussed and conclusiorie as
the suitability of the proposed fault-tolerant gohsystem are drawn. Finally the recommendations

for future work on this topic are presented.
6.2 Research Objectives

The primary objective of this research, as outlim@hapter 1.7, is to research, design and simaat
fault-tolerant control system into a commercial aiibt system, while making use of artificial
intelligence techniques. This objective was exganthto more detailed objectives which are as

follows.

e Actuator failure
 The loss of a control surface

e Uncertainties within the aircraft model

The simulated tests concentrated on a number &drelift actuator failures. These included “a 0
deflection failure, a 50% hardover failure, and0®% hardover failure. The right elevator and right
aileron were failed individually. Simulation wheigoth the aileron and elevator were failed

simultaneously were also conducted.
6.3 Inner Loop Simulations

The inner loop simulations provided valuable insigito the feasibility of the adaption algorithm in

providing a measure of fault tolerance. The faiduwere tested for two different commanded flight
manoeuvres, namely, straight and level flight armbastant bank turn. The adaption algorithm was
tested against the non-adapted autopilot in eagthated, in the cases where there was insufficient

control authority available, the control allocatiaigorithm was introduced.
6.3.1 Elevator Failures

The first failure tested was & @eflection failure which generated a nose-up fiigimoment coupled
with a rolling moment to the right. This failurb@aved that the autopilot, in its current form and
without adaption, is tolerant to this type of fadu It was found, however, that there was an

improvement in the control performance of the systehen the adaption algorithm was enabled.
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The 50% deflection failure showed a marked incremseitch and roll error although it was
demonstrated that the unmodified autopilot wasraghie to tolerate this failure. It was noted that
similarly to the O deflection failure test, significant improvement the control performance was
attained with the adaption algorithm enabled. gniicant improvement in control performance was
seen in the pitch response while only minor improgets were seen in the roll response. Little

difference was observed between the two flight reamces tested.

The 100% elevator failure, which was expected ttuae difficulties for the autopilot, was reasonably
well controlled. However, the autopilot with anéthvout adaption was unable to maintain the desired
set point. This was expected as insufficient adrduthority was available. As soon as the elevator
control saturated, the aircraft was subject tatitk-fixed dynamic behaviour which was shown by a
damped phugoid motion. The roll error was agasilgdolerated by the autopilot and improvement
in control performance was demonstrated with thaptidn algorithm. A subtle difference was
observed between flight manoeuvres with marginaditer tolerance to the failure being observed for
the constant banked turn. This was due to thetitire of the failure and the need for a highertpitc
angle to maintain altitude in the turn. The difflece between the required control authority and the

available control authority was lower resultingaismaller oscillation about the set point value.

Of note was the rapid increase in proportional dairthe 100% elevator failure case as the adaption
algorithm attempted to regain control. This présenpotential problem with the adaption algorithm
logic. Should a control surface reach its physiicaits and saturate, the adaption algorithm has no
mechanism to detect or resolve the resulting lackomtrol authority. This was an unintended
consequence that developed which has the potémttaluse a catastrophic failure of the systems Thi
is highly undesirable as the purpose of the adamiystem is to improve fault tolerance and not to
induce further difficulties. This result highlighthe need for the development of a simple control

allocation technigue to be used in conjunction i adaption algorithm.

The combination of control adaption and allocatweess tested for the 100% elevator failure. The
control allocation algorithm was highly successfutolerating this failure to the extent that thann
adapted autopilot was tolerant to the 100% hard fareire. It was found, however, that the adaptio
algorithm improves the control performance when parad to the non-adapted autopilot. This is
largely due to the adaption of the PID gains tooammodate the change in control characteristics.
This simulation showed the importance of the cdnaltbcation algorithm and suggests that this
algorithm is the primary driver for the successtsgult obtained in this simulation. It is, howeveair
great advantage to include the adaption algoritime:combination of the two algorithms yielded far

improved control performance.
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The simulations showed that, for the inner contamwp, the proposed control methodology of
combining the control adaption with the controbelition yielded a successful tolerance to all ef th

tested elevator failures.
6.3.2 Aileron Failures

The first aileron failure to be tested was tHedeflection failure which yielded only a small roll
disturbance. Because the disturbance was so smiglla small opportunity existed for the adaption
algorithm to make changes to the PID gains. Assalt, only a small difference was noted in bank

angle control performance for both level flight &hd constant banked turn.

The more aggressive 50% hard over failure simuiajielded somewhat more significant results.
There was a large roll disturbance that was adetwabntrolled by the non-adapted autopilot;
however, the maximum roll error was reduced by h&ién the adaption algorithm was enabled. This
test yielded a promising result although two amfasoncern were noted, namely, the introduction of
a more oscillatory behaviour and a delay in retfugrthe bank angle to the set point value. It ido
that, although the adaption algorithm did increthgetime to reach the set point value, the bankeang
error was low and this delay would not have impadaignificantly on the performance of the aircraft.
The cause of the delay is speculated to lie inrabar of potential areas. One may be a flaw within
the fuzzy logic rule base; or another may be indih@sen behaviour of the ideal model. A review of

these issues should be conducted.

The 100% hardover failure of the right aileron gled an interesting set of results. It was thotiggut
this failure, similar to elevator 100% hardovetifeé case, would result in the failure of the ailtdp

to maintain the set bank angle; however, this waghe case. The autopilot, without adaption, was
able to level the wings of the aircraft with the aff the rolling moment supplied by the rudder.isTh
rudder input was generated by a feedforward loapreonly used on remotely piloted aircraft. The
rudder-aileron mix was sufficient to cause the liawg of the wings, albeit slowly, despite the laak
available roll control from the ailerons. The sasuecess could not be shown of the autopilot with
adaption. The autopilot supplies a commanded axilexutput based on the roll error and has no
mechanism to detect when a control surface saturatethen simply commands a higher control
deflection after a control has saturated. Undemab circumstances, this does not cause any
significant problems as the control reaches itshraeical limits and cannot be deflected further. In
this case two problems arise. The first is duthtomethodology that determines the rudder output
based on the aileron output. With the increasaileron output beyond control limits, there is a
corresponding increase in rudder output that islinated until full rudder deflection is achieved.
While not a severe problem alone, when combinetl thi¢ rapid rise in the proportional gain of the

roll PID controller, a dynamically unstable ruddmmtrol response results. This causes a series of
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severe and increasing oscillations which resultexicessive sideslip angles. During the simulation
the aircraft achieved a sideslip angle of @0which point the simulation was stopped autocadi.
The mechanism which resulted in the successfulrobof the aircraft in the non- adapted case was

the direct cause of the failure of the adapted.case

The problems encountered with the adaption algoritrere solved by removing the aileron to rudder
mixing. However, while the system did not becomstable, as it did previously, it was not able to
maintain the desired set point with the systemeaghg maximum bank angle error in excess ¢f 70
This occurred for the unmodified autopilot as vadithe adapted autopilot and is highly undesirable.
Similarly to the 100% hardover elevator failureg tintroduction of the control allocation algorithm
yielded a satisfactory result in that the set pwias achieved both with and without adaption. Asw
found in the other simulations, in general, thepdida algorithm improved control performance.
However, similarly to the 50% aileron failure ca#lee time to reach the roll set point value was
longer than the non-adapted case, even though thénmam bank angle error was significantly

reduced.

The exact cause of this has not yet been establizfét was expected that a similar performance to
that attained in the pitch direction would be aghi however, it is thought that a modificatiorthe
fuzzy rule set or an adjustment to the ideal mdedlaviour may yield better results. Research into

the reasons for this reduced performance is recaordatkin future work.
6.3.3 Combined Failures

A combined failure of the aileron and elevator vpesformed to test the ability of the proposed
control laws to tolerate multiple surface failureghe first combination of failures was adeflection
failure of the right elevator and right aileron.hi3 failure caused a larger pitch and roll erra, a
would be expected, than the single control surfaases. The test showed that the autopilot, even
without adaption, was able to tolerate this failurewever, as in the previous cases, the system wit
adaption was found to have improved control per&oroe in pitch and roll. The maximum errors in
both pitch and roll directions were reduced by alfamount and the time to re-establish the settpoi

value was reduced.

The 50% hardover failure of the elevator and aileweas also tested. This, again, resulted in a
combined pitch and roll error that was the sum aéheindividual control failure. The autopilot
without adaption was tolerant to this failure aedtored the aircraft to the required set pointsath
pitch and roll. It was noted that the pitch cohperformance was greatly improved with the adaptio
algorithm with a reduced maximum error and a fasgturn to the set point value. In roll, the
maximum error was greatly reduced but, similarlyhe aileron failure cases, the time to reach éte s

point value was significantly longer.
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Lastly, the simulation was run with a 100% hardofailure of both the right elevator and right
aileron. This resulted in a complete failure ie tutopilot, with or without adaption, to toleraiés
failure. This is as expected as the control atiooaalgorithm was disabled. The bank angle,
similarly to the previous test, increased to thenpwhere the wings were nearly vertical. Slight
improvements were seen in control performance withadaption enabled but this improvement is
meaningless in this context as the aircraft wowddehentered a spiral dive. The control allocation
algorithm was then enabled and the simulation re-rlthis resulted in the successful return of the
aircraft to the desired set point for both bankaght and level flight. The allocation algorithnidd
however, reach the limits of its ability to conttbis failure and a number of oscillations in pitch
occurred. The flaps, being the only remaining cargurface to provide both pitch and roll control,
was unable to provide enough control authority @athed their limits of travel. It is highly undiky
that this flight would have been successful asfldpes were unable to provide adequate pitch control
and the phugoid motion of the aircraft was evidssth with and without the adaption algorithm. The
rudder mix was removed to reduce the amount ofsBfeangle seen in the simulation and,
interestingly, this resulted in a slight improvernehthe control performance of the system. Thésw
found only to delay the inevitable as, towardsehd of this simulation, the flaps were moments from

reaching their limits and oscillations would hawveloped.

The results of the combined control failures shbat,tfor the inner loop, the autopilot was tolerait
the majority of the failures tested. The adapt@gorithm did show some control performance
improvement in most cases although the time tcstabdish the roll set point was longer. The system
failed for the most extreme failure tested whichrppted the use of the control allocation algorithm.
This showed a vast improvement in control perforoeamowever, it was observed that insufficient
control authority was present and that the airdrafall likelihood would be lost. Of note was the
effect of the aileron-rudder mix that degradeddbetrol performance demonstrating the sensitivity o

the proposed system to feedforward control commands
6.3.4 Final Test

A final test to demonstrate the difference betwtenunmodified autopilot and complete proposed
control strategy was simulated. A 50% hardovevata failure combined with a 100% aileron
failure test was performed. When the unmodifietbpilot was tested with this failure, a complete
loss of control was demonstrated. The aircraftiied a bank angle of 7@here it remained. Large
oscillations in pitch angle were also observed.short, this would have resulted in the loss of the
airframe. In contrast, the proposed control stpateas able to maintain level flight with only aain
roll disturbance. The desired bank angle and e@gitch set point were re-established satisfdgtori
The use of flaps was sufficient to maintain thight condition and shows that for the inner loop

control loops, the proposed control strategy hagelst met the objectives of the research.
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6.4  Middle Loop Simulations

The middle loop simulations provide great insigtibithe suitability of the proposed algorithmshie t
higher flight modes of the autopilot. These temts important for two reasons, the first being the
testing of the adaption algorithm to track a comyachanging set point value and the second being

the testing of the coupling effect of the adaptidgorithms.

The inner loop simulations showed that the adapgigorithm was able to track a constant set point
with little interference from other adaption algbms. In the middle loop tests, the pitch PID
controller receives commands from the airspeedrobet, both of which have their own adaption
algorithms in place. This is complicated by themog of the energy and airspeed PID controllers.
These simulations provide a means to determinéefdoupling of the three PID controllers will
initiate a series of instabilities or if the systewll be enhanced by the adaption algorithms. Of
primary importance, however, is the objective a$ ttesearch in providing a system that is toletant
various control actuation failures: hence, the @ddop simulations provide a small step forward in
determining the suitability of this proposed cohtsgstem. This small step allows for a detailed
examination of the airspeed and altitude contrsllend allows any final tuning of the adaption

algorithms.
6.4.1 Control

The simulation was run in "FBW B" mode with no tags being induced in the system. This allowed
for the confirmation of stable operation with theupling of the various PID controllers. It also

provided a baseline result with which to compageftilure test results.

It was found that there was a greatly enhanceditrgoof airspeed and altitude with the adaption
algorithm enabled which is promising considering toupling of the PID controllers. The results
also showed that the adaption algorithm was abteattk a moving set point value. While there was
some overshoot of the ideal pitch angle at tintas, was quickly resolved by the adaption algorithm

and the correct tracking of the ideal pitch angéesachieved.
6.4.2 Elevator Failures

The first elevator failure modelled was thedflection failure. This failure had little effeon the
aircraft in this flight mode, the only differenceibg seen in a subtle diversion of the pitch angle.
Almost no effect was seen on airspeed or altitudkthe adaption algorithm was still able to maimtai
excellent pitch tracking. Thus, the improvemenggrsin the control were maintained and the

adaption algorithm shows improved tracking of baitispeed and altitude.
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The 50% hardover failure of the right elevator pded a surprising result given the success of the
previous test. The autopilot, without adaptiorgvgdd minor changes to airspeed and altitude results
when compared to the control case and the perfarejamhile not exceptional, was adequate. The
results with the adaption algorithm enabled showedery poor control performance that had
overshoot values larger than those seen withouyptesia The response was also erratic with no
indication that the set point for airspeed or adté would ever be achieved. From this test, it was
observed that there was a large proportional gainease of the airspeed PID controller. It was
theorised that this was the cause of the instasilif the system and thus, the airspeed PID awtapti
rate was reduced by a factor of 10. The simulatesults showed a marked improvement in system
performance of the adaption algorithm. Howeveg, flerformance of system with adaption was still
not as good as the performance without adaptiohe fBduction in the airspeed adaption rate did
provide some insight into the potential cause ef pnoblem. The tracking of the pitch angle was
seriously inadequate with large variations in idgi&th and measured pitch. This warranted further
investigation into the adaption rates of the pitcmtroller. The adaption rate was increased by a
factor of 10 and the airspeed adaption rate set tiads original value. With these changes, there
was a marked improvement in airspeed and altittaisking and the simulation with adaption showed
great improvements when compared to the non-adaateel The proposed system was found to be
tolerant to this failure, albeit only with extensigimulations and changes or "tuning" of the adapti
algorithm. The simulation results for the bankight case highlighted, the fact that the senditioif

the system to tolerate failures is highly dependenthe flight manoeuvre being performed as the
performance of the banked flight case had degrasbkdn compared to the level flight case.
However, the system was found to be tolerant of fault and the adaption algorithm typically

improved the performance of the system.

Following this test, the 100% hardover failure lo¢ tright elevator test was simulated. The settings
determined in the 50% deflection simulations weggntained and it was observed that the adaption
algorithm induced a large degradation in contraffggenance when compared to the non-adapted
case. This was attributed to large changes irhmted airspeed proportional gain values. It was
noted that there were large and abrupt controkedtfins for the case with adaption which is likey
have resulted in the poor airspeed and altitudekimg performance. This result was a
disappointment in that the adaption algorithm @éahis reduced performance. It is theorised that,
with more adjustment of the adaption rates, thggradation may be resolved but this has not yet been

tested.

It was found that although the adaption algoritheneyally improved the control performance of the
autopilot, in the case of a 100% hardover failulee adaption algorithm reduced the control
performance. It can be concluded that the propasedrol system is tolerant to the less severe

elevator failure cases.
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6.4.3 Aileron Failure

The first aileron failure to be tested for the miéddontrol loop was the’@eflection failure test. This,
like the elevator case, showed little to no effectthe system. The airspeed and altitude were not
visibly affected by the aileron failure. This istrsurprising as only a small change in pitch angle
occurs at the moment of failure which is easily togfed by the autopilot both with and without
adaption. The only real evidence of failure laytie change in bank angle. This change was
identical to the changes seen in the inner looplsition which is unsurprising as the bank angle is
still, essentially, controlled by the inner loopthvino influence by the middle control loop. Thus, f

all of the aileron failures, a result similar toathattained in the inner loop simulations was
demonstrated. Of note, however, was the abilitthefautopilot to be tolerant to all aileron fadar
tested. The ability of the system to tolerate thiskires is largely due to the control allocation
algorithm that made use of the flaps to restorelacly of roll authority. Great improvement was seen
with the adaption algorithm in the ground trackuftess For the 50% hardover and 100% hardover
failures, it was found that the change in headirggs wignificantly reduced when the adaption
algorithm was enabled. While it was seen in theeirloop simulations that the adaption algorithm
increased the time to reach the roll set point ealthe reduction in maximum roll error is

considerably more important in limiting the charngehe aircraft flight path.

It was concluded that the proposed system is tolemad well suited to aileron failures and thar¢he
is a large performance advantage to be gained dhrausing the adaption and control allocation

algorithms.
6.4.4 Combined Test

A test was conducted to show the difference intfealerance of the unmodified autopilot and the
proposed control strategy. This resulted in a es&ful display of the proposed control strategy to
tolerate control actuator faults. For this simalat a 50% hardover failure of the elevator was
combined with a 100% hardover failure of the righéron. For the unmodified autopilot this failure
resulted in a complete loss of control that resuitea rapid speed build up, dramatic loss in wadtt
and a very tight downward spiral ultimately restiin the loss of the aircraft. The proposed aintr
strategy was able to tolerate this fault and sigfalg maintained airspeed and altitude with only
minor disruptions from the set point. The trackdeed by the aircraft showed a slight change in
heading as the failure occurred but this heading maintained and straight and level flight was
achieved. A constant bank angle turn was alsmpedd with this failure and, again, the proposed
control algorithm was able to tolerate this failurdirspeed and altitude were maintained and a

circular flight path demonstrated.

226



This test showed that the proposed autopilot erémit of the tested control actuation failurestfar

middle control loop and that the control performagain is significant.
6.5 Outer Loop Simulations

The outer loop simulations tested the most advarioed of the autopilot control strategy and
provide insight in the suitability of the propodedilt-tolerant design. The outer loop simulatioasw
run in the "Auto" flight mode of the autopilot withree waypoints being used to create a triangular
flight path. A constant altitude and airspeed wsee for all waypoints. The same three control
failures were applied to the elevators and aileimd a combined failure of the elevator and aileron

was tested. In all tests other than the final test control allocation algorithm was enabled.

A control was run in which no control failures wénduced. This showed that the adaption algorithm
created an unattainable solution as, due to théodetogy of aerodynamic force characterisation, a
runaway condition resulted. It was decided to rfyotlie adaption rate of the roll PID adaption

algorithm by a factor of 100 which yielded a highdyccessful result. The results of the control
showed a considerable improvement in airspeed Hitdda tracking and showed that the adaption
algorithm was able to curb the change in airspeeldadtitude resulting from the change in heading to

almost perfect levels.

These levels were not observed for the autopildhauit adaption despite attempting to improve
performance with feedforward pitch and throttle pemsation. The ability of the adaption algorithm

to achieve this level of performance was very enaging.
6.5.1 Elevator Failures

The first failure to be tested was & @eflection failure of the right elevator. Thismsilation
generated an interesting set of results that shoeregtic airspeed and altitude tracking. The
waypoint track was, however, somewhat improved.sThasult was surprising and somewhat
disappointing as the adaption algorithm reduced dbwtrol performance of the autopilot. Upon
examination of the PID gain change for the airspeHd, it was noted that the adaption algorithm
increased the proportional gain of the airspeed t®lRery high levels. It was decided to reduce the
adaption rate of the airspeed PID adaption coetrddly a factor of 10. This resulted in greatly
improved performance. The performance was ndteatevel of that seen in the control; however, the
change in airspeed and altitude was less thareiedabe without adaption and the time to reachdhe s
airspeed and altitude was greatly reduced. Thdtseshowed a great benefit in using the adaption

algorithm.

Of some concern is the sensitivity of the adapétgorithm to the adaption rate. An incorrect value

of the adaption rate can quickly lead to the comepbreakdown of the simulation and needs to be
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chosen very carefully. It is also a concern thi adaption rate may well be sensitive to chamges
other parameters such as the set airspeed, altitud@craft characteristics and may cause unstable
behaviour to develop. The sensitivity of the adaptalgorithm at this stage is unknown and a

recommendation into the research of this aspeitteoflgorithm will be made.

The second failure to be tested was a 50% defledddure of the right elevator. This resulted in
slightly more difficulty for the non-adapted autigpiin maintaining the set airspeed and altitude bu
little change to the adapted case. It was foumad tie trends found in the @eflection case were
maintained and that the airspeed and altitude itmgckvith the adaption rate was significantly
improved over the non-adapted autopilot. Thisdreantinued for the 100% hardover failure and it
was found that, because the allocation algorithra @reabled, the autopilot was relatively unaffected
by the failures in this flight mode. Thus, the piifan algorithm combined with the allocation
algorithm was found to have superior performancaiispeed tracking, altitude tracking and even in

waypoint following.

It was concluded that the proposed fault-toleraggigh is indeed tolerant to the control failures

tested.
6.5.2 Aileron Failures

The first aileron failure was the® @eflection failure of the right aileron. This teshowed that the
control allocation alone was able to tolerate thikire, with little change observed from the cohtr
case. It was, however, observed that the adaptatigorithm improved the airspeed and altitude
tracking significantly. The control allocation alithm was important for this failure as the flaps

were used to supplement roll control for brief pds during the start of each turn.

The second failure tested was the 50% hardoverréaif the right aileron. Surprisingly, very little
variation was noted in the flight path of the aaftr This is likely caused by the fact that thaufe
occurred during a right hand turn. However, inded that the autopilot was able to tolerate this
failure without adaption, only making use of thivedtion algorithm, although there was a significan

improvement on control performance when the adaglgorithm was enabled.

Finally, when a 100% aileron deflection failure wiasluced, again, little change in airspeed or
altitude tracking was observed. There was a stigigradation in waypoint tracking although this was

minor. The adaption algorithm provided the samégperance gains seen in the previous cases.

It is concluded that the proposed control strategglerant of the aileron failures tested and thate
was a great control performance gain when the adaptgorithm was used in conjunction with the

control allocation algorithm.
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6.5.3 Final Combined Test

This test was deemed to be the ultimate compa$dhe autopilot in its unmodified form and the
autopilot with the proposed fault-tolerant contstategies. This test involved testing the unmedif
autopilot with a 50% hardover failure of the righevator and a 100% hardover failure of the right
aileron and then comparing the results to the asBere the control adaption and allocation

algorithms were enabled.

The unmodified autopilot completely failed to t@ss this failure. The airspeed increased rapiully t
level beyond that considered acceptable for thisaane, with a corresponding loss in altitude. A
very tight spiral dive is seen that would be likéty cause catastrophic structural damage. The
proposed control strategy was, however, toleranthts failure and the results showed that the
airspeed and altitude were satisfactorily mainthiné€lrhe autopilot was also able to maintain the
correct waypoint tracking with minor performancegdation when compared to the control case.
The aircraft was able to track the waypoints foother complete cycle before the simulation ended.
Based on the results of the PID gain changes whiete reasonably stable, it is expected that the
aircraft would be able to fly in this manner incétiely without the introduction of instabilities;

however, this has yet to be confirmed.

In conclusion, this test demonstrates the succeseqroposed strategy to tolerate control actuato
failures of a severe nature and shows that thefusentrol adaption combined with control allocatio

is necessary to tolerate a control failure of the with satisfactory control performance.
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7 Conclusions and Recommendations

7.1 Conclusions

The current research has shown considerable pattémtihe proposed design of an intelligent fault-
tolerant control system for an unmanned aerial atehi It has shown that the proposed system,
consisting of a fuzzy logic model reference adaptbontroller and a simple daisy chain control
allocation algorithm, can be used successfullyterate a range of actuator failures, loss of d@robn
surface as shown by thé @eflection failures, and uncertainties within thecraft model as shown by
the use of the secondary and tertiary control sega The system was tested under a number of
different conditions in a number of different fligmodes and, in the majority of cases, the system
performed well, yielding safe and fault-toleranighit. This was made particularly evident when
comparisons were made between a completely unreddi#iutopilot and an autopilot with the
proposed control architecture. In this respeds, thsearch and the proposed intelligent faultréwie
system can be considered successful. Howevere ther several concerns and issues that were
identified.

A number of problems were encountered in the rebetvat may limit the ability of this system to
function under some circumstances. These probkema primarily from the intelligent adaption
system. The first issue of concern is the seriitof system to the correct selection of the aibapt
rates. Too low an adaption rate results in no ¢ceatrol performance gain and is of little valueilerh

too high an adaption rate results in the potefdiahumerous instabilities to develop. This sewisjt

to adaption rate was seen in a number of caseecessitates the need for significant additional
simulation of the system. There is also uncertag#yo the performance of the proposed system for
different airframes and autopilot control structueand there may well be issues surrounding changes

in aircraft characteristics with changes in airspaed altitude.

Furthermore, the complexity of a practical autopifakes the determination of the optimum settings
difficult. There are numerous limits, correctingcfors and adjustments that can be applied to a
greater or lesser extent that all contribute to sluecessful simulation of fault tolerance. To
understand fully the nuances of the system anceterohine with confidence that this system can be
implemented into a UAS airframe is particularlyfidifilt and time consuming due to the many
different combinations of parameters that can be Séhis complexity is further increased by the
introduction of the proposed system which incredsesnumber of parameters to be adjusted. Thus,
while a successful result was demonstrated, itiffcalt to say with confidence that the proposed

system is fully fault-tolerant in all conditions.
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7.2 Recommendations for Future Research

This research has provided great insight into tbe of an artificial intelligent adaptive controller
combined with a simple control allocation algorithoncreate a control strategy that is tolerant to
several control actuation failures. However, iis tiesearch a number of concerns were raised, and a

number of recommendations are required.

The first concern developed from the need to "tuthe' fuzzy adaption controller carefully. This
tuning was accomplished by adjusting the adapt@esrfor each PID controller. While in most cases
this proved to solve many control issues, it alghlighted several difficulties of the fuzzy adaati
controllers and the implementation thereof. lesommended that a review and study of the effect o
the adaptive rates on the performance of the sysiemonsidered. Potentially, the use of global

optimisation techniques could be used to improeettiming of the PID gains.

Another area of concern lies in the difficultiesteth with the use of feedforward loops. These
feedforward loops are commonly used in real aubdsiystems to aid control. These are often in the
form of an aileron to rudder coupling, a roll t@whtor coupling or a pitch to throttle couplingiss

found on the Ardupilot Mega. The adaption algarithperceives these feedforward couplings as a
form of offset error that tends to introduce indiibs within the system as the autopilot attemiots

reduce the offset seen. Thus, it is recommendatl dhmore robust fuzzy adaption system be
developed. This should have a form of feedforwagtal, indicating to the adaption system not to

attempt to remove the offset.

Other issues surround the ability of the aircraftrianoeuvre after the failure of a control surface.
This was not seen often in these tests especialiyre higher flight modes but, with the reduced
control authority that develops from the controluiee, an introduction of a flight envelope restion
should be applied. This may be in the form of redupitch and bank angles, an increase in stall
speed, or a reduction in maximum altitude. Itisbaecommended that a system be developed, that
detects that the control authority is reduced ameggnts the fuzzy adaption algorithm from incregsin
the PID gains uncontrollably. This would preventsituation where the controller introduces

instability, as would occur with this system

It is recommended that an additional form of ingglhce be introduced where information on the
health condition of each control surface is gattieiehis information could then be used to aid the
adaption and allocation algorithms in controllimg taircraft. This could be accomplished in several
ways. The first and perhaps simplest method oftrobrsurface monitoring would be the direct

measurement of the control actuator deflectionsil&\this technique would be simple, it adds to the
hardware complexity and in fact may decrease thét falerance of the system as the additional

sensors could fail and provide incorrect or spwsidata.
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The other potential solution lies in the use oliazly logic monitoring algorithm that compares the
behaviour of the system to a set of predefinedrobimiputs. As an example, the ailerons and flaps
could be moved in unison and in an opposite segsa predetermined amount that results in no
rolling moment. If a roll is then measured, a ptitd fault then exists and other methods can then

used to determine the point of failure.

It is recommended that extensive testing of thep@sed system be conducted through the use of
simulations before the system is implemented onoperational UAS. In its current form, the
proposed control strategy cannot be guaranteeérform satisfactorily under all circumstances and
for long durations. It is thus recommended thatlémgth of simulation be extended and that a tarie
of different flight conditions be simulated. Theskould include turbulence, wind drift, altitude
variations and airspeed variations. Other corsmolace failures that include power plant failuaesl
rudder failures should also be included. The &wldibf structural failures would also be highly

valuable in future research.

Finally, it is recommended that the flight dynamiodel be validated through the use of flight tests
and that the proposed control strategy in its eurferm is flown. This flight should be conducted
with a "man in the loop" that would allow a pilai tegain control should the proposed control

strategy develop instabilities.
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Appendix A - Continuation of the Development of the Equations oMotion

for a Rigid Non-Symmetric Aircraft

Continuing with the development of the equationsnotion described in Chapter 2.5 and rearranging
(2.6) results in

Lo NF (L = I)pq + L, (pr + @) — L, (qr — p) — Ly (g* — p?) (A.1)
_ T

Rearranging (A.1) further results in

. N+ (Ix - Iy)pq + Iyz(pr) —I,(qr) — Ixy(q2 - pZ) n Iyzq n LD

’ 1, L, L (A-2)
To aid in the development of the equations, a #ulish is made:
N + (Ix - Iy)pq + Iyz(pr) - Ixz(qr) - Ixy(qz - pZ)
A= ] (A.3)
zZ
(A.2) therefore becomes
Lyzq | LgP
-4 vz Xz
r + _Iz + I, (A.4)
Now Substituting (A.4) into (2.5) results in
. Iyzq Ipr 2 2 .
La+ (o= 1pr+ Ly (pa = (A+ 224+ 22) 4 L2 =) Ly (r +B) =M (a5)
z z
Rearranging (A.5) yields
Lizp 2 _ .2 :
L\ M= Iy = I)pr — 1, (Pq —A-=f ) — L, (p* = 7%) + Ly (qr + ) (A.6)
g=
LI, — 132,2
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This then becomes

L (M — (Ly = Ipr — L, (pq — A) — I, (p* — 1) + Ixy(qr)) <1x21yz + Ixy12> , (A7)
q =

L1, — 12, L1, 13,

Again, to simplify further development, another stilotion is made:

B = IZ(M - (Ix - Iz)pr - Iyz(pq - A) - Ixz(pz - rZ) + Ixyqr)

A.8
L, — 13, (A-8)
Thus (A.7) reduces to (A.9)
. IXZIyZ + IxyIz> .
q=B+ <— p .
L, — I, (A.9)
Finally, substituting (A.4) into (2.4) results in
. . Iqu IJCZZj 2 2\
Ip — (Iy - Iz)qr + Ixy(pr - CI) — Ly \pg+A+ i + I + Iyz(r —q )=1L (A.10)
zZ zZ

After some manipulation is transformed into:

<IXIZ - I)%z) p _ (Ixylz + Ileyz

; ) = Lt (I = L)ar = Lypr + b = by (2 = 4) 4 LA (ad)
z z

Substituting (A.9) into the equation above yields

<1x12 - 1§Z> 5 (IxyIZ + Ileyz) <B N <1x21yz + 1§y12> p)
L, L, L1, — 12,

(A.12)
=L+ (Iy —I,)qr — Leypr + Lpq — L, (r? — q%) + I,,,A
Therefore,
L, + LI
. <L + (Iy - IZ)qr - Ixypr + Le,pq — Iyz(r2 - qz) +L,A+B (W)
Po (A.13)

(Isz - 1§Z> _ (Ixylz + Ileyz) Lezly, + Lyl
I, I, LI, — 132,2
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And finally:

_ (L1, = I2){ L[L + (I, — 1,)qr — Lypr + L,pq — L, (r? — %) + L, A] + B(Iyy 1, + Ly, ) }

LUl = I2)(1, = 12,) = (Lyly + LigLyy ) (Ll + Ly L) (A.14)
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Appendix B - Blade Element Propeller Modelling

Blade element theory has been used extensivelggmiodelling of propeller blades. The method
was first published in 1878 by William Froude amshcurrently by Stefan Drzewiecki. [39] The

method divides the propeller into a number of chaide segments as shown in Figure B.1 and
examines the forces generated by that segmentseTtheces are then integrated to determine thé tota

net force acting on the propeller.

Figure B.1: Blade element theory diagram adapteoh fi39].

Propeller Geometry

Propellers are typically described by two geomatrfroperties, namely, the Diametér)( and the
Pitch (P). However, in order to perform a blade elementhoe on a propeller the chord distribution
and blade angle distribution is required. Thigyisically obtained from the manufacturers of the
propeller. For the case of the Xoar 23x10 propelted in this analysis, the geometry was obtained
from the work of a previous student, Mr N Moore heTblade angle was determined making the
assumption that propeller had uniform geometrigahpof 10”. This resulted in the geometry shown

in Figure B.2.
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Figure B2: Geometry of Xoar 23x 10 Propel

Propeller Aerofoil

Unfortunately, the aerofoil of the opeller was not known from the manufactt However, &
commonly used aerofoil for modpropeller: is the NACA 4412. This discrepancy will have
negative impacon the accuracy of the analy. however, it is thought that in the context of
aircraftas a whole, this effect will be minc Especiallr sincethe focus of this resrch is on the
dynamic behaviour of the aircraft rather than te&fgrmance of the aircral In many circumstance
particularly at low advance ratio, the blade arfgleexeeds the aerofis stall angle and, therefol
post stall behaviour required. This was sourcefrom [46] and ispresented i FigureB.3 andFigure
B.4. The lift and dragdata was characterised by a set of polynomials pferstall and post st¢

behaviour. The polynomial coefficients used in lbkeede element code are giverTable B1.

Table B1 Polynomial coefficients describing the lift and glieharacteristics of the NACA 4412 aerc

Lift c oefficient Drag coefficient
Polynomial
coefficient Alpha<=2¢ Alpha>2¢ Alpha<=2¢ Alpha>2¢
a( 0.2391 -0.8779 0.019¢ -0.434°
al 0.0947 0.1(567 -0.006: 0.020:
az 0.0007 -0.0016 0.000¢ 0.000:
ac -0.0002 6.7013t-06 7.5751-06 -9.1354t-06
a4 1.7219E6¢€ -5.0079t-09 -2.4485E-07 2.8181E08
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Lift coefficient

Angle of attack [7]

Figure B3: Lift coefficien variation with anle of attack for the NACA 4412erofoll

2.5

—Alpha<=26
—Alpha>26

Drag ceefficient

-10 10 30 50 70 90 110
Angle of attack["]

Figure B4: Drag coefficient variation with angle attack for the NACA 4412erofoil
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Theblade element cocdevelopec followed ¢ highly iterative logic as shown FigureB.5. The code

was run for each increment in advance ratio froaticstconditions until the windmill state of tl

propeller was attaine

Calculate Lift
coefficient

L

Calculate
Downwash angle

Is
Calculated
Downwash

Assumed

Downwash

Calculate Thrust
Coefficient

l

Calculate Induced
Angle of attack

Is

Calculated
Induced

Change Assumed
Downwash angle
to calculated angle

A

Change Assumed
Induced angle to
calculated Induced
angle

Angle=
Assumed
Induced
Argls

Integrate Thrust,
Torque & Power
Coefficients

l

Output and store
results

Figure B5: Blade element prediction code logic diag
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Figure B6: Aerofoil element used in the blade element preaiictod:

UsingFigureB.6, the angle oattack of the blade elemen
a=pf—-¢p—a—c¢ (B.1)

wherep is the geometric blade ang¢ is thepath angleq; is the induced angle of attack, ac is

the downwash angle from the previous ble

The path angle is found us

Vv
¢ = arctan ( ann) (B.2)
Making use of the advance rat
%4
= — B.3
J nD (B.3)
This can be transformed it
¢ = arctan (L)
o (B.4)

This then relates the angle of attack of the adrgfmtionto advance ratio rather than veloc The
induced angle is determined througn iterative scheme as it varies with the amounthofist
produced. Initially; however, in arbitrary value or inducedangle and downwash archosen,
allowing for the determination of angle of attackhe lift coefficient is determine using the

polynomids of Figure B.3. and Figure B.4 Downwash is determin: using an approximation froi

245



Prandtl lifting line theory and assuming that aaiddt distribution is present. Thus the downwastm

be simply expressed as

B CL
&€= nARe

(B.5)

This unfortunately also affects the angle of attagkd thus the downwash is iterated, until a

converged solution occurs. Thereafter, the thrastficient can be estimated

dCT = %(IZDZ + 4m2r?)c(cleos(y) — cdsin(y)) (B.6)

This in turn affects the induced angle of attaclegiby

i G)ar) B

J(UZDZ) + 4n2r2)

a; = Arctan

(B.7)

wherey = ¢ + a; + ¢.

The procedure is iterated again until the inducedleaof attack has converged, at which point,
dCT anddCQ are calculated using (B.6) and (B.8):

dcQ = %(IZD2 + 4n2r?)c(clsin(y) — cdcos(y)) (B.8)

The power coefficient and efficiency can be deteediusing

dCP = 2ndCQ (B.9)

These quantities are then integrated numericainguSimpson's integration to obtain the total shru

and torque coefficients of the propeller.
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Appendix C - Digital Appendix

This appendix (attached CD) contains all of thedminnnel data, the flight dynamic code and a full

set of results for the simulations run.
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