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Abstract

An investigation into a three-dimensional, curvbmck wave interacting with a three-dimensional,
curved boundary layer on a slender body is prederitkree different nose profiles mounted on a
cylindrical body were tested in a supersonic windnel and numerically simulated by solving the
Navier-Stokes equations. The conical and hemispéleniose profiles tested were found to generate
shock waves of sufficient strength to separatebihiendary layer on the cylinder, while the shock
wave generated by the ogival profile did not sejgathe boundary layer. For the separated flow,
separation was found to occur predominantly onvilmelward side of the cylinder with the lee-side
remaining shielded from the direct impact of theidient shock wave. A thickening of the boundary
layer on the lee-side of all the profiles was ofbedr In the conical and hemispherical cases thidse

to the re-formation of the incident shock wave sahstance away from the surface of the cylinder. A
complex reflection pattern off the shock wave/bamdayer interaction (SWBLI) was also identified
for the separated flow cases. For comparative m@pan inviscid simulation was performed using
the hemispherical profile. Significant differendestween the viscous and inviscid results were noted
including the absence of the boundary layer leading simplified shock wave reflection pattern
forming. The behaviour of the incident shock wawetloe lee-side of the cylinder was also affected
with the shock wave amalgamating on the surfadeetylinder instead of away from the surface as
per the viscous case. Test data from the wind {uidiestified two separation lines present on the
cylindrical surface of the hemispherical SWBLI gexter. The pair of lines were not explicitly

evident in the original CFD simulations run, butre/&ater identified in a high resolution simulation
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1 Introduction

1.1 Background

Studies into shock wave/boundary layer interacti(®gVBLI) pre-date the advent of supersonic
flight. The earliest of these studies were condiiettetransonic speeds and the SWBLI were difficult
to investigate due to pockets of supersonic flowrathe generally curved surfaces. To overcome
these difficulties investigations were performedw@personic velocities causing the shock wave®to b
the sole source of a pressure gradient. The gemseised in these studies (flat plates and external
shock generators, flat plate ramps and steps, asymenbodies with flares and collars) provided
information on parameters such as Mach and Reymuidwbers and the importance of the state of the
incoming boundary layer. Several of these geonsetre still used in modern day SWBLI studies
(Dolling, 2001).

The knowledge and understanding harvested from SWM#Bldies is vital given the omnipresent
nature of SWBLI with high speed flight. Considere texample of two missiles flying in close
proximity to each other, or that of the side inekath centre bodies of a supersonic aircraft. Wing
body interactions, static probes in the presencehotk waves and even three-dimensional models
inside closed supersonic wind tunnels are alsoi@gifmns where SWBLI exist (Migotsky and
Morkovin, 1951).

SWBLI are generally viewed in a negative sensedaseheir adverse affect on various aerodynamic
parameters and performance. Consider a turbulemdaoy layer interacting with a shock wave; the
shock wave enhances the production of turbulencehwin turn amplifies the viscous dissipation
resulting in a substantial increase in drag forfilg® or wings. Should the shock wave be strong
enough to cause the boundary layer to separatentire flow field can change dramatically with the
formation of complex shock patterns and intensdices. Shock-induced separation may even be
severe enough to lead to large-scale unsteadipetmtially damaging the vehicle and limiting its
performance (Delery, 2001, Delery and Dussauge9)200he effects of SWBLI are not always
negative. The increase in the fluctuation levelsteng from the interaction can be used to enhance
fuel-air mixing in the combustion chamber of scretsy By combining a shock wave with boundary
layer separation, the shock wave splits reducimgwhve drag produced by the shock wave itself
(Delery, 2001). Certain types of jet-engine exhawsizles’ performance has also been enhanced by
the correct use of SWBLI (Anderson, 2007).

Over the course of the last fifty years a firm wustending of SWBLI, both two- and three-

dimensional, has been achieved. A majority of theliss undertaken have been limited to so-called



glancing or swept-shock interactions which coveseplethora of aerospace applications in the past
(Gai and The, 2000). With the evolution of aerogpgeometries and flight regimes, SWBLI will
become more complicated and an understanding ehergl interaction, between a three-dimensional
non-planar shock wave and three-dimensional nomapldboundary layer for example, will be
required (Dolling, 2001).



2 Objectives

The objectives of this study are to:

e Investigate and characterise the case of a curliedkswave interacting with a curved
(cylindrical) boundary layer utilising experimentadnd numerical experimentation
techniques.

¢ Determine the effect that varying the intensity tbé incident shock wave has on the
interaction.

e Characterise the flowfield on the leeward sidehefc¢ylinder with respect to the SWBLI.



3 Literature Review

A large portion of the standard material presentethe following section is taken from NACA
Report 1135 (1953): Equations, tables and chartsdmpressible flow (NACA, 1953). Any other

references used will be cited accordingly.

3.1 Oblique Shock Waves

When a supersonic compressible flow is turned thinoa concave corner an oblique shock wave
occurs. For illustration purposes consider theasitlm depicted in Figure 3.1. An initially supergon
flow is turned through an angle 6fby means of a rigid wall. Due to the supersonitreof the
flow, the presence of the corner is not detectethbyupstream flow and hence the flow changes its
direction by means of an obligue shock wave. Siteeflow is being turned through a concave
corner, the obliqgue shock is a compressive shockew&ompressive shock waves generate higher

static temperatures and pressure while simultamgoasising a drop in Mach number.

Figure 3.1: Supersonic compressible flow over acawa corner

The relationship betwedhandp is given by the following equation:

MZsin® -1
tan(6) = 2.cof ﬂ){Mz(ijs(ﬂzB)ﬁ 2} 3.1]

For every incoming Mach number (Mhere exists a maximum deflection anglg,.. If the geometry

dictates that the flow should be turned througlaagie greater thain., then no solution exists for a



straight obligue shock wave and instead the shaokevdetaches and becomes curved in nature. The
maximum values fof are shown (as a function of Mach number) in Figdide for a conical shock

wave (cone) and for a planar shock wave (wedge).

If the deflection is less than that of the presadibnaximum value, then two values [bExist; the
strong shock and the weak shock. As the valugiforcreases the changes across the shock wave
become more severe and the larger valug fisrknown as the strong shock. Conversely the small
value of 3 is known as the weak shock. Generally the wealklshall occur in preference to the
strong shock, however instances do occur whereéb#io& pressure is high enough and the strong
shock is forced to occur. For strong shocks therdtregam Mach number @Ylis subsonic, whereas
for weak shocks Mis supersonic unless the deflection angle is ctosthe maximum permissible
value for that Mach number. For a fixed value)off the free stream Mach number is decreased, the
shock angle increases (for the weak shock solutlbtt)e Mach number is decreased to a low enough

value no solution at all will be possible and theck wave will detach.

Calculation of the maximum turning angle is achdtely means of differentiating equation [3.1] with
respect t@ and noting that when shock detachment occlétsd = 0. A complete derivation of the

maximum turning angle can be found in countlesemapnd is deemed to be outside the scope of the

current work.

When shock detachment occurs, the shock moves abkatie corner (or wedge/cone) and
immediately forms a normal shock leaving subsoluw fbehind it. The normal shock is then curved
implying that each streamline encounters a diffestrock angle and deflects accordingly. Based on
the varying deflection of the shock wave, the prgpehanges across it are no longer constant.
Furthermore the flowfield behind the shock is nbtanstant entropy and is rotational (whereas the
flow upstream of the detached plane oblique sheakrotational in nature) and thus viscous stresses

become important.

Consider the situation where two obliqgue shock wawntersect each other. After the intersection, the
(oblique) shock waves continue as refracted shakes which turn the flow in a different direction
to that of the original deflection caused by théioal obligue shock wave. The resulting flow
(downstream of the intersection) is separated tiwto regions of parallel flow, each with a different

entropy value.



3.2 Prandtl-Meyer Expansion Waves

When a compressible supersonic flow is turned finoa convex corner, an expansion wave is
formed and is shown schematically in Figure 3.2isTik the converse of an oblique shock wave

which results from a flow turning through a concawener (as described previously).

Figure 3.2: Supersonic compressible flow over avemrcorner

Expansion waves differ from oblique shock wavethgir effect on the parameters of the gas through
the wave. Firstly, the Mach number of the flow emses through the wave, i.e, M M;. Secondly

the static properties of the gas decrease throngixpansion wave. Thirdly, the expansion fan (the
region from where the flow first begins to turndabgh a convex angle to where it settles to a final
deflection angle, i.e. the region boundedubyndy, in Figure 3.2) is a continuous region comprising
of an infinite number of Mach waves. The streanditi@ough the expansion fan are smooth curved
lines. Finally, the expansion occurs through aioous succession on Mach waves and is therefore
isentropic. As is the case with oblique shock vsawe maximum turning angle also exists for

expansion waves; however the derivation of suchcumtion is not relevant to the current study.

3.3 Supersonic Flow Past Bodies of Revolution

3.3.1 Conical Bodies of Revolution

Consider the case of a sharp solid cone with a-senbex angle ofic in a supersonic free stream as
shown in Figure 3.3. A bow shock forms on the verdé the cone, maintaining a fixed position

relative to the body if the flow is steady, and aéms attached as long ésis lower than a prescribed



maximum valuefuax). If the bow shock is attached to the vertex @f ¢bne, then the shock too has

the form of a circular cone.

Figure 3.3: Supersonic flow past a cone

Inspection of the streamlines illustrated in Fig®8& shows an initial (discontinuous) deflection
across the shock wave, before the streamlines @ongnuously downstream of the shock wave to
satisfy the continuity equation. The streamlinggmately become parallel (asymptotically) to the
surface of the cone (Irving Brown, 2002). The resutl flow between the shock wave and the surface
of the cone changes from a uniform flow paralletite free stream, to one which is irrotational and

conical in nature.

The flow between the shock wave and the surfaceéhefcone is characterised by a series of
concentric surfaces. On each of these surfaceBativequantities (pressure, density and temperature
for example) remain constant, and thus depend @mlgne space variable. The transition across the
shock wave is governed by the oblique shock relatmescribed in section 3.1 and is followed by a
continuous isentropic compression to surface cadit This isentropic compression results in the
shock wave detaching from the vertex of the cona atuch larger value fdic (for a given Mach
number) compared to that of a wedge. The variatiofax With cone/wedge angle and free stream
Mach number is shown in Figure 3.4 (NACA, 1953)s@khown is the condition for the transition
from supersonic to subsonic flow along the surfafcéhe cone (ignoring boundary layer effects). The
increase in detachment angle of the cone compar#tht of a wedge for any given Mach number is

also shown.



5.0 T
[
/ 1y
1
a8 f 1K
/
/
42 i £ {
T
e Wedges / Cones 7 /
/ /
38 S rau
7
r ; I
34 y A ;
VAF
4 /
= ViFilri
= X))
4 /s
M1 4 4&?'-0\ ard //
26 ) Tar
Mo = 1L.Ow 7t A
| | SNV LA A
Sheck Attached A1 NA
2.2 : b | | LXK 14 1A
e —1 Shock Attached W
P > .
E = '\v 4 /,
1.8 > nEd ; E
pLAPTrE
L= _/F L~
! P -~
1.4 - =t
- =
- m—— -
"00 4 - 2 16 20 24 28 32 36 40 44 48 52 o€

C1N

Figure 3.4: Shock attachment criteria, (NACA, 1953)

3.3.2 Ogival Bodies of Revolution
The flowfield around an ogival nose profile is lalgthe same as the conical case above and is shown
schematically in Figure 3.5. The separation andchthent criteria for the conical profiles (Figure

3.4) can also be applied to an ogival profile.

N /

Figure 3.5: Supersonic flow past an ogive



3.3.3 Hemispherical Bodies of Revolution

The fundamental differences between a conical mabfowfields and a hemispherical flowfield is i)
the detachment of the incident shock wave fronmehding edge of the profile and ii) the presence of
a stagnation bubble at the leading edge of the posfde. The flowfield around the hemisphere is

shown schematically in Figure 3.6.

Sonic line

Figure 3.6: Supersonic flow past a hemisphere

The sonic line demarcates the stagnation bubbiéioh the Mach number is less than 1. At Point ‘a’
on Figure 3.6 the shock wave is normal to the epsirflow and hence corresponds to a normal shock

wave. Away from point ‘a’ the shock wave becomessed and weaker.

3.4 Shock Wave Reflections

Consider a shock wave propagating through one medind encountering another medium
obliquely. The result will be a reflection of thécgk wave known as an oblique shock wave

reflection (Zucrow and Hoffman, 1976).

These reflections will generally be categorised edther regular reflections (RR) or irregular
reflections (IR). The RR case consists of two sheakes, the incident (i) and the reflected (r) v&ave
which meet on the reflecting surface at the reibecpoint (R), as shown in Figure 3.7. In the IR&a

a subset of IR known as Mach Reflection (MR) isvalan Figure 3.8. For the MR case a three-wave

system is established consisting of the incidenten@, reflected wave (r), a Mach stem (m) and a



slipstream (s). These four discontinuities all m&abve the reflecting surface at the triple poinit (

The point at which the Mach stem touches the reflgsurface is called the reflection point (R).

\
\ BT

,

R

Figure 3.7: Regular reflection wave configuration

Figure 3.8: Mach reflection wave configuration

The transition from RR to MR occurs when the sttieraf the incident shock wave increases, causing
the strength of the reflected shock to simultankgounsrease, to a point at which the reflected &hoc
can no longer deflect the flow parallel to the walis phenomenon is similar to the issue of shock
detachment described in section 3.1. The point latiwthe aforementioned occurs is called the
‘Transition Point’ and the criteria governing theset of MR are known as the ‘Transition Criteria’

(Scott, 1994). Both of these conditions have béenstudy of many studies and are considered to be
outside the scope of this work.
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When two incident shocks of exactly the same strergflect off each other, the overall flow fiekl i
identical to the case described above (an incideatk wave reflecting of a solid surface); however
the issue of SWBLI along the reflecting surface bamegated. Instead of a solid reflecting surface,
the incident shock waves simply reflect off eacheotalong the line of symmetry of the interaction
(Scott, 1994). The criteria for RR relaxes (witlspeect to maximum turning angle) with increasing
free stream Mach number and a dual solution doregists in which either RR or MR can occur.
Hysteresis effects determine which of the reflewioccurs. If the dual solution domain is approdche
from the RR domain, then RR will occur in the dsalution domain until the MR threshold is
crossed. Conversely, if the dual solution domaiapgproached from the MR domain, then MR will

persist until RR occurs.

3.5 The Structure of a Boundary Layer

The flow within a boundary layer along a solid sed can be viewed as a multi-layered structure as
shown in Figure 3.9 below (Delery and Dussauge9200

Outer potential flow (upper deck)

3
? Non-viscous rotational flow (middle deck)

S
V)
7

J/

>

7
~ Viscous sublayer (inner deck)
% ? 7|

Figure 3.9: The multi-layer structure within a bdany layer (Delery and Dussauge, 2009)

Each of the three layers in the sketch respondsrdiitly when acted upon by a rapid pressure
gradient (such as a shock wave). Some of the bdwmcacteristics of the different layers are as

follows (Delery and Dussauge, 2009):

1. The outer inviscid layer (labelled the upperlkdet Figure 3.9) is usually irrotational (i.e.
isentropic) and thus obeys the Euler and poteetgiations. There are instances where this
layer is rotational such as downstream of the airsteock wave formed ahead of a blunted
leading edge/nose. In this instance what is refeiweas an ‘entropy layer’ is formed.

2. Closer to the surface a region exists wherefltve can be considered inviscid but still
rotational (labelled the middle deck in Figure 3.8) this part of the flow the viscosity

contributed to entropy creation which consequeleihyls to the creation of vorticity. This layer
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is a region where the stagnation pressure is arialt the stagnation temperature is nearly
constant.

3. The third layer, or inner deck, is in direct tza with the wall and is necessary for the
transition between the middle deck and the surfabes viscous layer is required to avoid any
inconsistencies as it is not possible for an indisttow to reduce its velocity without a
corresponding rise in static pressure. The stagm@tiessure and the static pressure are equal at
the wall due to the velocity at the wall being dqgimazero — a requirement of the no-slip

(friction) condition.

3.6 Cylindrical Boundary Layers in Axial Flow

Boundary layers forming along flat plates have beesearched extensively and are very well
understood. The simplest example of this is thesiB&acase in which the flow is over a flat plate
aligned with the flow in which the pressure gratienzero. For the case of cylindrical boundary
layers, that level of research and understandingpisas well developed. Consider a solid circular
cylinder axially aligned to the free stream. Thewaliar profile of the cylinder will require the fioto
adjust to the presence of the cylinder and a nonpeessure gradient will be established which
decays asymptotically along the length of the ddm(Tutty, Price and Parsons, 2002). Cylindrical
boundary layers, despite their relatively simplergetries do not have a universal similarity solutio
due to the variation in space co-ordinates usetinvithe boundary layer. The two choices for the
space geometries are eitlxey or x, r. The choice of co-ordinates is dependant on tickrbss of the
boundary layer; if the boundary layer thicknessmgll in comparison with the radius if the cylinder
(known as the Blasius case) then xtendy co-ordinates should be selected, while if thekimgss of
the boundary layer is large in comparison withri@ius of the cylinder (known as the needle case)
thenx andr should be utilised (Sawchuk and Zamir, 1992).

Quantifying the limits in a more tangible mannemdae done by means of a non-dimensional

parameter from the work of Sawchuk and Zamir (1992)

RIS

a 14 a

As the value of tends to infinity the needle limit is approachedhile asé tends to zero the Blasius

limit is approached.

Near the front of the cylinder the boundary layewvery thin when compared to the diameter of the

cylinder and the boundary layer takes on charatiesivery similar to a Blasius case. This is enide
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upon inspection of equation [3.2]; the nearer ttomtf of the boundary layer (i.e. the smaller the
value) the smaller the value & and hence the layer tends towards the Blasius. dasgher
downstream the Blasius solution begins to becoradequate as the curvature of the boundary layer
becomes prominent and a series of numerical metliasequired to fully characterise the boundary
layer (Tutty et al., 2002). The boundary layer tloats on a cylinder is generally thinner than thiat

a Blasius boundary layer forming on a flat platd @ontains smaller radial velocities. The reduced
boundary layer thickness on the cylinder causeskhrefriction value to be larger. It has been show
that as one moves down the surface of a cylintlerskin friction can be as much as 20 times higher
than it is on a flat plate. It is worth noting thhis value is heavily dependant on both the ddimiof

the characteristics selected for the Reynolds nondsewell as the axial location of the calculation
(Sawchuk and Zamir, 1992). The combination of tharter boundary layer and higher skin friction
value suggests that the boundary layer on a ciraylender is a very stable one. Tutty et al. (2002
have indeed shown that for low Reynolds numberdltwe within the cylindrical boundary layer is

unconditionally stable.

3.7 Shock Wave Interaction with a Cylindrical Body

The reflection and diffraction of shock waves ofidaaround wedges and corners is very well
documented due to the many works on the subjeat tbeeyears. In contrast relatively few studies
have been undertaken into the interaction of alslweave with a cylinder. Due to this limited

availability, at the time of writing no study wasuind that detailed the interaction of conical shock
wave and a cylinder — the underlying geometry @f ¢hrrent study. As a result only studies with
geometries that roughly approximated that of theetu work were available for comparison. One
such case was the interaction of a three-dimenkiomstieady shock wave with an oblique cylinder
(Timofeev et al., 1997). This investigation invavéhe numerical and experimental investigation of
an initially plane shock wave reflecting of an gole cylinder. The Mach number of the incident
shock wave varied from 1.2 to 3. Due to the higlgridéd number of the flow an Eulerian inviscd gas

model was used for the numerical simulations.

The shocked flow around the cylinder was foundealtruly three-dimensional, unsteady flow with
quantitive parameters that differed from the asged planar and axisymmetrical cases. Both regular
and Mach reflection was found to occur simultangoos the surface of the cylinder with a complex
three-dimensional Mach stem of variable curvatdrke triple point line was found to be tangental t
the cylinder wall resulting in difficulties (bothxgerimentally and numerically) in measuring theatxa
location of the transition point. A plan view oktflow development is given schematically in Figure
3.10 below (Timofeev et al., 1997):
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Figure 3.10: Three-dimensional shock wave reflectiod diffraction around an oblique cylinder

3.8 Anatomy of Shock Wave/Boundary Layer Interactions

3.8.1 SWABLI with Separation — Strongly Interacting Flows

Consider a supersonic flow over a surface, alonghwh boundary layer has formed, wherein an
obliqgue shock wave impinges on that surface (sgerBi3.11, Anderson, 2007). At the point of
impingement, the boundary layer would experienceirdinitely large adverse pressure gradient
arising from a discontinuous pressure increases Thessure discontinuity is a result of the
combination of the pressure increase across betmtident and reflected shock waves at the pdint o
impingement. When a boundary layer experiencesrge laressure gradient it separates from the
surface along which it had been hitherto attach&e. resultant flow field in the vicinity of the stio
wave impingement becomes one of mutual interadtietiveen the shock wave and boundary layer
(Anderson, 2007). It is worth noting at this pdinat the behaviour of the separating boundary layer
in a compressible flow is largely the same as tiian incompressible separation. It has even been
suggested that shock-induced separation is mehelycompressible facet of a general separation
phenomenon, with the shock being the epiphenomehtme process. The most prominent feature of
the shock separation is the associated shock patserd their affect on the entire flow field (Dgler
2001).
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Figure 3.11: Anatomy of a SWBLI with separation

Due to the supersonic nature of this flow, the egjoprofile of the boundary layer will be subsonic
near the wall and supersonic near the outer edgehd incident shock impinges on the boundary
layer, a large pressure gradient is formed by tlesgure rise across the shock. This pressure gtadie
causes the boundary layer to (locally) separatm ftbe surface. The high pressure gradient also
causes the high pressure behind the shock to patgpagstream through the subsonic portion of the
boundary layer, and hence the separation occur¢reaps of the theoretical inviscid flow
impingement point. The separated boundary layen tleflects the external supersonic flow through
a concave angle and thus causes a second shock labeked in the Figure 3.11 as the induced
separation shock wave. Subsequently, the sepdvatettiary layer turns back towards the plate and
reattaches to the plate at some downstream localiois reattachment also induces a shock wave
called the reattachment shock. In the region betwibe separation shocks, the supersonic flow is
tuning back towards the plate and an expansionidagenerated. At the point of reattachment the
boundary layer has become relatively thin, the sues is high and thus a region of high local
aerodynamic heating is formed. Further away froenglate and the interaction region the separation
and reattachment shocks will merge together andldiadield resembles an inviscid scenario similar
to that of Figure 3.7 (Anderson, 2007).

The scale and severity of the interaction is largilpendant on the nature of the incoming boundary
layer, i.e. is the boundary layer laminar or tudoi? A laminar boundary layer will generally separa

more easily than a turbulent boundary layer, thievanar interaction will occur more readily with
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more severe consequences than the turbulent itilera€he overall qualitative aspects of both types

of boundary layer remain unchanged (Anderson, 2007)

Parameters affected by SWBLI include the pressshtear stress and heat-transfer distributions. On
the subject of the latter, local heat-transfer gabt@ve shown to increase substantially at the
reattachment point and at hypersonic speeds cantgrbe an entire order of magnitude larger than at
neighbouring locations. As an example of the eftattthe pressure distribution along a flat plate,
consider the work of Baldwin and Lomax (1978). Waih external Mach number of 3 ahead of the

incident shock, it was found that pressure increase

rred as much as four times the boundary layer
thickness ahead of the theoretical inviscid impmget point. With respect to shear stress along the
surface it was observed that in the region of sepdrflow the shear stress value became small and

reversed its direction due to the re-circulatirayl

3.8.2 SWABLI without Separation — Weakly Interacting Flows

When the incident shock wave impinging on the bawmpdayer lacks the necessary intensity to
separate the boundary layer, a weak interactionrecs sketched in Figure 3.12. In this instanee th
incident shock wave penetrates the boundary laygpaogressively bends towards the surface due to
the local decrease in Mach number. Correspondinigéy shock wave weakens and eventually
disappears when it reaches the sonic line withen dbundary layer. The pressure rise across the
incident shock is felt upstream in the same maasdor the SWBLI with separation case described
in section 3.8.1 above. The overall shock pattean tesults does not depart from the inviscid smhut

(a simple incident-reflection pattern) dramaticadlgd hence the interaction is said to be a weak
interaction insofar as the flow is weakly affect®gthe viscosity of the air (Delery and Dussauge,
2009). The adverse pressure gradient across thaenicshock wave dilates the subsonic portion of
the boundary layer which acts as a ramp for thers@nic outer region of the boundary layer. This
ramp forms compression waves which ultimately cazdeo form the reflected shock wave shown in
Figure 3.12.
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Figure 3.12: Anatomy of a SWBLI without separation

3.9 Three-Dimensional SWBLI Investigations

As highlighted previously, the investigations intbree-dimensional SWBLI that have been
undertaken have generally been limited to glan@ngwept-shock interactions, whereby a shock
generator is used to generate a planar shock wesps across a planar boundary layer. These types
of configurations are by definition three-dimensibsince the interaction will take place in three
mutually perpendicular directions; however the shaaves and boundary layers involved are still

planar in nature.

3.9.1 Conical Shock Wave/Planar Boundary Layer

An interesting three-dimensional SWBLI is that besén a conical shock wave and a planar boundary
layer, as investigated by Gai and Teh (2000) amb¥#1968) and illustrated in Figure 3.13. It is of
interest to note that due to the underlying sirtilss in their geometries, it has been proposetaha
conical shock wave interacting with a planar boundiayer, and a planar shock wave interacting with
a cylindrical boundary layer are identical, aldeitthe absence of a boundary layer (Migotsky and
Morkovin, 1951). Gai and Teh (2000) testing at acMaumber of 2.0 initially found that as the
strength of the shock wave increased (in this nt#aan increase in shock strength was achieved by
increasing the cone angle of the shock generataeldsas the height of the cone above the flatg)lat
the reflected shock’s origin moves further upstresith respect to the rest of the interaction. This
movement of the reflected shock was attributedrtanarease in size (again proportionately to the

strength of the shock wave) in the separation uldacurring within the boundary layer. The
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reflected shock was also found to be the resuh@ftoalescence of the compression waves within the
boundary layer and formed ahead of the incidentlehall of the aforementioned features closely
matched those identified by Panov (1968) in anieastudy into SWBLI using the same conical

shock and planar boundary layer configuration attM2.87.

Conical shock wave generatc&

Conical shock wave

Planar boundary Iaye\

Figure 3.13: Schematic of a conical shock waveauting with a planar boundary layer

The surface oil-flow patterns presented in Gai dieth's work showed a curved separation that
reduced in size as the interaction weakened mowawgy from the plane of symmetry of the

interaction. It was also observed that for larganechalf-angles (26° for example) there existed not
only a primary separated zone, but also a secondapgration embedded within the primary
separation zone. No definite explanation was offdog this phenomenon. For smaller cone angles
(16°) no separation lines were noted on the pltieen separation did occur it was observed to be
curved in nature. The axis of the curvature wasnabtto the flow direction at the plane of symmetry
of the interaction, and bended in a spanwise daectntil ultimately becoming parallel to the

freestream flow. It was this curvature that Gai dmeh attribute to the generation of a horseshoe

vortex forming on either side of the axis of symimpet

Gai and Teh (2000) also found that the cone haifeathat would lead to the onset of incipient
separation could be estimated by normalising thasomed separation length with respect to the
height of the boundary layer. Plotting the resafs function of cone half-angle and extrapolattiey
data to where the normalised separation lengthyisleto zero suggests that incipient separation
would occur for a cone half-angle of approximateRy. Doubling this gives a full cone angle of 35°
and a corresponding pressure ratio of 1.4. Whitel#tter value was found to be lower than thatafor
swept-shock and/or two-dimensional SWBLI, it is sistent with the fact that in general the incipient
separation pressure in three-dimensional separatiomess than that of its two-dimensional

counterpart. Another parameter affecting the iripi separation pressure in this particular
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configuration is that of the cone height above ftae plate. This was initially proposed by Panov
(1968) and acknowledged by Gai and Teh (2000), sthted that for a two dimensional interaction,
the critical pressure ratio for a constant Mach bemis independent of the height of the shock
generator, whereas for a three-dimensional casgngathe height does have an effect on the critical

pressure.

Surface pressure measurements were also takenibgn@a eh (2000) by means of an interaction

grid consisting of pressure orifices spaced betvagam and 4mm apart. It was noted that even at the
minimum pitch of the pressure orifices (2mm), thealution of the grid was still of the order of the

boundary layer thickness (2.4mm) and hence tooseoar capture some of the finer aspects of the
SWBLI. In general the surface pressure data gadh&trehe various stations showed a rise from the
reference free stream pressure, to a maximum \atgepassing through the incident-reflected shock
system at the surface of the plate. A decreadedmpéak pressure values with spanwise position was

noted as was the lack of a pressure plateau —raathestic often associated with flow separation.

3.9.2 Planar Shock Wave/Cylindrical Boundary Layer

Another type of SWBLI that has been investigatedhet of an interaction between planar shock
waves and cylindrical bodies as shown in Figuré.3Such a study was undertaken by Morkovin et
al. (1952) investigating both a laminar and turbtileoundary layer at a Mach number of 1.90. Of
primary interest in this study was the anomalodtecton patterns predicted by the non-viscous
theory; however the more general flow features prassure distributions associated with SWBLI

were also examined.

Cylindrical boundary layer

0 )

\
Planar shock wave

Figure 3.14: Schematic of a planar shock waveaweterg with a cylindrical boundary layer

On the subject of the flow features it was fourat thoundary layer cross-flows (boundary layer flow
across meridional planes) were ubiquitous for alhfigurations examined and result from the

pressure gradient formed by the impinging shock evaoundary layer cross-flows modify the
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effective boundary (or shape) of the three-dimemaicsurface. The cross-flows are an important
aspect of the three-dimensional nature of the prabland thin the boundary layer downstream from

the point of incidence (Morkovin et al., 1952).

The pressure distributions recorded by Morkovialeshow that the net pressure rise resulting from
the SWBLI is smaller for a thicker boundary layathathe effects of the net pressure rise felt ferth
upstream. For a thinner boundary layer the convierseie. This phenomenon is due to the subsonic
layer that exists within the boundary layer; akbicboundary layer will have a thicker subsonicelay
and thus will allow more information pertainingttee adverse pressure gradient etc., to be propghgate
upstream. It was also found that the maximal valofeshe net pressure rises fell short of those
predicted by theory. This anomaly was ascribech&othickness of the boundary layer which could
accommodate large scale radial pressure gradiamst@ the three-dimensional effects of the

boundary layer cross-flows (Morkovin et al., 1952).

One of the most notable and important featureshef gressure distributions was the bump just
forward of a pre-defined datum point for the stragpck case. The pre-defined datum point in this
case was the pressure orifice located on the 90/”ize and 0.29 inches (7.37mm) forward of the
centreline of the window. This bump was found teuwcup to 1.2 inches (30.48mm) forward of the
datum point and was attributed to the boundary rlagress-flows on the incident side of the
impingement point. Another interesting result waes behaviour of the pressure rise as the lee-$ide o
the cylinder was approached. Instead of the forviantp preceding a much larger pressure rise that
occurred approximately half an inch (12 mm) dowsestn of the impingement point, as the lee-side of
the cylinder was approached the forward bump bedamenain pressure peak. Despite the fact that
the lee-side of the cylinder is shielded from th&dent shock wave, a pressure rise still occuggeth

because of the cross flows within the boundary @dein et al., 1952).

Another pertinant study was carried out by Broshakt (Brosh et al., 1985) and detailed the
impingement of an obligue shock wave (generatedguaiwedge of vertex angle 16°) on a cylinder.
Experimental work was undertaken in a supersonmdwinnel at a freestream Mach number of 3.0,
corresponding to a freestream Reynolds number efi§er meter. Experimental measurements

were compared with numerical computations dueecctimplex nature of the flows.

Brosh et al. found that the flowfield around théirgrical body could be divided into four different
sections:
i.  The windward region where the incident shock wampinges on the cylinder. This region is

governed by sever pressure gradients and sheasedreaused by the impinging shock wave.
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i. The leeward region where the flow is generally safga. This region is governed by the
cross flows and thickening of the boundary layer.

iii. The upstream region ahead of the incident shoclewghis region is undisturbed, parallel to
the cylindrical body’s axis and at a Mach numbeB.of

iv.  The downstream region behind the expansion fanecalog the convex corner of the wedge.
In this region the flow is straightened by the eaxgdan fan caused by the wedge although the
difference in boundary layer thicknesses betweemindward and leeward sides still causes

some cross flows to develop.

The surface flow pattern generated on the cylirsthewed two separation lines as well as a point of
reattachment. The most upstream of the two separéities was found to terminate on the leeward
side of the cylinder. The other separation line pped itself around the cylindrical body while

changing its yaw angle from lateral to axial in firecess. This separation line became the primary
leeward separation line. A secondary leeward sé@parbne was also observed. Intense cross flows
of the same magnitude as the freestream axial fl@re noted between the 10° and the 100°

meridians.

The leeward interaction showed three distinct negjid he first of these was the most upstream region
and was characterised by a thick boundary layer,fldw within almost being stagnant. The next

region (downstream of the former region) was charsed by the two separation lines mentioned
above. The third, and final, region was the mostrtkiream of the three regions and was heavily
affected by the expansion fan generated by the svadg thus of less interest. The straightening of
the flow by means of the expansion fan served takee the separation lines which eventually

disappeared.

3.9.3 Conical Shock Wave/Cylindrical Boundary Layer

An investigation into the SWBLI generated by a cahishock wave impinging onto a cylindrical
boundary layer was carried out by Kussoy et al8Q)9Even though the experiment was described as
a “three-dimensional shock wave separatingwa-dimensional turbulent boundary layer”, the
resultant interaction is described as being higifiige-dimensional. The experimental setup, shown in
Figure 3.15, involved a conical shock wave gener@one half-angle of 15°) at an angle of attack of
15° located concentrically within a tube, which waked with various measuring stations at certain

axial and azimuth positions. Tests were run aee $tream Mach number of 2.2.
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Figure 3.15: Experimental apparatus used by Kussay (1980)

Based on the surface oil-flow patterns gatherenhfexperimentation, Kussoy et al. (1980) were able
to identify the shock trace footprint of the intetian. A horseshoe shaped trace was evident which
eventually disappeared on the leeward side of tha ander investigation. This horseshoe shape
arises from the sweep of the conical shock waveazinuth positions of approximately +135° and -
135° the trace of the shock wave turns parallelthie flow direction. A separation bubble
approximately 28mm in length was measured alongvihdward ray (0°) of the cylinder. Significant
yawing of the flow was noted in the relatively thiayer close to the surface where the low

momentum (low velocity) fluid resides in a turbul&oundary layer.

The data collected from the pressure measurembotsssthat initial rise in surface pressure varies
with azimuth and axial position; along the 0° rég tpressure rise occurred approximately 100mm
from the leading edge of the cylinder, while aladhg 180° ray the rise only occurred at a distarice o
180mm. The magnitude of the pressure rises (the ohtmaximum wall pressure to the free stream
wall pressure upstream of the interaction) was fead to vary azimuthally from 1.8 to 1.5 from 0°

to 180° respectively. A surface pressure platedte@noused to imply the existence of streamwise

separation, was not evident along any of the mamidays (Kussoy et al., 1980).

Kussoy et al. (1980) performed numerical simulaiarf the interaction by means of solving the
Navier-Stokes equations for a compressible fluide ®verall behaviour of the pressure with varying
position was found to be well predicted by the nuioad results, as was the magnitude of the pressure
rise along each of the azimuth rays. The accur&tyeostreamwise location of the pressure rises was
found to be insufficient for the smaller valuestioé azimuth angle. The calculations were found to
under predict the initial pressure rise on the bBeewside of the cone and over predict on the

windward side. The resultant shock footprint of theasured shock (relative to the computed shock)
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would reveal a more curved horseshoe shapes shek ti.e. the pressure rise would begin further
upstream for smaller values of and further downstream for larger valuespofThese quantitative

differences between the measured and computedadestattributed to the simple turbulence model
(turbulence effects were described using an egquhib algebraic eddy viscosity model) used in the

study.

At the time of writing no other work on fully thretmensional SWBLI has been located in the open

literature.

23



4 Facilities and Methodology

All experimental data was gathered using the sop&swind tunnel facility located in the
Barloworld Laboratories, North West Engineering bé University of the Witwatersrand. Numerical
experimentation was performed using The Univesit@omputational Mechanics Laboratory, also

located in the Barloworld Laboratories.

4.1 Experimental Facilities and Methodology

4.1.1 Supersonic Wind Tunnel

The supersonic wind tunnel used for the testingsisted of the primary sections, namely the
collection tank / reservoir, the test section dmel éxhaust. Auxiliary to this was the compressat th

was used to pressurise the reservaoir.

Test Section Pressure
Gaunge and Safety Switch

Silencer and
Diffuser

Settling Chamber
Pressure Gauge
Second
Throat

Counter

Test
Section

{Converging-Diverging
J Nozzle)

Settling
Expansion Chamber
Cone

Figure 4.1: Schematic layout of the supersonic wimshel

The supersonic wind tunnel was extensively oveegtwhuly the author before any consistent and
meaningful results could be collected from it. Twerhaul included regular maintenance on several
of the internal components as well as replacemiecentain parts where necessary. A full description
of the overhaul can be found in Appendix A: Windifial Overhaul.
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Table 4.1: Technical specification of the wind tahn

Manufacturel Aero Lat
Test Section Dimensions [mm X mi 101.6 x 101.
Test SectiotArea [mn-]: 10322.5!
Mach Number Rang 1.5-3.F
Maximum Supply Pressure [kP 96¢
Maximum Test Pressure [MP 3.0¢
Maximum Operating Temperature [* 112
Maximum Blow Time [s] +15

Second Throat Area [rr]: 946(
Compressor

To provide the necessary pressure for the operafidhe wind tunnel, the storage vessel is fillgd b
means of an electronically driven reciprocating pogssor. The compressor is automatically
switched off when the pressure in the storage Vessehes above 1.5MPa, the oil pressure in the
compressor drops below a pre-determined value enwhe cooling water supply’s flow rate is too

low.

Table 4.2: Technical specifications of the compoess

Manufacturel Reavell & Cc
Model: CSA <
Maximum Operating Speed [rpr 100(C
Regular / Normal Operating Speed [rp 96(
Maximum Delivery Pressure [MP. 1.k
Maximum Design Pressure [MP 3.1
Maximum Power [kW] 18.7

Dryer

The air supplied to the storage vessel from thepressor is done so via a dryer unit which removes
moisture from the air entering the tank. It is impat that all moisture is removed from the airaso

to prevent a condensation shock from forming duthregstart-up of the tunnel. The dryer consists of
a series of oil and water filters, followed by tmain unit which is a pressure vessel containingllsma
pellets of silica crystal which absorb the remagnimoisture from the air. By absorbing the moisture
from the air, the silica crystals become saturatetl must be dried themselves. This process is known
as ‘regenerating’ the dryer. Regeneration of tlyedis achieved by blowing hot air through the drye
over the crystals for a period of 3 hours, a preaamtrolled by a thermocouple and relays switch

attached to the dryer housing.
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Table 4.3: Technical Specifications for the dryer

Manufacturel

Arlec Engineering Works Ci

Design Pressure [kP.

213¢

Working Pressure [kPz¢ 213¢
Working Temperature [°C 10C
Test Pressure [kP:i 277
Test Temperature [°C 10C

Storage Vessel

Figure 4.2: Air dryer unit

Table 4.4: Technical specifications of the storaggsel

Manufacturel Kies & Travers Lt
Storage Volume [ 9.04

Operating Pressure [MP 1.t

Operating Temperature [°( 122

Operating Design Pressure [MF 2.07
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|

Figure 4.3: Supersonic wind tunnel storage vessel

Settling Chamber

The settling chamber is located downstream of tharoontrol valve and eliminates any large scale
pressure fluctuations and turbulence arising from passage of the flow through the main control
valve. The chamber consists of a flow distributitmaffle) cone and three stainless steel screens
downstream of the distribution plate. A sectiorsmhematic of the settling chamber is given in Fégur
4.4 below.

Flow Distribution  Stainless Steel
Cone Screens

From Main V

Valve e To Test Section
, RN
N
,
| ¥
L]

Settling Chamber

Figure 4.4: Sectional view of the settling chamber

During operation of the tunnel, the air in the lgegtchamber can be assumed to be at zero velocity.
For this reason the stagnation pressure is measyredeasuring the static pressure in the settling
chamber. The required stagnation pressure witlarséttling chamber is set at the wind tunnel cdntro
panel located in the wind tunnel control room. Htegnation pressure must exceed a certain value
(depending on Mach number) for the flow within thst section of the tunnel to go supersonic.
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Figure 4.5 was generated by calculating the vanmassure loading values across the pilot and main

control valves for each different Mach number.

600 T T T T T J T ¥ T ¥ T T T T ¥ T
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Figure 4.5: Minimum Stagnation Pressure Curve

First Throat

The first throat of the wind tunnel consists ofligisg block used give a stepless change in Mach
number from 1.5 to 3.5. The area of the throaetemnined by the relative position of two blocks; a
upper block, fixed in position and forming the raffthe tunnel, and a sliding lower block which is

the floor of the tunnel. This configuration is shoschematically in Figure 4.6.
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Figure 4.6: Schematic representation of the slithlogk first throat

The Mach number in the test section is a functiothe ratios of the area of the test section to tha
the first throat. Sliding the block forward (theyetecreasing the throat area) increases the Mach
number in the test section, while sliding the blbekkwards (increasing the throat area) decrehses t
test section Mach number. The position of the blsckdjusted by means of a hand wheel that is
attached to a veeder counter which shows the velgisition of the sliding block. The value of the
veeder counter is therefore used to obtain theiregjMach number in the test section. A calibration
of counter reading versus Mach number is thus secgsand is given in Figure 4.7 below. A detailed

explanation of the calibration is given in sectha3 of Appendix A.
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Figure 4.7: Mach number calibration curve
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Test Section

The test section of the tunnel has a working area 4” (101.6mm x 101.6mm), allowing for a
maximum model cross-sectional area of approximaf®@@mni. Two schlieren quality rectangular
windows (in removable frames) form the side waflshe test section. Five static pressure ports are
located on the upper wall of the test section,ntiigdle of which presently houses the safety switch.
The pressure transducer measuring the pressune tegt section is located in another of the pasts

is a gauge for an instantaneous readout of theyred the test section.

Second Throat

Downstream of the test section is the second thootdte wind tunnel. The second throat is designed
to bring the flow back to subsonic conditions frdme supersonic velocities within the test section.
This is achieved simply by means of a hump locatethe floor of the tunnel, contracting the area of
the tunnel by 8.5%. Due to the fixed nature of¢batraction, the second throat must be designed for
the lowest operational Mach number of the tunneldés these conditions (i.e. at Mach 1.5) the flow
becomes subsonic across a weak shock wave locataeddiately downstream of the second throat.
As the Mach number increases, the flow only slowsvid through the second throat before
accelerating again, and returns to subsonic floero§&s a stronger shock) at a location further

downstream.

Pressure Control System

In order for the flow in the tunnel to become sigpeic, a certain minimum stagnation pressure is
required. Furthermore it is required that this pues be kept as close to constant as possiblééor t
duration of the test so as to prevent fluctuationshe Reynolds number of the mean flow. The
stagnation pressure is kept constant using a eglftating, pneumatic system the layout of which is
shown Figure 4.8. During the initial phase of at & stagnation pressure varies as a damped

sinusoid and takes up to 10s to settle.
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Figure 4.8: Pneumatic layout for the pressure obsfrstem

The control system uses air tapped off the mainrobwalve located immediately downstream of the
reservoir, and is fed to both the control panel@ing a direct reading pressure gauge and a regulat
and the pilot valve. The regulator located wittiie tontrol panel sets the pressure in the air hgadi
line to the diaphragm of the pilot valve, while ttieect reading pressure gauge indicates the peessu
being supplied to the pilot valve. With pressure\abthe diaphragm, the pilot valve opens and high
pressure air flows through the high pressure lméhe first solenoid valve. This action effectively
primes the wind tunnel for a blow down. Pressirg‘@unnel Run’ button on the control panel opens
the first solenoid valve allowing the high pressaireto load the diaphragm of the main control ealv
The main control valve is then opened and air flaws the settling chamber of the tunnel. As the
pressure in the settling chamber increases théddekdline from the settling chamber to the pilot
valve loads the underside of the diaphragm of tloe galve, and the pilot valve partially closeid
partial closure of the pilot valve lowers the pressof the air supplying the main control valvedan
that in turn partially closes and the flow into teettling chamber is subsequently reduced. This
process continues (in the damped sinusoid mentiatesde) until the desired pressure is achieved
and maintained.

A critically important aspect of the pressure cohstystem is the safety shut-off system. This syste
consists of a single pressure switch (introducezipusly and detailed in Table 4.5) that supplies

power to solenoid valve (SV) 1, located at thetpimlve, and SV2, located at the main control valve
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Should the static pressure in the test sectionaliee a set level, the safety switch will cut-ii#
power supply to SV1 causing it to shut, while sitankously energising SV2 allowing it to open. The
result is that the high pressure air supplied értfain control valve is terminated at SV1 and any a
remaining in the pressure line from the pilot valweghe main control valve is vented to atmosphere
through SV2, shutting-down the wind tunnel rapidly.is recommended that the safety shut-off
system be tested approximately every three mowtlensure it is operating correctly (Scott, 1994).

Tests are performed by applying a known load tosthigch and seeing at what pressure the solenoid

valves are activated.

Table 4.5: Specifications of the pressure contystesn

Main Control Valve

Manufacturer and Typ

Spence Engineering 6” Type E Press
Reducing Regulator

Operating Pressure Range [ki

0-45C

Pilot Valve

Manufacturer and Tyy

Spence Engineering Type A85 Air Adjust
Pilot Valve

Operating Pressure RankPa]:

0-45C

Solenoid Valve- Main Control Valve*

Manufacturer and Tyy

ASCO SC B321A00C

Differential Pressure [kP¢

70-140(

Solenoid Valve- Pilot Valve*

Manufacturer and Tyy

ASCO SC B320A18

Differential Pressure [kP¢

0-170(

Safety Switct

Manufacturer and Tyy

ASCO Tr-point PB10/

Operating Pressure Range [ki 0-42C

* A full specification listing of the solenoid vadg is available in Table A 4 and Table A 5 in

Appendix A: Wind Tunnel Overhaul.

Data Acquisition System

The Data Acquisition System (DAQ) used consistetheffollowing components:

Front end pressure transducers
¢ Single unit power supply

o Amplifier

e Oscilloscope

¢ Computer based DAQ software package
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Table 4.6: Oscilloscope Specifications

Manufacturel Yokogawe

Model: DL1200A Digital Oscilloscop
Number of channel 4

Operating Frequency [MH: 10C

Pressure Transducers

The tunnel is currently fitted with two electricatessure transducers. One is fitted to the settling
chamber (representing the stagnation pressurejh@nather to the test section (representing thesta
pressure) of the tunnel. Both of the transducezskgowa PG-type strain gauge pressure transducers
which output a 2mV/V signal from a 10V power supplyis results in the maximum output of the
transducers being a very small 20mV. Thereforeraplifier is used to boost the signal and reduce

the noise in the signal.

Table 4.7: Pressure transducer details

Settling Chambe Test Sectiot
Transducer Transducer
Type Kyowa PC-10KU Kyowa PC-2KU
Maximum Pressure [kP 981 19¢€
Maximum Overload Capabilitie 150% 150%
Supply Voltage [V 10 10
Full Scale Output [mV/\ 2.C 2.C

In view of the fact that the transducers outpugiisen in Volts, a calibration converting the output
voltage to pressure (Pascals) is required. Thereaion curves for each of the transducers arengive

in Figure 4.9 below:
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Figure 4.9: Pressure transducer calibration curve

Due to the limited range of the calibration weightgilable, the test section pressure transducer
(2KU) could only be calibrated using two data pwirih spite of this the calibration curve matched
previous calibration data and gave satisfactorylt®svhen used to process raw data from the wind

tunnel.

4.1.2 Flow Visualisation — Schlieren Photography

Schlieren is the succinct name given to imaging ¢hnadient disturbances of inhomogeneous
transparent media. Schlieren is an optical imagetwtvia the level of illuminance, highlights the
changes in the first derivative in the refractimdex in the medium under investigation. The scaher
system is often favoured to the shadowgraph systeihis generally more sensitive to disturbances
(Settles, 2001).

For the purposes of this study, a Z-Type two-mirsghlieren system was utilised. The Z was
configured in the vertical plane (due to spaceragds in the wind tunnel control room) using a
vertical gantry. The configuration of the system t& changed to the shadowgraph technique by the

simple removal of a single component.
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Figure 4.10: Schlieren photography layout

Light Source

The light source used was a continuous light soaorsisting of a General Electric 650W Halogen
light bulb (as used in overhead projectors). THecsien of a continuous light source over a flash
lamp light source is explained in Appendix A: Wimidnnel Overhaul. The lamp requires a 24V AC
power supply, and due to its high power rating ¥%0a cooling fan to prevent the bulb from
overheating and possibly shattering. The light sewas also fitted with a dimmer switch to adjust

the intensity of the bulb.

The second component of the light source, the awelelens, is a 30mm diameter lens with focal
length of 40mm mounted onto the block housing g to ensure that both the lamp and lens are

axially aligned. The condenser lens is used toddhe light ray onto the source knife edge.

Mirrors
The Z-Type two-mirror schlieren system, as its nasuggests, uses two mirrors as the schlieren
heads. In this instance the mirrors used were t&06F (152.4mm) diameter parabolic mirrors. The

mirrors are surface coated and thus can be cleahed necessary.
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4.1.3 Flow Visualisation - Oil Surface Flow Visualisation

Oil surface flow visualisation was utilised as bwid provide the most suitable illustration of thav
on the surface of the cylinder in the region of 8&BLI. Two mixtures were used for the flow
visualisation, the first being a transformer oised mixture. This mixture consisted of the follogvin
ingredients:

e 8 tsp Titanium dioxide
e 5 tsp Transformer oil

e 1-2 drops Oleic acid

The mixture that performed consistently the best aehieved by first mixing four teaspoons of the
titanium dioxide with all five teaspoons of thertséormer oil until a smooth paste forms. Anotheo tw

teaspoons of the titanium dioxide were then adadednaixed in thoroughly, followed by a small drop

of the oleic acid. One more teaspoon of the titandioxide was then added and mixed followed by
the second drop of the oleic acid. The oleic abidst the mixture out very easily and so should be
added very carefully as too much will ruin the rane. The eight and final teaspoon of titanium
dioxide was then added and mixed in thoroughly. firdure should be of such a consistency and
viscosity that it runs off the back of a spoon, bhould still be able to adhere to the model when

applied lightly.

The second mixture utilised was a paraffin basedure consisting of the following ingredients:
e Paraffin
e Titanium Dioxide

e Transformer oil

The precise ratios of the above depend on the eygatication and require some minor adjustments.

In general a consistency similar to that of genunagle syrup should be strived for.

For best results both mixtures were applied unifprta the models using a sponge as shown in
Figure 4.11.

36



Figure 4.11: Oil surface flow mixture when applted¢he models

4.1.4 Test Specimens

In order to create the necessary shock waves amtboy layers, an apparatus from a previous study
into SWBLI was modified for use. The apparatus m®ssigned in such a manner so as to

simultaneously generate a curved boundary layeraanutved shock wave to impinge on each of the
two cylinders. An intrinsic aspect of the mountsygtem is its ability to rotate through 360° allogi

the interactions to be viewed from all possiblelesigThe complete apparatus assembly is shown in
Figure 4.12.

The test apparatus is slid into the test sectiaht@ rectangular support frame is fixed (exteynat

the upper chord member of the test section by mehtwso cap screws. Two rubber gaskets are used
to seal the join between the tunnel and the magsart frame.
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Figure 4.12: SWBLI generators and mounting bracket

One of the key aspects of this investigation isharacterise the nature of the SWBLI with varying
(incident) shock strength. For this reason thréferdint nose profiles (shown in Figure 4.13) were
selected for testing:

e An ogive with a fineness ratio of 5.
e A cone with a vertex angle of 40°.

e A hemisphere with a radius equal to that of théncidr.

The ogive profile has a large fineness ratio (Shpared to the other profiles (cone = 1.4, hemispher

= 1) and therefore is expected to produce the vatadteock wave of all. Conversely, the hemisphere
will produce a strong, detached shock wave thatlshesult in the strongest SWBLI of the three

profiles.
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a) Ogive Profile - Fineness Ratio 5

b) Cone Profile - 40° Vertex Angle

¢) Hemisphere Profile

Figure 4.13: Shock wave generator profiles

4.2 Numerical Facilities and Methodology

In addition to the data collected using the supgcseind tunnel, a numerical analysis was performed
by solving the Navier-Stokes equations using thenroercially available Computational Fluid
Dynamics (CFD) package Fluent v12.0.16. A quad ¢atel Xeon 3.0 GHz processor and 8 GB of
RAM running Windows 7 (64-bit) was utilised for tmeimerical work. Pre-processing work was
carried out using Ansys Workbench v12.0.1, whilestgmrocessing work was undertaken using
Tecplot 360 2009.

A high resolution simulation was run for the herhispgcal SWBLI generator using the commercially
available CFD package Star-CCM+ v4.06.11. This fatman was carried out using a more powerful
computer than that used for the regular CFD cadngistf two quad core Intel Xeon 2.66 GHz
processors with 16GB of RAM running Windows 7 (69-bPre-processing work for the high
resolution case was carried out using Star-CCM-+tlewhecplot 360 2010 was used to post-process
the data.

4.2.1 Mesh

The flow fields created for the purposes of theegah(Fluent) simulations were all meshed using
quadrilateral cells. In the interests of computaicefficiency a mesh adaption scheme was utiksed
as to refine the pertinent features that existedhan flow field. Adaption was carried out using
multiple criteria, the most common of which incldddensity and pressure gradients and Mach
number. An example of the grid pre- and post-adaps given in Figure 4.14. In an effort to resolve
the boundary layer sufficiently, the cells in themediate vicinity of the walls of the SWBLI
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generators were four times as fine as their fdd-fiimunterparts. All walls were modelled using the
no-slip wall condition. Mesh independence was addedue to the constant adaption of the mesh
throughout the simulation, a result that is conéichby the behaviour of the residuals over the @urs
of the iterations. Immediately following each ofaption there was a sharp increase in the residuals
before a mean value that did not vary with eaclsegbent adaption, was settled on.
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Figure 4.14: Mesh adaption scheme illustration

The high resolution CFD model run in Star-CCM+ waesshed using polyhedral cells. The boundary
layer was resolved using Star-CCM+’s prism layesiigg tool and consisted of several layers that
thickened exponentially. The area of the SWBLIw&d as the region upstream of the SWBLI, was
refined to investigate upstream affects of a SWa&&Ishown in Figure 4.15. Mesh independence for

the Star-CCM+ simulation was ensured by compaitieg ésults and residuals of final high resolution
model with the various lower resolution developmmodels.
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Figure 4.15: Star-CCM+ structured mesh

All of the simulations performed utilised a pair ®fmmetry planes so as to reduce the overall cell
count, and hence computation time, of each of timellations. The first symmetry plane was taken

vertically through the axes of the SWBLI generatarsile the second plane was taken horizontally at
the mid-point between the two cylinders. The lafteorizontal) symmetry plane served as the
reflection plane for the shock waves generatedhieyriose profiles of the SWBLI generators. The
suitability of a symmetry plane being used as #ecehg surface was highlighted in section 3.4.

Figure 4.16 shows the twin cylinder setup (viewemht the front) and the aforementioned symmetry
planes.

<——— Vertical Symmetry Plar

N

Horizontal Symmetry Plai

Figure 4.16: CFD symmetry plane illustration
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4.2.2 Turbulence Model

Due to the turbulent nature of the boundary layeten investigation, a suitable turbulence model had
to be selected for the CFD simulations. For athef simulations undertaken, the K-Omega turbulence
model was utilised. The K-Omega model is a two-é&quasolver, where the transport equations are
solved for the kinetic energy and the specific iges$on rate, the latter being defined as the
dissipation rate per unit turbulent kinetic ener@he K-Omega model was selected over other
available models such as Spallart-Almaras and tHep&ilon models for various reasons namely;
Spallart-Almaras models generally are best suitwdfliows in which the flows remain largely
attached. As highlighted in section 3.8.1, sepanait a common occurrence in SWBLI and hence
separation effects cannot be ignored. The K-Epsitodel is generally well-suited for most industrial
applications; however the K-Omega offers improvesifggmance (over K-Epsilon) for boundary
layers under adverse pressure gradients. The greadeantage however is that it (the K-Omega
model) may be applied throughout the entire bountiayer, including the viscous-dominated region

without any modification (Wilcox, 2004).

4.2.3 Solver Type

For the purposes of this study, all CFD simulatiese run under steady state conditions. It is lyide
understood that SWBLI are in fact unsteady in rgtas shown in studies by Dussauge and Piponniau
(2008), Dupont et al. (2005), Kussoy et al. (1988)ong many others. A complete study of this
unsteadiness is deemed to be outside of the s¢dpis avork and thus will not be studied directlyy.

(the shock waves’ unsteadiness) may be considehssh womparing the numerical results to their

experimental counterparts, as the latter will eittaldegree of unsteadiness.
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5 Procedure

5.1 Pressurising the Storage Vessel

In order to run the tunnel at the required supecsepeeds, the pressure in the reservoir has to be
greater than 0.9 MPa, with the required pressuréhfee supersonic runs being 1.5 MPa. To operate

the compressor used to pressurise the tunnel:

1. Close both of the bleed valves on the dryer; enthatthe dryer is switched off and that the
impeller has stopped rotating.
Switch on the pressure vent solenoids.
Activate the water supply to the compressor byingrthe valve one full revolution counter-
clockwise. Once the flow of water is heard, cldse\alve one-quarter revolution clockwise.

4. Switch on the compressor at the electrical cortitoalrd.

Once the reservoir had reached a pressure of 1& MB compressor will automatically shut itself
down to prevent the reservoir for being pressurisegond its maximum pressure of 1.7 MPa. To

complete the shutdown of the compressor and prepartnnel:

1. Switch off the compressor at the electrical contreard. This will ensure that compressor
does not restart when the pressure in the storeggel/drops during a test.
Turn off the water supply.
Switch off the pressure vent solenoids.
Starting with the top bleed valve, bleed the aitha dryer tank attached to the pressurised
reservoir. This is done bglowly opening the top valve until all of the air has teehto
atmosphere, and the accompanying pressure gaude reso. Thereafter open the lower

valve fully.

5.2 Pre-test Procedure

1. Switch on the DAQ components approximately two bobefore the commencement of
testing. This will allow the system to warm up dodthe fluctuations in the system, caused
by the start-up, to stabilise.

2. Pressurise the storage vessel to 1.5MPa as exglaregiously.
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5.3 Wind Tunnel Blow Down

Once the storage vessel has been pressurisedientfficand the compressor has been completely
shut down can the tunnel be safely run. The chetckdr the operation of the supersonic wind tunnel

is outlined below:

Set the Mach number by selecting the desired vaiudbe throat veeder counter.

2. Ensure that the various locking nuts and screwshermodels are securely tightened. Also
ensure that the model is safely secured onto thentmy frame. The complete model
assembly (cones, collar and mounting frame) muest the inserted into the test section of the
tunnel. This should be done with care so as torenthat no part of the assembly touches,
possibly scratching, the windows and / or floortleé tunnel. The frame must be securely
fastened to the upper chord member of the tunnel.

3. Slide the tunnel shut, and tighten the wing nutated on the sides of the tunnel, aft the test
section, so that the tunnel is completely sealetithat the sliding section is unable to open
during the operation of the tunnel.

4. Switch on the wind tunnel control board, and oplea valve until the stagnation pressure
reaches the desired level.

Switch on the power supply to the warning siren.

Log all of the relevant information regarding thestt (including tunnel parameters, models
being tested, trigger voltages and delays et)time wind tunnel logbook.

Sound the warning siren fat least3 seconds.

8. Switch on the light source for the flow visualigeti Turn off the lights in the tunnel control
room. Note: If any changes to the models have been made, itbie tést immediately
thereafter must be performed with the control rdmhts on to ensure that all pieces within
the test section are securely fastened and doxeassively move around during the blow
down. For a ‘lights on’ test no image is capturad hence operation of the flow visualisation
system is not required.

9. Run the tunnel by pressing (and holding) the apjate button on the control board. The
duration of the run should exceed 5 seconds so afidw the fluctuations in the pressure
control system to stabilise.

10. Take a photograph of the flowfield.

11. Stop the tunnel by releasing the tunnel run button.

12. Sign the logbook and note any important outconas fthe test.

13. Repeat steps 6-12 for each successive test conducte

44



5.4 Wind Tunnel Shut Down

Once the three tests have been completed, thevogseeeds to be re-pressurised. This is done by:

1. Switching off the main power supply at the windriehcontrol box and at the warning siren.
The stagnation pressure must also be returned to 0.
Ensure that the light source is switched off andlugged.

3. Pressurise the reservoir as outlined in section 5.1

At the end of every three or four reservoirs prasations the dryer must be regenerated, as exgulain

in section 4.1.1The dryer regenerator (heater) is operated &sfsi

1. Switch on the power supply to the heater at thetedal control board. The switch is
located to the left of the pressure vent solenswadsch.

2. Switch on the heater on the front panel of the dogmtrol unit (located underneath
the dryer itself). The heater is programmed to faman allotted period of time and
will stop automatically. Once the heater has fiaglsimply switch off the unit and

the power supply to the unit.

5.5 Precautions

Several precautions must be adhered to at all tishnesg the execution of the blow down of the
tunnel:

» Care should be taken when bleeding the dryer tatkeaair being bled is highly pressurised.

» Ear protection must be worn at all times duringhitev down of the tunnel.

» The operator must stand clear of the test sectioingl a blow down.

* The position of the optics system must not be edtemtil a complete series of tests have been

completed.
* The light source must not be left on for extendedqals of time. This will prevent the bulb

from possibly exploding and the mounting box fromeneating.
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6 Presentation and Analysis of Results

6.1 Pressure, Mach and Reynolds Number Traces

Pressure readings were collected for each blow-daivrthe wind tunnel using the pressure
transducers described in section 4.1.1. Thesengadiere then processed into curves showing the
settling chamber pressure, test section pressuaehMnd Reynolds number variation throughout a

given test.

The formulae used to calculate the Mach and Regnaldnbers are (Scott, 1994):

[NA

71
M= 2 (Ej 1 6.1
y=1 P
57 Sy 3 71 2
Re— PP 475 dT ) { 2y }x [Ej 74 6.
ari RO

A full derivation for both parameters (M and Repigen in Appendix B: Derivations.

The pressure values shown in the curves reprebsptude pressures since atmospheric pressure was
accounted for in the calibration of the pressurandducers. The settling chamber pressure
corresponds to the stagnation pressure, while ¢le gection pressure corresponds to the static
pressure of the system. The curves illustrate @mmtion of M and Re throughout the course of & tes

— the significance of which will be discussed fertlon.
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Figure 6.1: Settling chamber and test section pressurves during a blow-down (M = 3.0)
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Figure 6.2: Mach and Reynolds number curves duaibpw down (M = 3.0)
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The Mach and Reynolds number curves generatedameakerve to verify the results and offer an
improved understanding of the operations of thessgnmic wind tunnel. The Mach number curve was
used to validate the Mach number set on the veedenter of the wind tunnel. The curve also
illustrates the change in Mach number over the ssowf a blow-down. If a large scale variation in
Mach number was detected during a test, then thaityaof the results of that test could be brought
into question. The Reynolds number curve generfadsd two-fold purpose; i) to offer an insight into
the operation of the wind tunnel and, ii) to verihat the recent overhaul of the wind tunnel has no
affected its fundamental operation. The pressuseet presented are intermediary steps in the
calculation of the M and Re number. Both of thererieentioned parameters are functions of the

stagnation and static pressures as shown in theecgion equations in section 6.1.

The overall behaviour of the pressure, Mach andnBleg number was found to be relatively
predictable given the form of the conversion eaqueiin section 6.1. Some of the key features of the

curves include:

¢ Following the rapid rise at the start of a blow-aowvihe settling chamber pressure decreases
continuously throughout the test. The pressureimwvitiie test section responds by also decreasing
continuously throughout the test, albeit at a mdiskeower rate.

e Minor, small-scale oscillations are present in bibtd stagnation and static pressure curves.
The minor oscillations are magnified in the M argl¢irves.

¢ The Mach number remains almost perfectly constaaiughout the course of a blow-down.
The calculated Mach number also corresponds tedtiealibrated Mach number very well.

¢ The Reynolds number decreases continuously in anengprecisely the same as that of the

settling chamber (stagnation) pressure.

These are all features that were noted by Sco@4(lth a previous study using the wind tunnel
indicating that the fundamental operation of th@dvtunnel has not been compromised since the
completion of the recent overhaul. Scott (1994 adgves a detailed description of the minor

oscillations in the pressure, Mach and Reynoldslbermurves which may be of interest to the reader.
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6.2 Experimental and Numerical Results

6.2.1 Overview

The following section contains the results of th@dvtunnel experiments as well as the numerical
experiments (CFD simulations) performed. The winohnel and CFD results are presented
simultaneously (where applicable) to highlight gimilarities between the sets of data. The wind
tunnel data is presented in the form of schliereot@graphs and oil surface flow visualisation, whil

the CFD data is presented as contour plots, stieesmhnd plots of the various parameters pertaining

to the flow.

All of the wind tunnel tests and CFD simulationsfpemed were done at a free stream Mach number
of 3.0. The three nose profiles introduced in seci.1.4 were tested in all cases at a fixed distanh
30mm between axes. Throughout this section reatdtpresented for various meridian angles around
the cylindrical SWBLI generators. The labelling gention for these meridians is shown in Figure
6.3 below. The cone/cylinder shown here correspdadiebottom cylinder shown in the full test

apparatus illustrated in Figure 4.12.

90°

7 ¢

Figure 6.3: Meridian angle convention

The right hand side of Figure 6.3 represents tbet fview of the SWBLI generator as viewed in the
direction of the arrow on the left hand side offg6.3. The 0° position shown in Figure 6.3 is the
windward plane as the SWBLI develops initially ajahis meridian (the term ‘meridian’ and ‘plane’

will be used interchangeably). Consequently the® I8@ridian is defined as the lee side (leeward
meridian) of the SWBLI generator as it is partiateltered from the shock wave. Positive rotation i

defined as clockwise rotation as shown in FiguBe 6.
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6.2.2 Flow Visualisation

Figure 6.4 through Figure 6.16 are the schliereages collected from the supersonic wind tunnel and
corresponding contour plots generated by the CHlulsitions. A full discussion of the images in

guestion is presented towards the end of this@e¢siection 6.2.2).

——
y
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[T T
MachNumber: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32
a) CFD Mach contour plot b) Schlieren

Figure 6.4: SWBLI on the 0° meridian, Ogive

| [T
Mach Number. 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

a) CFD Mach contour plot b) Schlieren

Figure 6.5: Magnified SWBLI on the 0° meridian, @gi
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b) 19mm

C) 22mm d) 25mm
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Mach Number: 0 0.2 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

Figure 6.6: Mach number contour line plots transedo the axis of the cylinder, Ogive (sub-captions
indicate the axial distances from the nose)
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a) CFD Mach contour plot b) Schlieren
Figure 6.7: SWBLI on the 0° meridian, Cone
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Mach Number. 0 02 04 06 08 1 12 14 16 18 2 22 24 28 28 3 32

a) CFD Mach contour plot b) Schlieren
Figure 6.8: Magnified SWBLI on the 0° meridian, @on

a) 90° meridian b) 135° meridian

Figure 6.9: SWBLI on the 90° and 135° meridian$liscen images, Cone
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c) 40mm d) 43mm

B | TR 77 [ (.

Mach Number: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 3.2

Figure 6.10: Mach number contour line plots transedo the axis of the cylinder, Cone

Mach Number: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

a) CFD Mach contour plot b) Schlieren
Figure 6.11: SWBLI on the 0° meridian, Hemisphere
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Mach Number: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

a) CFD Mach contour plot b) Schlieren
Figure 6.12: Magnified SWBLI on the 0° meridian,riephere

a) 27mm b) 30mm

c) 33mm d) 36mm

L B |

Mach Number: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

Figure 6.13: Mach number contour line plots transe¢o the axis of the cylinder, Hemisphere
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A — Incident Shock Wave

B — Separation Bubble

C — Separation Shock Wave

D — Re-attachment Shock Wave

a) Cone

* The separation shock wave in -
instance is a series of weak compres
waves and hence is less visible thar

other shock waves in the image.

b) Hemisphere

Figure 6.14: SWBLI overview for the separated flows

Figure 6.14 shows a magnified view of the SWBLI erated by the conical (Figure 6.14a)) and
hemispherical (Figure 6.14b)) nose profiles onviedward side of the cylinder. The numerical data
for the conical (Figure 6.8a)) and hemisphericayFe 6.12a)) shows good agreement with the wind
tunnel data (Figure 6.8b) and Figure 6.12b)). Allhe basic characteristics of an SWBLI presented i
Figure 3.11 in section 3.8.1 are present in the S\WBhe incident shock wave (A) impinges upon
the boundary layer and causes the boundary layseparate due to the adverse pressure gradient
across the shock wave. The presence of subsomicvithin the boundary layer allows the higher
pressure behind the shock wave to propagate upstfiew reversal) which causes the boundary
layer to separate upstream of the impingement wdittie incident shock wave. The separation of the
boundary layer temporarily alters the angle ofimation of the flow (with respect to the surface of
the cylinder) and a shock wave, known as the séparahock wave (C) is formed. The separated
flow (B) eventually re-attaches to the surfacegraig the angle of inclination of the supersonmefr
stream, in the same way as the separation shock daes, and another shock wave is formed (D).
Due to their concave orientation, both the sepamadnd re-attachment shock waves are compressive
shock waves as shown in Figure 3.1 in section Bag. compressive nature of the shock is therefore
responsible for the observed reduction in Mach rema@zross the shock wave in the various CFD
contour plots that have been presented.
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As highlighted in the caption of Figure 6.14b) theparation shock wave resulting from the
hemisphere SWBLI generator is not as well defingd the schlieren optical system as the
corresponding shock wave generated by the con#13 generator. The main reason for this lack
of definition is the fact that for the conical cabe separation shock wave is a single shock wave
caused by the deformation of the boundary layer ¢paration bubble). For the hemispherical case
the change in the profile of the boundary layerfas less pronounced and hence a series of
compression waves form rather than one solitarglsk@ve. A similar result was noted by Gai and
Teh (2000) where the reflected shock wave off ¥WB&I consisted of a coalescence of compression
waves within the SWBLI. This graduated separatiobldte is due the strong upstream influence of

the SWBLI as seen in the thickening of the boundaygr upstream of the SWBLI in Figure 6.15.

Upstream thickenin
of the boundary layer

a

Surface of the cylinder

Figure 6.15: Upstream influence of the SWBLI, Hegphisre

The data for the ogival profile (Figure 6.4 andUfeg6.5) shows a weaker interaction more in keeping
with the SWBLI shown in Figure 3.12. The weak nataf the incident shock wave does not separate
the boundary layer and an incident-reflected sheake pattern is established. This is also visible
from the transverse contour plots of Figure 6.6clwighow very little distortion of the boundary laye

at any point on the cylinder, upstream or downsire&the shock impingement point.

For the conical SWBLI generator extra wind tunmsltwere conducted with the models rotated so as
to examine the flow field from differing angles. &4e results are presented in Figure 6.9 where the
interaction is viewed from two different angles.Aigure 6.9a) the SWBLI along the 90° meridian is

presented. The reflection (SWR) of the two congtabck waves (emanating from the two conical
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SWBLI generators) is visible as is the SWBLI furtltewnstream. When compared to the SWBLI
along the 0° meridian (Figure 6.7) the interaci®tess defined due to the diminishing strengtthef
incident shock wave as the leeward side of thendgli is approached. Moving further around the
cylinder to the 135° meridian (Figure 6.9b)) whene interesting observation can be made. The
incident shock wave (1) is seen to impinge on thdase of the cylinder however there is no visible
reflected wave off the surface. The reflected wéRé that is visible is more than two cylinder
diameters downstream of the impingement point asmdesponds to the SWBLI occurring on the
windward surface (0° meridian). The reflected waweresponding to the appropriate incident shock
wave is not visible because the viewing plane ef gbhlieren is tangential to that of the reflected

wave.

The boundary layer on the surface of the cylinthems in Figure 6.14 is observed to be considerably
thinner when compared to boundary layers alongsflafaces at similar free stream Mach numbers. It
is accepted that cylindrical boundary layers areegaly thinner than boundary layers that develop o
the surface of a flat plate (Tutty et al., 2002).tie leading edge of the cylinder the boundargiay
will behave more like that of a Blasius flow whilerther downstream the boundary layer departs
from the flat plate case. This can be shown gratligidy solving and plotting the results of equatio
3.2 for¢, the nondimensional parameter quantifying the neadf the boundary layer, for the length of

the cylinder common to all of the SWBLI generators.
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Figure 6.16: Variation of the nondimensional bougdayer parameterif along the length of the

cylinder

Figure 6.16 shows a rapid rise in the valué wfith axial position. This rise becomes more gradsa
the boundary layer propagates down the cylinderceSthe Mach number behind the incident shock
wave was different for each of the nose profileg, Reynolds number (based on the aforementioned
Mach number) will be different for each profile agll. Although the value of may seem small
(8.8-10° at its maximum for all three profiles) it is wonthile to note the rapid change in the value of
& corresponding to a change in the behaviour obthwndary layer from the Blasius to the cylindrical

case.

The development of the interaction around the dgiris shown in Figure 6.6, Figure 6.10 and Figure
6.13 by means of contour plots taken transverseneéoaxis of the cylinders. For the conical and
hemispherical profiles, moving downstream and adotire circumference of the cylinder yields a
reduction in the size of the separated region itriglno longer visible at approximately the 135§.
This reduction in separation can be attributechéodecreasing strength of the interaction towdres t
lee-side of the cylinder as follows: The conicabahwave impinges on the windward side of the
cylinder and the induced velocities within the dhaolirect the flow onto the surface and a SWBLI
occurs. As the shock moves around the cylindergtdwhe lee-side) the velocity components of the
flow within the shock direct the flow away from tiseirface of the cylinder resulting in a weaker

shock wave interacting with the boundary layer. ©hthe main causes of boundary layer separation
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is the adverse pressure gradient across the shagk which causes flow reversal through the
subsonic portion of the boundary layer (Anders@@7). As the adverse pressure gradient across the
shock wave diminishes with shock strength, so th# likelihood of boundary layer separation. The

lee-side effects are further explored in sectiéh%.

Another important feature shown in the transvemsetaur plots is the thickening of the boundary
layer upstream of the shock wave impingement pdistshown in these plots, the boundary layer
begins to thicken somewhere in the order of twonlamy layer heights (z 3mm) upstream of the
shock impingement point, a result of the upstreawpagation of the high pressure behind the

incident shock wave through the subsonic sectich@boundary layer.

The incident shock waves generated by the ogivak rmmofiles are observed to be quite weak in
nature, where the strength of the shock wave imefas the magnitude of the pressure ratio across
the shock, as seen in Figure 6.4 and Figure 6.6 large fineness ratio of the ogival profile (cuti

in section 4.1.4) deflects the flow by a shallowagle and results in a weaker shock wave forming.
This result is shown graphically for conical shog&ves (a cone simply being a specific body of
revolution) in Figure 3.4. For any particular Maalmber a shallower turning angle will result in an
incident shock wave being less likely to detachmirthe nose of the profile due to its reduced
strength. The larger fineness ratio also resultthénreduction of the overall drag co-efficienttié
profile (Morrison, 1962). A reduction in drag impdi that the body disturbs the surrounding free
stream less and hence a weaker shock wave is fortnéallows intuitively that a weak incident
shock wave would result in a weaker SWBLI. Retugriimthe definition of the shock wave’s strength
being the magnitude of the pressure gradient athesshock, a weaker shock wave would generate a
smaller adverse pressure gradient upon impingemerihe boundary layer compared to a stronger
shock. This diminished adverse pressure gradiemidvoot cause the boundary layer to separate as
readily and hence the whole SWBLI would become f@esounced. This result is evident in Figure

6.4 where very little interaction between the irritishock wave and boundary layer is visible.

Figure 6.11 and Figure 6.12 show the SWBLI resglfnom the hemispherical profiles. Immediately
obvious is the strength of the incident shock wdeesied by the spherical nature of the profiles, as
well as the detached nature of the shock wave frmamose of the profile itself. This is an expected
result due to the bluntness of the hemispheriaafilpras outlined in section 4.1.4. The large adeer
pressure gradient established across the incidemtkswave separates the boundary layer more
readily than compared to the ogival and conicafilgs The resultant SWBLI is the largest and most
pronounced of the three profiles — as seen fromldhge separated regions on the surface of the

cylinder in Figure 6.11 - Figure 6.13.
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6.2.3 Surface Flow Patterns

Figure 6.17 through Figure 6.32 are the oil-flowualisation images collected from the supersonic
wind tunnel and corresponding images generatech®yCOFD simulations. A full discussion of the
images in question is presented towards the ettdso$ection (section 6.2.3).

a) Oil surface flow overview

b) Windward view c) Side view

Figure 6.17: Oil surface flow visualisation, Ogive
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Figure 6.18: CFD Surface flow visualisation, Ogive

a) Windward view b) Side view

c) Leeward view

Figure 6.19: CFD Surface flow streamlines, Ogive
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a) Oil surface flow overview

b) Side view

¢) Windward view d) Leeward view

Figure 6.20: Oil surface flow visualisation, Cone
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Figure 6.21: CFD surface flow visualisation, Cone

a) Windward View b) Side View

c) Leeward View

Figure 6.22: CFD Surface flow streamlines, Cone
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Figure 6.23: Streamlines within the separated regtmne
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b) Side view

L
{4

:

f

T

¢) Windward view d) Leeward view

Figure 6.24: Oil surface flow visualisation, Hentigpe
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Figure 6.25: Oil surface flow within the separategion, Hemisphere

Mach Number: 0 0.1 02 03 04 05 06 07 08 08 1 11 12

Figure 6.26: Surface flow visualisation, Hemisphere
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a) Windward View b) Side View

c) Leeward View

Figure 6.27: CFD Surface flow streamlines, Hemisphe
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Figure 6.28: Streamlines within the separated regiemisphere

The surface flow patterns in Figure 6.17, Figure06and Figure 6.31 were generated using the
transformer oil-based mixture described in secidn3. This mixture was not suitable for post-wind
tunnel blow down analysis with the hemispherical BWgenerator as the wind tunnel shut down
ruined the pattern; hence the images in Figure &&% captured during a wind tunnel blow down.
By using the paraffin-based mixture described ittiea 4.1.3 it was possible to analyse the surface
flow patterns of the hemispherical SWBLI generaéier the blow down (see Figure 6.24) in the
same manner as the other profiles (Figure 6.1Fande 6.20).

The ogival SWBLI generator does not produce a shwake of sufficient intensity to separate the
flow yielding a surface flow pattern that is inliméth characteristics shown in Figure 3.12. Figure
6.17 does not show a clean, dark horseshoe regidheosurface of the cylinder symptomatic of a
separated flow. This result is replicated in thenatical work shown in Figure 6.18 where instead of
a dark horseshoe (indicative of a very low Mach bamresulting from flow separation) on the
surface, there is a yellow area which correspoida tMach number of 0.8 - 1.0. This region
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corresponds to the subsonic layer within the SWBhich is in direct contact with the surface of the

cylinder itself.

For the conical (Figure 6.20 and Figure 6.21) drel iemispherical (Figure 6.24 and Figure 6.26)
cases there is clear evidence of flow separatiothernsurface of the cylinder. In the surface flow
patterns generated by the hemispherical SWBLI gegoertwo separation lines are evident. This
matches the work done by Brosh et al. (1985) withdxception of the persistance of the separation
down the length of the leeward side of the cylindénis discrepancy is due to the presence of the
large expansion fan off the convex corner of thelgeeused in the study by Brosh et al. The
expansion fan in question was observed to straigtite flow leading to the disappearance of the
separation lines. In the current study such anresipa fan is not present. For the conical case the
flow features observed in the wind tunnel are welplicated by the CFD simulations with the
separation bubble following the footprint of theigent shock wave on the surface of the cylinder.
This is an expected and somewhat intuitive resottesthe impingement of the shock wave on the
boundary layer is directly responsible for the sapan of the boundary layer. The horseshoe shape
and symmetry about the vertical plane of the sépdnaegion is clearly evident in both cases akes t
path of the separated region around the circuméerenh the cylinder. The CFD simulation for the
hemispherical SWBLI generator does not predictséxondary separation line. Both the conical and
hemispherical surface patterns showed the presgfngteong cross flows within the boundary layer.
Although these cross flows are not clearly visilld=igure 6.20 and Figure 6.24 due to the limited
contrast between the colour of the mixture andstiréace of the cylinder, the lateral deflectiorttoe#
surface streamlines in Figure 6.22 and Figure &2 direct consequence of the cross flows. For
illustrative purposes the separation (S) and r@ehthent (R) points on the surface flow patternshav
been highlighted in Figure 6.29.

Figure 6.29: Separated region on the windward saréd the hemispherical SWBLI generator
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The curved shape of the separated region is duketa@onical nature of the incident shock wave
impinging on the surface of the cylinder. Similaaped separated region have been observed in other
work involving similar geometries by Gai and Teld@®), Panov (1968) and more applicably Kussoy
et al (1980) and Brosh et al (Brosh et al., 1988).the 0° meridian the axis of the separation beibbl
is normal to the axis of the cylinder and the diet of the freestream. Crossing the span of the
cylinder the separated region begins to bend ammthately becomes parallel to the direction of the
free stream at the 90° meridian of the cylindere Dw the conical shape of the incident shock wave
and the curvature of the surface of the cylindee, separated region reduces in size with increasing
meridian angle, eventually disappearing aroundl8t® ray. This result matches that of Gai and Teh
(2000) and Panov (1968) which yielded a separdiidoble whose size diminished with increasing
span wise position along the plate. The surfacs flattern observed in Figure 6.29 also has a lot in
common with, both in terms of the nature of the SWBenerator geometry and results, with the
work undertaken by Kussoy et al (1980). The magmasation along the 0° plane deteriorating until
eventually disappearing around the 135° meridiantimeed above is a result that is strikingly simila

to that of Kussoy et al in their work in 1980.

The streamline plots shown in Figure 6.19, Figu26nd Figure 6.27 for the ogival, conical and
hemispherical profiles respectively give a cleamerght into the nature of the flow along the sudga

in the vicinity of the SWBLI. The deflection of thstreamlines shows the presence of the
circumferential pressure gradient or cross-flovet tre established within the boundary layer when
acted upon by a shock wave (Brosh et al., 1985 kiban et al., 1952). The magnitude of the
deflection is observed to increase with increashgck wave intensity with the ogival SWBLI
generator causing a noticeably smaller deflecti@ntthat of the hemispherical SWBLI generator.
For the conical and hemispherical SWBLI generatbes streamlines also show the pronounced
sweeping around of the windward boundary layeh#lée-side of the cylinder. This is an important

characteristic which will be further discussedégatson 6.2.5.

The flow within the separated region has been shawnerically in Figure 6.23 and Figure 6.28 for
the conical and hemispherical profiles respectivAlgpiral vortex exists within the separated regio
as it (the separated region) wraps around theastirNo such flows exist for the ogival profile stn
the incident shock wave does not separate the fiagure 6.25 shows the flow within the separated
region of the hemispherical SWBLI generator by nseafnoil flow visualisation. The oil mixture was
only placed on the windward side of the cylinded apstream of the SWBLI. Figure 6.23 and Figure
6.28 show the point of impingement of the incideimbck wave on the windward side of the cylinder
with the nose of the cylinder out of frame in tbevér left hand corner. The spiral like trajectorods
the flow within the separated region are a comimnatf the two main pressure gradients resulting

from the SWBLI; the adverse pressure gradient acrtd® incident shock wave and the
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circumferential pressure gradient within the cytiodl boundary layer. These pressure gradients are
illustrated schematically in Figure 6.30.

Direction of freestream Circumferential pressure

flow \/ gradient /
Adverse pressure gradie /
/

across incident sho

Figure 6.30: Schematic illustration of the presgragients resulting from the SWBLI

The adverse pressure gradient (the green arrovigurd-6.30) causes the flow within the separated
region to flow upstream until the point of boundéyer separation is reached. At this point thevflo
then turns around, due to the diminishing strengththe adverse pressure gradient, and flows
downstream as normal. During this upstream propagahe flow has been acted upon by the
circumferential pressure gradient (the yellow arioviFigure 6.30) within the boundary layer and so
has been circumferentially displaced away fromddsetre line of the cylinder. This process repeats
until the pressure gradients are insufficientlyosty to alter the trajectory of the flow within the
separated region. The net result is a spiral lixe fvithin the separated region which transportsso

of the air on the most windward side of the cyln{@®) around the circumference. This is clearly
evident in Figure 6.25 where the oil mixture thaasworiginally along the 0° meridian has been

displaced around the circumference by the flow withe separation bubble.
Due to the behaviour of the transformer oil-basedfase flow visualisation mixture on the

hemispherical SWBLI generator, several tests weire were the oil surface flow patterns were

photographed during a wind tunnel blow down. Thasatographs are shown in Figure 6.31.
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b) M3.0, windward and leewarewi

c) M2.5, Side View d) M3.2, Side View

Figure 6.31: Oil surface flow visualisation duriadplow down, Hemisphere

The surface flow patterns shown in Figure 6.31rtyeshow the existence of the two separation lines
arising from the SWBLI. Analysis of Figure 6.24 aRijure 6.25 also show traces of the dual
separation lines. These lines were evident in ewéng tunnel test conducted using the hemispherical
SWBLI generator and the transformer oil-based serfiow visualisation mixture. The behaviour of
this feature was also investigated across a rahddach numbers (M2.5, M3.0 and M3.2). The
mixture would form the white line shown in Figure86 throughout the duration of the blow down
and as soon as the tunnel began to shut down, igterenwould be released from its suspension and

run down the cylinder.

By superimposing an oil surface flow image ontahlisren image (to scale) it is possible to further
analyse the surface flow patterns generated by htmispherical SWBLI. Figure 6.32 is a
superposition of Figure 6.12b) and Figure 6.31a)slows a noticeable relationship between the two
separation lines and the thickening of the boundaser upstream of incident shock wave
impingement point. The boundary layer begins iokén where the flow first separates from the
surface of the cylinder upstream of the theoretinalscid impingement point (Anderson, 2007)
before the second separation occurs downstreamhefirtersection between the incident and
separation shocks.
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Figure 6.32: Superposition of schlieren and oiface flow images, Hemisphere
It is also worth noting that the pair of separatlores was not explicitly predicted by the CFD

simulation run for the hemispherical case. As altes higher resolution CFD simulation was run -
the full analysis of which is presented in 6.2.6.
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6.2.4 Surface Pressure Measurements

Pressure measurements were taken from the surfacglioders for each of the different nose
profiles. These measurements were collected froennimerical data exclusively as it was not
practicable to design an interaction grid of sudfint resolution to fit into the SWBLI generatorso T

fully capture the SWBLI the pitch between pressoméces would need to be less than 2mm (as
shown by Gai and Teh, 2000). This grid could compse the cylindrical profile and smoothness of

the surface and deform the boundary layer itself.

The surface pressure plots (Figure 6.33, Figuré &rftl Figure 6.36) are taken along the lengthef th
cylindrical section of the SWBLI at 30° intervalEhe pressure is specified in terms of a presstic ra
which is the local pressure at each point normdlisgh respect to the free stream reference static
pressure. From the surface pressure plots it isilplesto calculate the co-ordinates of the sepamati

and attachment lines and hence the length of {merated region.

Pressure Ratio [plpo]
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Figure 6.33: Surface pressure distribution, Ogive

74



Pressure Ratio [plpo]

Radial Position [deg]

Axial Position [mm]

Axial Position [mm)]

Figure 6.34: Surface pressure distribution, Cone
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Figure 6.35: Separation and attachment co-ordirfateéSWBLI, Cone
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Figure 6.36: Surface pressure distribution, Henmesph
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Figure 6.37: Separation and attachment co-ordirfateéSWBLI, Hemisphere
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Analysis of the surface pressure distribution pstew a distinct increase in pressure ratio thatiec
further downstream with increasing meridian angke result of the incident shock wave sweeping
around the cylinder. This result was noted in wdyksGai and Teh (2000), Panov (1968), Kussoy et
al. (1980) and Morkovin et al. (1952). Along eadhhe pressure traces a common trend is evident.
Firstly there is a sharp increase in pressure rasalting from the separation of the boundaryraye
Due to the compressive nature of the separatiocksh@ve, the local pressure will increase at
separation owing to the concave deflection of tbe/f The pressure ratio then continues to rise unti
a maximum value is reached downstream of separaliois maximum value is in fact the point at
which the boundary layer re-attaches itself to shdace of the cylinder. The re-attachment of the
boundary layer forms a compressive shock wave wilaistior the separation shock, serves to increase
the temperature and pressure of the flow. Afteattechment the pressure ratio returns (decreases) t

its original base value.

As the shock wave moves around the cylinder, sartageimum pressure ratio decreases due to the
reduction in intensity of the SWBLI. The maximumegsure ratio value is located along the 0°
(windward) meridian for each of the profiles altgbuthe value does differ due to strengths of the
incident shock waves. For the ogival profile thexmam pressure ratio is around 1.2 (read off
Figure 6.33), for the conical profile this valuereases to 1.8 (Figure 6.34) and for the hemisgpdieri
profile the maximum value is observed to be 1.9fufe 6.36). The 0° meridian is the first
intersection point between the incident shock wawve the surface (boundary layer). The shock wave
at this point will be at its strongest and the et velocity components within the shock will direc
the flow directly onto the surface of the cylindeithout any yawing of the flow. The conical nature
of the incident shock wave means at any meridiagieaother than 0° a velocity component that is
perpendicular to the axis of the cylinder will éxiShis lateral component serves to establish tbhesc
flows found within cylindrical boundary layers addtracts from the axial adverse pressure gradient.
An increase in meridian angle results in an in@easthe yawing of the flow which is why the
maximum pressure ratio decreases around the ciecende of the cylinder. On the extreme leeward
side of the cylinder ¢| > 150°) a small increase in the surface pressui@is evident suggesting that
the entire region is in a wake of separated flowoéB et al. 1985). The presence of cross flowsimith

the boundary layer will cause the rise in pressatie in this region (Morkovin, et al., 1952).

For the ogival profile the pressure ratio upstredrthe SWBLI remains fairly constant, while for the
conical and to a lesser extent the hemisphericil@rthere is sharp decrease followed by a definit
and gradual increase in the surface pressure éengurface of the cylinder. This is due to the fac
that where the ogival, conical and hemisphericafiles intersect with the cylindrical section ofeth

SWBLI, as circled in Figure 6.38, an expansionflaims. As highlighted in section 3.2 an expansion

fan will accelerate the flow while decreasing thatis properties of the fluid, thus the downstream
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pressure will be lower than the pressure upstrdatmecexpansion fan. The end of the expansion fan,
represented by the sharp decrease in pressure catiwides with the beginning of the cylindrical
section of the SWBLI generator. This location cep@nds to the Omm axial position shown on the
axes of Figure 6.33, Figure 6.34 and Figure 6.3@ gradual increase in pressure that follows is due
to the establishment of the boundary layer on tiieder itself. This increase in pressure is fareno
obvious for the conical profile than for the henfispcal profile due to the strength of the expamsio
fan. For the hemispherical profile the expansiom &&celerates the flow to around Mach 2.4 (see
Figure 6.11b)) while for the conical profile the &anumber behind the expansion fan is almost 3.0
(Figure 6.7b)). The lower Mach number in the hemespal case is a direct result of the formation of
a bow shock wave on the leading edge of the herarsti profile.

e
POESSSSSSSS
C—————

Figure 6.38: Intersection of nose profile and aylical section forming an expansion fan

The strength of the incident shock wave affectsamby the maximum value of the pressure ratio, but
also the extent of the SWBLI. For the conical aminispherical profiles the SWBLI causes the
boundary layer to separate as far as the 135° merid/hile for the ogival profile a smaller affedte
region is noted on the windward side of the cylmdely (as presented in section 6.2.2 and 6.2.3).
This result is also evident in the pressure tradesre the abrupt increase in pressure ratio (itigiea

of flow separation) is seen to flatten out as thki@ of increases. In Figure 6.33 the gradient of the
pressure rise decreases notably from the 60° piwibiee 90° probe indicating that separation is no
longer occurring along the latter. This is knownbi the case based on the flow visualisation data
collected. The rise in pressure observed in theradesof separation is simply the adverse pressure
gradient across the incident shock wave that isrigipg on the boundary layer. For the cone (Figure
6.34) and the hemisphere (Figure 6.36) a similanpmenon is evident, although the transition in
these instances occurs between the 90° and 12b&gffor the cone and between the 120° and 150°
probes for the hemisphere. The very gradual inereas decrease of the pressure ratio along the 180°
probe for all three of the profiles tested suggélstst a portion of the boundary layer along the
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windward side is being swept around to the lee-sidine cylinder. The lee-side effects will be yull
addressed in section 6.2.5.

One aspect of the pressure distribution curvesimegjaloser attention — the characteristic shapgbef
pressure distribution curves on e 60° meridian in Figure 6.34 and Figure 6.35. €kact context

of these bumps has been highlighted in Figure 6438ng the 60° meridian there is the typical
increase in pressure as the boundary layer sepafatewed by a secondary bump in the pressure
ratio. Certain studies (Gai and Teh, 2000) have@sed that the dip in pressure distribution after
separation is possibly a secondary separation amhaldledithin the primary separation of the boundary
layer. A detailed examination of the reflected she@ve structure around the SWBLI provides an

explanation for the double bump in the pressurgecufhis analysis and explanation is presented at
the end of section 6.2.5.
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Figure 6.39: Secondary pressure bump locationeasure distribution curves

It is possible to calculate the separation andttazhment points using the surface pressure data an
the criteria governing the separation and re-atteett described above. Once these points are known,
the length of the separated region can be calailadeplot of the processed separation and re-
attachment co-ordinates is given in Figure 6.35 tfer conical profile and Figure 6.37 for the
hemispherical profile. Each of the curves is mageoti five discrete points, one for each of the
meridian probes, and is fitted with a third ordeslypomial trend line with a co-efficient of
determination exceeding 99.9%. Since the ogivalilprdid not separate the flow plotting a curve of
the separation and re-attachment points woulditialtr

Initial inspection of the separation and re-attaehtrcurves in Figure 6.35 and Figure 6.37 shows the
separated region increasing in length with increasieridian angle — an expected, if not immediately

obvious, result given the horseshoe shape of tharaeed region. Figure 6.40 shows the horseshoe
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shaped separated region (taken from the oil surfiaee data from the conical profile) with the

approximate locations of the windward pressure @sobsed to generate Figure 6.33 through Figure
6.37. As each of the superimposed meridian lineBigure 6.40 is studied it is evident that as the
meridian angle increases, so does the length ob¢parated region along the meridian line. This
result reflected in the numerically generated sajgar and re-attachment curves of Figure 6.35 and
Figure 6.37 and serves as another validation ofCfRB simulations undertaken. Further analysis of
the shock wave structure in the vicinity of the SM/Bpresented in a forthcoming section) will show

that the separation of the boundary layer actuaigurs upstream of the incident shock wave

impingement point.

Figure 6.40: Separated region with meridian anglggerimposed, Cone

6.2.5 Lee-side Effects and Reflected Shock Wave Phenomena

One of the most interesting phenomena that anises the SWBLI in question is the behaviour of the
flow on the leeward side of the cylinder (90%< 270°) which is fundamentally different to thdt o
the windward side ¢] < 90°). This is best illustrated using the nucerdata in the form of an iso-
surface. Such surfaces are shown below in Figure for the hemispherical case and Figure 6.42 for
the ogival and conical cases. It should be notethiatstage that the patchy appearance of the iso-
surfaces is the caused by the computational reéstig of the hardware (the graphics card of the
computer) and software (Tecplot 360 2009) usegést-processing.

The behaviour of the (incident) shock wave reflegtoff the surface of the boundary layer is also

significant. Several contour plots and iso-surfagekich will be expanded upon where required)
have been generated to help clarify the naturbeoflow in and around the SWBLI.
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Cylindrical boundary layer Thickened lee-side

upstream of SWBLIXJ / boundary layer

Mach stem surface

Boundary layer separation
Incident shock wave

Figure 6.41: Annotated Mach Number (M = 2.4) Iscfste, Hemisphere

Incident shock wave

a) Ogive, M = 2.8

Thickened lee-side boundary Iayew\

Incident shock wave Mach stem surface
b) Cone, M =2.4

Figure 6.42: Mach number iso-surfaces

Figure 6.41 shows the flowfield around the cylindesulting from the SWBLI with the incident
shock wave propagating from the bottom of the fraifiee thickening of the boundary layer is
evident in the thickening of the iso-surface alahg leeward side of the cylinder. The entire
interaction follows the shape of the streamlinesegated in Figure 6.27 and is more evidence of the
windward-to-leeward surface flow has been estabtishy the SWBLI. The feature labelled as the
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‘Boundary layer separation’ is thought to corregptm the most upstream separation line visible in
Figure 6.24, Figure 6.25 and Figure 6.31. The epstrseparation line is visible in the iso-surfatce o
Figure 6.41 although not in the surface pattermeigged by the CFD. This is probably due to mesh
refinement restrictions that were enforced in #giaon of the boundary layer of the flow domain. The
planar shock surface that is visible in-betweenitkk@lent shock wave and boundary layer separation
is a Mach stem surface, the detailed structure lo€hwwill be discussed later. A Mach stem forms
when the angle of incidence between the incidedtrafiected shock waves is too shallow to reflect
off the boundary layer in a regular reflection agafation. Figure 6.42 shows iso-surfaces simitar t
that of Figure 6.41 for the ogival and conical SWBLofiles. For the ogival case (Figure 6.42a)) the
incident shock wave has relatively little effect e surface flow of the cylinder and the lee-side
boundary layer remains largely unchanged. No Maemm surface is evident due to the weakness of
the incident and reflected shock waves. The corpeafile (Figure 6.42b)) results in a flow field
similar, although less pronounced, to that showRigure 6.41. The boundary layer on the leeward
side of the cylinder is visibly thicker than thdttbe windward side and a small Mach stem surface i
also visible. The thickening of the lee-side bougdayer for the cone and hemisphere cases is also
evident in the flooded contour plots of Figure &l Figure 6.11 respectively. Pronounced leeward
boundary layer thickening has been noted in sewatar studies involving cylindrical geometries
(Brosh et al. 1985, Morkovin et al., 1952)

On the windward side of the cylinder the incidenbck wave induces velocities that are directed
toward the surface of the cylinder, and it can lbesaered that required cancellation of these
velocities (since the body is not acceleratinggsathe form of the reflected shock wave. As thekho
wave passes the 90° meridians the induced velscit@m the incident shock wave now have a
component away from the cylinder. The resultanifield is a lot less physically clear than that of
the windward side of the body with the necessity $o-called ‘velocity cancellation’ not certain
(Morkovin, et al. 1952). Should the outward companef the shock induced velocity need to be
cancelled (either fully or partially) then the maaism by which such a cancellation would occur
would be that of an expansion fan forming alonglthe of intersection between the shock wave and
the cylinder. The expansion fan would seek to timen flow through a convex angle which would
subsequently weaken the shock which generatedhd.vileakening of the shock wave would create a
shadow region that was shielded from the oncominugls and cause the shock to break up and re-
generate some distance away from the body ipthel80° plane as noted by Morkovin et al. (1952).
Figure 6.43 illustrates the amalgamation of theckheave away from the lee-side surface as well as
the aforementioned shadow region very clearly bamaeof an iso-surface of the density gradient of

the incident shock wave.
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Figure 6.41 through Figure 6.43 do not show théecetd wave off the windward surface of the
cylinder due to the nature of the parameter selettt@enerate the iso-surface and the positiohef t
surface in the frame. Figure 6.44, showing isoze$ of density gradients as per Figure 6.43, is
presented to show the reflected wave off the sar@ddahe cylinder from three different angles, a) a
plan view of the windward side of the cylinder,ebplan view of the leeward side of the cylinder and
c) a side-on view showing the reflection. Thisstiation is comparable to that of Figure 6.9 alb®it

the hemispherical profile (as opposed to the comiazfile of Figure 6.9). The shock wave reflecting
off the surface of the cylinders in both cases shgaod agreement. For both sets of data the reflect
waves have a horseshoe shape to them and shoefléeted wave comprising of the separation and
re-attachment shock wave of the SWBLI. Due to th@mlex geometry of the reflected wave, a more

thorough analysis is presented further on.

Triple point line

Figure 6.43: Viscous Simulation - Lee-side shockeydensity gradient iso-surface, DG = 15000
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a) Windward view

‘Reflected wavt
. off the surface

b) Side view c) Leeward view

Figure 6.44: Viscous Simulation — Shock wave ré¢itecoff surface of cylinder, Hemisphere

The shadow region shown in Figure 6.43 is causethdyhickening of the boundary layer on the lee-
side of the cylinder (Morkovin et al., 1952). Thecker lee-side boundary layer is a combination of
the original lee-side boundary layer and the loVoesigy air being swept in from the windward side of

the cylinder — the latter can be seen in the stimasnshown in Figure 6.19, Figure 6.22 and Figure
6.27. This extra air is swept around the cylindethe cross-flows that have been established within
the boundary layer itself. The thickening of theibdary layer deflects the flow in a similar manner

to that of a compression ramp causing a seriewipcession waves to form. These compression
waves then coalesce developing into a shock waay &wm the surface of the cylinder in the same
way as in a two-dimensional SWBLI (Morkovin et 8852). The thickening of the lee-side boundary
layer is also evident in the damping of the presspikes for £120° © < 180° in the pressure

distribution curves in section 6.2.4 above.

In an effort to understand further the nature & Hhadow region on the 180° meridian, and to
confirm the mechanism by which the shock wave regsss, the behaviour of the boundary layer in
the vicinity of the shadow was investigated. Thiswachieved by superimposing the blue density
gradient iso-surface (as seen in Figure 6.43) hadjteen Mach number iso-surface (shown in Figure
6.41) together. The resultant composition is shawhigure 6.45. For the sake of clarity a series of
sectioned views are provided. Both of the iso-sig$aare shown in Figure 6.45a), while in Figure
6.45b) the density gradient iso-surface has beéralomg the vertical plane of symmetry of the

cylinder. In Figure 6.45c) both iso-surfaces haeerbcut along the symmetry plane to show their

position relative to the surface of the cylindehawis evident from the images in Figure 6.45 & th
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the deformed boundary layer and the shadow regiaihe shock wave fit together perfectly. It is
therefore reasonable to assume that the thickemeside boundary layer causes the shock wave to re-
form some distance away from the surface of thindgt itself as noted by Morkovin et al. (1952).

- <5 [
a) Both iso-surfaces visible b) Density gradient iso-  ¢) Both iso-surfaces cut away

surface cut away

Figure 6.45: Sectioned iso-surfaces, Hemisphere

To further quantify the behaviour of the SWBLI dmetleeward section of the cylinder, a CFD
simulation was run under inviscid flow conditioris.was decided that the hemispherical SWBLI
generator should be utilised as it provided thetmposnounced SWBLI of all the geometries tested.
All of the mesh and flow conditions were exactlg ttame as for the viscous cases investigated and
described in section 4.2. A series of iso-surfamed contour plots are presented in Figure 6.46
through Figure 6.50 detailing the differences betwihe viscous and inviscid solutions.
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a) Viscous Simulation — Mach b) Inviscid Simulation — Mach
Number Iso-surface, M = 2.4 Number Iso-surface, M = 2.4

¢) Viscous Simulation — Density d) Inviscid Simulation — Density
Gradient Iso-surface, DG = 15000 Gradient Iso-surface, DG = 15000

Figure 6.46: Effects of viscosity on the lee-sidEB.1, Hemisphere
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e) 34mm f) 36mm

Density Gradient Magnitude: 0 100000 200000 300000 400000 500000 600000 700000 800000  S00000

Figure 6.47: Viscous simulation - density gradiemtour lines

1000000

87



Figure 6.48: Viscous Simulation - sectioned dengidient iso-surfaces, DG = 10000
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Density Gradient Magnitude: 0 100000 200000 300000 400000 500000 600000 700000 800000 900000 1000000

Figure 6.49: Inviscid simulation - density gradienhtour lines

89



e) 34mm f) 36mm

Figure 6.50: Inviscid Simulation - sectioned dengitadient iso-surfaces, DG = 10000
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Figure 6.46 shows two sets of identical iso-sugaoae for the viscous case and one for the inisci

case. Figure 6.47 and Figure 6.49 (a front viewhefcylinder with the windward side at the bottom

of the frame) show the development of the incidemd reflected shock waves by means of density
gradient contour plots around the cylinder at dpeeixial positions denoted in the sub-captions.

These contour plots provide a clearer insight theoformation of the shock waves shown in the iso-
surfaces in Figure 6.41, Figure 6.42 and Figureés.6S3ectioned density gradient iso-surfaces are
shown in Figure 6.48 and Figure 6.50 (correspontbrigigure 6.47 and Figure 6.49 respectively) and
provide a three-dimensional perspective of thecstine of the shock waves and are oriented with the
windward side of the cylinder in the top of eacanfie (i.e. are upside down relative to Figure 6.47
and Figure 6.49) thereby displaying the internalicdtire of the shock wave reflections. Selected
frames from the density gradient plots have beésted, enlarged and annotated in Figure 6.51 and

Figure 6.52 for the viscous and inviscid simulasioespectively.

1

Comaty Gragert Mmgrude @ 000 20 X000 K0 N0 OO TG0 OO0 GOOU0 10NN

Figure 6.51: Viscous Simulation - Annotated shaeflection structure, 32mm

1

Conmty Gradert Mmprauce: O 100000 200000 00000 4000 00000 600000 TOOOO  MCOCO0  GO0GD %0000

Figure 6.52: Inviscid Simulation — Annotated shoelection structure, 32mm
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The most obvious difference between the two cas#sei absence of a boundary layer on the cylinder
for the inviscid case. It may seem trivial to asalyhe results of a SWBLI without a boundary layer,
however the inviscid results can clarify which loé tflow features in Figure 6.41 and Figure 6.42 are
caused by the incident shock wave wrapping arobeaylinder and which are a result of the SWBLI
itself. The absence of the boundary layer on thiedsgr results in an inability for the pressure ineh

the shock wave to feed upstream, a mechanism t@@ir® due to the subsonic portion of the
boundary layer. It is for this reason that the decit shock wave affects the flow field around the
cylinder further downstream in Figure 6.46b) conepiio Figure 6.46a). The nature of the flow along
the 180° meridian is also affected by the viscosiythe air. For the viscous case a seam of low
energy air runs along the 180° meridian of thentidr made up of the lee-side boundary layer as well
as the air swept in from the windward side of tlyeinder as described earlier on. This air is
responsible for the ridge that runs along the tothe cylinder in Figure 6.46a), and for the shadow
region in the shock wave in Figure 6.46c). Foritivescid case there is no boundary layer and hence
the flow along the 180° is simply the result of Hmalgamation of the original incident shock wave
(Figure 6.46d)).

The shock wave reflection off the cylinder is addtected by the presence of the boundary layer.
Regular and Mach reflection is observed for thescid simulation as seen in Figure 6.49 and Figure
6.50. Initially the reflection pattern that exigtss a simple incident-reflected arrangement (Figure
6.49b)) but as the incident shock wave moves ardbadcylinder the angle between the incident
shock wave and the surface is such that Mach tifteoccurs (Figure 6.49c) — f)). All of the salien
features of a Mach reflection are evident, nametyinhcident (1) and reflected (R) shock waves, Mach
stem surface (M) and the triple point (T) as hightled in Figure 6.52. The triple point trajectosy i
visible as a crease in the iso-surfaces in Figué& &nd Figure 6.43 and is initially tangentiakiie
surface of the cylinder. The Mach stem surfaceis@l to curve with increasing axial position (i.e.
moving further downstream) so as to meet the sarédt¢he cylinder at a right angle and is visibde a
the bulge in the shock wave front in Figure 6.4é8b)l Figure 6.46d). All of these phenomena were
noted by Timofeev et al (1997) in a study into ithteraction of a moving shock wave with an oblique
cylinder as illustrated in Figure 3.10. It is imfaowt to note at this stage that the numerical work
carried out in said study was performed usingiraniscid Eulerian gas model due to the high
Reynolds numbers of the flow. Timofeev et al (1981)nd the shocked flow around the cylinder was
highly three-dimensional with Mach and regular eefions taking place simultaneously due to the
complex geometries involved. The regular reflecin@s found to occur during the early stages of the
interaction when the incident shock wave madeahd@ontact with the cylinder (on the windward side
of the cylinder). Mach reflection was found to tgiace as the interaction moved around the cylinder
towards the leeward side. These results, as meatipreviously, are very similar to those shown in

Figure 6.49 albeit at a specific instant in timemunsteady flow.
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For the viscous case the shock wave configuratdrstantially differs from the inviscid simulation.
The nature of the work of Timofeev et al was suwht teven if viscosity had been included in the
simulations, very little (if any) change would hawveen noted since the boundary layer only appears
behind the shock wave. The net result is a sim@elvreflection forming, similar to that on a wedge.
In the current SWBLI study all of the elements ilwedl are steady by nature allowing the boundary
layer to fully develop over the course of a windrtal test. Figure 6.47 shows that the typical Mach
reflection configuration found in the inviscid sifation (shown in Figure 6.49) does not occur when
the viscous effects are accounted for. Instead thirge shock structure forming as for the inviscid
case, a fourth shock wave is now present. The yegsadient iso-surfaces of Figure 6.48 provide a
useful insight into the nature of this fourth shoskve. Figure 6.48a) shows the incident wave
impinging on the windward surface of the cylindéigure 6.48b) and Figure 6.48c) show the regular
reflection of the incident wave off the surfacetio® boundary layer while in Figure 6.48d) a Mach
stem is beginning to form. The Mach stem then atex with the SWBLI as shown in Figure 6.47d) —
f). This interaction creates the reflected wavetioéf surface of the separated region and is péatlgu
evident as the small shock waves at the bottorhe@Mach stem in Figure 6.48e) and Figure 6.48f).
This configuration closely resembles the gas dynastiucture of that noted by Panov (1968), as

compared in Figure 6.53 below:

e
a) Panov (1968) b) Current study

Figure 6.53: Comparison of SWBLI shock structure

Figure 6.53 shows the shock wave structure reguftiom a SWBLI consisting of an incident (1),

reflected (R), separation (S), separation bubbi8)(@nd re-attachment (R-A) shock wave. Panov
noted that in certain instances a central (C) shske would develop, akin to the Mach stem (M) in
Figure 6.53b). This central shock wave was foundoton when i) the spacing between the shock
wave and the boundary layer generators was lesssthrae definite value, or ii) when the intensity of

the incident shock wave was suitably high. Givea strength and intensity of the bow shock that
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forms off the hemispherical profile it is likelyahthe latter holds true for the current study. The
central shock wave in Figure 6.53a) has a curvetii@rwhereas the comparable feature, labelled as
the Mach stem surface, noted in the current stagyanar in form as can be seen in Figure 6.47 and
Figure 6.48. The position of both shock waves (@ lélnin Figure 6.53a) and b) respectively) as well
as the conditions behind their formation suggdsas they are ultimately the same flow feature just

labelled differently.

One important aspect of Figure 6.47 and Figure &4®e trajectory of the two separation shock
waves. These shock waves propagate down and arbendylinder in a similar manner to the
separation lines noted in the oil-flow surface @ais for the hemisphere. They also fit the isoasef

in Figure 6.41 indicating that while the surfacewfl contour plots generated by the initial CFD

simulation did not show the two separation shockesathey are present in the flowfield nonetheless.

A combination of Mach number (yellow) and densitadjent (green) iso-surfaces are presented in
Figure 6.54 and Figure 6.55 which provide an insigho the structure and development of the
aforementioned induced shock wave respectively. vigw@ing plane of Figure 6.54 and Figure 6.55
is taken normal to the cross-section through theelstwaves in Figure 6.48 and Figure 6.50. The
density gradient iso-surface in Figure 6.54 has lseetioned along the vertical plane of symmetry of
the flowfield (as shown in Figure 4.16) for the sai clarity. The mosaic of images in Figure 6.55
show the density gradient iso-surface sectione@dabus axial positions, the exact locations ofakhi
(measured relative to the leading edge) are gimgha sub captions. The Mach number iso-surface

represents the separated flow on the surface ayiireder caused by the SWBLI.

The density gradient and Mach number iso-surfatésgure 6.54 are merely a more complex, three-
dimensional version of the basic anatomy of the $Wdhown schematically in Figure 3.11, similar
to that of Figure 6.53. The incident shock waveiimgps on the boundary layer, separates the flow
causing an induced separation and a re-attachrhenk svave to form. The separation shock wave
intersects the shock wave reflecting off the uppeundary of the separation bubble. The high
pressure behind the separation bubble shock wapagates through the boundary layer and causes
the flow to separate upstream of the shock impiregerpoint creating the induced separation shock
labelled as the such in Figure 6.54.
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Figure 6.54: Viscous Simulation — annotated Maaminer and density gradient iso-surfaces,
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a) 25mm b) 28mm

c) 30mm d) 32mm

e) 34mm f) 36mm

Figure 6.55: Viscous simulation - Mach number (M.8) and sectioned density gradient (DG =
10000) iso-surfaces, Hemisphere
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Figure 6.56 shows the surface pressure distribiiong the 180° meridian of the cylindrical section
of the hemispherical SWBLI (as per Figure 6.36)dariscous and an inviscid case. The most notable
difference between the two curves is the axial tmosiof the main pressure rise. For the inviscid
simulation the pressure rise occurs approximat2iyprd downstream from the hemisphere-cylinder
intersection. When viscosity is accounted for fisssure rise is found to occur approximately 42mm
downstream from the hemisphere-cylinder intersactichis 10mm shift in pressure rise is a direct
result of the upstream influence that is commorglacSWBLI (Anderson, 2007). Another difference
between the two curves is the maximum pressure vatue that is reached. For the inviscid case the
maximum value is approximately 1.17, while for thiscous solution the maximum pressure ratio
lowers to 1.13. The shearing of the layers withia fiuid for the viscous case will provide resistan

to the effects of the pressure rise, hence redutiagnagnitude of the pressure ratio compareddo th
inviscid case. The axial distance over which thespure rise takes place is also larger for theusc
solution. This reduced pressure gradient represerdampening of the interaction for the viscous
case. The most likely cause of this dampeningesstiock wave reforming away from the surface of
the cylinder on the lee-side due to the compresaiaves forming off the thickened boundary layer.
In the inviscid simulation the boundary layer isatt and the shock wave simply reforms on the lee-

side surface of the cylinder.
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Figure 6.56: Lee-side (180° meridian) pressureidigion, Hemisphere
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Returning to the un-finished analysis of the presdlistribution curves in section 6.2.4, it is now
possible to explain both the double bump notedgtbe 60° meridian (refer back to Figure 6.39) as
well as the separation and re-attachment curvdsigafre 6.35 and Figure 6.37. Starting with the
double bump; the 60° meridian coincides with thmatmn of the first clearly formed Mach stem (see
Figure 6.47c)). The Mach stem, being a shock weaases a rapid rise in surface pressure which is
evident in the pressure distribution curves asdbeble bump. This result also holds true for the
conical SWBLI generator as a Mach stem is eviderfEigure 6.42b) meaning a Mach stem must
exist. The double bump is not as evident as thadmer angle increases (90°, 120°...) due to the
Mach stem not impinging as prevalently on the sa@faf the cylinder as for the 60° case. The most
likely cause of this is insufficient mesh resoluatias the maximum refinement level had already been

reached in the region in question.

The separation and re-attachment curves are afeoted by the differing types of shock wave
reflection. Both of the re-attachment curves inuFgg6.35 and Figure 6.37 have a more pronounced
curvature past the 60° meridian compared to theslaf the separation points. The flattening out of
the separation curve can be accounted for wherfotlreshock structure shown in Figure 6.54 is
considered. The upstream leg of the lambda shapexk structure (labelled as the secondary induced
separated shock wave in Figure 6.54) causes thedboy layer to separate upstream of the incident
shock wave impingement point. As the interactionvesoaround the circumference of the cylinder
this affect becomes more pronounced (as showngiar€i6.55) and hence the separated region grows

in size as per Figure 6.35 and Figure 6.37.

The effects of the lee-side behaviour is plainde, she SWBLI has fundamentally altered the entire
boundary layer and hence the aerodynamic profila eylinder from an axisymmetric profile to a
profile with only a single plane of symmetry. Theagtical consequences of this alteration could
include a change (increase) in the drag co-effiadéthe body as well as a change in the aerodymami
loading on the body itself — both of which are kmowonsequences of a SWBLI (Delery, 2001). The
changes in the aerodynamic profile of the body heay to reduced or impaired performance of the
body when compared to the exact same configuratioan inviscid case. Consider the case of a
supersonic missile which fairly well approximatesydinder with a conical or spherical nose. During
carriage onboard an aircraft travelling at supdcsaelocities, shock waves emanating from the
aircraft itself may well intersect with the missikself setting up a situation very similar to that
presented in this study. The non-axisymmetric prasf the missile resulting from the SWBLI could
potentially lead to loading or buffeting issuestba storage pylon which may ultimately damage the
aircraft or missile itself. The behaviour of thessiie must also be considered upon release from the
aircraft. In the situation presented in Figure 6 Would be expected that a pitching moment would

be induced on the body as a result of the incretiseliness of the boundary layer on the leeside.
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Should the pitching moment be strong enough, tresitai could potentially collide with the aircraft
from which it has just been released. It may bethwanile to note at this stage that all of the work
undertaken in this study is done at a zero degneggeaof attack to the oncoming free stream. The
distortion in the drag profile of the body may wellange as the profile increase its inclinatioth®

free stream flow.

Another application that is relevant to the currentdy is that of the engine intakes of supersonic
aircraft. While flying at supersonic speeds, a SW8Bimilar to the case presented here may develop
in the engine intake. Such an occurrence wouldtffee operating efficiency of the engine by means
of altering the temperatures and pressures ofitheithin the intake itself (Anderson, 2007).

6.2.6 High Resolution CFD — Hemisphere

The pair of separation lines generated by the h@rerscal SWBLI generator are clearly visible in the
wind tunnel data, yet were not evident in the &ilCFD simulations undertaken. Therefore it was
decided to carry out a high resolution CFD simolaton the hemispherical SWBLI generator, the
details of which were presented in section 4.2.

Figure 6.57 through Figure 6.62 represent a sefipsocessed images from the high resolution CFD
simulations including Mach number contour plotggsuure contour plots and streamlines.

Mach Number: 0 0.2 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

Figure 6.57: High resolution CFD SWBLI overview, rHisphere
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a) 27mm b) 30mm

c) 33mm d) 36mm

Mach Number: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

Figure 6.58: High resolution CFD Mach number contime plots transverse to the axis of the
cylinder, Hemisphere

1Ie=F

a) Windward view b) Side view c) Leeward view

Mach Number: 0 0.01 0.02 0.03 0.04 0.05 0.06 0.07 0.08

Figure 6.59: High resolution CFD surface flow patte Mach number contours, Hemisphere
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Figure 6.60: High resolution CFD annotated surfém& patterns, Mach number contours with
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Figure 6.61: High resolution CFD surface flow patse Pressure (Pa) contours, Hemisphere

The images presented in Figure 6.57 through Figu6& mirror those of the regular CFD simulation
presented previously showing all of the salientuie=ms of a SWBLI generated by the hemispherical
nose profile. The two separation lines are inferogdthe surface Mach number contour plots of
Figure 6.59 and Figure 6.60, as well as the pressontour plot of Figure 6.61. The upstream
influence of the SWBLI is also visible in the aforentioned contour plots.

Having performed the higher resolution simulatiorwas decided to analyse some of the more
interesting features identified for the hemisplra@riSWBLI generator previously. Figure 6.62 in
particular shows the complex nature of the flowhwtthe SWBLI itself by means of streamlines
within the separation bubble. The vertical struettimat is evident in the separation bubble is, as
explained in section 6.2.3, a combination of thdalaxadverse pressure gradient and the
circumferential pressure gradient (cross-flowsgiag out of the SWBLI. What is more apparent in
Figure 6.62 (compared to the lower resolution CkBecof Figure 6.28) is how the flow away from
the surface of the cylinder does not re-circulaithiw the separation bubble itself and insteaddlav
down the windward surface of the cylinder.
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Mach Number: 0 02 04 06 08 1 12 14 16 18 2 22 24 26 28 3 32

Figure 6.62: High resolution CFD streamlines witk@parated region, Hemisphere

With the presence of the two separation lines detiein the modified CFD simulations, attention was
turned to the flow in the core of the boundary faiyethe vicinity of the SWBLI. Line probes were
placed at various heights above the surface otyhieder upstream of the shock wave impingement
point along the windward surface, 45° and 90° nienisl The data collected from the line probes is
presented in Figure 6.63 through Figure 6.66 below.
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Figure 6.63: Axial velocity variation within the bodary layer, 0° meridian, Hemisphere
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Figure 6.64: Axial velocity variation within the bodary layer in the immediate vicinity of the

SWBLI, 0° meridian, Hemisphere
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Figure 6.65: Axial velocity variation within the bodary layer, 45° meridian, Hemisphere
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Figure 6.66: Axial velocity variation within the bodary layer, 90° meridian, Hemisphere
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The axial velocity plots presented above show tharacteristic decrease in velocity through the
boundary layer from the free stream value at thteroedge to zero at the wall. In the vicinity oéth
SWBLI (approximate axial positions of 26mm, 28mnd &2mm for the 0°, 45° and 90° meridians
respectively) a sharp decrease in velocity is entid@ll of the probes located along the wall (Deam
above the surface of the cylinder) show only a micltange in axial velocity. This small velocity
exists because the layer in contact with the wadusd be at zero velocity relative to the wall litse
due to the no-slip condition. Moving away from #h&face to the probe located 0.01lmm above the
wall a larger decrease in velocity is noted. Thasrdase in velocity is magnified as the locatiothef
probes moves further away from the surface unéildbter deck is approached (the 0.5mm and 1mm
probes). The 0.01mm and 0.02mm probes located emithdward surface (Figure 6.63) also show
signs of flow reversal between the 26mm and 27miral g@ositions. Due to the viscous effects that
dominate the inner deck of the boundary layer fltve, rapid decrease in velocity is caused by the
shearing of the layers within the fluid. Returntoghe structure of the flow within the boundaryda
shown in Figure 3.9, the inner deck is definedlesiscous layer in contact with the wall that is
required to decelerate the non-viscous flow toviglecity of the no-slip wall. Further away from the
wall in the middle deck the flow can be considemadscid but rotational when examined over a
streamwise distance of several boundary layer keidline decrease in velocity in this region is more
abrupt due to the inviscid nature of the fluid. Biearing between the layers of the fluid will ¢teea
friction and drag and render the flow less respangy any rapid change in velocity brought about by
a change in pressure gradient. Moving away fronstiréace further still, the outer-most layer of the
boundary layer is reached — the inviscid, irrotediocupper deck. The probes that are 0.5mm and 1mm
above the surface of the cylinder show signs afidpéacated within this layer due to their initiaéé
stream velocities which are approximately equathet of the free stream behind the bow shock

generated by the hemispherical nose profile.

For the probes along the 45° meridian the gradiérnthe change in velocity is smaller than the
gradient of the velocity of the 0° meridian. Foe tB0° meridian this gradient is smaller still. The
reason behind this decrease in intensity is theatexh in the strength of the incident shock wasét a

moves around the circumference of the cylinderetgdained in the previous sections).

On the windward surface of the cylinder the incidgmck wave impingement point is located 26mm
(see Figure 6.60 and Figure 6.64) from the starthef cylindrical section with the separation
occurring 1mm upstream of that (25mm). The upstredimence of the SWBLI is evident in the axial
velocity plots where the decrease in velocity isdemt 2mm upstream of the shock wave
impingement point, along the 0° meridian. Along #%¢ and 90° meridians the upstream influence is

also evident albeit at differing axial positionsedo the geometry of the SWBLI.
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Evidence from the wind tunnel test data (Figurelpshows the oil mixture collecting at a stagnation
point caused by the stagnation of the mixture tegufrom the separation of the boundary layer sThi

is illustrated schematically in Figure 6.67 andurey6.68 and indirectly by the vortex streamlinés o
Figure 6.62.

*.,, Incident shock wave
Direction of flown

Sonic line within the Stagnatior ~ Boundary layer e,
boundary layer point |

A A Vo, 7777
Pressure gradiel Adverse pressur
within boundary layer gradient from SWBLI

Figure 6.67: Stagnation point caused by upstrefioeince

The streamlines in Figure 6.62 show both an upstreaad a downstream flow within the separation
bubble at various points along their trajectorilsis change in direction of the flow must involve a
stagnation point (zero velocity) such as the ommavshin Figure 6.67. The magnitude and direction of
the pressure gradient(s) acting within the boundiaygr will correspond to the velocity of the flow
within the boundary layer. From the literaturestwell known that even though the free stream
velocity may be supersonic, there exists a subs@gon of flow within the boundary layer itself
allowing the higher pressure behind the incidemickhto propagate upstream through the boundary
layer (Anderson, 2007). The upstream propagatian d&rect result of the adverse pressure gradient

shown in Figure 6.67.

Figure 6.68 is a not-to-scale superposition of Feghi62 and Figure 6.67 to highlight the relatiopsh

between the flow within the separated region aadrsition points within the boundary layer. As can
be seen from the streamlines only the flow witthe bbw Mach number region (separated region) re-
circulates, while the flow in the transonic andengpnic region of the boundary layer passes ower th
separation bubble and moves down the length ofctiimder. The change in direction of the

streamlines within the separated region must béitéded by a stagnation point. The change in
direction from positive axial velocity to negatieial velocity can only occur once zero has been

crossed. This result is evident in the axial velogilots of Figure 6.63 and Figure 6.64 where the
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abscissa (corresponding to zero axial velocity)niercepted twice by the Omm through to the
0.05mm probes.
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Figure 6.68: Superposition of the stagnation paants the flow within the separated region

The production of vorticity within the boundary &nyis also responsible for the location of theapir
like flow within the separation bubble. As notedtire triple deck structure of the boundary layer
(Delery and Dussauge, 2009) the middle deck istatiomal layer and therefore able to produce
vorticity, whereas the innermost layer is a viscdosiinated region and the outer most layer is an
irrotational layer. This is another reason for téeirculation in the separation bubble only ocimgr

in the lower Mach number region of the flow.
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7 Conclusions

The interaction between a curved shock wave anddridal boundary layer has been investigated.
The curved nature of the incident shock wave anth@ary layer represents the most general case of
an SWBLI. Three different nose profiles mountedh® leading edge of a cylindrical body were used
to generate the incident shock waves; an ogivalfilprgroviding the weakest SWBLI, a
hemispherical profile providing the strongest SWRIrd a conical profile as an intermediary case.
An experimental and numerical investigation wasiedrout on the three SWBLI generators. All of
the numerical and experimental work was undertalitem free stream Mach number of 3.0 with the

axes of the two SWBLI generators spaced 30mm apart.

For all three of the SWBLI generators the wind tintest data closely matched that of the CFD
simulations, and was also comparable to the daadasle in the literature. All of the fundamental
features of a shock wave/boundary layer interacth@me present and identifiable. A horseshoe
shaped interaction which was at its most intenséherwindward side of the cylinder was observed.
The strength of the interaction was seen to reeiiteincreasing meridian angle. For the conical and
hemispherical cases a separation bubble was olobsenvethe surface of the cylinder which, in
conjunction with the interaction, dissipated withcrieasing radial position before disappearing
entirely at approximately the 135° meridian rayisTitesult has been noted in other works involving
comparable geometries. The hemispherical SWBLI igeoeproduced two separation lines, a result
that was not explicitly evident in the surface floata from the corresponding CFD simulation. The
ogival SWBLI generator created an incident shockevthat lacked the strength to separate the
boundary layer. In the absence of a separationleubhotable region of subsonic flow was observed
on the windward side of the cylinder between theidien angles of 0° and 90°. This subsonic
portion of the flow had the same horseshoe shapleaa®f the separation bubble for the conical and
hemispherical cases. In contrast to the ogival,déeehemispherical SWBLI generator created the
strongest incident shock wave that produced the nhiesnct interaction. Due to the strength of the
incident and reflected shock waves for the cordeal hemispherical cases a Mach stem surface was
observed reflecting off the SWBLI. This Mach stennface was absent for the ogival profile due to

the weak nature of the shock waves generated.

Surface pressure plots were also generated ancegzed to give a more exact location of the
separation and re-attachment of the flow. The bfasim of these traces was found to match similar
curves generated in other studies and furthertrfitesd the development of the SWBLI around the

circumference of the cylinder. A clear sweepindghaf flow from the windward to the leeward side of
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the cylinder was noted for all three profiles tdsby means of surface streamlines from both the oil

surface flow visualisation and the numerical data.

Selected aspects of the SWBLI generated by the dpdrmie profile were focussed on, namely the
reflection off the boundary layer and the flow e teeward side of the cylinder. The reflectionhef
incident shock wave off the surface of the cylindes initially of the regular type, transitioning &
modified Mach reflection type 3mm downstream of ith@dent shock wave impingement point. The
Mach stem created an adverse pressure gradierihgats boundary layer to separate upstream of
the point of contact between the Mach stem andbthendary layer. The separation shock wave in
turn interacted with the Mach reflection, hence description of the reflection as a modified Mach
reflection. The lee-side boundary layer was foumdhicken downstream of the SWBLI due to the
flow within the boundary layer sweeping around tlyénder from the windward side to the leeward
side. This flow is caused by the circumferentiadgsure gradient that develops within the cylindrica
boundary layer. As a result of the boundary lahakening, the incident shock wave (made up of a
series of compression waves caused by the bouttalgey thickening) was observed to re-form some
distance away from the surface of the cylinder. ffiekening of the boundary layer on the lee-side
of the cylinder was less prominent in the coni@decand negligible in the case of the ogival SWBLI

generator.

An inviscid numerical simulation was performed f@wmparative purposes on the hemispherical
SWBLI generator. The shock wave reflection obseriredhe inviscid case was a simple Mach
reflection configuration due to the absence oftibendary layer and its associated flow features (in
SWBLI sense). The deformation of the boundary layet the detached re-formation of the shock on
the lee-side of the cylinder were found not to edouthe absence of viscous forces thus highlightin
the effect the boundary layer has on the overalifikeld. The viscous data also emphasised the
upstream propagation of the adverse pressure gtaaeoss the incident shock wave through the
subsonic portion of the boundary layer. This fleversal results in the effects of the SWBLI being

felt upstream of the point of shock impingementhia classical, inviscid analysis of the problem.

Another numerical simulation was performed (on ttemispherical SWBLI generator) so as to
account for the two separation lines that were eéwatlent in the initial numerical simulations
performed. This new simulation consisted of a fimash immediately upstream of the SWBLI so as
to capture the effects of the boundary layer sejmaraAxial velocity data was collected from variou
heights within the boundary layer and showed a ldestion, and when very close to the surface, a
partial reversal of the flow upstream of the shaelkve impingement point. This reduction in the axial

velocity is an effect of the mechanism that gererdhe upstream influence — the adverse pressure
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gradient within the boundary layer. The two sepanalines were also more prevalent in the higher

resolution simulation.

The deformation of the boundary layer is of suéfiti magnitude that it could potentially affect the
aerodynamic behaviour of the body on which theradion takes place. The thickening of the lee-
side boundary layer would increase the profile dohghe body in question in a non-axisymmetric
manner. This could lead to the creation of a pitghhoment and adversely affect the performance of

the vehicle or body in question.
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8 Recommendations

In the event of any future work on this topic, fiodowing recommendations should be taken into

account:

e Employ more sophisticated flow visualisation tecju@s when collecting data from the
supersonic wind tunnel. A laser vapour sheet teghmi(for example) would be able to
capture the flowfield transverse to the axis of tB&/BLI generators aiding in the
conceptualisation of the entire SWBLI.

e Investigate the effect on the SWBLI by orienting tpenerators at an angle of attack and/or
an angle of yaw to the free stream. It may alse@usseful to investigate what effect varying
the free stream Mach number or distance betweeoylhrglers has on the SWBLI.

e Focus more attention onto the leeward side of yfiader and the interaction that takes place
there.

e Perform a new CFD simulation using the hemispher®&/BLI generator so as to fully

predict the behaviour of the two separation shoales resulting from the interaction.
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Appendix A: Wind Tunnel Overhaul

Previous work carried out by the author using tiy@essonic wind tunnel (SST) at The University of
the Witwatersrand revealed the flow through thé sestion was heavily turbulent, and as a resalt th
images gathered from the wind tunnel were extrerpelyr (see Figure A 1). Therefore it was decided
that an internal inspection and subsequent disigraf the tunnel all the way back to the pilotwal
was required. This was the first time such an esteninspection had been carried out on the wind
tunnel since its installation and commissioninghie early-1960s.

Figure A 1: Sample image of the turbulent flow

Al February 2008

Once the wind tunnel had been dismantled it wasodired that two of the three so-called
turbulence-reducing screens, located immediatelstrapm of the settling chamber, had partially
broken loose of their brackets. The turbulencewcedy screens are necessary to smooth the flow
before it (the flow) enters the contraction of fmst throat. All three of the screens, which arad®
from stainless steel mesh, were then removed frioar brackets and replaced with new mesh,
specified below:

Table A 1: Mesh specifications for turbulence redgcscreens

Materia Mest Aperture Wire Diameter [mrr

Stainless Ste 20 0.82 0.4¢
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While the screens were being replaced, it was dedildat the baffle cone, the inside of the expamsio
cone, the entire settling chamber and the entremige joining the settling chamber and the sidesplat
of the tunnel should be re-painted. The baffle cee&ling chamber and entrance cone were sent for
external sandblasting, while the expansion coneicfwhemained in situ) was cleaned using a
pneumatically driven rotating wire brush. All ofettaforementioned components were then primed
internally and externally using a red oxide coatifi@pe baffle cone and entrance cone were then
painted using a two-part epoxy sealant, as wereirtbieles of the expansion cone and settling
chamber. The latter pair was painter externallyhwiblyvinyl acetate paint. In addition to the
components discussed formerly, the inside of thenraa reservoir was also scraped down and re-

painted where necessary using the same epoxy baaéht.

The gaskets located between the expansion coneattiithg chamber and the settling chamber and

the flange which joins to the remaining downstresattion of the wind tunnel were also replaced.

A.2 May 2008

Upon completion of the re-assembly of the tunried, turbulent flow had reduced significantly and a
marked improvement in the quality and clarity ofe thmages was noted. In spite of these
improvements a decision was made to modify theceetup so as to further improve the quality of
the shadowgraph and schlieren images. The oriigidlsource used was a xenon flash lamp, with an
exposure time of the order of a few microsecontiéss $mall exposure time highlighted the remaining
turbulent flow (as shown in Figure A 2) and thudeision to switch to continuous light source was
made.

-

Figure A 2: Sample image (shadowgraph) from xemashflamp
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The continuous light source comprises of a GenEtattric 650W Halogen projector bulb that
iluminates the test section for the duration af test. The camera is then set to as short an esgos
time as possible and triggered during the tunmel’s The shortest exposure time of the camera is of
the order of milliseconds effectively superimposif@0 of the xenon flash lamp’s images on top of
each other which in turn averaged out the turbuflent in the background of the images without

compromising on the accuracy of the important ffeatures present.

Figure A 3: Sample image from continuous projetdanp

A.3 July 2008

With the quality of the flow in the images deemedbe satisfactory, calibration of the wind tunnel
was undertaken. By ‘tripping up’ the flow (simplilising a piece of cello tape located on the flobr
the test section, perpendicular to the axis of88d@) and creating a Mach line, the Mach number can
be calculated by means of the Mach angle equafioa.Mach number of the flow in the test section
is varied by changing the size of the first thraatthe sliding floor of the tunnel (see sectioh.4 .for

full details). The throat was opened and closedabgredetermined value for each test and the
resultant Mach number was plotted a function of theoat veeder counter value, generating a

calibration curve.

During the calibration process the wind tunnel Imeggachoke with an empty test section at a Mach

number of around 2.18. This is considerably highan the certified minimum operational value of
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the wind tunnel (Mach 1.5). Owing to time consttaito have the wind tunnel operational for other

work, a temporary operational range of Mach 2.54w&s imposed upon the wind tunnel.

A4 October 2008

Based on the erratic and unsatisfactory behaviéuhe wind tunnel, it was decided that another
internal inspection should be carried out. A faglsket seal between the settling chamber flande an
the side walls of the tunnel was suspected asaheecof the premature choking of the test section.
The gasket seal was removed and replaced. Thedfdbe wind tunnel had become quite pitted over
the years due to various models separating froim r@untings during tests. As a result of thess, pit
any images taken during a test would be litteredlllagh lines and transverse waves. These pits were
cleaned and sanded out, and then filled with aluminfiller and finally sanded down ensuring a

smooth surface on the floor of the test section.

Upon re-assembly of the wind tunnel another Maamber — veeder counter calibration was carried
out. As with the previous calibration, the wind mehchoked prematurely, this time at a Mach number
of 2.12 (compared with 2.18 for the calibrationreat out in July 2008). Overall the calibration

curves (see Figure A 4) from July and October 2088 a striking resemblance suggesting that the

problem was not rectified with the installationtbé new gasket.

3.4

T T T

—o—July Calibration
—e—Qctober Calibration

3.2¢

2.6

2.4+

Mach Number

2.2

2 \ 1 . I L I L 1 1 1 \ I L
200 300 400 500 600 700 800 900

Veeder Counter

Figure A 4: Mach number — throat veeder countebiation curves
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An interesting point to note at this stage is tféér the re-assembly test runs were conductedtingh
twin cone apparatus in situ, in addition to thebration runs. Several anomalies were noted during
these runs, the most significant of which beingghenounced vibration of the tunnel during a test.
Furthermore, certain tests when the main air regewas full (1.5 MPa), at a Mach number of 3.2
the tunnel would operate normally and the flow tigio the test section would be supersonic. With the
exact same geometry and the exact same Mach nwsahdrowever with the main air reservoir only
at 1.2 MPa the tunnel would choke and test seationld only be subsonic. For this reason it was

suspected that the pressure control system way.faul

Figure A 5: Pressure trace from an unsuccessful tes

Figure A 5 shows an unprocessed, unfiltered pressace from an unsuccessful test conducted after
the re-assembly. As can be seen, the lower cuepegsenting the static pressure measured in the tes
section) fluctuates wildly instead of remaining stamt over the duration of the test. This fluctomti
(the cause of the tunnel vibration) supports tle@t that the pressure control system is not ojpgyat
correctly.

A.5 December 2008 — January 2009

Based on the inconsistency of the wind tunnel’'srafien it was decided that both the main valve
(which sits immediately downstream of the main esservoir) and the pilot valve (located
immediately upstream of the expansion cone) shbaléxamined. The function of the pilot valve is
to maintain a constant pressure in the test setiyogoverning the extent to which the main valve
opens during a test (as explained in Section 4.A Epare pilot valve, which was replaced in August

1992, was sent away for inspection and, if requisgtvicing, while the main valve was opened up
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and examined internally. The integrity and operatid the main valve was found to be satisfactory
with no visible signs of breakage of any of the meomponents. The pilot valve was returned by

specialist without servicing and was reported askimg normally.

A.6 March 2009

The pilot valve that was hitherto attached to thedatunnel was replaced with the valve that had
returned from the specialist. The resultant tess misplayed no significant changes from the previo
runs conducted. It was therefore decided that reitine pilot valve or the solenoids controlling the
pilot valve should be replaced. According to oradidocumentation, the 3-way safety solenoid valve
(located at the main control valve) and the sagstytich in situ were last replaced in early 1983,
whereas the pilot valve was replaced in August 1®82ording to information from the wind tunnel’s
logbook) because of a constant pressure oversimolobscillation during tests. Based on the relative
ages of the components (the pilot valve and sotls)ai was decided that the solenoid valves should
be replaced before the pilot valve. The specifisatiof the solenoid valves were noted from theta da

plates (see Table A 2 and Table A 3) and new vaveght.

Table A 2: Safety Solenoid Specifications (Circ829

Manufacture Serial Numbe Catalogue Numb:

ASCC 4275S/ 8321A42/

Supply Voltage [V / Hz Power [W Differential Pressure [kP
220 / 5( 6 70-140(

Pipe Diameter [ir Orifice Size [mm

0.37¢ 7

Table A 3: Pilot Valve Solenoid Specifications

Manufacture Serial Numbe Catalogue Numb
ASCC 80823¢ 8320A10:

Supply Voltage [\/ Hz] Power [W Differential Pressure [ps
220 / 5( 15.¢ 0-25C

Pipe Diameter [ir Orifice Size [mm

0.25( 1.€

Based on the age of the solenoids (manufactur&882) some of the specifications have changed on
the replacement parts. These changes are minomastly confined to part/catalogue numbers and

unit consistency (imperial to metric)
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Table A 4: Solenoid Specifications (Circa 2009)

Manufacture Serial Numbe Catalogue Numb:

ASCC 98527S/ SC B321A00:
SupplyVoltage [V / HZ Power [W Differential Pressure [kP
230/ 5( 6 70-140(

Pipe Diameter [NP~ Orifice Size [mm

3/8 7.1

Table A 5: Pilot Valve Solenoid Specifications (ir2009)

Manufacture Serial Numbe Catalogue Numb

ASCC 98515S/ SC B320A18.

Supply Voltage [V / Hz Power [W Differential Pressure [kP
230/ 5( 11.2 0-170C

Pipe Diameter [NP~ Orifice Size [mm

Y. 1.€

In addition to fitting the new solenoid valves gt valve was switched back to the newer unitsin
the older valve provided no tangible differencethie operation of the tunnel. The resulting tests
showed no change in the pressure fluctuation, aedptonounced vibration of the wind tunnel
persisted. Although no details (frequency, magmtetic.) were given on the exact nature of the
pressure oscillations that led to the replacemgttieopilot valve in August 1992, it was thoughto®

a similar problem described above and hence thsideavas made to replace the pilot valve.

A.7 August 2009

The replacement of the pilot valve returned to $&{consistent) supersonic operations, however the
excessive vibration noted at the start of eachpessisted. Figure A 6 is a processed portion of a
pressure trace showing the oscillation of the press the settling chamber during the initial &®g

of the test. The portion in question is taken fribie maximum value on the stagnation pressure rise.

120



1 000 T T T T T T T T T T T T T T T T T T T T T T T T

960!

840!

1 n L n 1

1 n L 1 n L n 1

2.6 2.8 3.0 3.2 3.4 3.6 3.8 4.0
Time [s]

Figure A 6: Pressure trace showing vibration (Au@@99)

The oscillation of the pressure in the settlingmbar was thought to be caused by the main control
valve attached to the pressure reservoir. ThelaBoils indicate that the valve may be ‘sticking’
when opening thus not providing a constant supphiroto the settling chamber and thus causing the
SST to vibrate. An overhaul of the main valve wagried out by replacing several internal
components within the valve itself. The detailsloé parts replaced in the overhaul are included in
Table A 6.

Table A 6: Repair Kit Contents for Main Control Vel

Part Nam Materia
Gaske Nonr-Asbesto
Stem Nu Stee

Disc Stainless Ste
Seat Rin Stainless Ste
Sten Stainless Ste
HP Spring Stee

Dowel Pir Stee
Pressure Pla Cast Iror
Diaphragn Stainless Ste
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A.8 December 2009

The installation of the repair kit rectified thecowtion detected in the settling chamber — a ltesu
verified by comparing the pressure traces pre-ped-repair kit installation (Figure A 6 and Figure

A 7 respectively).

00—
1000}
950

900+

Pstag [kPa]

850

1 L L 1 L 1 L 1

750 [ " . . I PR R L . 1 . L " " . .
2.6 2.8 3.0 3.2 3.4 3.6 3.8 4.0
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Figure A 7: Pressure trace showing vibration (Ddoem2009)

By processing the data from the wind tunnel's presdransducers, conditions inside the settling
chamber and the test section can be observed.eFR@ shows the pressure variation throughout a
successful test. The pressure in the settling ckan® seen to rise and fall smoothly, while the
pressure in the test section remains almost pérfeonstant over the duration of the entire blow-
down, unlike the test run shown in Figure A 5. Udsihe pressure data the Mach and Reynolds
numbers can be calculated (for the duration ofs) tend are plotted in Figure A 9. The most
noticeable features on this curve are the miniraalation of Mach number over time and the steady
decrease in Reynolds number with time. Focussintherlatter, the shape of the Reynolds number
curve in Figure A 9 compares favourably with thbthe settling chamber pressure in Figure A 8 — an
expected result given the dependence of the Reymoichber on the settling chamber pressure shown

in equation [6.2].
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Figure A 8: Processed pressure trace from sucdessfd tunnel test, Mach 3.0
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Figure A 9: Mach and Reynolds number variationmy@ wind tunnel test, Mach 3.0
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A full veeder counter — Mach number calibration was$ performed for the following reasons:

i. Selected veeder counter values were spot tested) ube cello tape method explained
previously. The results from these tests were fawtdo vary significantly from the previous
calibration data (shown in Figure A 4).

ii.  The processed pressure trace data showed stroagnagmt with the incumbent calibration

data.
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Appendix B: Derivations

All of the various symbols used for the variousgmaeters in the following work are defined in the

list of symbols at the beginning of this report.

B.1 Derivation of Wind Tunnel Mach Number

The following derivation will seek to relate thestesection Mach number of the wind tunnel to the
pressure values measured during a test (NACA ,1958dtt, 1994).

There exist two formulae for the definition of thiagnation enthalpy of a fluid:

h-=h L Ly [B.1]
2

h =h+C, (T, -T) [B.2]

Combining these two equations:

1,2

EV = CP(TT _T)

VZ

ST =T+

P

But, for a perfect gas:

Ry
C.=—~
P y—1
2
I !

The equation for Mach number is:

o | <

Wherea =//RT
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Substituting this last expression back into theag¢iga forT; :
-1
T, =T +—(y2 Jmer

:T[1+u M Zj

2

[B.3]

Now, for an isentropic process:

;/ —
LS (7 RN s
P Yol Yol P
Combining this result with the equation of state:

1
& Ry _BR T
P P T,
1-

Substituting this result into [B.3]:

v

E{H@MZ}“ [B.4]
P 2

Finally, by manipulating and re-arranging equafiBr] the relationship between pressures and Mach

number is given:
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Equation [B.5] can now be used to convert the stgn pressure in the settling chambét Y and

the static pressure in the test sectiéh)(recorded during a test, into Mach number offtbe in the

test section.

B.2 Derivation of Wind Tunnel Reynolds Number

The following derivation will seek to relate thestsection Reynolds number of the wind tunnel & th
pressure and temperature values measured duras @&NIACA ,1953), (Scott, 1994).

The well known formula defining the Reynolds numbea flow is:

Re=2Vd
7,

[B.6]

Each of the terms of this equation must now be edpd to give an expression in terms of the

pressures measured during a test. Starting witbehsity termp , and using the perfect gas law:

p= [B.7]

P
RT

The temperature term above can now also be expamled the equations from the Mach number

derivation above as follows:
1y

T_(R)
T, P

Ly

o T :T{%j ’

It is worthwhile noting at this stage that the si@ipn temperature of the wind tunnkl, can be

approximated to be the ambient temperature intirage vessel of the wind tunngl,, giving:
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R
T-T, (Fj B.8)

B P
P= iy
P
RT,|
{5
p
—>p= o [B.9]
RT, R
1 71
P7 P V4
—>p=—"
RT,
For velocityV , the Mach number relationship can be used to give:
V=M{IRT
Substituting the results of equations [B.5] and]Binto the above equation:
1 1
b P 2 b 72
2 y
V=|—|2L| -1{| x x| T, ——
22 ()
[B.10]

1
-1 1y |2

|BERR) [F)

The value ford in the equation for Reynolds number is a constauith(respect to pressure and

temperature) and therefore all that remains isr¢keionship for the viscosity of the fluid«). The

function that relates the viscosity and temperatorrair is given by the following equation:

128



Where the value fop in air atT, =0°C = 273K is u, =1.714.10° kgm's". Substituting the

above equation into [B.8] for temperature:

3

Ly

P17
T
()

Tl
[B.11]

)
3 3
P 4y _=
= 1T (—gj T, ¢

At this stage all of the parameters for Reynoldsiiner are now in terms of pressures and constants,
therefore equations [B.9], [B.10] and [B.11] may substituted into equation [B.6]. Combining and

then reducing the resultant formula then gives:

ﬂ M § 7-1 2
PY P % (T4 P\,
Re= T 5d1 M A N | s [B.12]
5 R(» -1) P
HoT A

Equation [B.12] can now be used to calculate the Btream Reynolds number of the flow in the test

section of the wind tunnel during a blow down, l®cording only the stagnation pressure in the

settling chamber I ) and the static pressure in the test sectier). (The other required parameters
are the reference lengthd( and the ambient temperaturé,() - both of which remain constant

throughout the duration of a test. All the othentg are constant and are given.
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Appendix C: Test Model Manufacturing Drawings
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Figure C 1: Manufacturing drawings for the ogivaV/BLI generator
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Figure C 2: Manufacturing drawings for the coni8&VBLI generator
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Figure C 3: Manufacturing drawings for the hemispia SWBLI generator
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